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THE  MISSION  OF  AGARD 

The  mission  of  AGARD  is  to  bring  together  the  leading  personalities  of  the  NATO  nations  in  the  fields  of 
science  and  technology  relating  to  aerospace  for  the  following  purposes: 

—  Recommending  effective  ways  for  the  member  nations  to  use  their  research  and  development  capabilities 
for  the  common  benefit  of  the  NATO  community; 

—  Providing  scientific  and  technical  advice  and  assistance  to  the  North  Atlantic  Military  Committee  in  the 
field  of  aerospace  research  and  development; 

—  Continuously  stimulating  advances  in  the  aerospace  sciences  relevant  to  strengthening  the  common  defence 
posture; 

—  Improving  the  co-operation  among  member  nations  in  aerospace  research  and  development; 

—  Exchanging  of  scientific  and  technical  information; 

—  Providing  assistance  to  member  nations  for  the  purpose  of  increasing  their  scientific  and  technical  potential; 

—  Rendering  scientific  and  technical  assistance,  as  requested,  to  other  NATO  bodies  and  to  member  nations 
in  connection  with  research  and  development  problems  in  the  aerospace  field. 

The  highest  authority  within  AGARD  is  the  National  Delegates  Board  consisting  of  officially  appointed  senior 
representatives  from  each  Member  Nation.  The  mission  of  AGARD  is  carried  out  through  the  Panels  which  are 
composed  of  experts  appointed  by  the  National  Delegates,  the  Consultant  and  Exchange  Program  and  the  Aerospace 
Applications  Studies  Program.  The  results  of  AGARD  work  are  reported  to  the  Member  Nations  and  the  NATO 
Authorities  through  the  AGARD  series  of  publications  of  which  this  is  one. 

Participation  in  AGARD  activities  is  by  invitation  only  and  is  normally  limited  to  citizens  of  the  NATO  nations. 


The  materia!  in  this  publication  has  been  reproduced 
directly  from  copy  supplied  by  AGARD  or  the  author. 
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REVIEW  OF  THE  CONCLUSIONS  OF  THE  AGARD  AD  HOC  COMMITTEE 


ON  ENGINE  AIRPLANE  INTERFERENCE  AND  WALL  CORRECTIONS  IN  TRANSONIC  WIND  TUNNEL  TESTS 

Antonio  Ferri^ 
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Recent  developments  of  high  performance  airplanes  have  generated  requirements  for  the  prediction  of 
the  aerodynamic  performance  of  airplane  designs  with  high  accuracy,  certainly  better  than  that  which  is 
presently  possible  with  available  experimental  techniques.  As  a  result,  a  critical  review  of  present 
methods  for  prediction  of  performances  from  model  and  component  experimental  data  is  taking  place.  In 
many  NATO  nations  the  development  of  better  experimental  techniques  is  in  progress;  such  activities  are 
carried  on  at  a  national  level.  Special  attention  is  given  to  the  transonic  range  at  low  lift  or  high 
L/D  where  small  difference  in  flow  produces  large  differences  in  performance.  For  this  reason,  the  Direc¬ 
tor  of  the  AGARD,  supported  by  the  National  Delegates,  has  initiated  an  Ad  Hoc  Committee  activity  for  the 
purpose  of  generating  a  direct  exchange  of.  information  and  technical  opinions, and  of  stimulating  joint  pro¬ 
grams  in  this  field.  The  topics  considered 'by  the  Ad  Hoc  Committee  are  related  to  two  specific  problems  in 
transonic  tests:  (1)  correct  representation  in  wind  tunnel  tests  of  the  interaction  between  engine  flow 
and  airplane  characteristics;  (2)  wall  interference  at  high  lift. 

The  Committee  consisted  of  specialists  from  different  nations  nominated  by  the  National  Delegates. 

The  Ad  Hoc  Committee  has  performed  this  task  and  has  prepared  a  set  of  recommendations  included  in  this 
report  that  now  should  be  followed  up  by  existing  permanent  committees.  The  purpose  of  my  presentation  is 
to  review  briefly  some  of  the  recommendations  related  to  engine  interference  and  outline  areas  where 
additional  activities  are  required.  The  operation  of  the  Committee  has  been  organized  as  follows: 

The  Committee  prepared  a  questionnaire  which  was  sent  to  selected  organizations  interested  in  this 
problem  in  each  country.  The  objective  of  the  questionnaire  was  to  obtain  consistent  and  comparable  sets 
of  information  on  the  approaches  used  to  simulate  engine  interference  and  to  evaluate  the  effects  of  in¬ 
complete  simulation  of  wind  tunnel  tests  and  on  the  type  of  corrections  used  for  evaluating  wall  inter¬ 
ference,  especially  at  high  lift.  In  addition,  justification  was  requested  on  the  lack  of  correction 
when  corrections  were  not  performed,  and  on  the  wind  tunnel  turbulence  and  its  effect  on  the  results. 

The  results  of  the  different  contributions  were  summarized  by  members  of  the  Committee  and  presented 
in  an  organized  form  to  a  meeting  of  Specialists,  Such  summaries  have  been  published  by  the  AGARD  and 
are  available.  At  this  meeting,  only  one  representative  of  each  organization  that  replied  to  the  ques¬ 
tionnaire  was  invited;  no  observers  were  present.  The  main  part  of  the  meeting  was  devote^  to  the  dis¬ 
cussion  and  preparation  of  the  recommendations .All  of  the  activities  were  initiated  and  concluded  during 
the  period  of  one  year. 

The  Propulsion  and  Energetic  Panel  plans  to  continue  such  type  of  activities  in  the  field  or  engine  air¬ 
plane  interference  with  the  help  of  the  Fluid  Dynamics  Panel,  and  has  asked  me  to  outline  a  possible  follow¬ 
up  program.  My  plan  is  to  continue  activities  in  the  field  of  engine  airplane  integration  problems  outlined 
by  the  Ad  Hoc  Committee  and  to  propose  a  meeting  for  next  year,  organized  along  the  same  line  of  operation. 

I  will  discuss  some  of  the  topics  now,  where  in  my  opinion  a  joint  effort  could  be  justified  in  order  to 
obtain  your  suggestions  and  comments  before  fixing  the  program. 

The  problems  to  be  investigated  can  be  divided  into  two  separate  groups:  ^  . 

1)  Prediction  of  flight  characteristics  of  the  inlet  and  nozzle  design  from  an  engine 
performance  point  of  view, 

2)  Determination  of  the  interaction  between  the  engine  power  plants  and  the  airplane 
and  efforts  of  such  interaction  on  airplane  performances . 

An  optimization  of  installation  needs  a  good  compromise  between  the  two  requirements.  The  most  important 
topics  related  to  the  first  group  discussed  by  the  panel  are  inlet  characteristics,  nozzle  characteristics 
and  definition  of  engine  thrust  for  a  given  nozzle  design. 

Usually  in  the  design  and  investigation  of  inlet  performances,  only  the  front  part  of  the  airplane  is 
considered  to  be  important  and  approximately  represented  in  the  tests.  Usually  the  inlet  in  the  inlet 
tests  does  not  feed  an  engine;  therefore,  the  exhaust  areas  of  the  duct  is  much  larger  than  the  exhaust 
area  of  the  actual  engine,  and  thus  the  rear  part  of  the  model  is  quite  different  from  the  actual  air¬ 
plane  design.  Figure  1  is  a  typical  model  used  for  these  kind  of  tests.  In  some  cases,  the  characteris¬ 
tics  of  the  flow  downstream  can  affect  substantially  the  flow  entering  the  inlet  and  the  flow  field  in  the 
region  of  the  boundary  layer  scoops  or  boundary  layer  bleeds.  The  Committee  recommended  that  this  possd--^ 
bility  be  clearly  recognized  and  that  in  each  inlet  tested  in  transonic  flow  some  effort  should  be  devoted 
to  ascertain  that  the  downstream  effects,  however  small,  are  correctly  represented.  The  results  of  this 
investigation  should  be  attached  to  any  report  describing  the  experimental  results.  The  Committee  feels 
that  such  problems  can  be  solved  more  easily  for  engine  installations  attached  to  the  fuselage,  while  it 
is  more  difficult  for  the  podded  engine  installation  because  the  exhaust  of  the  engine  affects  all  of  the 
flow  field  (Figs.  2-3).  Attempts  are  often  made  to  test  the  inlet  at  lower  entering  mass  flow  and  then  correc¬ 
tions  are  introduced  to  extrapolate  performances  to  the  correct  mass  flow.  Such  corrections  are  inaccuarate  at 
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transonic  flow,  because  of  the  possibility  of  discontinuous  variation  of  the  flow  due  to  small  changes  of 
inlet  mass  flow.  Here  methods  to  add  energy  to  the  inlet  flow  are  required. 


The  approach  of  engine  simulators  developed  recently  appear  interesting.  However,  it  is  not  clear  that 
the  present  activities  are  completely  satisfactory,  because  some  of  the  engine  simulations  do  not  represent 
correctly  the  scaling  parameters  that  define  the  mixing  characteristics  downstream  of  the  engine.  In  some 
of  the  simulations,  only  the  bypass  flow  is  ingested  while  the  mass  of  the  main  engine  is  not  ingested  by 
the  .simulator  inlet;  therefore,  the  inlet  conditions  are  not  simulated.  Differences  in  mass  flow  between 
15  and  25%  are  accepted.  Figure  3  indicates  a  comparision  between  a  simulator  used  in  one  of  the  tests 
and  the  actual  engine  installation.  The  difference  can  be  important  in  the  region  of  the  inlet.  The 
difference  can  and  should  be  eliminated  by  passing  more  air  across  the  fan;  therefore,  by  passing  the 
correct  mass  flow  through  the  inlet,  an  attempt  should  be  made  to  improve  the  conditions  in  the  rear.  My 
intention  is  to  consider  this  problem  as  one  of  the  problems  to  be  investigated  in  the  next  phase  of  the 
work.  An  actual  simulator  design  is  shown  in  Fig.  4.  \ 

Usually,  boundary  layer  scoops  and  airplane  shapes  in  front  of  the  inlet  are  scaled  geometrically  in 
the  tests.  Sometimes  the  geometry  of  the  scoop  is  changed  in  such  a  way  that  the  inlet  is  free  from  in¬ 
gesting  low  energy  boundary  layer.  This  is  obtained  by  increasing  the  size  of  the  boundary  layer  scoop. 

The  problem  of  correct  aerodynamic  representation  of  the  airplane  configuration  when  tested  at  Reynolds 
numbers  different  from  flight  is  an  important  problem  that  exists  for  all  airplane  components.  Such 
problems  have  not  been  considered  carefully  up  until  now.  While  the  problem  of  Reynolds  number  simulation 
for  the  complete  configuration  requires  large  facilities,  the  problem  of  better  simulation  of  local  con¬ 
ditions  can  be  achieved  in  present  facilities.  For  example,  the  airplane  shape  should  be  changed  to  take 
into  account  different  displacement  thicknesses  in  order  to  have  the  correct  pressure  distribution;  additional 
tests  should  be  made  in  order  to  obtain  boundary  layer  scoop  drag  and  inlet  performances  especially  at 
transonic  speed  when  shock  waves  are  found.  Special  attention  should  be  given  to  the  simulation  of 
induced  fields  due  to  the  fuselage  in  the  front  of  the  inlet.  Present  methods  for  evaluating  scoop,  bleed 
drag,  and  spillage  drag  do  not  take  into  account  differences  in  Reynolds  numbers  and  are  neither  standard 
or  satisfactory.  In  addition,  the  approach  used  is  seldom  defined  in  the  report.  The  Committee  felt  that 
the  AGARD  should  take  the  initiative  to  try  to  define  acceptable  standards  for  the  performance  of  such 
tests.  This  is  the  second  topic  that  I  consider  for  future  work. 


One  of  the  important  quantities  to  be  measured  in  the  inlet  is  the  mass  flow.  Usually  the  mass  flow 
is  obtained  through  flow  meters  that  are  calibrated  with  high  accuracy  before  the  tests  under  uniform 
stagnation  conditions.  In  inlet  tests,  the  stagnation  conditions  often  are  not  uniform  because  the  model 
temperature  is  different  from  the  stagnation  temperature  of  the  tunnel  and  a  large  amount  of  distortion 
exists  ahead  of  the  flow  meter.  The  required  accuracy  of  the  order  of  1  -  0.5%  cannot  be  insured  unless 
more  complex  calibrations  are  performed. 

The  dynamic  characteristics  of  the  inlet  are  important;  however,  scaling  criteria  are  not  available 
and  therefore  reduced  scale  measurements  are  not  completely  satisfactory.  Additional  work  is  especially 
required  in  order  to  analyze  more  accurately  the  interaction  between  inlet  and  engine  at  the  interface 
for  bypass  engines.  Here  the  one- dimensional  type  of  analysis  does  not  apply. 


In  relation  to  the  nozzle  design,  several  shortcomings  have  been  pointed  out  by  the  Committee. 

First,  the  nozzle  characteristics  as  a  function  of  geometry  are  usually  obtained  from  separate  tests  where 
the  engine  flow  is  not  simulated  and  without  correct  representation  of  distortion  of  stagnation  conditions 
or  correc^x^Rr^i^-ntf tion  of  the  external  f  low^  Usually,  ^engine  performances“ar‘e  measTTfeTusThg  a  con¬ 
verging  nozzle.  These  characteristics  are  used  to  obtain  performances  of  the  engine  using  a  different 
nozzle  by  correcting  the  measured  engine  performance  on  the  basis  of  the  difference  of  performances  be¬ 
tween  the  new  nozzle  and  the  nozzle  used  in  the  tests.  In  the  engine  tests,  the  external  flow  is  not  simu¬ 
lated;  however,  in  a  converging  nozzle,  the  performance  of  the  nozzle  is  affected  by  the  distribution  of  the 
stagnation  condition  of  the  internal  flow  and  by  the  external  conditions  of  the  flow  because  these  condi¬ 
tions  affect  the  shape  of  the  sonic  line  (Fig.  7).  The  characteristics  of  the  nozzles  are  measured  in 
facilities  using  cold  air  and  having  uniform  stagnation  conditions  where  the  external  flow  is  often 
simulated.  Then  the  data  for  the  engines  are  corrected  using  the  measured  nozzle  characteristics  and  by 
assuming  average  properties  of  the  engine  flow  upstream  of  the  nozzle.  This  method  used  for  the  determina¬ 
tion  of  performances  is  approximate  and  can  introduce  errors  of  one  or  two  percent  for  flows  having  large- 
gradients  of  stagnation  properties.  In  Figs.  8,  9,  and  10,  results  of  an  analysis  are  presented  that 
clarify  the  sources  of  such  error.  A  nozzle  configuration  has  been  analyzed  having  a  given  mass  flow, 
and  constant  average  stagnation  conditions,  discharging  in  a  converging  and  slightly  diverging  nozzle. 

In  one  case  uniform  conditions  p0q  and  T0^  are  assumed  to  exist  at  the  entrance  of  the  nozzle,  while 
in  other  cases  a  distribution  either  of  stagnation  temperature,  or  stagnation  pressure,  or  both,  are 
assumed  to  exist.  The  assumed  distribution  is  shown  in  Fig.  8.  The  average  conditions  are  the  same  in  , 

all  cases.  The  sonic  line  shape  and  the  Mach  number  at  the  throat  are  shown  'in  Figs.  9  and  10.  The  / 

throat  area  has  been  adjusted  slightly  in  each  case  to  have  the  mass  flow  constant.  Loss  of  total  impulse 
occurs  because  of  the  presence  of  viscosity  and  heat  conduction  when  gradients  are  present.  The  losses  J 
are  largest  when  stagnation  pressure  and  temperature  are  variable  and  are  of  the  order  of  2.5%  of  the  I  i’ 
total  temperature  of  the  jet.  The  corresponding  loss  in  thrust  is  much  larger  than  this  value.  -  i 
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The  performances  of  actual  nozzles  for  different  flight  conditions  are  often  obtained  from  cold  tests. 
For  many  flight  conditions,  separation  occurs  either  inside  or  outside  of  the  nozzle.  The  separated  flow 
region  is  not  represented  correctly  by  cold  tests  because  the  separation  depends  strongly  on  the  mixing 
between  the  external  and  internal  flows.  The  mixing  is  controlled  by  the  ratio  between  velocity  and 
density  of  the  internal  and  external  flows  that  are  not  simulated  in  cold  tests;  therefore,  the  extrapola¬ 
tion  of  such  data  to  flight  conditions  can  introduce  errors. 


Figures  11  and  12  show  a  typical  installation  used  frequently  for  investigating  the  interaction  between 
internal  and  external  flows.  The  inlets  in  the  case,  shown  in  Fig  12,  are  not  represented,  but  are  sub¬ 
stituted  by  a  faired  surface  and  the  air  is  carried  through  the  support  in  the  fuselage.  All  boundary 
conditions  that  influence  the  region  of  separation  ,  such  as  pressure  distribution,  boundary  layers,  etc., 
are  not  simulated  in  such  tests.  The  problem  is  more  complex  in  many  present  engine  installations  where 


bypass  or  cooling  air  is  injected  in  the  nozzle.  Such  air  usually  has  stagnation  conditions  that 
are  different  from  the  stagnation  conditions  of  the  external  and  engine  flows,  (Fig,  13).  The  mixing 
of  these  flows  depends  on  the  actual  stagnation  conditions  of  the  different  flows,  and  the  drag  of 
the  nozzle  or  drag  of  the  external  part  of  the  airplane  is  influenced  by  these  quantities.  However, 
these  quantities  are  not  usually  simulated  correctly  in  the  present  testing  techniques,  even  when  engine 
simulators  are  used.  The  drag  of  the  rear  part  of  the  airplane  at  transonic  speed  can  be  30  to  40%  of  the 
total  drag  of  the  airplane  for  a  two  engine  configuration.  Such  a  quantity  cannot  be  obtained  accurately 
from  wind  tunnel  test  methods  used  at  the  present-  time. 

When  podded  engines  are  investigated,  the  flow  from  the  engines  affect  the  aerodynamics  of  the  air¬ 
plane.  Even  where  simulators  are  used  and  the  inlet  mass  flow  is  correctly  represented,  the  flow  displace¬ 
ment  produced  by  the  engine  flow  is  usually  not  accurately  represented.  This  lack  of  correct  representation 
can  introduce  in  some  cases  differences  in  the  local  flow  field.  A  correct  representation  of  the  mixing 
downstream  of  the  engine  requires  that  the  stagnation  conditions  of  the  engine  jet  are  correctly  repre¬ 
sented;  otherwise,  the  mixing  of  the  two  streams  produces  different  displacement  thickness.  Figure  14 
indicates  the  variation  of  streamtube  area  due  to  mixing  at  constant  pressure  for  different  jet  conditions, 
and  different  engines  discharging  in  a  single  nozzle.  When  the  interference  between  the  engine  and  wing 
is  important,  such  interference  can  be  evaluated  only  by  means  of  much  more  sophisticated  experimental 
techniques.  No  indication  of  the  importance  of  such  effects  is  available,  and  the  importance  depends  on 
the  configuration.  As  a  conclusion,  the  Committee  felt  that  the  tests,  either  of  components  or  of  the  complete 
model,  as  performed  up  until  now  do  not  represent  the  best  possible  effort.  Many  factors  introduce 
errors  in  the  results.  Reynolds  numbers,  support  interference,  aeroelastic  effects  on  the  model,  tunnel 
calibration,  and  wall  interaction  are  very  important  parameters.  However,  additional  parameters  that 
are  also  very  important  are  accurate  determination  of  inlet  performance  actual  engine  thrust  with  a  given 
nozzle,  nozzle  performance  and  accurate  representation  of  engine  airplane  interference.  The  present  require¬ 
ments  of  very  accurate  predictions  are  above  the  possibilities  of  present  experimental  techniques.  There¬ 
fore,  a  concentrated  effort  to  improve  accuracy  of  present  experimental  methods  is  justified,  and  the 
present  situation,  where  more  accurate  results  are  requested,  without  giving  the  experimental  groups 
the  possiblity  of  improving  experimental  techniques  should  be  changed. 

The  Introduction  of  the  engine  simulators  appears  very  promising  for  better  determination  of  installed 
engine  performances  and  engine  airframe  interference;  however,  it  complicates  substantially  the  experimental 
techniques.  In  addition,  sufficient  effort  has  been  devoted  to  obtaining  satisfactory  simulation.  An 
additional  shortcoming  in  all  of  these  problems  is  that  many  of  the  problems  are  not  openly  recognized 
by  the  users  of  the  data,  and  the  experimental  methods  are  not  standardized. 

The  Propulsion  and  Energetics  Panel  of  the  AGARD  will  try  to  organize  an  effort  to  outline  some  of  the 
possible  efforts  required  to  try  to  overcome  aorae  of  these  difficulties. 
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FIG. 3  TYPICAL  TURBOFAN  SIMULATOR  DESIGN 


FIG. 5  STREAMTUBE  OF  TYPICAL  SIMULATOR 
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FIG. 6  BOUNDARY  LAYER  SCOOP  AIRPLANE  INTERACTION 
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FIG. 9  SONIC  LINE  SHAPES 
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FIG. 10  THROAT  MACH  NUMBER  DISTRIBUTIONS 
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FIG. 12  RIG  MOUNTED  ON  TRANSONIC  TUNNEL  MODEL  CART 
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FIG. 13  SCHEMATIC  OF  INTERNAL  EXTERNAL  FLOW  INTERACTION 


FIG. 14  VARIATION  OF  JET  ENGINE  STREAM  TUBE  DUE  TO  MIXING 
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SUMMARY 

In  this  paper  the  results  and  recommendations  on 
inlfet  testing  in  transonic  wind  tunnels,  as  obtained 
from  the  AGARD  Ad  Hoc  Study  on"Engine-Airplane  Inter¬ 
ference  in  Transonic  Tests"  are  discussed  in  more  detail 
Special  attention  will  bs  dii scted  towards  mass  flow 
measurements,  external  drag  determination,  boundary 
layer  representation  for  diverters  and  bleeds,  and  un¬ 
steady  flow  phenomena  in  inlets. 
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INTRODUCTION 

In  April  1970  an  Ad  Hoc  Committee  was  initiated  by  the  Director  of  ACARD  and  supported  by  the  National 
Delegates  Board,  under  leadership  of  Prof.  A.  Ferri,  for  the  purpose  of  studying  the  general  problem  of 
performance  predictions  of  aircraft  from  wind  tunnel  data  and  engine  specifications,  particularly  at 
transonic  speeds.  The  object  was  to  review  the  various  techniques  as  ussd  in  the  ACARD  countries  and,  if 
possible, to  make  recommendations  for  further  studies. 

In  the  spring  of  1970  a  questionnaire  was  distributed  among  aeronautical  laboratories  operating  transonic 
wind  tunrtels,  aircraft  manufacturers,  engine  companies,  and  airplane  operators.  The  questionnaire  contain¬ 
ed  specific  questions  regarding  inlets,  engine  thrust  and  exhausts  and  generally  asked  for  information  on 
tsst  procedures,  techniques,  applied  corrections,  obtained  and  required  accuracies  and,  if  available, 
comparison  between  wind  tunnel  data  and  free  flight  data.  The  response  to  the  questionnaire  was  very  good} 
all  leading  aviation  companies,  establishments  and  agencies  in  the  AGARD  countries  cooperated  in  the  study. 
In  September  1970  a  specialists  meeting  was  held  discussing  the  advantages  and  limitations  of  the  various 
techniques  and  procedures,  observing  missing  or  weak  links  and  recommending  further  work. 

The  conclusions  and  recommendations  are  written  by  Prof.  A.  Ferri,  the  Ad  Hoc  Study  Group  chairman,  and 
the  technical  informations  as  gathered  from  this  study  has  been  reported  by  the  present  author  (l).  This 
paper  is  a  summary  of  the  information  as  obtained  on  inlet  testing  in  wind  tunnels  in  the  transonic 
speed  regime. 

The  development  of  high  ^^.^rmance  aircraft  requires  the  prediction  of  aerodynamic  performances  with 
such  high  precision,  wh&tffcifc  Ahbove  what  is  currently  possible  with  available  technique.  This  is  especial¬ 
ly  true  for  the  transonic  flight  regime,  which  is  of  importance  for  transports  and  fighters,  the  former 
for  economic  cruise  reasons,  the  latter  for  ferry  and  combat  missions. 

Since  the  exerted  net  thrust  by  the  engine  as  felt  by  the  airframe  is  of  primary  importance  in  the 
analysis  of  the  engine  airframe  integration,  most  emphasis  has  been  given  to  the  thrust  and  drag  components 
as  obtained  from  wind  tunnel  measurements  and  engine  test  bsnch  data.  Fig.  1  illustrates  a  schematic  re¬ 
presentation  of  an  highly  integrated  airframe  installation.  The  various  drag  terms  due  to  engine  installat¬ 
ion  are  defined  below.  These  definitions  are  not  standard  however  and  are  not  used  in  a  similar  manner  by 
each  group.  Fig.  2  shows  the  usual  bookkeeping  procedure  for  combining  all  test  results  to  provide 
compatible  thrust  and  drag  performance  predictions.  In  general  four  models  in  the  thrust  minus  drag  count¬ 
ing  are  used:  (a)  the  aeroforce  model  with  a  reference  mass  flow  through  the  inlet,  (b)  the  sting  sffects 
modal,  for  corrections  on  the  data  of  the  aeroforcs  model  due  to  the  support  system,  (c)  the  inlet  drag 
model  or  propulsion  model  yielding  data  on  corrections  due  to  the  interference  between  the  internal  inlet 
flow  and  the  external  flow,  and  data  on  inlet  performance,  and  (d)  the  jet  effects  model  yielding  correct¬ 
ions  on  the  afterbody  aerodynamics  and  nozzle  performance  in  the  external  flow  field. 

This  summary  will  concern  only  the  models  (a)  and  (c)j  the  latter  being  rather  obvious,  the  former  for 
reasons  of  correcting  the  -a^ioforce  data  due  to  the  intern.  1  flow. 

AEROFORCE  MODELS 


For  aeroforce  models  of  almost  all  jet  powered  aircraft  the  inlet  mass  flow  is  usually  completely  or 
almost  completely  simulated.  The  basic  force  coefficients  (lift,  drag,  moments,  etc.)  are  determined  from 
Buch  models  when  the  measured  data  from  pressure  plotting  or  balance  readings  are  corrected  for  the  in¬ 
ternal  flow  through  the  inlet.  A  clear  statement  regarding  conditions  when  complete  inlet  mass  flow  du¬ 
plication  is  required  to  minimizs  the  uncertainties  of  wind  tunnel  aerodynamic  data  is  not  possible  on 
the  basis  of  past  experience.  Aircraft  which  cruise  in  the  transonic  speed  regime  require  accurate 
accounting  for  inlet  mass  flow  ratio  since  both  aerodynamic  and  propulsion  performance  are  sensitive  to 
mass  flow  ratio  operating  conditions.  Vehicles  of  the  type  which  require  a  rapid  acceleration  through 
transonic  Mach  numbers  are  also  affected  by  the  direct  and  indirect  effects  of  mass  flow  ratio,  since 
aircraft  thrust  minus  drag  is  usually  a  minimum  at  these  conditions. 

Two  techniques  exist  for  inlet  mass  flow  simulation  at  transonic  speeds  namely,  flow-through  inlets 
or  pods,  and  use  of  powered  engine  simulators.  The  former  is  the  simplest  and  is  generally  used  in  the 
early  stage  of  wind  tunnel  testing.  In  order  to  apply  this  technique  three  conditions  must  be  met: 

-  adequate  exit  area  *  * 

'  -  low  pressure  at  exit,  preferably  below  ambient 

-  low  total  head  losses  in  the  internal  duct. 

Regulation  of  the  inlet  airflow  below  maximum  can  be  accomplished  by  inserting  restrictions  in  the 
duc,t.  Ths  advantage  of  this  technique  besides  its  simplicity  is  its  consequent  ease  of  msasuring  forces. 
The  main  disadvantage  is  the  need  for  increased  exit  area  compared  to  the  real  jet  exhaust  which  must  in¬ 
volve  geometric  distortion  e.g.  incorrect  nacelle  length  or  boattail  angle  or  elimination  of  turbine 
afterbody  in  case  of  podded  fans.  For  complete  aircraft  models  such  as  with  podded  engine  installations 
this  increased  exit  area  might  be  unacceptable  and  geometric  scaled  engine  pod  models  are  used  in  that 
case.  The  value  of  these  pods  is  then  not  to  simulate  inlet  flow,  but  to  simulate  an  entire  nacelle- 
pylon  system.  Effects  of  various  pod  and  pylon  contours  and  mounting  positions  on  airplane  stability  and 
drag  can  be  evaluated  from  increments  obtained  from  flow-through  pod-on  models.  Optimum  configurations 
can  then  be  investigated  further  with  more  refined  techniques  such  as  powered  simulators  or  blown  na¬ 
celles.  Use  of  turbine  driven  fan  jet  simulators  is  a  recant  development,  which  extends  the  power-off  - 
simulation  of  the  flow-through  pod  to  include  some  effects  of  both  primary  and  fan  exhausts.  It  is 
practice  now-a-days  that  this  technique  is  applied  in  the  final  complete  wind  tunnel  models. 

The  external  drag  is  usually  the  most  difficult  problem  of  measurement.  Fig.  3  poses  the  usual 
questions  and  dilemmas  that  the  experimentalist  encounters  when  planning  a  complete  aeroforce  aircraft 
model  for  wind  tunnel  testing  with  one  of  its  objectives  being  the  representation  and  measurement  of  the 
engine  nacelle  drag.  The  questions  posed  are  of  course  only  concerned  with  the  inlets  and  the  shape  of 
the  model*,  there  are  similar  questions  associated  with  the  representation  of  the  jet  exhaust  flow. 

The  external  drag  is  defined  as  the  sum  of  the  longitudinal  forces  acting  on  the  force  boundaries 
of  the  pre-entry  streamtube  and  those  parts  of  the  body  and  wing  which  are  wetted  by  the  external  flow 
(but  excluding  any  base  area  of  the  nacelles) . 

Drag  coefficient  of  the  full  scale  aircraft  is  then: 
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=  drag  coefficient  of  complete  configuration  (including  nacelles)  measured  in  the 
wind  tunnel.  This  term  will  include  oorrectione  associated  with  the  model  support 
system  e.g.  forces  due  to  model  definition  to  permit  rear  sting  mounting.  This 
is  done  by  testing  a  model  with  a  oorrect  rear  fuselage  shape  mounted  on  a  twin 
sting  support . 

=  drag  coefficient  of  any  unrepresentative  installation  base 


=  skin  friction  drag  coefficient  appropriate  to  all  model  surfaces  wetted  by 
external  flow. 

=  external  skin  friction  drag  coeffioient  of  the  aircraft  at  full  scale  Reynolds 
number 
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where  ^  (K,)  « 

Use  of  this  function  is  ver$ '.trenifitical  at  supersoni  speeds  and  choked  exit  conditions,  especially  if 
Moo-  2,  than  this  function  is  about  zero. 

Hence,  in  general  four  measurements  are  neoessary  to  determine  external  drag  of  a  model  with  free 
flow  through  the  engine  ducts:  (a)  overall  force  measurement,  (b)  nacelle  and  body  base  pressure,  (c) 
static  pressure  distribution  in  the  internal  flow  at  or  olose  to  ite  exit,  and  (d)  pitot  pressure 
distribution  in  the  internal  flow  at  or  close  to  ite  exit.  Pig.  4a  and  b  illustrate  two  examples  for  exit 
flow  surveys  of  aeroforce  models  showing  both  static  and  total  pressure  probes.  Typical  surveys  contain 
some  30  to  120  pitot  pressures  and  some  15  to  50  statio  pressures.  In  tests  at  transonic  speeds  it  is 
necessary  to  measure  internal  flow  by  meane  of  a  few  fixed  pitot  tubes  supported  from  the  duct  walls  at 
the  same  time  as  the  base  pressure  and  force  measurements  are  made.  These  few  pitot  measurements  are  then 
used  to  assess  the  absolute  level  of  pitot  tube  measurements  taken  when  surveying  the  exit  flow  in  a 
separate  tunnel  run. 

SPECIAL  INLET  MODELS 

Special  inlet  models  are  tested  on  a  larger  eoale  than  aeroforce  models  which  give  first  the  inlet 
performance,  and  second  refined  corrections  for  the  airoraft  characteristics  as  determined  from  the  aero¬ 
force  model  for  the  complete  envelope  of  the  engine (e)  operating  regimes.  Fig.  5  gives  an  example  of 
such  a  bookkeeping  procedure,  particularly  devoted  to  the  inlet  drag  terms.  In  the  connotation  of  this 
figure  the  ABre^  value  would  be  applied  to  the  vehicle  drag  polar  as  obtained  from  the  aeroforce  model. 
Compatibility  is  maintained  between  external  aerodynamio  and  propulsion  forces  by  correcting  the  install¬ 
ed  engine  thrust,  F„,  by  the  change  in  inlet  drag  from  the  baeio  inlet  to  the  propulsion  reference  inlet, 
ADj  (a  similar  correction  is  included  for  the  nozzle  afterbody,  ADjj)  .  The  AL^  correction  consists  of 

several  incremental  components  which  are  mentioned  in  this  figure. 

In  designing  such  m inlet  model  for  wind  tunnel  testing,  again  several  questions  must  be  answered. 
The  major  questions  are:  a)  the  degree  of  airframe  representation,  wings?  tail  planes?  Jet  flow?,  b)  how 
ehould  the  fuselage  and  compression  surface  boundary  layers  be  represented  (diverter  size  and  bleed), 
c)  the  degree  of  simulation  of  the  bleed  and  bypase  exit  conditions,  and  d)  what  is  the  most  appropriate 
model  testing  scheme . 

Regarding  the  first  questions,  at  transonic  speeds  the  upstream  airframe  surfaces  and  to  a  great 
extent  the  downstream  surfaces  must  be  simulated  at  inlet  tests  in  the  wind  tunnel.  Usually  a  compromise 
must  be  made  between  what  is  practical  and  what  is  desirable.  At  least  checks  should  be  made  that 
neglected  surface,  exhaust  or  system  simulation  does  not  influence  the  required  results  or  can  be  account¬ 
ed  for  by  some  other  means.  No  standard 'rules  are  available  which  oan  give  a  priori  an  indication  of  the 
interference  effects  of  downstream  surfaces  on  the  flow  near  the  inlet,  for  measuring  the  inlet  drag 
terms. 

TECHNIQUES 
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The  second  important  decision  that  must  be  made  for  the  design  of  the  special  inlet  drag  model  is 
whether  the  complete  inlet  model  (i.e.  inlet  plus  fuselage  or  wing)  is  mounted  on  a  balance  or  only  the 
inlet.  Fig.  6  depicts  an  arrangement  where  the  inlet  alone  is  mounted  on  the  balance.  This  leads  to 
measurement  of  smaller  forces,  with  those  associated  with  the  inlet  being  predominant.  In  addition  the 
means  of  measuring  the  internal  mass  flow  can  be  located  whe reeve r  desired  and  whatever  means  necessary 
to  ensure  accurate  measurement  can  be  introduced  (e.g.  screens,  venturi,  multi  tube  rakes  etc.)  easily. 
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The  dieadvantagee  are:  (a)  the  sealing  problems  at’  the  junction  between  the  metric  and  non-metric 
portions  of  the  duct,  (b)  the  accurate  measurement  of  forces  on  parts  of  the  fuselage  on  the  balance  that 
could  change  as  inlet  flow  conditions  change,  (c)  the  difficulties  of  measuring  momentum  of  the  internal 
flow  at  the  duct  junction  position  where  the  flow  may  still  be  quite  non-uniform,  and  (d)  the  general  ' 
difficultiee  of  interpreting  forces  measured  on  only  part  of  a  model.  Changes  of  geometry  which  lead  to 
changee  of  pressure  on  non-metric  parts  of  the  model  can  lead  to  spurious  conclusions  as  to  the  efficien¬ 
cy  of  the  geometric  changes  being  studied.  Inlet  flow  is  discharged  through  an  extended  duct  far  enough 
downetrsam  to  avoid  any  influence  on  the  inlet.  Fig.  7  showe  a  solution  to  the  same  problem,  where  larger 
forces  are  measured  by  the  balancs  as  in  fig.  6.  Thie  arrangement  better  includes  the  complete  effect  of 
inlet,  bypass  and  bleed  changes  on  tho  inlet  +-  forebody  performance  as  measured  by  the  balance  with  the 
disadvantage  of  yielding  less  refined  data.  The  metric  line  ie  provided  along  the  cylindrical  part  of  the 
model,  where  the  external  flow  is  almost  uniform.  The  soal  is  rolled  on  itself  if  the  metric  part  ie 
translated!  sothat  the  reaction  is  constant.  Thie  sealing  technique  seems  to  be  very  satisfactory.  Fig.  8 
showe  the  method  where  the  complete  model  is  mounted  on  the  balance,  and  only  the  unite  used  for  travers¬ 
ing  the  internal  flow  for  measurement  of  mass  flow  and  momentum  are  non-metric.  The  forces  being  measur¬ 
ed  now  include  fairly  large  components  (eg  base,  nose  and  canopy  drag)  which  are  not  required.  This  had 
the  effect  of  inhibiting  the  reproduction  of  other  components  on  the  model,  such  as  wings,  to  reduce  the 
overall  loads  and  increase  the  sensitivity  of  the  balance  to  the  force  components  which  are  of  intsreet. 
Thus  the  effect  of,  say,  bypass  door  operation  on  the  stability  of  the  configuration  hae  to  be  eacrificed. 
The  model  tends  to  become  rather  long  if  the  flow  measurement  station  is  to  be  at  a  position  where  the 
flow  ie  fairly  uniform.  To  avoid  diffioultiee  due  to  shock  reflections  at  low  supersonic  speeds  with  a 
long  model,  the  rear  half  has  to  be  made  with  constant  croes  sections j  hence  true  geometrical  representat¬ 
ion  may  be  lost.  However,  the  sealing  problems  as  in  fig. 6  and  7  at  the  duct  junction  have  disappeared 
and  changee  in  geometry  of  the  nacelles  can  be  etudied  with  the  knowledge  that  their  total  effect  is 
being  measured.  The  base  drag  ie  measured  by  pitot  tubes  placed  approximately  0,5  mm  from  the  baee.  The 
base  ie  shrouded  to  try  to  produce  uniform  base  pressure  under  all  conditions. 

Ae  seen  in  the  complete  model  tests,  the  external  drag  ie  determined  from  three  drag  measuremente i 

■^external  =  ^balance  ”  ^base  ”  ^internal 


The  balance  force,  D^)a^ance ,  needs  to  be  corrocted  for  the  base  drag,  D^afle,  or  by  the  sealing  drag 

(both  obtained  by  pressure  plotting),  and  by  the  internal  drag.  The  internal  drag,  Ik  ,  ie  the  difference 
between  the  freestream  momentum  minus  the  impulse  at  the  measuring  station  or  exit. 

The  installation  drag  of  podded  high  bypass  fan  engine  may  be  ae  high  ae  10  °/o  of  the  net  engine 
thrust.  This  fact  necessitates  careful  nacelle  and  pylon  deeign  for  such  configurations  in  order  to 
minimize  unfavourable  interference  effeote.  The  goal  of  the  inlet  designer  is  to  achieve  a  reduced 
pressure  on  the  external  inlet  cowl  such  that  ths  axial  component  of  the  integrated  relative  surface 
pressure  results  in  a  thrust  force  equal  to  the  additive  drag.  For  reversible  inviscid  flow  complete 
additive  drag  cancellation  would  ocour.  To  thie  end  isolated  inlet  tests  are  performed  to  obtain  optimum 
cowl  deeign  at  all  speeds  encountered.  As  with  integrated  engine  installations  for  these  inlets  it  ie 
possible  to  approach  this  problem,  at  least  up  to  a  given  Maoh  number,  by  etudying  the  .force  operating  on 
the  forebody  cowl  with  an  integrated  balanoe,  and  by  measuring  the  internal  flow  very  precisely. 
Alternatively  the  forces  can  be  obtained  from  preesure  measuremente  on  the  forsbody  cowl  and  from 
boundary  layer  measuremente  for  the  skin  friotion.  The  advantage  of  this  last  combination  is  that  a 
detailed  description  of  the  flow  oan  be  obtained.  This  description  is  neceesary  to  optimize  the  ehroud 
shape.  Fig.  9  shows  an  experimental  set  up  of  this  approach  of  an  isolated  inlet.  The  external  drag 
consists  of  a  term  equal  to  the  pressure  integration  along  the  deviding  stream  tube  from  upstream  infinity 
to  the  external  station  on  the  shroud  until  the  point  whers  the  external  inlet  drag  is  defined  (hence 
containing  additive  drag  minus  shroud  auction  force),  and  of  a  term  representing  the  external  friction 
forcee  on  the  inlet  shroud,  which  can  be  determined  from  the  boundary  layer  rake  measurements. 

This  technique  has  two  practical  difficulties: 

1.  The  lip  suction  force  ie  very  strongly  influenced  by  any  error  in  determining  the  location  of  the 

stagnation  line.  *  . 

2.  An  accurate  solution  for  the  compressible  equations  of  motion  of  the  flow  ahead  of  the  inlet  rauet  be 
calculated  before  the  additive  drag  can  be  determined  and  compared  with  the  measured  lip  suction  force. 

Both  of  these  difficulties  can  be  avoided  if  tests  are  carried  out  with  an  axial  force  measurement  on  in¬ 
let  models.  An  arrangement  which  is  proposed  to  use  in  a  transonic  wind  tunnel  is  shown  in  figure  10  (3). 
After  making  the  following  definitions, 
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it  can  be  shown  that  the  external  lip  drag,  can  be  calculated  from  measured  quantities  on  such  a 

test  arrangement  as: 

D  .  =  m  (V  -  V  )  +  A  (p„  -  p  )  +  A  >  (p  *-  p_  )  +  A  (p  -  p  )  -  H  . 
ext  00 v  n  00  '  nv*n  4  c  00  svls  *c' 

Thie  method  faces  again  the  sealing  problem  and  cannot  be  used  under  installed  conditions.  If  a  pressure 
gradient  exists  along  the  external  side  of  the  sealing,  a  flow  will  result  within  the  sealing  gap,  which 
will  disturbe  the  downstream  boundary  layor,  hence  influencing  the  upetream  flow,  particularly  at 
transonic  speeds. 


MASS  FLOW  MEASUREMENTS 


It  is  obvious  that  the  inlet  mass  flow  is  a  primary  inlet  variable  and  must  be  controlled  and 
measured  with  extreme  precision.  For  example  a  double  ramp  intake  operating  at  «  2.2  an  effective 
change  of  ramp  of  1°  results  in  a  change  of  maximum  inlet  flow  (dA^/A  )  of  1  /o  and  a  change  of 

en  max 
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additive  drag  coefficient  AC^  of  0,008.  It  is  therefore  generally  agreed  that  if  the  external  drag  is 

add 

being  determined  from  the  difference  of  a  drag  balance  measurement  and  the  internal  drag-as  described  in 
the  previous  section  -  the  inlet  mass  flow  should  be  measured  at  least  within  l/2  °/o.  With  specially 
designed  mass  flow  cells,  measurement  of  mass  flow  to  within  1  °/o  certainty  oan  be  normal  routine.  If 
insufficient  cars  is  taken  errors  as  large  as  5  °/o  may  result*  The  least  inaccuracy  can  be  expected  if 
the  mass  flow  is  computed  from  rake  surveys  in  the  internal  duct  only  and  can  only  be  obtained  if  the 
distortions  at  the  measuring  station  are  small. 

The  higher  accuracies  are  obtained  if  the  measuring  cell  is  calibrated  against  a  standard.  It  is 
usual  that  the  exit  is  formed  by  a  sonic  or  near  sonic  exhaust  with  plug.  The  mass  flow  can  than  be 
written  as  a  function  of  the  discharge  coefficient  of  the  exhaust.  What, is  important  in  quoting  the 
stated  accuracies  of  these  coefficients  are  the  numbers  on  the  standard  deviations  and  on  the  possible 
error  of  the  mean.  The  former  should  be  at  least  less  than  l/2  °/o.  The  presence  of  noise  could  cause 
perturbations  of  the  order  of  l/2  °/o.  By  careful  calibration  the  error  of  the  mean  of  tie  discharge 
coefficient  can  be  less  than  0,1  /o.  However  in  inlet  tests,  usually  the  stagnation  temperature 

distribution  is  not  msasured.  When  the  model  is  at  a  different  temperature  as  the  stagnation  temperature 
of  the  tunnel,  and  heat  transfer  takes  place  in  the  inlet  duct,  the  stagnation  temperature  distribution 
should  be  measured  in  front  of  the  flow  meter  in  order  to  obtain  the  required  accuracy.  In  addition  in 
the  calibration  rigs  the  actual  distortion  of  the  stagnation  pressure  and  temperature  measured  in  the  in¬ 
let  should  be  represented.  When  possible,  the  distortion  should  be  minimized  in  front  of  .the  flow  meter. 
For  example  supercritical  internal  inlet  flow  will  give  distortions  and  therefore  rapid  deterioration 
in  the  accuracy  of  inlet  flow  and  internal  drag  measurement  and  could  lead  to  wrong  oonclusions  regard¬ 
ing  the  external  drag* 

Fig.  11  shows  a  standard  cell  for  measurement  of  the  mass  flow  which  is  also  used  to  measure  engine 
face  pressure  recovery  and  flow  distortions. This  is  a  completely  self  contained  piece  of  equipment  which 
can  be  made  in  several  sizes  (2).  Some  results  of  calibration  tests  are  also  shown. 

Fig.  12  shows  an  example  of  a  rig  used  to  calibrate  these  mass  flow  cells.  At  the  present  time  a 
standard  NOTE  ohoked  nozzle  (whose  discharge  coefficient  is  known  to  +  l/4  °/o)  is  being  used  to 
calibrate  a  large  range  of  standard  flow  orifices.  With  the  NGTE  nozzle  removed,  theee  calibrated 
orifices  are  then  used  to  calibrate  the  mass-flow  measurement  cells  which  are  operated  in  a  choked  exit 
condition.  A  later  development  is  the  design  of  a  new  standard  choked  nozzle  having  very  low  throat 
curvature  and  laminar  flow.  This  standard  will  rely  on  a  calculated  discharge  coefficient  which  is  (a) 
very  close  to  unity  and  (b)  will  have  very  small  error  (4).  This  nozzle  will  be  followed  by  an  efficient 
diffuser  so  that  it  ie  hoped  that  it  can  be  used  directly  to  calibrate  the  cells,  both  of  them  operating 
choked. 

The  author  wonders  why  air  mass  flow  cell  calibrations  are  not  performed  with  rather  direct  means 
without  the  necessity  for  introducing  corrections  for  discharge  coefficients.  Fig.  13  depicts  such  set¬ 
ups  where  the  mass  flow  is  deduced  from  the  time  filling  a  well-known  volume  (starting  point  the  switch 
over  of  a  three-way  valve,  and  stopping  point  the  rise  or  drop  of  pressure  in  the  reference  volume)  or 
from  the  rate  of  rise  or  descend  of  a  gascontainer.  The  volumes  should  typically  be  between  100  and 
1000  m-*  for  test  cells  for  wind  tunnel  applications,  and  do  not  require  large  investments.  The  only 
uncertainties  arize  from  time  measurements,  dimensions,  and  static  pressure  and  temperature  measurements! 
all  quantities  can  be  measured  to  a  high  degree  of  accuracy. 

BLEED,  BYPASS,  DIVERTERS 

The  accurate  determination  of  bleed/bypass  and  also  of  spillage  drag  effects  in  the  transonic  range 
of  Mach  numbers  is  an  important  requirement.  It  is  at  these  speeds  where  bypase  and  spillage  mass  flows 
are  the  greatest  and  where  effects  on  performance  can  be  large. 

Simulation  of  inlet  bleed  (including  bypass)  and  spillage  effects  is  accomplished  with  the  inlet 
drag  model.  The  bleed/bypass  geometry  is  simulated  on  this  model  as  accurately  as  possible.  Adjacent 
surfaces  such  as  wings,  fuselage,  etc.,  which  could  interact  with  the  flow  from  the  bleed/bypass  exhaust 
systems  must  also  be  duplicated  to  scale  on  the  inlet  model.  It  is  the  practice  during  wind  tunnel  tests 
to  duplicate  a  range  of  bleed/bypass  mass  flow  ratios  in  combination  with  a  range  of  operating  inlet  mass 
flow  ratios.  In  this  manner  the  proper  drag  increments  can  be  assessed  for  a  wide  variety  of  matched  in¬ 
let-engine  operating  conditions.  It  is  not  recommended  that  any  external  bleed  should  be  incompletely  re¬ 
presented. 

The  major  correction  from  wind  tunnel  inlet  model  to  full  scale  aircraft  involves  the  boundary  layer 
on  the  fuselage  forebody.  The  problem  on  integrated  airframe-engine  configurations  is  the  adequate  scal¬ 
ing  of  the  boundary  layer  thickness  to  the  geometric  scale  of  the  model  for  the  full  range  of  flight 
conditions  (Moo)  and  attitudes  (a  and  p).  Corrections  for  the  effect  of  boundary  layer  thiokness  on  the 
inlet  flow  field  are  difficult  to  accomplish  with  accuracy.  Improperly  assessed  forebody  flow  field 
effects  have  been  the  major  reason  for  past  propulsion  deficiencies  experienosd  during  full  scale  flight. 
This  is  particularly  true  for  boundary  layer  scoops  or  diverters  since  at  the  reduced  Reynolds  number  of 
the  wind  tunnel  model  the  ratio  of  the  diverter  height  (h)  and  the  boundary  layer  thiokness  (b)  is 
smaller  than  at  full  scale  if  the  former  is  sealed  geometrically.  In  inlet  design,  a  compromise  is 
usually  required  between  drag  and  the  diverter  performance.  Such  a  compromise  tends  to  select  a  solution 
where  the  outer  part  of  the  boundary  layer  enters  the  inlet,  and  it  is  this  compromise  that  cannot 
usually  adequately  be  obtained  from  wind  tunnel  tests.  In  general  the  parameter  h/b  is  used  which  des¬ 
cribes  the  proportion  of  boundary  layer  ingested  by  the  intake.  Though  convenient,  it  is  obvious  that  a 
parameter  which  is  a  ratio  of  the  loss  of  momentum  in  the  boundary  layer  air  ingested  to  the  momentum  of 
the  remaining  "free  stream"  air  entering  the  intake  would  be  more  appropriate.  However,  it  is  obvious 
that  further  thought  and  systematic  experimentation  is  required  to  elucidate  better  simulation  criteria 
for  model  and  full  scale  representation  than  just  Identical  h/o  values.  Whatever  parameters  do  emerge 
(and  in  practice  they  may  still  amount  to  something  similar  to  using  identical  values  of  h/b)  there  re¬ 
mains  the  problem  of  how  to  achieve  them  physically.  As  illustrated  in  fig.  14  to  obtain  identical  values 
of  h/b,  model  and  full  soale,  there  are  the  following  possibilities  of  geometrical  ohanges  to  the  model: 

(a)  Move  intakes  bodily  out  from  the  sides  of  the  fuselage. 

(b)  Move  wall  of  inlet  adjacent  to' the  fuselage  side  outwards  keeping  the  rest  of  the  intake  identical. 

(c)  Reduce  body  size  adjacent  to  the  inlets  so  that  fineness  ratio  of  the  forward  fusslage  is  increased. 

(d)  Bleed  some  of  the  boundary  layer  from  the  fuselage  forward  of  the  position  of  the  intakes. 
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The  last  of  these  alternatives  would  appear  to  he  the  best  hut  has  difficulties  associated  with  force 
measurements,  establishment  of  the  corrsot  profils  turbulent  boundary  layer  before  the  inlet  position  is 
reached,  etc. 

Usually  the  pressure  drag  of  the  diverter  AC_  is  determined  based  on  the  diverter  frontal  area,  and 

*div 

this  coefficient  is  then  applied  to  the  correct  size  diverters  on  the  full  scale  aircraft. 

Pig.  15  shows  a  typical  inlet  test  arrangement  with  bleed  and  bypass  to  the  external  flow.  The  goal 
of  this  set-up  is  to  measure  the  pressure  recovery,  and  flow  distortions  at  the  engine  face.  For  models 
determining  the  internal  flow  the  seals  should  be  as  large  as  possible,  preferably  of  the  order  of  l/6th 
for  a  average  fighter  aircraft. 

In  duplicating  bleed  systems  in  a  model  for  internal  flow  quality  measurements  the  goal  is  to  main¬ 
tain  a  viscous  layer  through  the  inlet  which  reacts  to  inlet  pressure  gradients  similarly  to  full  scale 
flight  operation.  It  is  advisable  then  to  perform  some  theoretical  analysis  on  the  flight  vehicle  bleed 
system  to  determine  plenum  back  pressures  and  then  perform  wind  tunnel  tests  over  a  small  range  of  back 
pressures  near  that  value  in  order  to  be  absolutely  certain  of  acquiring  representative  data.  In  cases 
where  wind  tunnel  test  conditions  do  not  match  flight  Re  (Reynolds  number  based  on  boundary  layer  height), 
it  may  be  necessary  to  make  adjustments  in  the  size  of  bleed  holes  (or  slots)  in  order  to  remove  the 
props r  amount  of  flow. 

EXTERNAL  FLOW  SIMULATION  FOR  INLET  FLOW  TESTS 

Besides  the  problem  of  diverter  and  bleed  representation  in  wind  tunnels  the  simulation  of  the  flow 
field  in  which  an  inlst  is  immersed  can  be  also,  an  important  and  difficult  task  in  transonic  wind  tunnel 
tests.  If  the  inlet  system  is  to  operate  only  at  high  subsonic  Kaoh  numbers  and/or  is  located  reasonably 
well  ahead  of  the  regions  where  the  flow  fields  are  significantly  affected  by  the  proximity  of  the  flight 
vehicle,  isolated  inlet  tests  are  acceptable.  An  ultimate  check-out  is  always  necessary  with  the  correct 
model  flow  field.  When  inlets  are  closely  integrated  with  the  flight  vehicle  and  especially  when  these 
inlets  are  designed  for  moderate  to  high  supersonic  Mach  number  flight,  the  inlet  flow  field  is  mostly 
defined  by  the  vehicle  forebody  shape  and  attitude,  but  oan  be  affected  tangibly  by  diverter  shapes,  near 
by  stabilizer  surfaces,  nose  booms,  and  external  stores.  If  a  large  part  of  the  airframe  must  be  simulat¬ 
ed  in  the  wind  tunnel  for  proper  flow  field  duplication,  losses  must  be  accepted  for  the  reduced  scale, 
and  hence  reduced  Reynolds  number. 

In  simulating  the  external  flow  field  at  transonic  Mach  numbers,  it  is  particularly  important  to  re¬ 
produce  viscous  conditions,  vortices  and  local  flow  angularities,  local  values  of  Mach  number  and  total 
pressure  also  come  into  play  as  part  of  this  simulation.  The  inlet  may  be  rather  sensitive  to  local  flow 
angularities  with  flow  separation  (internal  or  external)  resulting  from  high  flow  incidence  angles  with 
inlet  boundary  layer  diverters,  side  plate e,  or  oowls.  Vortex  formation  from  some  of  the  possible  up¬ 
stream  sources  mentioned  above  may  be  shed  into  tht*  region  where  an  inlet  is  to  be  located  and,  conse¬ 
quently,  Bhould  be  defined  during  development  wind  tunnel  tests.  Also,  in  transonic  inlet  tests  it  is 
advisable  to  consider  duplicating  some  disturbances  downstream  of  the  inlet,  e.g.,  downstream  portions  of 
ths  wing  when  the  inlet. is  shielded  by  the  wing.  In  thi3  context,  the  question  arises  also,  does  the 
actual  engine  exhaust  influence  the  inlet  flow  field.  Usually  this  question  remains  unanswered,  but  might 
be  worthy  of  consideration  in  many  instances. 

Fig.  16  shows  an  example  of  the  type  of  instrumentation  which  might  be  provided  for  such  installat¬ 
ions  including  boundary  layer  profile  measurements,  wing  and  fuselage  static  pressure  surveys,  and  in- 
viBcid  flow  field  measurements.  The  flow  field  measurements  should  be  made  with  some  type  of  cone  probe 
arrangement  with  which  local  flow  angularity,  Maoh  number  and  total  pressure  can  be  determined. 

Another  testing  technique  to  bs  explored  is  the  use  of  small  scale  forebody  tests  to  determins  inlet 
flow  fields.  If  a  low  blockage  aerodynamic  device  oan  then  be  constructed  which  reproduces  the  flow  field 
generated  by  the  actual  forebody,  it  would  be  possible  to  teet  the  larger  scale  inlet  in  the  correct  flow 
field  generated  by  this  device.  The  questions  to  be  answered  in  future  investigations  of  this  concept  are 
whether  the  flow  fields  can  bs  duplicated,  whether  varying  aircraft  angles-of-attack  can  be  reproduced, 
and  whether  inlet  installation  in  the  simulated  flow  field  has  the  same  effect  as  i^s  installation  in  the 
vicinity  of  the  actual  vehicle  forebody. 

INLET  DISTORTIONS 

For  the  inlet  flow  entering  the  engine  four  properties  are  of  primary  importance  namely,  the  mass 
flow,  the  pressure  recovery,  the  stationary  distortions  and  the  unsteady  or  dynamic  distortions.  Mass 
flow  measurements  have  been  discussed,  whereas  pressure  recovery  measurements  usually  do  not  generate 
many  difficulties  provided  the  pitot  and  static  pressure  data  at  the  compressor  face  are  sufficiently 
detailed.  Also  the  static  distortion  determination  should  not  present  any  problem  (except  for  Reynolds 
number  scaling)  provided  the  data  are  consistent  with  the  distortion  requirements  of  the  engine  as  defined 
by  the  engine  manufacturer . 

The  recent  advance  of  the  turbofan  engine  cycle  for  application  in  high  performance  supersonic 
vehicles  has  required  more  detailed  study  for  engine-interfaos  dynamic-interactions.  The  engine  might 
randomly  surge  after  perhaps  sometimes  spent  at  a  steady  state  condition  which  initially  appeared  to  be 
acceptable  to  the  engine.  Indications  at  present  are  that  the  engine  is  insensitive  to  inflow  dynamics 
in  the  lower  transonic  operation  regime.  However,  during  supersonic  operation,  starting  at  Moo  ~  1.1,  the 
engine  is  susceptible  to  the  dynamic  distortions.  Fig.  17  gives  an  example  of  the  reduction  in  stall 
margin  of  a  turbofan  engine  (where  10  °/o  loss  in  surge  line  s:  100  °/o  reduction,  in  stall  margin)  versus 
the  low  frequency  turbulence  level,  generated  by  various  means.  Ths  lower  diagram  shows  the  percent  loss 
in  total  flow  for  the  same  condition.  In  the  first  case  a  correlation  can  be  found?  in  the  latter 
correlation  is  completely  lost.  It  is  clear  from  these  figures  that  more  work  is  needed  to  establish 
better  correlations  which  describe  .the  influence  of  the  dynamic  distortion  properties  on  the  engine 
characteristics.  Recent  experience  suggests  that  the  initiation  of  surge  can  probably  be  linked  to  the 
steady  Btate  distortion  index  provided  this  information  can  be  sampled  quickly  enough  i.e.  if  the  steady 
state  distortion  factor  is  exceeded  while  the  compressor  ie  rotating  for  one  revolution  then  surge  can  be 
initiated  (5)*  If  this  is  true  then  the  measuring  problem  in  the  wind  tunnel  reduces  to  dynamic  measure¬ 
ment  of  pressures  through  the  use  of  miniature  high  response  pressure  transducers. 

However  after  ths  measurement  in  the  wind  tunnel  the  problem  arises  .how  to  translate  the  wind 
turnisl  data  bo  full  scale  with  the  aotual  engine.  The  causes  of  the  distortions  can  he  numerous  and 
probably  mutual  interference  exists.  Important  factors  in  this  phenomsnum  arc  turbulence  caused  by 
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by  separations,  turbulence  level  and  frequency,  acoustic  characteristics  of  the  main  flow,  compressor 
dynamics  and  aooustio  characteristics.  This  means  that  Reynolds  numbsr,  scale  and  engine  characteristics 
are  primary  parameters.  The  dependence  of  scaling  laws  on  these  parameters  is  unknown  (6). 

CONCLUDING  REMARKS 

From  the  answers  as  obtained  in  the  questionnaire  and  from  the  discussions  between  specialists  held 
afterwards, it  oan  bs  concluded  that  more  effort  on  inlet  performancs  predictions  at  transonic  speeds  is 
required,  especially  on  the  following  subjects: 

le.  Better  criteria  are  needed  under  which  conditions  and  to  which  extend  the  downstream  geometry  and 
systems  (e.g.  exhaust  flow)  should  be  represented  in  wind  tunnel  tests  for  external  drag  components 
(bleed,  spillage,  bypass,  diverter)  assessment? 

2e.  It  should  be  very  useful  to  define  one  or  more  standard  inlet  configurations  for  testing  in  the 
various  test  rigs  for  inlet  drag  component  assessment  in  order  to  establish  standards  for  the 
accuracy  of  data  gathering  and  reduction  for  particular  testing  schemes  and  techniques. 

3e.  Mors  knowledge  should  become  available  on  the  relationships  between  upstream  distortions  (pressure, 
temperature,  unsteady,  swirl)  on  the  measuring  accuracy  of  various  techniques  and  test  cells  for 
inlet  mass  flow  measurements?  also  a  standard  (or  technique)  should  be  formulated  for  mass  flow  test 
cell  calibrations. 

4e.  Bettsr  techniques  and  criteria  should  come  available  how  to  represent  the  viscous  and  inviscid  up¬ 
stream  flow  field  for  performances  testing  of  inlet  systems  (diverters,  bleeds,  bypass).  What  are  ths 
relevant  parameters  which  should  be  kept  constant. 

5e.  Criteria  should  come  available  how  to  represent  the  external  flow  in  which  the  inlet  is  operating  for 
measuring  the  internal  performances  of  an  inlet. 

6e.  More  information  is  needed  on  the  scaling  laws  for  stationary  and  unsteady  flow  distortions  at  the 
compressor  entrancs  plane,  in  combination  with  the  engine  dynamics  and  noise  characteristics. 
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FU  * UNINSTALLEO  GROSS  THRUST  AS  SPECIFIED  BY  ENGINE  COMPANY  WITH  REFERENCE  NOZZLE 
Pj  =  INSTALLED  GROSS  THRUST  »  Fy  4  AFN  -DN+ AF,NU 

AFw  c  DIFFERENCE  IN  GROSS  THRUST  OF  ACTUAL  NOZZLE  DIFFERENT  FRDM  REFERENCE  NOZZLE  EXNAUSTING  INTO 
QUIESCENT  ATMOSPHERE. 

Dn  -  DIFFERENCE  IN  GROSS  THRUST  OF  ACTUAL  NOZZLE  EXHAUSTING  INTO  QUIESCENT  ATMOSPHERE  AND  WITH 
EXTERNAL  FLOW  .  % 

AF|NL  *  DIFFERENCE  IN  GRDfct •WvHFiT  i^i^VtaLET  FLOW  DISTORTIONS  AND  NOT  COMPLETE  PRESSURE  RECOVERY 


D 

■AD, 

D, 

D 

db 

AD 


.^AUX 

ADap1 


ADD 

EXT 

INT 

BL 


^SPILLAGE  ORAGDUE  TO  AQ5<A|  VS  A^sAj 
=  DADO+ADBXT 

c  AOOITIVE  OR  PRE  ENTRY  DRAG  (  PRESSURE  FORCES  ACTING  ON  STREAMTUBE  ) 

*  CHANGE  IN  INLET  EXTERNAL  DRAG.  PRESSURE  DRAG.  WAVE  DRAG,  FRICTION  ORAG  (IDEALLY  Dad0=-ADext) 
s  INTERNAL  INLET  DRAG 

*  CHANGE  IN  AIRPLANE  ORAG  WITH  BOUNOARY  LAYER  BLEED  VS  NO  BLEED 
«  CHANGE  IN  AIRPLANE  DRAG  WITN  BY  -  PASS  INSTALLED  Vs  NO  BY-PASS 

s  CHANGE  IN  AIRPLANE  DRAG  (EXCEPT  INLET)  OUE  TO  Afl0<Aj  VS  ACD  =  A;  OR  A^eApgp 
a  CHANGE  IN  AIRPLANE  ORAG  DUE  TO  AUXILIARY  AIRSYSTEM  INSTALLED  VS  NO  AUX.  SYSTEM  INSTALLED 

c  CHANGE  in  airplane  drag  due  to  actual  nozzle  flow  ano  reference  nozzle  flow  or  reference 

NOZZLE  GEOMETRY 

s  NET  THRUST  =  Fj-  MV  (  M  =  ENGINE  MASS  FLOW)  ^ 


Fig,l  Schematic  representation  of  various  thrust  and  drag  terms 


Fig, 2  Thrust  and  drag  accounting  eystem 
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EXTERNAL  DRAG 


COMPLETE  MODEL  {  AERO  REFERENCE  MODEL  ) 
FOR  MEASUREMENT  OF  L.  M,  D  ETC. 


USUALLY  COMPLETE  WITN  INTAKES  (  WITH  FLOW  THROUGH) 
ANO  WITH  OISTDRTED  REAR  FUSELAGE  (DUE  TO  PRESENCE 
DF  STING  SUPPORT) 


THESE  QUESTIONS  MUST  BE  ANSWEREO 
BEFORE  MODEL  CAN  BE  DESIGNED 


_ _  ..  .. 

OJWS'fcj  vJ-CN  4  " 

SURFACE 

REPRESENTATION? 

BLEED  OR  DIVERTER 

BETWEEN  INTAKE  ANO 

FUSELAGE  OR  WING  ? 
SIZE  OF  OIVERTER  ? 

BLEED  ON 

INTAKE 

COMPRESSION 

SURFACE  ? 

FIXED  OR 

VARIABLE 

•  EXIT  TO 

•ENGINE’ 

EXHAUST  ? 

n 

ACHIEVABLE 

ACCURACY  OF 

MEASUREMENT 

FOR  MASS  FLOW 

AND  INTERNAL  ORAG 

Pig* 3  Problems  of  representation  of  air  inlets  on  complete  aircraft  models 
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AERO  REF  MOOEL 


PROPULSION  REF  INLET 

PROPULSION  TEST  CONFIGURATIONS 


PROPULSION  BASIC  INLET 


AERO  FORCE  MOOEL 

ORAG  A/v  =  OR  AG  AER0  MODEL  "  REF 

A  0  REF  *  0  AERO  REF  ~  °PROP  REF 
A  0  REF  OBTAINEO  FROM  PROPULSION  MODEL 
A  OrEF  OBTAINEO  FOR  RANGE  OF<X 


PROPULSION  MOOEL 


AO 


I  c  u PROP  BASIC  PROP  R 

c&Di  +  AOi  4  A  0 1  .  ....  . 

'CR  ’ADO  'BLC  'BP 


+  Ao. 


A  0,  OBTAINED  FOR  RANGE  OF  oC 


Fig. 5  Inlet  drag  bookkeeping 


Fig. 6  Inlet  model  with  raetrio  inlet  only 
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Fig. 7  Inlet  performance  model  with  metric  fore body  and  inlets 


Fig. 8  Partial  model  of  strike-fighter  for  measurement  of  cowl,  spillage  and  diverter  drag 


EJECTOR 


BOUNDARY-LAYER 
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Fig. 11  Cell  for  measurement  of  engine  face  reoovery,  flow  distortions  and  maBB  flow,  inoluding 
calibration  data 


CELL  INLET  PIPE 


Fig, 12  Hass  flow  calibration  tunnel 


Fig. 14  Possible  geometry  chances  to  inlet  model  retaining  ^/b 


SUCTION 


TO  SUCTION 
PUMP 


Fig. 13  Possible  mass  flow  cell  calibration  arrangements 
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PERCENT  LOSS  IN  SURGE  LINE 
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6LEeo  BYPASS  COMPRESSOR  PACE 


Fig,15  Typical  inlet  performance  teet  arrangement  with  bleed  and  by  pase  to  external  flow 
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DYNAMIC  REF. 

Fig. 16 

Example  of  external 

flow  field  eurvey 

FAN  ON  OPERATING  LINE  N,  '/e  -  0500 


-  INLET  CONFIGURATION 
,Jf  0  BELLMOUTH 
O  UNMOOIFI EO 
AgRILL  OF  Vi  INCH  RODS 
D  3-INCH  PIPES 
Oeggcrate 
it-  24  VANE  SUPPORT  A  340°  SCREEN 


0.01  0.02 
TURBULENCE  LEVEL  RMS  | 


FAN  ON  OPERATING  LINE  N,  /e  e  0500 

.  INLET  CONFIGURATION 
V  BELLMOUTH 

O  UNM00I  FI  EO  □ 

|-  AgRILL  OF  '/,  INCH  ROOS 

□  3-INCH  PIPES 

I  Oeggcrate  5] 

L  \)2A  VANE  SUPPORT  &  360°  SCREEN 


o* 


0.0 1  0,02 

TURBULENCE  LEVEL**  RM5  (0-  100  HZ) 


Fig.  17  Surge  line  reduotion  and  loss  in  flow  VS  "turbulence  level 
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NOZZLE  AND  EXHAUST  TESTING  IN  TRANSONIC  FLIGHT  REGIME 


by 

Dr.  Allen  E.  Fuhs 
Frofessor  of  Aeronautics 
Naval  Postgraduate  School 
Monterey,  California,  9^940 
United  States  of  America 


SUMMARY 


This  paper  is  a  broad  survey  based  on  the  AGARD  ad  hoc  study  on  Engine  Airframe  Interference. 
In  the  early  stages  of  development,  wind  tunnel  tests  of  nozzles  and  exhausts  are  conducted  both  isolated 
and  in  models  of  the  afterbody.  Later,  thrust  measurements  are  made  in  test  facilities  at  sea  level  and 
altitude  conditions  followed  by  flight  tests.  Drag  of  nozzle,  boattail,  etc.,  is  determined  as  well  as 
thrust.  Simulation  of  exhausts  by  hot  and  cold  gases,  ejectors,  end  powered  simulators  is  an  important 
facet  of  testing.  Unsteady  aerodynamics  of  internal  and  external  flow  and  aeroelastic  phenomena  need  to 
be  examined.  These  topics  are  discussed  for  both  podded  and  buried  engines.  Major  conclusions  of  the 
study  related  to  exhausts  and  nozzles  are  given. 

LIST  OF  SYMBOLS 


When  one  symbol  is  adjacent  to  a  second  symbol  in  parentheses,  the  first  symbol  is  the  one 
commonly  used  in  the  United  States  of  America.  The  symbol  in  parentheses  is  the  one  used  in  Europe. 


A 

e 

2 

nozzle  exit  area,  ft 

F  ,  (X  ) 

g  g 

gross  thrust,  lb^.,  (newton) 

aj 

A 

P 

2 

jet  cross-sectional  area,  ft 

Fi' 

isentropic  gross  thrust;  ideal  gross 

2 

area  at  plane  of  probe  traverse,  ft 

2 

*  id 

Fm 

thrust,  lb^.,  (newton) 
measured  force  during  engine  test,  lb^. 

A 

w 

wall  area  of  a  nozzle,  in 

F 

net 

h 

net  thrust,  lb^. 

A 

X 

jet  cross-sectional  area  at 
station  x,  ft2 

specific  static  enthalpy  at  nozzle 

A0”  Aq 

2 

inlet  capture  area,  ft 

2 

e 

exit,  BTU/lb 
'  m 

epecific  stagnation  enthalpy,  BTU/lb^ 

horsepower 

mass  flow  ratio  for  an  inlet  which  is 
the  ratio  of  actual  mass  flow  rate 

A* 

B 

Cd’  (CD} 

area  at  sonic  conditions,  ft 

bypass  ratio 

discharge  coefficient 

HP 

m 

CDadd 

CDcowl 

CDspill 

additive  drag  coefficient 

cowl  drag  coefficient 

&a 

to  mass  flow  rate  with  no  spillage 

mass  flow  rate  of  air,  lb  /sec 
m 

spillage  drag  coefficient 

K 

mase  flow  rate  through  the  core  of  a 
turbofan,  lb  /sec 

D 

thrust  minus  drag  coefficient  which 

mase  flow  rate  in  turbine  exhaust  of  a 

r—u 

is  ratio  of  (F~D)  to  ideal  thrust 

e 

simulator,  Ib^/sec 

^FG  * 

gross  thrust  coefficient 

®f 

muss  flow  rate  of  fuel;  mass  flow 

C 

pressure  coefficient;  specific  heat 

passing  through  the  fan  of  a 
turbofan,  lb^/sec 

P 

capacity  at  constant  pressure, 

BTU/lb  °R 

mass  flow  rate  of  simulator  exhaust 

^pbase 

m 

base  pressure  coefficient 

jet,  lb ^/sec 

inlet  mass  flow  rate,  lb  /sec 

D 

D 

a 

aircraft  drag,  lbt>;  nozzle  diameter,  ft 

afterbody  drag,  lb^, 

o 

\ 

m 

mass  flow  rate  through  turbine, 
lb^/sec 

Db 

base  drag,  lb^. 

(xr) 

ram  drag,  lbf,  (newtons) 

°E 

exhaust  drag,  lb^. 

M 

Kach  number  '  "  - 

Di 

nozzle  internal  drag,  Ib^. 

M 

a 

Mach  number  at  engine-bellmouth  flange 

DI 

inlet  drag,  lbf 

K 

e 

exhaust  Mach  number 

D 

n 

Det 

external  nozzle  drag,  lb^. 

^EXIT 

Kach  number  at  exit  plane  of  a 

sting  drag,  lbf 

converging  nozzle 

frees tream  or  flight  Mach  number 

F,  (X) 

net  thrust,  lb^.,  (newton) 
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N,  (n)  shaft  angular  speed,  revolutions  per  V 

irdnute,  RFK 


velocity  due  to  ideal  expansion, 
f t/seo 


NPR,  (P) 
P 


PT.  (p) 


nozzle  pressure  ratio  which  is  nozzle 
stagnation  pressure  divided  by  p^ 

static  pressure,  Ib^/in^,  (newton/m^) 

static  pressure  at  nozzle  exit, 
lbf/in2 

stagnation  pressure,  lb  /in  , 
(newton/nr) 


U 

J 

y 


ex 


freestream  velocity;  flight  velocity, 
ft/sec 

dimensionless  axial  distance  measured 
from  throat 

radial  distance  at  exit  plane  of  a 
converging  nozzle,  ft 

wave  number  for  a  wavy  wall,  1/ft 


PTJ 

pv 

P„ 

R 

Re 


2 

jet  stagnation  pressure,  lbf/ft 

2 

static  pressure  at  wall,  lb^/in 

2 

freestream  static  pressure,  lb^/in 

gas  constant  for  air, 

1715  ftVsec2  R 

Reynolds  number 


fraction  of  turbine  drive  mass  flow 
mixed  with  the  jet  mass  flow 

ratio  of  heat  capacities 

heat  capacity  ratio  for  gases  in 
exhaust  jet 

boundary  layer  thickness  for  internal 
nozzle  flow,  in 


(  )  subscript  to  denote  reference  values 

r  for  which  drag  and  thrust 

increments  are  zero 


(  )  subscript  to  denote  reference  values 

1  attained  with  the  aeroforce  model 

T  static  temperature,  °R,  (°K) 

T  static  air  temperature  at  engine- 

a  bellmouth  flange,  °R 


T  static  temperature  at  nozzle 

e  exit,  °R 

Tt,  (Tt)  stagnation  temperature,  °R,  (°K) 

Tt.  Jet  stagnation  temperature,  °R 

A  J 

v  ,  Vq,  vz  radial,  circumferential,  and  axial 
r  2  components  of  velocity,  f t/seo 


V  velocity  of  air  at  engine- 

a  bellmouth  flange,  ft/sec 


V  axial  component  of  exhaust  velocity, 

e  ft/sec 


e 

0 


A 

P 

To 


Tr 

n 


boundary  layer  thickness  for  external 
flow,  in 

amplitude  of  a  wavy  wall,  ft 

ratio  of  actual  temperature  to 
standard  temperature  for  corrected 
variables  in  turbomachine ryj  angle 
between  exhaust  velocity  vector 
and  axial  component  of  velocity; 
when  swirl  is  present  angle  between 
axial  and  radial  components 

swirl  angle  measured  from  axial  com¬ 
ponent  to  circumferential  component 

gas  static  density,  lb^/ft^ 

compressor  stagnation  temperature 
ratio 

ram  tempo rature  ratio 

turbine  stagnation  temperature  ratio 
equal  to  downstream  divided  by 
upstream  stagnation  temperature 


INTRODUCTION 

A  vehicle  has  a  mission  to  accomplish.  The  mi33ion  is  basically  defined  in  terms  of  range, 
payload,  cruise  Mach  number,  cruise  altitude,  and  similar  items.  Vehicle  studies  indicate  the  best 
design  approach  to  satisfy  mission  requirements.  In  regard  to  propulsion,  results  from  the  studies 
include  installed  thrust,  specific  fuel  consumption,  propulsion  flexibility  (ability  to  operate  under 
widely  varying  conditions),  and  other  facets. 

The  mission  defines  an  operating  map  in  terras  of  Mach  number  and  altitude.  Furthermore*  key 
features  from  energy  maneuverability  may  be  included  in  the  map.  Additional  operational  aspects,  such 
as  remote  site  operation,  multiple  fuel  operation,  maintenance,  etc. ,  are  part  of  mission  and  operational 
requirements.  The  vehicle  design  defines  ranges  of  angle  of  attack,  angle* of  yaw,  engine  acceleration 
and  deceleration  times,  local  Mach  number  at  inlet,  local  exhaust  pressure,  and  similar  details.  Engine 
specifications  become  more  narrowly  and  precisely  defined.  For  the  propulsion  engineer,  these 
operational  requirements  translate  into  hot  and  cold  day  limits,  distortion  limits,  blow-out  limits, 
windmill-start  limits,  stability  margins,  requirements  for  peripheral  equipment,  age  and  foreign  object 
damage  (FOD)  deterioration,  engine  life,  continuity  of  thrust,  etc. 

To  meet  the  engine  specifications,  the  propulsion  engineer  has  several  choices:  Use 
existing  engines,  modify  an  existing  engine,  or  develop  a  new  engine.  If  existing  engines  are  screened 
for  suitability,  it  is  necessary  to  translate  test  cell  data  to  installed  values.  The  best  match  is 
sought  between  engine  performance  and  engine  specifications.  An  ability  to  predict  installed  performance 
based  on  uninstalled  engine  data  is  essential.  The  same  i3  true  when  a  new  engine  is  being  developed  to 
match  a  mission. 
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Some  of  the  difficulties  of  obtaining  installed  thrust  from  test  cell  results  are  illustrated 
in  Figure  1.  Inlet  flow  differs.  Nozzle  design  and  nozzle  environment  differ.  There  are  secondary 
flows,  and  there  may  be  tertiary  flows! % 

Considering  transonic  flow,  a  qualitative  graph  which  depicts  the  situation  in  regard  to 
thrust  and  drag  is  given  in  Figure  2,  The  width  of  the  band  gives  the  uncertainty  due  to  measurement 
inaccuracies. 


MEASUREMENT  OF  ENGINE  THRUST 


The  force  which  the  propulsion  system  develops  is  the  net  thrust,  Fj  this  is  the  force  which 


overcomes  aircraft  external  drag.  Net  thrust  is  related  to  gross  thrust,  F  ,  by 


F  =  F_ 


fn  V 
a 


(i) 


where  ra  is  the  ram  drag.  Obviously,  to  obtain  net  thrust,  the  mass  flow  rate  of  air,  m ,  must  be 
measure?  accurately.  Techniques  include  calibrated  venturi  and  calibrated  bellmouth  for  test  cells  and 
corrected  engine  speed,  N/Vo” »  for  flight  test.  Additive  drag,  which  does  not  appear  in  Eq  (l),  must  be 
accounted  for. 

Gross  thrust  can  be  related  to  properties  at  nozzle  exit  plane 


F 

g 


J^(pe  -  P  )dA 


(2) 


where  V#  is  the  axial  component  of  exit  velocity.  A  gross  thrust  coefficient  is  used  and  is  defined  by 

°FG  "  VFi  (3) 

where  F,  is  an  ideal  thrust.  The  gross  thrust  coefficient  has  several  valuable  characteristics.  Size 
of  the  engine  or  nozzle  is  eliminated.  Since  the  ideal  thrust  can  be  readily  related  to  cycle  analysis, 
CpQ  provides  a  tie  between  cycle  analysis  and  actual  engine  data.  A  scheme  for  predicting  F  when  nozzle 
geometry  changes  can  be  based  on  Cj,q.  8 

The  ideal  thrust  can  be  calculated  from 

F,  *  (4i  ♦  Ajv:  (4) 

i  a  f  i 

where  is  fuel  mass  flow  rate  and  is  the  ideal  velocity  at  nozzle  exit.  V^  can  be  calculated  from 

V1  *\/2{hT  "  he)  <5) 

where  h_,  is  stagnation  enthalpy  and  hft,  the  static  enthalny  at  Tfi  and  p^  =  p  .  Equation  (5)  accounts 
for  variable  heat  capacity  during  expansion.  Equation  (5;  is  a  one-dimensional  equation.  Since 
hT  =  h,p(p^,T^),  the  values  of  p^,  and  T-,  must  represent  the  nozzle  entrance  values  in  some  average  sense. 
Herein  lies  a  problem,  i.e,,  how  to  derine  an  average  for  p,  p_,f  T,  and  T„,.  When  there  is  a  profile  at 
the  nozzle  entrance,  it  is  not  possible  to  assign  an  average  which  satisfies  all  of  the  equations  of 
motion.  " 


There  are  several  ways  to  measure  F  ;  two  of  the  techniques  (load  cell  and  exhaust  survey) 
will  be  discussed  here.  Consider  the  test  arrangement  shown  in  Figure  ‘3  which  is  an  altitude  test 
facility.  Figure  4  is  a  sea  level  static  test  arrangement  which  is  included  here  for  comparison.  The 
gross  thrust  is  given  by 

F  «  F  +  &  V  +  (corrections)  (6) 

g  m  a  a 

where  F  is  the  force  measured  by  the  load  cell,  and  mV  is  the  ram  drag.  A  calibrated  bellmouth  can 
give  with  an  accuracy  of  1  per  cent.  The  velocity  is  determined  from 

’  (7) 

Ma  =  ^Pa^Ta5 

f  * 

The  arrows  identify  the  quantities  which  are  measured  within  the  bellmouth. 


pipes, 


Corrections  are  made  for  forces  due  to  a  labyrinth  seal  at  the  bellmouth,  for  hook  up  of 
tubes,  etc.,  and  for  induced  flow  external  to  the  engine.  _ 


An  alternate  approach  i§_to_ traverse  the  nozzle.  Within  current  testing  philosophy  this  is 
genera  11  ^^egarded  ai  l  secondary  method.  As  shown  in  Figure  5  a  rake  is  moved  across  the  nozzXcTand 
mea^ureatp^p^i'SfEt'  f.  From  these  data  M,  V,  and  are  calculated  at  the  plane  of  the  probe.  Static 


pressure/ports  are  used  to  determine  p  .  Gross  thrust  is  given  by 

5'° 


V 


3-4 


'  KjeRT 


(l  +  tan*1 9  +  tany\.) 


dA  + 


(p  -  p  )  dA  +  (p 


)  dA 


(friction  on  A  ) 
w 


(8) 


If  vr>  v, 

V  -  V 


(>  v  are  the  radial,  circumferential,  and  axial  components  of  velocity  respectively,  then 
^an  §  and  vg  =  v^  tan A.  The  first  integral  in  Eq  (8)  is  placed  in  the  distinct  form  to 
mphasfze  that  swirl 


angle  A  is  important*  XX 


*5  fi 


'  v  * 


wVe-A. 


By  careful  attention  to  experimental  details  it  is  possible  to  obtain  agreement  between  F 
from  Eq  (8)  and  F  from  Eq  (6)  within  1  per  cent.  A  large  source  of  error  for  CF„  may  be  introduced  g 
by  the  method  use§  to  calculate  F..  Using  a  variety  of  plausible  calculation  procedures  for  F.,  it  is 
possible  to  get  a  spread  in  CFG  o£  3  to  4  per  cent.  One  conclusion  is  that  a  consistent  and  1 
intellectually  appealing  way  is  needed  to  relate  cycle  analysis  to  real  engine  data. 


.  To  obtain  installed  thffigt  .the  approach  has  been  to  use  GFG  as 
thrust.  Suppose  you  know^C^T'or  an  engine  using  a  converging  nozzle. 


factor  to  scale  gross 
If  a  plug  nozzle  is  used,  then 


FG 


(FLUG,  MODEL) 


1 


gPLUCi—  CFQ  (COW,  MODEL)  gCONV 


(9) 


Sources  of  error  following  this  procedure  include  influence  of  external  flow,  total  temperature  of  jet, 
Reynolds  number  effects,  swirl,  leakage,  profiles  in  the  flow  properties,  and  occurrence  of  turbulence 
and  other  unsteady  phenomena.  These  errors  and  related  details  are  discussed  in  later  sections  of  this 
paper. 


For  a  given  p,_  and  T,p,  gross  thrust  is  not  a  function  solely  of  nozzle  geometry;  i.e. ,  for 
given  p_,  and  T^,,  a  gross  thrust  value  cannot  be  assigned  to  a  nozzle  geometry.  F  depends  on  both 
internal  and  external  flow  details.  The  magnitude  of  the  influence  of  the  externll  flow  depends  on 
nozzle  type.  Blow-in  door  ejector  nozzles,  plug  nozzles,  and,  to  a  lesser  degree,  convergent  nozzles 
are  sensitive  to  the  external  flow.  Converging  diverging  nozzles  are  almost  insensitive  to  external  flow. 

Profiles  of  p^,  TT>  or  Kach  number  have  a  definite  influence  on  gross  thrust.  There  are  I 

engine  types  with  pronounced  profiles.  ,  turbofans  with  common  discharge  nozzle  for  both  core  and  fan 
streams  and  turbojets  with  modulated  afterburners.  (A  commonly  used  fix  for  afterburner  combustion 
instability  or  screech  is  to  distribute  heat  release  so  as  to  avoid  antinodes  in  wave  patterns. ) 


Equation  (9)  indicates  use  of  model  nozzle  data  to  obtain  prediction  for  full  scale.  This  is 
valid  provided  profiles  of  internal  flow  properties  between  models  and  full  scale  are  similar;  otherwise, 
errors  can  be  introduced. 


To  emphasize  the  significance  of  p„  and  T  profiles  entering  a  converging  nozzle,  calcula¬ 
tions  were  performed.  The  inputs  to  the  calculations  and  some  of  the  results  are  shown  in  Figure  6. 
The  Kach  number  across  the  exit  plane  is  shown.  For  Case  1,  the  Kach  number  is  nearly  the  sane  as  for 
uniform  T,j,  based  on  an  average  T^.  For  Case  2,  the  Kach  number  at  exit  is  altered.  Loss  of  thrust  is 
1,8  per  cent  for  Case  1  and  2.5  per  cent  for  Case  2. 


The  shape  of  the  sonic  line  is  shown  in  Figure  7.  It  is  apparent  that  flow  conditions  at  the 
exit  change  when  the  internal  flow  profiles  change.  This  changes  the  integrand  of  the  integrals  in 
Eq  (2).  In  addition,  the  sonic  line  shape  changes  with  nozzle  pressure  ratio,  which  is  stagnation 
pressure  at  nozzle  entrance  divided  by  ambient  static  pressure. 

Engine  tests  are  frequently  conducted  using  a  converging  nozzle  as  the  reference.  Considering 
the  sensitivity  of  gross  thrust  from  convergent  nozzles  to  nozzle  pressure  ratio,  a  converging  diverging 
(CD)  nozzle  may  be  a  better  choice  for  a  reference.  Use  of  a  CD  nozzle  does  not,  however,  change  the 
dependence  on  entrance  profiles. 


Figure  8  shows  some  typical  data  and  illustrates  the  possible  errors  between  various  sources. 
Using  average  and  T^,  along  with  a  1-D  theory,  the  value  of  thrust  coefficient  is  predicted.  (See 
dash-dot  curve. )  When  model  test  data  are  extrapolated  to  full  scale,  the  result  is  shown  in  Figure  8  as 
a  dashed  curve.  The  solid  curve  and  data  points  are  for  the  actual  nozzle. 

Flow  in  the  gas  turbine  is  three  dimensional.  When  accuracy  of  1  per  cent  or  2  per  cent  is 
desired  for  thrust,  three-dimensional  aspects  must  be  accounted  for.  For  coarse  work,  engine  performance 
stated  in  terms  of  quantities  involving  1-D  calculations,  e.g. ,  F.,  is  adequate.  For  refined  work, 
engine  performance  should  bejjiven  in  therms  offj’low  prof iles  at  some  station  between  the  turbine  exit  and 
no  zzIVentr  ancseT  These  prof  lies 'form  the  boundary  condItibWTorrXTJomput'eT,^ei.erm  fried  F  or  an 
experimental  evaluation  of  F  using  model  nozzles.  ® 

EXHAUSTS 


Introduction 


Once  a  given  jet  engine  has  been  selected,  the  nozzle  selection  remains  open.  As  shown  in 
Figure  9 i  there  is  a  wide  variety  of  nozzle  designs  from  which  to  choose.  The  aim  of  this  section  is  to 
indicate  how  a  prediction  of  installed  thrust  can  be  made  based  on  wind  tunnel  data  and  engine  test  cell 
data.  The  techniques  for  estimating  nozzle  performance  and  jet  interference  will  be  discussed. 

The  transonic  flight  regime  is  a  region  where  afterbody  and  nozzle  drag  is  high.  There  are 
at  least  four  operating  conditions  that  must  be  thoroughly  investigated;  (l)  transonic  cruise, 
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(2)  transonic  acceleration,  (3)  transonic  deceleration,  and  (4)  high-g  maneuvers.  These  four  operating 
conditions  have  different  nozzle  pressure  ratio,  exhaust  stagnation  temperature,  nozzle  area  ratio,  heat 
capacity  ratio,  and  aircraft  angle  of  attack.  Figure  10  shows  the  typical  range  for  some  of  these 
variables. 


Afterbody  models  are  used  to  complete  the  necessary  drag  data.  These  models  are  in  addition 
to  the  aeroforce  model,  which  is  a  reproduction  of  the  complete'  aircraft.  Afterbody  drag  and  nozzle  drag 
may  be  20  to  40  per  cent  of  complete  aircraft  drag  at  transonic  flight.  A  variety  of  bookkeeping 
procedures  has  been  developed  to  define,  identify,  measure,,  diagnose,  and  correct  forces  of  various 
components. 


The  trend  in  nozzle  design  has  been  to  iris  and  plug  nozzles.  Development  of  fan  engines  has 
made  cooling  air  availa^Te.^-  wfb^^^s’heVdeH^a^TToir'bT^co^iAh^^CF^IMrcR^ could  be  obtained  from  ejector 
action  of  the  primary  jet.  Early  jet  fighter  aircraft  placed  heavy  emphasis  on  ejector  nozzles.  For 
some  supersonic  aircraft,  blow-in  door  ejector  nozzles  provide  performance  gains  in  transonic  flight. 
Variable  geometry  nozzles  are  essential  for  multiple  Mach  number  design  points. 

There  is  a  wide  number  of  variables  related  to  nozzles  and  exhausts.  Table  I  lists  these 
variables.  A  particular  nozzle  problem  can  be  stated  or  specified  by  taking  one  adjective  for  each 
variable  from  the  right-hand  column,  i/hen  this  is  done,  there  are  62,208  different  combinations,  imply¬ 
ing  that  number  of  nozzle  configurations.1 

TABLE  I.  VARIABLES  RELATED  TO  EXHAUSTS 

Variable  Possible  Values  or  Feature 

Mainstream  Mach  Humber 
Jet  Mach  Number 
Nozzle  Fressure  Ratio 
Direction  of  Jet 
Number  of  Exit  Forts 
Spacing  of  Multiple  Jets 
Number  of  Nozzle  Streams 
Geometry  of  Afterbody 
Shape  of  Afterbody 
Boundary  Layer,  Internal 
Boundary  Layer,  External 
Ratio  6*  to  Jet  Diameter 
Sensitivity  to  External  Flow 


Subsonic  -  Transonic  -  Supersonic  -  Hypersonic 

Subsonic  -  Transonic  -  Supersonic  -  Hypersonic 

Overexpanded  -  Optimum  -  Underexpanded 

Parallel  -  Acute  Angle  -  Normal 

Single  -  Dual  -  Multiple 

Narrow  -  One  Jet  Diameter  -  Vide 

Primary  -  Primary  and  Secondary  -  Primary,  Secondary,  and  Tertiary 

Axisymmetric  -  Nonaxi symmetric 

Blunt  Base  -  Smooth  Contour 

Laminar  -  Turbulent 

Laminar  -  Turbulent 

(Smooth  Variation  of  This  Parameter) 

None  -  Influenced 


An  important  aspect  of  nozzle  and  exhaust  testing  is  the  fidelity  of  jet  simulation.  Jet 
simulation  will  be  discussed. 

Test  planning  involves  many  considerations  including  the  type  of  nozzle  and  tvpe  of  installa¬ 
tion.  Extent  of  simulation,  as  mentioned  previously,  must  be  decided.  Compromises  are  required  by  con¬ 
straints  of  local  facilities  and  program  goals;  decisions  concerning  compromises  are  based  on  past 
experience. 


Accuracy 

Accuracy  of  determination  of  thrust  should  be,  of  course,  compatible  with  the  accuracy  of 
measurement  of  drag.  Since  the  aircraft  senses  net  thrust  and  the  procedures  yield  gross  thrust,  it  is 
necessary  to  have  a  more  precise  measurement  of  gross  thrust.  The  ratio  is  2  to  3  for  transonic 

flight.  Assessment  of  accuracy  is  complicated  by  the  many  instruments  Slflf $T3y]i^  in~€Ke“ 
fffqtrsifce,  the  many  models  used  for  obtaining  drag  increments  and  separate  portions  of  overall  drag,  and 
the  complex  test  apparatus.  Desired  accuracy  In  the  transonic  region  is  0.5  per  cent  for  F^. 

Isolated  Nozzle  V ersus  Complete  Model  Tests 

Isolated  nozzle  tests  are  a  very  close  approximation  to  a  two-dimensional  flow  problem.  The 
geometry  is  usually  axisymmetric  without  fins,  elevators,  or  other  features.  An  afterbody  or  complete 
model  test  duplicates  the  geometry  of  the  aircraft.  This  is  a  three-dimensional  problem.  Figure  11 
illustrates  the  3-D  nature  of  the  external  flow  by  showing  local  Mach  number  and  boundary  layer  thickness. 
The  influence  of  wing3,  tails,  and  other  upstream  features  is  clearly  evident. 

Isolated  nozzle  tests,  which  are  valuable  for  comparing  different  nozzle  designs,  are  usually 
conducted  early  in  the  development  phase.  In  later  phasea  of  the  aircraft  development,  absolute  values 
for  nozzle  performance  parameters  are  needed.  For  these  purposes  complete  model  tests  are  usually  con¬ 
ducted.  Advantages  and  disadvantages  for  isolated  and  complete  model  tests  are  summarized  in  Tables  II 
and  III.  Figure  12  illustrates  two  test  arrangements  for  a  wind  tunnel.  Figure  13  is  a  photograph 
showing  an  example  where  the  feed  pipe  entera  from  the  plennum. 
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TABLE  II.  ISOLATED  NOZZLE  TESTS 


_ Advantages _ 

Larger  Scale,  Hence  Larger  Re 
Larger  Scale,  Easier  to  Instrument 
Larger  Scale,  Exact  Detailing  Fossible 

Necessary  for  Checking  New  Nozzle  Concepts 
and  Basic  Studies 

Baseline  for  Uninstalled^ Performance") 

Substantiate  Calculations;  Easier  Geometry 
for  Which  to  Make  Predictions 

Relatively  Economical  _ 


Disadvantages 

Flow  is  2-D  Instead  of  3-D 

Installation  Eff ects  Kay  Require  Nozzle 
Redesign 

Do  Not  Form  Basis  for  Predicting 
Interference  in  3-D  Models 

Support  Structure  Eliminates  Possibility 
for  True  Isolated  Tests 

Not  Adequate  for  Interference  Between 
Multiple  Nozzlee 


TABLE  III.  COKFLSTE  MODEL  TESTS 

Ad  vantage  a  -■*'  "*  D  is  ad  van  tag  ee 

. .  ■■■■—■  I.—  —.  ■ 


Better  External  Flow  Simulation ' 

Only  Means  Available  to  Predict  Installed 
Nozzle  Performance 

Verifies  Aircraft  Design 

Influence  on  Aircraft  Aerodynamics  Can  Be 
Measured 

Influence  of  Exhaust  Flume  on  Control 
Surface  Effectiveness  Can  Be  Determined 

pylon  Design  Verified 
Flow  Visualization  Possible 
Multiple  Nozzle  Designs  Verified 


Small  Size  Nozzle  or  Else  Very  Large 
Tunnel  Needed 

Complex  Shape  Requires  More  Extensive 
Instrumentation 

Simulation  of  Secondary  or  Tertiary  Flow  - — 

Difficult 

Support  System  Interference  Needs  Careful 
Checking 

Models  Are  Complex  and  Costly 
Low  Re  for  Nozzle  Due  to  Size 
Changes  in  Geometry  Are  Difficult  to  Make 

Hot  Jets  Difficult  to  Incorporate  - - 

Profile  into  Nozzle  May  Be  Poor 
Difficult  to  Measure  Mass  Flow  Accurately 


Jet  Simulation 

Jet  simulation  involves  duplication  in  a  model  scale  exhaust  features  from  the  full  scale  jet 
by  using  suitable  scaling  criteria.  The  relative  importance  of  a  particular  jet  flow  property  depends 
on  the  use  of  the  test  results.  Extent  of  eimulation  depends  on  type  of  nozzle,  installation  of  the 
propulsion  system  on  the  aircraft,  and  the  required  accuracy  of  the  test  data. 

Actual  installations  are  almoet  always  three  dimensional  in  character.  Pfedel  size  is  limited 
by  blockage  restrictions  in  a  transonio  tunnel.  Jet  simulation  must  be  incomplete.  Laws  of  fluid 
mechanics  quite  precisely  define  the  scaling  rules  and  the  necessary  conditions  for  similitude.  The 
problem  is  to  determine  the  consequence  when  some  of  the  conditions  are  violated. 

Figure  14  illustrates  different  nozzle  tests.  Static  tests  are  conducted  without  external 
flow  and  closely  parallel  engine  tests  in  sea  level  static  test  stands  or  in  altitude  test  facilities. 
When  external  flow  is  added,  the  tests  can  be  separated  into  two  categories:  (l)  nozzle  flow  immune  to 
external  flow  and  (2)  nozzle  flow  sensitive  to  external  flow. 

In  regard  to  thrust,  the  key  question  is  whether  or  not  the  external  flow  can  influence  flow 
at  the  nozzle  exit  plane.  To  obtain  drag,  the  pressure  distribution  on  external  surfaces  is  needed.  The 
key  feature  is  the  location  of  these  surfaces  relative  to  the  nozzle  exit.  Surfaces  immediately  upstream, 
e«g. ,  a  nozzle  boattail,  require  less  strenuous  jet  simulation.  Adjacent  surfaces  located  in  the  far 
field  regions  of  the  jet  require  more  precise  jet  simulation  in  order  to  obtain  suitable  accuracy. 

For  thrust  evaluation  with  the  exit  plane  flow  immune  to  external  flow,  duplication  of  nozzle 
pressure  ratio,  NFR^ancT  yet '"heat  capacity  ratioj  v^,  Is  o?  primary  importance,  distortion  into  the 
flozzle^mrance  and  stagnation  temperature  are  of  secondary  importance.  For  gross^TFirust  determination 
wKbft^the  exTt  plane  flow  is  sensitive  to  the  external  flow,  many  more "flow  quantities  must  be  duplicated. 
One  obvious  set  of  flow  quantities  is  that  defining  the  external  flow.  The  primary  flow  quantities  to  be 
duplicated  are  NFR,  y.»  Y^  .  K».  6  ./Dj  and  6^/D.  Lack  of  total  temperature  duplication  can  be  accounted 
for  although  the  ratift  T^/T^  is J significant. 

Considering  drag  due  to  flow  over  surfaces  in  the  near  field  of  the  jet,  e.g. ,  base  flow,  the 
plume  shape  at  the  nozzle  exit  must  be  duplicated.  This  requires  a  duplication  of  NPR,  y  ,  y  ,  M^,  and 
Mj.  When  mixing  is  important,  (RTtp)^/(RT^)co  should  be  duplicated.  ^  00 

For  determining  jet  interference  effects  on  adjacent  surfaces  in  the  far  field,  plume  shape 
at  the  exit,  reflection  coefficients  at  the  jet  boundaries,  and  mixing  both  from  momentum  and  heat  trans¬ 
fer  point  of  view  are  important.  Jets  are  usually  turbulent  as  in  the  external  flow.  Duplication  of 
plume  shape  is  probably  the  most  severe  case  for  jet  simulation  requiring  duplication  of  NFR,  y,,  Y^* 

K„,  TTj>  and  T^.  Turbulent  and  laminar  Reynolds  and  Prandtl  numbers  are  also  important.  ^ 
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Wind  Tunnel  Testing  Schemes 

There  are  numerous  schemes  for  obtaining  drag,  thrust,  and  thrust  minus  drag.  One  such 
method  will  be  discussed  here  to  illustrate  the  scope  of  a  complete  test  and  to  show  how  the  afterbody- 
tests  fit  into  the  procedures. 

Aircraft  performance  is  defined  in  part  by  thrust  minus  drag.  The  engine  company  sells 
thrust,  and  the  airframe  manufacturer  minimizes  drag.  Since  there  are  items  in  the  force  bookkeeping 
procedure  which  must  be  assigned  to  drag  or  to  thrust,  careful  definitions  are  required. 


Bookkeeping  of  forces  usually  involves  increments  to  drag  or  thrust  for  operation  at  soma 
point  other  than  the  reference  condition.  At  a  given  K*,  three  variables  are  usually  specified  as 
standard  or  reference  values.  These  are  NFR,  nozzle  area  ratio,  and  angle  of  attack;  subscript  r  denotes 
reference  values.  Deviation  from  these  reference  conditions  gives  rise  to  force  increments.  One 
philosophy  for  assignment  of  the  force  increments  is  to  alter  thrust  if  the  increment  results  from  a 
throttle  change.  If  the  increment  is  due  to  a  change  in  angle  of  attack,  it  is  assigned  to  drag. 

The  drag  of  inlets  depends  on  mass  flow  ratio,  m,  into  the  air  induction  system.  The  drag  of 
exhaust  systems  depends  on  nozzle  pressure  ratio,  P,  for  a  given  flight  condition.  Variable  geometry  of 
inlets  or  nozzles  adds  eo^Steity  and  alters  drag.  Changes  in  m,  P,  and  area  ratios  are  mainly  due  to 
throttle  changes  and  heucn^rg.  assigned  to  thrust. 

The  aeroforce  model  is  mounted  on  a  sting  and  force  F^  determined;  see  Figure  15.  For  this 
test  there  are  reference  values  of  m^  and  P^  which  may  not  be  the  same  as,  or  even  close  to,  the  values 
chosen  as  the  standard  flight  configuration  and  denoted  hy  subscript  r.  At  mr  and  Fr,  drag  increments 
due  to  the  inlet  or  nozzle  flow  are  set  equal  to  zero.  1 

Figure  15  shows  schematically  how  drag  is  obtained  from  the  aeroforce  model,  the  inlet  model, 
and  the  exhaust  model.  Variation  of  force  due  to  variation  of  m  or  P  is  readily  obtained  from  the  test 
data.  The  change  in  the  force  on  the  inlet  represented  by  F^  -  F^  would  be  charged  to  thrust  since  it  is 
a  result  of  throttle  (mass  flow)  changes.  The  change  of  force  represented  by  F7  -  Fg  would  also  be 
charged  to  thrust  since  nozzle  pressure  ratio  is  a  function  of  throttle  setting. 


Propulsion  system  installed  gross  thrust  is  obtained  from 


| installed) 
J  gross 
|  thrust 


[increment j 
♦  ^  due  to 
inlet 


I  increment) 
due  to 
exhaust  J 


increment! 
^  due  to 
j  engine 


t)  fir 


] increment  i 
+  s  due  to  K 
(secondary | 
flow 


L 


J 


(10) 


The  test  cell  F  was  discussed  previously;  Eq  (6)  is  relevant.  The  increment  terms  need  tc  be  defined 
and  discussed.  g 


The  increment  due  to  the  inlet  includes  the  following!  (l)  spillage  drag,  ( 2 )  bleed  drag, 
and  (7)  bypass  drag.  Spillage  drag  consists  of  additive  drag  and  the  change  in  force  on  the  inlet  cowl.' 
Usually  data  are  reported  in  terms  of  CQn  or  C_  ..  plus  C^  To  control  shock -wave-boundary- 

layer  interaction,  it  is  necessary  to  pa£? tally  remove  the  boundary  layer  at  critical  portions  of  the 
inlet.  The  bleed  air  is  dumped  overboard.  For  some  flight  conditions  it  is  better  to  take  excess  air 
on  board  and  then  dump  it  overboard.  Inlet  stability  or  the  trade  off  between  spillage  and  bypass  drag 
may  make  it  desirable  to  swallow  air  in  exceee  of  engine  needs. 

Several  factors  determine  the  size  of  the  drag  increment  due  to  the  exhaust:  (1)  correction 
for  external  flow,  (2)  base  drag,  (3)  hoittail  drag,  and  (4 )  exhaust  interference. ’  Installed  gross 
thrust  is  at  some  flight  Mach  number.  The  test  cell  grose  thrust  ia  at  static  conditions.  A  correction 
must  be  made  for  the  external  flow  influence  on  internal  flow.  For  the  CD  nozzle  illustrated  in 
Figure  14,  this  correction  may  be  very  small.  For  the  CONV,  PLUG,  or  BIDE  nozzles  of  Figure  14,  this 
may  be  a  relatively  large  correction.  The  correction  is  obtained  from  the  subtraction  of  static  nozzle 
thrust  from  the  thrust  of  the  same  nozzle  installed  in  an  afterbody  model.  The  nozzle  is  metric  within 
the  afterbody  model.  An  example  of  the  correction  for  external  flow  is  shown  in  Figure  16  for  a  plug 
nozzle.  41so  the  boattail  and  base  drag  corrections  are  shown. 

Before  proceeding  with  additional  discussion  of  base  drag,  boattail  drag,  etc.,  it  is  worth¬ 
while  to  examine  Figure  17  which  illustrates  areas  for  drag  definitions.  Notice  the  split  between  the 
forebody  and  afterbody  of  the  aircraft  model;  this  implies  the  afterbody  is  metric  as  we  shall  see. 
Afterbody  drag  includes  tail,  fairings,  and  boattail.  The  boattail  is  the  surface  which  reduces  the  area 
from  the  forebody-afterhody  split  to  the  area  at  the  nozzle  exit.  For  variable  geometry  nozzles,  there 
are  usually  external  nozzle  surfaces  exposed  to  the  external  flow  giving  rise  to  external  nozzle  drag, 

D  .  The  drag,  D  ,  may  be  included  with  boattail  drag.  Ease  flow  is  a  downstream  flow  region  where  the 
streamlines  do  not  follow  the  body  contour.  Such  an  annular  area  is  illustrated  in  Figure  17.  The 
internal  nozzle  drag  is  not  important  for  these  discussions  having  been  accounted  for  by  Gp^. 

When  the  base  flow  region  is  an  annulus  surrounding  the  nozzle  exit,  as  shown  in  Figure  17, 
the  correction  for  base  drag  can  be  lumped  into  boattail  drag.  When  there  are  multiple  exhaust  nozzles, 
there  may  be  base  flow  regions  not  at  the  nozzle  exit  plane.  If  this  is  the  case,  the  base  drag  can  be 
included  with  the  exhaust  interference  term. 


Changes  in  nozzle  pressure  ratio,  use  of  afterburner  for  thrust  augmentation,  and  other 
propulsion  system  operating  points  cause  changes  in  the  exhaust  plume  geometry.  As  &  result,  the 
external  flow  is  modified.  Changes  in  the  external  flow  may  alter  the  pressure  distribution  on  the 
elevator,  rudder,  wing,  or  fuselage.  The  dreg  increment  termed  exhaust  •  interference  accounts  for  this 
aspect  of  the  exhaust. 
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Continuing  with  the  various  terms  on  the  right-hand  side  of  Eq  (10),  consider  now  the  incre¬ 
ment  due  to  the  engine.  As  a  result  of  m  different  from  m  ,  inlet  pressure  recovery  and  level  of 
distortion  at  the  compressor  face  may  change.  These  changes  can  influence  engine  operation.  Based  on 
data  obtained  from  test  programs  in  sea  level  static  test  cells  or  altitude  facilities,  corrections  can 
be  made. 

Power  may  be  extracted  from  the  engine  either  by  bleeding  air  off  the  compressor  or  by 
driveshafts  for  alternators,  pumps,  etc.  Bleed  air  from  the  compressor  to  provide  boundary  layer 
control  on  the  wing,  air  conditioning  for  the  crew,  or  to  actuate  pneumatic  devices  causes  a  loss  of 
thrust.  This  thrust  loss  is  accounted  for  in  the  term  "increment  due  to  engine," 

The  final  term  in  Eq  (10)  is  the  increment  due  to  secondary  flow.  (Secondary  flow  can  be 
defined  as  air  taken  on  board  from  frees tream  conditions  and  returned  to  the  ambient  atmosphere  without 
forming  part  of  the  engine  working  fluid.)  When  the  secondary  flow,  e.g, ,  cooling  air,  forms  part  of 
the  nozzle  flo.w,  there  is  a  thrust  increment  which  changes  with  the  engine  operating  conditions.  The 
eecondary  air  may  be  dumped  overboard  through  its  own  nozzle  or  exit  door.  Pressures  on  the  aircraft 
may  be  changed.  The  ram  drag  associated  with  secondary  air  is  the  mass  flow  rate  of  secondary  air  times 
vehicle  velocity. 

Equation  (10)  indicates  the  corrections  which  must  be  made  to  convert  test  cell  gross  thrust 
to  installed  gross  thrust.  The  number  of  corrections  becomes  quite  large  as  the  preceding  discussion  has 
indicated.  Each  correction  or  increment  has  its  own  accuracy  and  is  a  source  of  error.  The  bookkeeping 
sohemes  should  strive  for  the  minimum  number  of  increments  required  to  adequately  describe  forces  on  an 
aircraft.  The  increments  may  be  based  on  a  variety  of  model  sizes.  Typical  model  sizes  providing  data 
are  indicated  in  Table  IV. 


TABLE  IV.  TRANSONIC  TESTING  MODEL  SI2SS* 

_ (TYPICAL  FIGHTER  AIRCRAFT)  _  ! 

Model  Percentage  of  Full  Scale 

Aeroforce  Model  5 

Inlet  Model  8-10 

Isolated  Nozzle  Test  25 

Afterbody  Model  8-10  J 

^Models  less  than  l/20  scale  have  so  many  compromises  | 

relative  to  geometric  detail  and  Reynolds  number  that  ! 

tests  are  not  attempted. 


Afterbody  Tests 

The  models  illustrated  in  Figure  15  do  not  show  the  details  of  the  output  of  powered  after¬ 
body  tests.  Additional  discussion  of  the  various  approaches  is  worthwhile. 


Figures  18  to  21  show  four  afterbody  models.  The  arrangement  of  Figure  18  has  only  one 
balance  which  measures  F  -  D&  -  D, ,  In  Eq  (10)  these  would  be  the  terms  installed  gross  thrust  and  the 
increment  due  to  the  exhlust.a  This  scheme  has  the  disadvantage  that  F  is  an  order  of  magnitude  larger 
than  Da»  Results  of  modifications  of  the  afterbody  to  improve  D&  are  not  readily  determined. 

The  arrangement  shown  in  Figure  19  permits  direct  measurement  of  D  +  D*.  The  balance  size 
can  be  selected  to  fit  the  level  of  D&  +  D, .  An  arrangement  such  as  that  shown  in  Figure  20  decreases 
force  on  the  balance  compared  to  Figure  18.  The  balance  reading  can  be  interpreted  differently  using  a 
momentum  control  volume.  Seal  problems  are  difficult  with  the  system  of  Figure  20. 


Tandem  balances  offer  many  advantages.  Figure  20  shows  one  possible  arrangement.  Both 
balance(A)  and  (b)  can  be  sized  to  match  the  force.  The  main  disadvantage  is  the  complexity  of  the  model. 

Simulation  Techniques 


There  are  general  requirements  for  afterbody  models 

constraints.  Here  are  some  of  these  requirements 

(1)  small  diameter  feed  pipes  for  small  stings  or 
. struts 

(2)  minimum  interference  of  feed  pipes  with 
balance  system 

(3)  momentum  of  flow  in  feed  pipes  normal  to  drag 
axis 

(4)  balances  isolated  from  heat  flux  within  model 
due  to  hot  exhaust 


some  of  which  are  dictated  by  practical 


There  are  several  techniques  for  obtaining 
turbine  engines. 


(5)  no  deformation  of  model  due  to  thermal  stresses 

(6)  controllable  and  accurately  repeatable  jet 
simulator 

(7)  low  model  costs 

(8)  low  operating  costs 

(9)  safe  operation 

(10)  compatible  with  wind  tunnel j  no  contamination  of 
air  in  closed  circuit  wind  tunnel;  no  explosion 
hazard  in  wind  tunnel 

jet;  these  arei  cold  gases,  hot  gases,  and  cold  jet  powered 


When  the  jet  is  simulated  using  cold  gases,  air  or  N-  are  most  commonly  used.  As  indicated 
in  Figure  10,  y  of  exhaust  gas  is  not  1.4  for  a  turbojet  with  afterburner.  Table  V  gives  flow  data  for 
different  conditions.  Rows  1  and  2  have  the  same  NFR.  The  Mach  number  for  y  =  1.3  is  higher,  and  the 
area  ratio  is  also  larger.  Rows  1  and  3  have  the  same  area  ratio  as  would  be  the  case  for  geometrically 
similar  nozzles.  A  larger  NPR  is  required  for  y  =  1.4* to  obtain  ideal  expansion;  the  exit  Mach  number  is 
also  larger.  For  a  gas  with  large  y,  the  NPR  is  higher  which  means  the  density  in  the  feed  pipes  should 
be  larger.  Since  small  struts  are  desired,  this  is  an  advantage.  Cold  gases  do  not  provide  simulation 


of  jet  momentum.  For  underexpanded  nozzles,  the  plume  shape  is  not  correctly  simulated  when  NPR  is 
duplicated;  however,  by  adjusting  NFR,  tha  exhaust  plume  near  the  nozzle  exit  can  be  duplicated. 
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TABLE  V.  COMPARISON  OF  N0Z3LE  FLOWS  FOR  DIFFERENT  RATIOS  OF  HEAT  CAPACITIES 


Row 

Number 

Ratio  of 

Heat  Capacity, 

r 

Nozzla 

Pressure 

Ratio, 

NPR 

Area 

Ratio, 

a/a* 

Mach 

Number 

i 

i.i 

5.0 

1.41 

1.14 

2 

1.4 

5.0 

1.14 

1.71 

2 

1.4 

5.5 

1.41 

1.77 

Gas  mixtures  have  been  suggested  to  tailor  gas  density  and  heat  capacity  ratio.  Polyatomic 
gases  decrease  y;  gase3  with  small  molecular  weight  adjust  gas  density  and  speed  of  sound.  Many  nozzla 
"test  rigs  hava  flows  of  2  to  8  lb  /sec.  Gas  mixtures  are  expens iva.  The  wind  tunnel  becomes  con¬ 
taminated. 


Use  of  hot  gases  is  much  more  complicated  requiring  careful  model  design.  Ignition  sources, 
thermal  shielding,  safety  precautions,  fuel  supply,  and  a  control  system  increase  complexity.  Due  to 
email  geometric  scale,  combustion  may  be  incomplete  so  that  there  can  be  burning  in  the  exhaust  plume. 
Incomplete  combustion  makes  it  difficult  to  determine  the  gas  temperature. 

Hot  gas  can  be  obtained  using  hydrogen  peroxide  decomposition  or  combustion  of  a  fuel  and 
oxidizer,  usually  air.  The  fuel  may  be  propane,  hydrogen,  methana,  ethylene,  gasoline,  or  kerosine. 

By  using  hot  gas,  y.  and  T„,,  can  be  simulated.  Figure  22  shows  y  as  a  function  of 
(RT„) ,/(RT„)m  for  hydrogen  peroxide  decomposition.  The  values  for  a  turbofan  are  also  shown.  A  good 
matcb^is  obtained.  Decomposition  is  initiated  by  a  catalyst  pack  which  fits  within  the  volume  constraint 
of  a  scale  modal, 

A  new  technique  being  rapidly  developed  is  the  use  of  miniature  turbine-powered  compressors. 
Figure  23  shows  a  propulsion  system  simulator.  Tha  compressor  air  does  not  go  through  the  turbine.  The 
turbine  is  powered  with  an  external  supply  of  gas.  To  modify  the  mass  flow  in  the  nozzle,  some  of  the 
supply  gas  can  be  mixed  with  the  compressor  flow.  Both  inlet  and  exhaust  flows  can  be  simultaneously 
simulated  with  this  device.  Since  the  turbine  removes  considerable  energy  from  the  supply  the 
exhaust  gasj&Ul  be  extremely  cold*;  icerorma^lon  CttftTfi  The- fried  el  can  be  a  problem.  Since  powered 
simulators  are  important,  a  comple  te  s^t'ion/^^ollow,  has  been  devoted  to  that  topic. 

Nozzle  tests  can  ba  conducted  in  a  wind  tunnel  with  a  repeatability  of  thrust  minus  drag  of 
0.2  per  cent  for  supersonic  tests  and  1.0  per  cent  or  less  for  transonic  tests.  Standard  nozzles  are 
available  for  verification  of  balances.  A  theoretical  prediction  of  thrust  of  standard  nozzles  is 
possible.  These  predictions  agree  with  measurements.  For  isolated  nozzles,  the  accuracy  of  0.5  per  cent 
previously  stated  as  being  required  seems  to  be  possible. 

Experimenters  in  this  field  are  encouraged  to  report  data  as  measured  without  scale 
corrections.  Corrections,  which  are  given  in  sufficient  detail  to  be  understandable,  can  then  be 
applied.  One  such  correction  is  for  real  gas  effacts.  Variable  y  can  be  handled  readily  by  existing 
computer  programs.  Other  corrections  may  involve  viscous  effects. 

Reynolds  number  is  rarely  duplicated  in  model  tests  with  the  result' that  boundary  layer 
thickness  and  boundary  layer  transition  are  not  simulated.  Flow  separation  on  the  boattail  occurs  more 
frequently  on  models  due  to  low  Reynolds  number. 

Variable  geometry  nozzles  have  leakage  between  leaves,  'inis  is  not  simulated  in  model  tests. 
Correction  of  model  data  to  account  for  leakage  would  be  desirable  if  it  could  be  done  accurately; 
however,  this  is  not  the  case.  In  addition,  manufacturing  tolerance  will  result  in  production  nozzles 
with  different  leakage  rates. 

Sxhau s t-Alrf ram e  Interference  Other  Than  Thrust  Minus  Drag 

There  are  numerous  interference  effects  other  than  thrust  minus  drag.  These  are  listed  in 
Table  VI.  Tests  very  similar  to  those  described  previously  are  conducted  to  determine  increments  in 
lift  and  moment  coefficients.  Partial  models  are  used  less  frequently;  the  complete  aircraft  is  tested 
to  obtain  the  external  flow.  Semi -models  or  half -span  models  mounted  on  the  tunnel  wall  may  be  used. 


TABLE  VI.  INTERFERENCE  OTHER  THAN  THRUST  MINUS  DRAG 


Alter  pressure  distribution  on  surfaces 
changing  CL,  C^. 

Subject  surfaces  to  beating. 

Distort  boundary  layer  due  to  heating. 
Reduce  or  augment  control  effectiveness. 


Alter  unsteady  flow  affects. 

Alter  external  nozzle  pressure. 

Alter  thrust  axis  at  low  Pj/p  * 

Change  shock  wave  locations. 

Stimulate  panel  flutter;  acoustic  fatigue. 


Three  different  engine  installations  will  be  discussed  from  the  point  of  view  of  exhaust  and 
propulsion  interference.  These  are  wing  mounted  "fan  engine,  fuselage  mounted  fan  engine,  and  the  engine 
buried  in  the  airframe. 
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High  bypase  engines,  pylon  mounted  on  the  wing,  can  have  an  influence  on  wing  circulation 
and,  at  transonic  speeds:  on  shock  formation.  Due  to  the  large  mass  flow  of  air  through  the  engine,  a 
significant  deviation  of  external  streamtubes  can  be  caused  by  changes  in  engine  mass  flow. 

To  duplicate  the  interference  effects,  the  exhaust  plume  of  the  fan  should  be  reproduced. 
The  fan  exhaust  stream  is  transonic.  An  estimate  of  exhaust  Mach  number,  Mq,  is  given  by 


where  T  is  the  ram  temperature  change  given  by  1  ♦  (y  -  l)M^>/2,  and  T  is  the  stagnation  temperature 
change  Sue  to  fan  work.  Typical  values  are  0.84  and  T  -  1.12.  For  these  values,  M  =  1.2.  Since 

the  jet  flow  ia  high  transonic  or  supersonic,  the  exhaust  pJume  shape  is  determined  by  jet  Mach  number 
and  y..  Wave  reflections  are  duplicated  leading  to  a  similar  jet  structure.  Jet  Mach  number  is  a  strong 
function  of  NFR. 

Viscous  mixing  occurs  at  the  shear  layer  between  the  jet  and  the  external  stream.  Growth  of 
the  mixing  region,  or  shear  layer,  has  a  displacement  thickness  similar  to  a  boundary  layer.  When  the 
jet  boundary  increases  in  area,  the  jet  acts  as  a  source  distribution.  When  the  jet  streamtube  area 
decreases,  the  external  flow  moves  toward  the  jet  axis.  Figure  24  shows  the  results  of  a  calculation  of 
jet  area,  Ax,  compared  to  streamtube  area,  AM  entering  the  inlet. 

Case  1  in  Figure  24  is  for  a  turbojet  with  turbulent  mixing.  Case  la  is  a  slight  modifica¬ 
tion  with  a  laminar  jet  for  0  ^  x/D  2  followed  by  turbulent  mixing.  Case  2  is  a  turbofan  simulator 
with  a  bypass  ratio  of  2.  The  core  and  fan  pressure  and  temperature  ratios  are  shown.  Case  3  is  a 
turbofan  simulator  with  cold  gases.  Mass  flow  has  been  increased  so  that  A,  and  M.  are  equal  to  that  of 

Case  2.  Finally,  Case  4  is  for  a  flow-through  nacelle  with  the  correct  A^.  The  influence  of  laminar 

versus  turbulent  mixing,  hot  versus  cold  jets,  and  low  stagnation  pressure  versus  high  stagnation 
pressure  jets  is  shown  by  Figure  24. 

A  difficulty  with  simulation  of  high  bypass  engines  is  the  duplication  of  both  inlet  and 
exhaust  flows.  One  approach  is  to  use  a  turbine  driven  fan.  Another  technique  is  to  use  ejectors 
within  the  fan  cowl.  Another  method  is  to  close  a  portion  of  the  inlet  with  a  bullet-shaped  insert  and 
to  feed  the  nozzle  with  externally  supplied  air. 

For  a  pylon  mounted  engine  on  a  wing,  there  are  three  interactions:  wing-inlet,  ving- 
exhuust,  and  inlet-exhaust.  An  important  question  is  whether  or  not  the  interference  effects  are 
additive.  If  the  interference  is  additive,  one  can  run  a  series  of  experiments  varying  only  inlet  flow 
and  examine  influence  on  the  wing.  A  second  set  of  experiments-  can  be  conducted  varying  only  exhaust 

conditions  and  examining  the  influence  on  the  wing.  For  a  combined  deviation  of  both  inlet  and  exhaust 

flow,  the  influence  on  the  wing  would  be  obtained  from  addition  of  the  two  experimental  results. 

Evidence  indicates  that  the  exhaust-wing  interference  is  much  greater  than  inlet-wing  interference. 

'Addition  of  effects  may  be  valid. 

A  rear  fuselage  mounted  engine  can  alter  forces  on  the  aircraft  either  by  direct  jet  impinge¬ 
ment,  wave  impingement,  or  constraints  on  the  external  flow.  The  rear  mounted  engine  can  influence 
effective  angle  of  attack  on  tail  surfaces,  change  aircraft  drag,  heat  surfaces  due  to  jet  impingement, 
or  stimulate  vibration  of  panels  leading  to  acoustic  fatigue. 

In  contrast  to  pylon  mounted  engine  simulators  where  thrust  measurements  are  made,  the  rear 
mounted  engine  makes  balance  installation  difficult.  Semi-models  are  frequently  used  with  wing  mounted 
engines.  With  rear  mounted  engines,  this  is  not  feasible.  Models  with  rear  mounted  engines  may  be 
supported  in  the  wind  tunnel  by  struts  at  the  wing  tips. 

For  buried  engine  installations,  e.g.,  a  fighter  aircraft,  the  jet  plume  may  cause  separation 
with  an  oblique  shock  interacting  with  tail  surfaces.  Some  installations  have  the  nozzle  planes  at  the 
rearmost  station.  Other  installations  have  the  exhaust  exits  upstream  of  the  fuselage  aftend.  In  this 
case,  the  exhaust  plume  can  have  a  more  pronounced  influence  on  the  aircraft  drag,  control  effective¬ 
ness,  surface  heating,  boundary  layer  characteristics  controlling  skin  friction,  eto. 

Although  this  report  focuses  on  thrust  minus  drag,  it  is  apparent  that  a  complete  aircraft 
development  program  will  examine  the  interference  effects  briefly  introduced  in  the  preceding  paragraphs. 


Comparison  of  Wind  Tunnel  and  Flight  Test  Results 


with  wind  tunnel  results.  One  such  paper  is  that  by  3amanich  and  Burley.'-1'  Figure  25  is  reproduced 
from  that  paper.  This  figure  compares  flight  test  data  for  nozzle  gross  thrust  coefficient  with  that 
obtained  from  isolated  nozzle  tests.  In  the  Mach  number  range  0,8  to  1.2,  installation  effects  cause 
considerable  difference  between  the  two  measurements.  Figure  26  gives  the  circumferential  variation  in 

pressure  coefficient  on  the  primary  nozzle  flap  of  the  plug  nozzle.  Also  shown  are  the  deta  for  the  same 

nozzle  tested  isolated  with  cold  flow  in  a  wind  tunnel.  The  flap  location  can  be  seen  in  the  top  graph 
of  Figure  25.  The  data  tend  to  emphasize  the  comments  made  previously  concerning  the  three-dimensional 
character  of  flow  in  installed  nozzles.  In  extreme  cases  it  has  been  found  experimentally  with  BIDE 
nozzles  that  flow  way  enter  one  door  and  leave  through  another. 

As  aircraft  development  programs  proceed,  the  configuration  evolves  and  changes.  By  the  time 

the  actual  aircraft  flies,  there  is  little  motivation  to  obtain  wind  tunnel  data  on  an  exact  replica  of 

the  flight  test  aircraft.  This  fact  hinders  comparison  of  aircraft  flight  test  results  with  wind  tunnel 
data.  Usefulness  of  future  wind  tunnel  programs  is  degraded  by  lack  of  careful  comparison  of  data. 


Wind  tunnel  data  should  be  digested,  corrected,  and  otherwise  modified  before  comparison  with 
flight  tent  data.  There  is  a  natural  tendency  to  factor  in  that  one  la3t  correction  for  boundary  layer 
separation,  or  other  good  cause,  so  that  the  two  test  results  agree. 

Unsteady  Aerodynamics  of  Exhausts 

One  aspect  of  aircraft  exhausts  which  may  be  overlooked  is  unsteady  flow.  (Unsteady  flow  may 
be  overlooked  from  the  point  of  view  of  its  influence  on  nozzle  performance,  e.g.,  CFG*  Aeroelastic 
phenomena  leading  to  destructive  instabilities  are  certainly  not  overlooked. )  There  are  several  ways  in 
which  time  dependent  flow  manifests  itself:  (l)  shock  wave  oscillation  in  the  external  flow  as  the 
result  of  a  large  plume  from  an  underexpanded  nozzle,  (2)  unsteady  separation  zones  in  the  external  flow, 

(3)  unsteady  separation  zones  in  the  internal  nozzle  flow,  (4)  time  varying  flow  from  door  to  door  into 
blow-in-door-ejector  nozzles,  (5)  flutter  of  leaves  in  variable  geometry  nozzles,  and  (6)  pulsations  in 
secondary  flows.  The  unsteadiness  of  the  flow  may  be  .spatial  and/or  temporal. 

There  are  experimental  results  which  indicate  the  existence  of  large  fluctuating  pressure. 

See  Figure  27.  Base  pressure  coefficient  is  given  for  M«*  *  0.9,  1.0,  and  1.2.  For  a  stagnation  pressure 
ratio  of  2  at  unity  Mach  number,  the  unsteady  pressure  fluctuation  exceeds  20  per  cent  of  the  steady 
value. 


Due  to  the  compression  of  the  external  flow  caused  by  the  plume  of  an  underexpanded  nozzle, 
one  might  expect  unsteady  notion  of  the  oblique  shock  wave.  This  i3  analogous  to  transonic  buffet  on 
airfoils. 

Summary  Remarks  on  Exhausts 


In  this  part  of  the  "Exhausts’1  section  various  items  will  be  listed  and  briefly  discussed. 


(1)  Models  tested  in  the  wind  tunnel  do  not  represent  accurate  scaled  models  of  the  actual  airplane. 
Development  programs  are  paced  by  schedules  and  constrained  by  resources.  In  a  development  program 
wind  tunnel  data  are  of  importance  only  to  the  extent  that  the  data  help  to  produce  a  good  perform¬ 
ing  airplane.  The  wind  tunnel  data  are  relegated  to  the  file  cabinet  as  soon  as  the  aircraft  is 
certified.  Most  aircraft  programs  do  not  include  resources  to  reexamine  the  quality  of  wind  tunnel 
data  in  the  light  of  flight  test  results.  Since  the  model  may  not  match  the  airplane,  some  key 
points  may  need  checking  in  the  wind  tunnel  with  a  new,  accurate  model. 

(2)  Similarity  rules  of  fluid  mechanics  are  violated  in  nearly  every  wind  tunnel  test.  Rarely  is 
Reynolds  number  correctly  duplicated.  The  problem  with  interpretation  of  wind  tunnel  exhaust 
data  is  to  know  the  consequence  of  inexact  similitude  and  scaling.  With  the  advances  in  computa¬ 
tional  fluid  mechanics  coupled  with  analytical  approaches,  new  insight  may  be  gained. 

(3)  Unsteady  aerodynamics  certainly  occurs  in  the  external  flow  field  in  the  transonic  regime.  Time 
deperdent  exhaust  flow  nay  be  an  overlooked  feature  when  evaluating  exhaust  system  performance  - 
or  when  evaluating  the  lack  of  performance. 

— 1 

(4)  Thrust  coefficients  are  based  on  an  ideal  nozzle.  Thrust  coefficients  are  a  one-dimensional  concept  j 
trying  to  quantitatively  define  performance  of  a  three-dimensional  flow  device.  Thrust  coefficients  f 
and  ideal  thrust  neatly  tie  cycle  analysis  to  exhaust  system  hardware  and  its  performance.  The  tie 
becomes  confusing  and  ha3  sources  of  error  in  the  number  to  assign  to  ideal  thrust  when  therefore  __  j 
profiles  of  pT  or  Jp* 

(5)  Bookkeeping  procedures  based  on  increments  have  several  advantages  such  as  conceptual  simplicity; 
however,  to  fully  exercise  the  complete  bookkeeping  procedure,  numerous  additions  and  subtractions 
of  data  obtained  from  many  different  models  of  widely  varying  scales  must  be  accomplished.  Book¬ 
keeping  procedures  which  do  not  clearly  define  the  division  of  responsibility  between  the  engine  and 
airframe -companies  do  not  gain  acceptance.  Being  practical  and  astute,  this  is  a  recognized  require¬ 
ment  on  bookkeeping  procedure;  however,  the  airoraft  responds  to  thrust  minus  drag.  Is  the  split  of 
responsibility  a  factor  which  hinders  optimization  of  thrust  minus  drag? 

(6)  Present  methods  of  defining  thrust  permit  verification  of  full  scale  engine  quality  by  testing  out¬ 
side  the  aircraft.  This  is  certainly  desirable. 


(7)  Inlet  spillage  may  have  an  influence  on  exhaust  performance.  Remember  the  accuracy  goals  are  0.5  per 
cent.  Limited  work  has  been  done  to  define  inlet  interference  on  exhausts  for  engines  buried  in  the 
fuselage.  More  extensive  work  has  been  done  on  pylon  mounted  turbofan  engines.  Faired  inlets  may 
diatort  installed  nozzle  performance. 


(8) 

(9) 


A  Mach  number  of  unity  is  difficult  to  achieve  in  a  wind  tunnel.  Wind  tunnel  tests  near  M  -  1  are 
difficult  to  conduct  without  tunnel  interference. 


Pressure  ratios  are  small  in  the  streamtube  passing  through  the  fan.  The  potential  for  mutual 
interference  between  a  wing  and  a  turbofan  is  great. 


(10)  Sources  of  error  in  exhaust  testing  include  struts  to  hold  model,  roughness  in  the  model  flow 

channel,  omission  of  small  detail  due  to  model  scale,  and  incoxrec t_prpf.il es  at  nozzle  entrance. 

SIMULATORS 


Introduction 


As  the  preceding  discussion  has  shown,  separate  fore body  -  inlet  and  afterbody  -  exhaust 
tests  are  conducted.  These  tests  are  in  addition  to  the  aeroforce  model.  Some  exhaust  systems  and 
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bookkeeping  procedures  require  a  propulsion  model  also.  One  reason  the  numerous  models  and  teats  are 
necessary  is  that  the  aeroforce  model  cannot  be  designed  to  take  on  board  tho  full  inlet  mass  flow  and 
eject  the  gas  with  a  proper  scale  exhaust.  Only  by  adding  energy  to  increase  and  T,p  can  both  inlet 
and  exhaust  flows  be  simulated.  The  power  requirements  are  large’i  and  theT space  available  irTTrheTn^el 
is  smallT*~ 


One  approach  would  be  to  drive  a  suitable  compressor  with  an  electric  motor.  To  obtain  the 
correct  pressure  ratio  having  a  reasonable  number  of  stages,  the  compressor  speed  is  high  -  60,000  to 
80,000  RFM.  The  electric  motor  with  enough  horsepower  will  not  fit  in  the  model.  Electric  motors 
driven  by  variable  frequency  generator  sets  were  used  in  the  old  day3  of  wind  tunnel  testing  to  power 
propellors  on  models. 

Another  approach  would  be  to  pipe  the  inlet  air  to  a  compressor  and/or  burner  outside  the 
wind  tunnel.  Of  interest  is  transonic  testing.  At.  M  -  1,  the  product,  pu,  which  is  mass  flow  rate  per 
unit  area,  is  a  maximum.  This  means  that  the  pipes  leading  from  the  inlet  to  a  position  outside  the 
tunnel  must  be  as  large  in  cross  section  as  the  inlet  capture  area.  This  is  a  lower  bound  on  pipe  size 
assuming  frictionless  pipes.  To  power  the  nozzle,  smaller  feed  pipes  could  be  used  at  higher  pressure. 
Semi-models  or  half-span  models  with  engines  in  the'-fttselqge  can  use  this  approach  since  there  is  room 
for  the  necessary  plumbing.  „  N. 

4-  '  \ 

.  *  ■  •  y.power  Requirements  s 

To  indicate  power  requirements  i 'consider- the  simulator  shown  in  Figure  23,  Designate  the 
entrance  to  the  compressor  as  station  2  and  the  exit  as  station  3,  Denote  freestreara  conditions  by  a 
subscript  o,  From  Figure  10  pick  a  typical  operating  point,  e.g.,  NFR  =  8  and  K  *=  1.4.  The  horsepower 
is  given  by 


hp  -  SfipUy,  -  tT2)  (12) 

Assume  an  inlet  capture  area  of  3  inch  diameter.  Smaller  sizes  would  hardly  be  practical.  Using  values 
of  a  *  1100  ft/sec,  M  =  1.4,  P  ■  1.4  x  10*"  lb  /ft  (equivalent  to  45, COO  ft  altitude),  and 
Aq  *°,0S  ft^,  the  rnass°flow  is  found  to  be  1.7  lbjj/sec.  Define  the  following  symbol 

Tc  -  Tt/TT2 


The  horsepower  becomes 


HP  -  mCpTTJ(T0  -  1) 


(11) 


Using  a  compressor  ratio  of  2.52  along  with  ram  pressure  recovery,  the  nozzle  pressure  ratio  of  8  can  be 
achieved.  With  an  efficiency  of  0.85  for  the  compressor,  the  stagnation  temperature  ratio,  T  ,  is  1.36. 
A  value  of  T  consistent  with  a  is  chosen;  also  T-,  m  T-,,.  The  value  of  C  is  0.24  BTU/lb^sec, 

Finally,  witn  these  values  inserted  in  Eq  (13)  and  using  the  conversion  factor  HP  =  1.415  sec/BTU,  the 
horsepower  is  calculated  to  be  150  HP.  This  is  like  stuffing  two  W  engines  in  a  three-inch  pipe.* 

Simulators  with  Energy  Addition  in  the  Model 


It 


c 


To  begin,  a  few  symbols  will  be  defined: 
mass  flow  in  the  fan  exhaust 

mass  flow  in  the  exhaust  of  the  core  of 
turbo fan 

mass  flow  in  the  exhaust  of  a  turbojet 


fib  mass  flow  in  the  turbine  (left-hand  pipe  in 
Figure  23) 

m  mass  flow  in  the  turbine  * exhaust  (right-hand 
pipe  in  Figure  23) 

m  inlet  mass  flow 
o 


There  are  several  possible  designs.  For  a  turbojet  simulator 

hi  *  *0  + 

To  conaeive  mass 

®e  =  (!  "  f)\ 


(14) 


(15) 


The  fraction  of  the  turbine  mass  flow  mixed  with  the  compressor  flow  is  This  permits  flexibility  in 
controlling  jet  plume  parameters.  Figure  28  is  an  exploded  view  of  a  turbojet  simulator  for  supersonic 
flight  speeds.  Figure  29  is  a  photograph  of  .the  same  simulator  on  the  test  stand. 


For  turbofan  simulators  the  inlet  mass  flow  is  used  as  the  fan  mass  flow,  i.e.,  m  =  m^. 

Such  a  turbofan  is  illustrated  in  Figure  30.  The  turbine  drive  gas  forms  the  engine  core  exhaust,  i.e., 
tt  fh  ,  An  actual  turbofan  has  m.Q  =  mc  ♦  ih^  if  fuel  addition  is  neglected.  Bypass  ratio,  B,  is  defined 

as  ft«,/ni  which  becomes  in  terms  of  to 
i  c  o 


B 


(16) 
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For  the  simulator,  the  effective  bypass  ratio  is 


(17) 


Comparing  Eqs  (l6)  and  (l7),  it  is  apparent  there  is  an  error.  For  high  bypass  engines,  this  is 
relatively  insignif icant.  When  the  mass  flow  in  the  exhaust  of  both  core  and  fan  are  properly  simulated, 
there  is  a  deficiency  of  mass  flow  into  the  simulator  inlet  compared  to  the  actual  engine.  Spillage  drag 
becomes  a  factor. 


As  discussed  previously,  when  a  nacelle  is  pylon  mounted  on  a  wing,  it  is  possible  to  use 
seirispan  models  as  shown  in  Figure  11.  The  wing  is  vertical,  and  the  model  is  mounted  on  a  turntable. 
The  turntable  is  above  the  tunnel  floor  to  divert  the  tunnel  boundary  layer.  One  difficulty  with  semi- 
span  models  is  the  tunnel  wall  boundary  layer. 


The  exhaust  temperature  of  the  flow,  m^,  is  very  low.  Consider  the  turbojet  simulator 
previously  discussed  in  connection  with  Eqs  (12)  and  (ll).  The  power  to  drive  the  compressor  equals  the 
turbine  output  p-ower.  Usjnv  this  fact,  the  turbine  exhaust  temperature  can  be  estimated.  The  equality 
of  power  is 


VrVrc  -  D  -  VpV1  -  V 


(18) 


Stations  4  and  5  are  upstream  and  downstream  of  the  turbine;  7^  ia  defined  as  T^/T^.  Solving  for  7^ 
yields 

*  TT3 

<*> 

It  is  apparent  from  Eq  (19 )  that  the  smaller  the  smaller  T„,-.  For  T-,  equal  to  room  temperature  £he 
values  of  are^,-26Q°£  (-144°K)  for  egual  m&ga  flow  through  the  $uf!6}ne,~‘'  'if'  the  mass 

fl^VT^t^fn5>^He^ompressor  is  roughly  1.4  times  larger  than  that" tft  rough  the  turbine,  one  begins  to 


I  liquify  oxygen  in  the  air.  To  avoid  this  problem,  dry  can  be  used  to  drive  the  turbine. 

The  technique  of  -internally  powered  simulators  is  being  developed.  The  most  significant 
motivation  for  developing  and  using  simulators  is  the  high  degree  of  simultaneous  simulation  of  both 
inlet  and  exhaust  flows.  For  turbofans,  hypass  ratio  is  not  correct.  For  both  turbofan  and  turbojet 
simulators,  the  exhaust  temperatures  are  much  too  low*  Burners  are  being  developed  to  correct  the 
exhaust  temperature. 


J 


Similar  procedures  can  be  used  for  both  the  turbojet  or  turbofsn  simulator  and  the  full  scale 
engine.  Static  tests  can  be  run.  Figure  29  is  a  photograph  of  the  supersonic  turbojet  simulator  under¬ 
going  such  a  sea  level  static  test.  Tests  in  the  wind  tunnel  with  the  simulator  can  duplicate  aircraft 
nass  flows. 


/ 


Powered  simulators  offer  high  fidelity  testing;  however,  there  are  disadvantages.  Tests  are  \ 
expensive  to  operate.  Simulators^ must  be  fraj^oyed.  to  the  particular  engine  hoing  modeled.  Extensive 
instrumentation  is  necessary  to  control  and  monitor  simulator  operation.  Bearings  are  small  and  sub- 
jected  to  severe  loads  With  the  consequence  that  life  is  limited.  Past  experience  has  indicated  that  1 

fepefftability  is  limited;  Two'  Simulators  manufactured  under  siniilar~~conditions  may  show  different  per-  \ 
foPMSfiSS'” ^chTfacteristics ;  variations  of  5  per  cent  in  net  thrust  have  been  observed.  Separation  of 
thrust  and  drag  terms  is  difficult  due  mainly  to  inaccurate  determination  of  nozfcle  coefficients. 

Further,  development  will  undoubtedly  improve  many  of  the  adverse  features. 

Ejeotors 


Ejectors  have  no  moving  parts.  There  are  no  rotating  components.  As  a  consequence,  ejectors 
are  easier  to  manufacture.  Ejectors  are  relatively  easy  to  scale,  and  the  prediction  of  performance  can 
be  quite  precise.  The  nozzle  pressure  ratio  is  limited.  Mass  flow  into  the  inlet  is  also  less  than 
desired  for  turbojet  or  turbofan  installations.  There  are  large  distortions  in  the  p^,  profile  at  the 
nozzle  entrance.  Characteristics  of  an  ejector  powered  nacelle  do  not  match  that  of  an  engine  in  the 
nacelle.  Ejectors  are  not  used  for  simulation  of  thrust  but  are  useful  for  interference  studies.  Due 
to  the  low  NFR,  ejectors  can  be  used  for  simulation  of  lift  engines  and  V/STOL  propulsion  installations. 
Ejectors  offer  economy  and  simplicity;  for  these  two  reasons,  ejectors  deserve  more  attention  for 
propulsion  system  simulation* 

Figure  12  shows  an  ejector  system  developed  for  a  V/3T0L  fighter  or  attack  aircraft.  In 
spite  of  the  sizable  plumbing,  the  system  i3  used  with  a  balance  so  that  forces  on  the  model  aircraft  can 
be  measured.  The  usual  ejector  has  the  high-momentum  stream  interior  to  the  low-momentum  stream.  The 
ejector  shown  In  Figure  12  has  different  topology;  the  high  velocity  stream  is  external  to  the  low- 
velocity  flow.  This  arrangement  is  necessary  to  induce  the  flow  into  the  inlet  and  provide  for  suitable 
seals.  The  combined  flow  from  the  inlet  and  high  pressure  air  into  the  model  supplies  the  nozzles. 


Simulators  with  Energy  Addition  External  to  the  Model 

Using  a  semi-model  for  a  buried  engine  installation,  it  is  possible  to  route  large  pipes  into 
and  out  of  the  model.  By  adding  energy  external  to  the  model,  the  severe  volume  constraints  are 
eliminated.  Control  of  the  inlet  and  exhaust  mass  flows  is  flexible.  The  main  difficulty  is  the 
boundary  layer  on  the  reflection  plane. 
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Effort  should  be  directed  to  developing  the  semi-model  technique  for  the  oaae  of  engines 
within  the  fuselage.  This  technique  is  not  being  used  currently. 
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Figure  1.  Jet  Engine  in  Test  Stand  and  Installed  in  Airoraft. 
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Figure  5.  Exhaust  Survey  for  Converging  and  Converging  Diverging  Nozzles, 
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Figure  9.  Schematic  of  Various  Nozzle  Designs 
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Figure  12.  Isolated  Teats  in  Wind  Tunnel. 
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Figure  13.  Fan  Engine  Afterbody  Study. 
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Figure  14*  Static  and  Dynamic  Nozzle  Tests. 


Figure  15.  Bookkeeping  for  Drag, 
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Figure  17.  Areas  for  Drag  Definitiono. 
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Figure  IS.  Gross  Thrust  Minus  Drag. 
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Figure  22,  Ratio  of  Specific  Heats  Versus  Ratio  of  (RT„) j/tRT™)^  of  Turbofans,  Air,  and 
Decomposed  as  Experienced  in  Flight  and  in  Wind  Tunnels, 
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Figure  23.  Propulsion  System  Simulator, 
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Figure  24.  Variation  of  Jet  Engine  Stream  Tube  Due  to  Mixing. 
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Figure  25.  Installation  Effect  on  Hug 
Nozzle  I’erformance. 
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Figure  26.  Circumferential  Iresnure 
Variation  on  Trimary  Flap 
of  Cylindrical  Nacelle 
Assembly. 
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Figure  27.  Time  Average  and  Unsteady  Pressures 


on  the  Base  of  a  Bluff  Afterbody, 
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Figure  28.  Exploded  View  of  a  Supersonic  Propulsion  Simulator. 


Figure  29.  A  Supersonic  Propulsion  Simulator  on  Test  Stand, 


TURBINE -DRIVE  FLOW 


Figure  30.  Cross-Sectional  View  of  a  Powered  Model  of  a  Turbofan, 
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Figure  11.  Semi-span  Kodel  Tunnel  Installation. 


Figure  ^2.  Sjector  System  for  Inlet  and  Exhaust  Flow. 
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APPENDIX  -  SIGNIFICANCE  OF  TRANSONIC  RSGIiE 

It  is  worthwhile  to  state  why  transonic  flow  is  particularly  difficult  and,  being  difficult, 
why  it  remains  important  and  cannot  be  avoided. 

First  of  all,  look  at  the  influence  coefficient  formulation  for  fractional  velocity  change 
In  a  one-dimensional  flow 


du  _  1  dA 

u  Ka  -  1  A 


(Al) 


In  transonic  flow,  i. e, ,  M  near  unity,  the  factor  multiplying  dA/A  is  large.  A  very  small  change  in 
dA/A  causes  a  very  large  change  in  du/u  and  other  flow  properties.  This  sensitivity  accounts  for  the 
extremely  low  blockage  factors  which  can  be  tolerated. 

'  Consider  the  linearised  solution  for  wavy  wall  in  both  subsonic  and  supersonic  flows.  For 
a  subsonic  flow,  the  solution  is 


for  a  flow,  U,  over  a  wavy  wall,  y=fsin«x.  Note  that  in  subsonic  flow  the  perturbation  velocity,  u, 
decays  with  y.  As  M  approaches  one,  the  decay  becomes  less  and  less.  Of  course,  the  solution  is  not 
valid  for  M  near  one,  but  the  trend  is  clear.  This  trend  indicates  that  perturbations  are  experienced 
at  graat  distances  laterally  as  one  approaches  Mach  number  unity. 


For  supersonic  flow  over  the  same  wavy  wall. 


u  =  -  —  j ~  coso((x  -  y-i/M2  -  1)  (A3) 

■y/ii2  -  1 

In  eupersonic  flow  there  is  no -rkwiy.  A  line  given  by  x  ^  -  1  has  constant  amplitude  of  perturba- 

tion.  As  M  approaches  one,  this  approaches  x  =  constant,  which  means  perturbations  occur  laterally  to 
the  main  stream.  Three  points  have  been  illustrated:  (l)  extreme  sensitivity  of  the  flow  to  small 
changes  in  streamtube  area,  (2)  little  deoay  of  perturbations  laterally,  and  (l)  perturbations  perpen¬ 
dicular  to  the  flow. 

Difficulty  of  transonic  flow  analytically  arises  from  the  nonlinear  nature  of  the  aquations 
of  motion.  Solutions  depend  either  on  rather  specialized  approximations  which  may  not  be  valid  every¬ 
where  in  the  flow  or  else  on  numerical  calculations.  In  the  case  nf  transonic  flov,  the  analytical 
companion  to  experimentation  is  very  weak. 

Examine  the  reasons  transonic  flow  cannot  be  avoided.  For  the  best  range  consistent  with  the 
desire  for  maximum  speed,  the  flight  Kach  number  usually  is  on  the  doorstep  of  the  transonic  drag  rise. 
Ferry  operations  are  transonic.  Due  to  sonic  boom  restrictions,  SST  aircraft  will  fly  transonically 
over  populated  land.  Supersonic  aircraft  must  accelerate  through  the  transonic  regime  which  is  a  region 
of  increasing  drag  and  decaying  thrust.  Supersonic  fighter  aircraft  do  not  have  sufficient  thrust  to 
pull  high-g  maneuvers  and  maintain  supersonic  flight.  Aerial  combat  moves  toward  transonic  speeds  due 
to  this  limitation.  Transonic  flight  is  as  important  as  it  is  difficult. 
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PROBLH'lES  DE  MESURE  SUR  MAQUETTE  DE  LA  POUSSES  D'UN  ARRIERE-CORPS  D'  AVION  SUPERSONIQUE 

TUYERES  BE  REFERENCE  . 

par  Bernard  MASURE  (*) 

OFFICE  NATIONAL  D' ETUDES  ET  DE  RECHERCHES  AEROSPATIALES  (ONERA) 

92  -  CHATILLON  -  FRANCE 


RESUME  - 

La  technique  de  mesure  de-  la  poussde  d'un  arriere-corps  en  soufflerie,  couramment  utilisee  a  I'O.N.E.R.A, , 
A  l'aide  d'un  support  cylindrique  amont  est  ddcrite.  Cette  mesure  sert  en  particulier  A  corriger  les  mesures 
globales  effectudes  sur  maquette  complete  aveo  fuseau  creui  eimplifie.  La  precision  est  contrdlee  par  divers 
tarages  comprenant  en  particulier  l'eseai  d'une  tuyere  convergent e-divergente  de  reference* 

Le  contrdle  et  1' analyse  des  resultats  d' etude  de  configurations  complexes  comportant  une  tuyere  primaire 
convergente  s'appuient  sur  la  connaissance  des  debits  et  pou3eee3  de3  tuyeres  soniques  correspondantes •  Les 
donndes  conceraant  de  telles  tuyeres  pour  une  assez  large  varietd  de  formes  resultent  d'essais  precis  effcctuds 
A  1*  atmosphere  sans  dcoulement  extdrne.  Les  rdsultats  en  sont  prdsentds  et  sont  compares  aux  donndes  thcoriques 
actuellement  disponibles. 


SUMMARY  - 

PROBLEMS  OF  MEASUREMENT  ON  MODEL  OF  THE  THRUST  OF  A  SUPERSONIC  AIRCRAFT  AFTER-BODY  . 

STANDARD  NOZZLES  . 


The  technique^  current hy  used  at  ONERA,  for  measuring  in  wind  tunnel,  through  an  upstream  cylindrical  strut, 
the  thrust  of  an  after-body  is  described.  With  this  measurement  it  is  possible,  in  particular,  to  correct  the 
global  measurements  made  on  complete  models  with  simplified  hollow  nacelles.  Precision  is  checked  by  various 
calibrations  including,  among  others,  tests  on  a  standard  convergent-divergent  nozzle. 

Checking  and  analysing  the  results  on  complex  configurations  including  a  primary  convergent  nozzle  are  based 
on  the  knowledge  of  mass  flow  rates  and  thrusts  of  corresponding  sonic  nozzles.  Bata  concerning  such  nozzles  for 
a  rather  broad  variety  of  shapes  result  from  precise  tests  performed  within  the  atmosphere,  without  external  flow. 
Their  results  are  presented  and  compared  with  theoretical  data  currently  available. 


1  -  INTRODUCTION  -  . 

La  miee  au  point  d'un  avion  de  transport  eupersonique  ndces3ite  une  optimisation  poussee  de  ses  divers  consti¬ 
tuents  et  une  estimation  ausei  correcte  que  possible  de  eee  futures  performances.  II  en  est  ainsi  de  1' avion 
"CONCORDE"  dont  le  fuseau  moteur  et,  plus  part  iculiArement ,  1' arriere-corps  sont  l'objet  d'une  etude  experimen- 
tale  minutieuse  qui  est  poursuivie  depuis  plusieure  annees  dans  les  eouffleries  de  l'O.U.E.R.A#  et  a  l'etranger. 

•  La  note  prdsente  se  propose  de  rappeler  les  techniques  miseo  en  oeuvre  A  l'O.U.E.R.A.  pour  dvaluer,  en  gaz 
froid  et  sur  une  maquette  d' arriere-corps  isold,  lse  performances  de  poU3sde  du  systems  d1 ejection  qui  comple- 
tsnt  les  mesures  effectudes  dans  d'autres  laboratoires  eur  un  modele  d' avion  complet  et  a  partir  desquelles  il 
est  possible  de  classer  les  di verses  solutions  d' arriere-corps  envisagees. 

•  Les  caracteristiques  essentielles  de  la  balance  de  poussde  utilisde  dans  le  soufflerie  supersonique  S5  Ch  de 
I'O.N.E.R.A.  seront  done  rappeldes  et  la  voie  euivie  pour  dvaluer  les  ddbits,  pousse es  et  taux  de  detente  sera 
ddcrite.  La  precision  des  mesures  est  contrdlde  par  divers  tarages  comprenant  en  particulier  l'essai  d'une 
tuyere  convergent e-divergente  dtalon  dont  le  coefficient  de  poussee  peut  ^tre  evalud  theoriquement.  Le  calcul 
de  ce  coefficient,  qui  met  en  jeu  di verses  corrections,  est  ddveloppd  x  1  occasion  est  ainsi  dormee  de  mettre 
1* accent,  en  ce  qui  conceme  la  poussde,  sur  les  dietorsions  des  loie  de  detente  de  l'air  par  rapport  a  celles 
d'un  gaz  parfait  de  chaleurs  specifiques  constantes  a  ft*  =  1 ,4* 

•  Les  mesures  effectudes  en  soufflerie  sur  arriere-corps  isold  et  aveo  dcoulement  externe  sont  completees  A 
I'O.N.E.R.A.  par  des  mesures  exdcutdes  eu  point  fixe  permettant  une  optimisation  separee  de  la  geometrie  in¬ 
terne  de  l'arriere  corps  puisque,  en  configuretion  de  croisiere  supersonique,  les  caracteristiques  adrodyna- 
miques  des  dcoulements  internes  sont  inddpendantes  de  celles  de  1' dcoulement  externe.  Le  banc  au  point  fixe 
qui  permet  ces  mesures  est  brievement  decrit.  Quelques  resultats  obtenus  sur  ce  banc  et  concernant  des  tuyeres 
convergent €B  coniques  de  formes  varides  sont  d'abord  donnde  et  compares  A  quelques  donndes  theoriques  actuelle¬ 
ment  dieponibles.  Ils  peuvent  servir  de  point  de  depart  pour  aborder,  sous  1' angle  du  calcul,  1' etude  de  confi¬ 
gurations  plus  complexes,  Un  exemple  d'une  recherche  d' optimisation  de  la  geometrie  interne  d'une  tuyere  biflux 
type  "CONCORDE",  mettant  bien  en  lumiere  le  degrd  de  prdcieion  attaint  dans  les  mesures  effectudes  sur  le  banc 
au  point  fixe,  est  enfin  present d. 


2  -  DETERMINATION  DBS  PERFORMANCES  D'UN  ARRIERE-CORPS  EN  PRESENCE  D'ECOULEKEUT  EXTERNE  - 
2.1.  -  Mesures  sur  maquette  - 

Les  mesures  sur  ariiere-corps  isold,  avec  simulation  des  jets  internes  A  l'aide  d'air  comprimd  froid,  sont 
d'une  execution  relativement  eimple.  Elies  completent,  comrae  nous  l’avons  dit  dans  1' introduction,  les  mesures 
rdalisdes  sur  une  maquette  d* avion  complet  ou  la  eimulation  des  dcoulements  internes  du  fuseau  moteur  a' est  en 
gendral  pas  respectee.  Pour  preciser  notre  propos,  considerons  par  exemple  le  cas  des  mesures  executees  A 
I'O.N.E.R.A.,  A  la  demande  de  la  S.N.E.C.M.Ay pour  1' avion  "CONCORDE". 

(*)  Ingdnieur  Chef  de  Groupe  do  Recherches,  Direction  Aerodynamique . 


Nous  avons  represente  sur  la  figure  1 ,  d’une  part,  le  schema  de  1* avion  CONCORDE  complet  muni  de  scs 
deux  nacelles  bi-moteurs  et  d' autre  part,  la  partie  de  ces  nacelles  effectivement  EtudiEe  en  soufflerie  a 
l’O.N.E.R.A, 


En  raison  de  la  symetrie  approchee  que  prEsentent  les  deux  systkmes  propulsifs  d’une  m§me  nacelle,  on  se 
contente  en  soufflerie  d'etudier  la  partie  arrikre  d'une  demi-nacelle  en  materialisant,  par  une  plaque,  le  plan 
de  symetrie  de  la  nacelle,  Ce  demi  arriere-corps  muni  de  ea  plaque  de  symetrie  e3t  placE  k  1’extrEmitE  de  la 
canne  pesee  d’une  balance  de  poussee  que  nous  dEcrivons  plus  loin, 

Les  different es  etapes  necessaires  pour  Evaluer  les  performances  global es  sont  les  suivantes  : 


2,1,1,  -  ^figures  sur  maquette  d’ avion  complet  - 

Le.  maquette  d’ avion  complet  est  EquipEe  de  deux  nacelles  creuses  prEsentant  dans  leur  partie  aval  des  formes 
externes  dites  de  "reference",  Les  conduits  internes  de  ces  nacelles,  volontairement  simplifies  par  rapport  au  cas 
rEel  dans  leur  partie  terminale,  sont  parcourus  par  un  ecoulement  naturel  qui,  penetrant  dans  les  prises  d’air 
k  l’amont,  est  evacuE  en  regime  sonique  ou  lEgersment  eupersonique  k  l’aval.  La  loi  de  section  des  conduits 
internes  est  telle  que  le  debit  qui  y  circule  est  Egal  au  dEbit  exact  qui  pEnetrerait  dans  les  prises  d’air  si 
la  maquette  Etait  motorisEe. 

L* Ecoulement  externa  est,  en  consequence,  correctement  simulE  au  voisinage  de  1* entree  des  nacelles. 

Dans  le  plan  de  sortie  par  contre,  1' ecoulement  interne  ne  possede  pas  lee  oaracteristiquss  aerodynamiques 
du  cas  reel  :  la  simulation  y  est  done  incorrect e, 

Les  mesures  exEcutees  en  soufflerie  sur  ce  type  de  maquette  permettent  de  soustraire  de  1' effort  total 
mesure  la  trainee  due  k  1’ ecoulement  interne  et  de  dEduira  celle  due  k  1’ Ecoulement  externe. 

Xmaginons  maintenant  le  cas  rEel  de  1’ avion  motorisE  et  muni  de  nacelles, identiques  dans  leur  partie  amont 
k  celles  du  cas  precedent,  mais  possedant  dans  leur  partie  aval  Iss  caracteri3tiques  gEometriques  d'un  arriere-corps 
realiste  tant  du  point  de  vue  externe  que  du  point  de  vue  interne.  Si  l’on  veut  alors  dEteiminer  les  performances 
globales  dans  ce  dernier  cas,  il  faut  complEter  la  mesure  de  la  trainEe  externe  precEderaraent  evoquee  de  celles 
de  la  poussee  interne  du  systeme  propulsif  et  de  l'Ecart  des  trainees  externes  existant  entre  1' arriere-corps 
"realiste”  et  1’ arriere-corps  "de  refErence", 

C’est  la  somme  de  ces  deux  demiers  teimes  qui  est  estimEe,  en  premikre  approximation,  en  soufflerie  a  l'aide 
de  notre  balance  de  poussEe  en  simulant  la  propulsion  au  moyen  d’air  coraprime  froid. 


2,1,2.  ~_Hesure  en  soufflerie  de  la  trainEe  de  1 ’ arriere-corps  de  rEference  (O.N.S.R.A,) 

On  place  a  l'extremite  de  la  canne  pesee  de  la  balance  de  poussEe  un  demi  arriere-corps  de  refErence  rauni 
de  sa  plaque  de  symEtrie.  La  canalisation  interne  de  cet  arrikre-corps,  identioue  k  celle  de  la  maquette  d’ avion 
complet,  est  parcourue  par  un  Ecoulement  de  memes  caractEristiques  que  celles  de  i' Ecoulement  naturel  qui  traver¬ 
sal  les  nacelles  creuse3  de  la  maquette  d’ avion  complet.  L1  Ecoulement  externe  a  pour  nombre  de  Mach  I>I0,  On  tire 
alorsde la  relation  qui  traduit  l’Equilibre  de  la  partie  pesee  de  la  balance  une  grandeur  egale  a  la  somme 
algebrique  de  la  poussee  de  1’ ecoulement  interne  ,  d’un  frottement  parasite  Xft*  le  lonS  de  la 

partie  cylindrique  de  la  canne  pesee  et  de  la  trainEe  externe  1* airier e-corps  de  refErence  : 

(1)  +  Xp^  -  Dref 

La  poussee  interne  XuRef  est,  par  ailleurs,  dEduite  de  la  connaissance  du  debit  interne  et  de  celle  du 
coefficient  de  poussee  de  la  tuyere  sonique  ou  legkrement  supersonique  que  constitue  la  canalisation  interne, 

Ce  coefficient  de  poussee  interne  est  Evalue  sur  le  banc  au  point  fixe  que  nous  decrirons  brievement  plus  loin. 
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Connalssant  par  consequent  X^REF  ,  on  deduit  de  (l)  la  grandeur  X .  =  X  —  X. 


I- REF 


(2) 


*4  =  Xfd  - 


2,1.3.  -  Mesure  en  soufflerie  sur  1* arriere-corps  realiste  (O.N.E.R.A.) 


,  soit  encore  i 


On  remplace  le  demi  arriere-corps  de  reference  par  un  demi  arriere-corps  realiste  muni,  lui  aussi,  d'une 
plaque  de  symetrie.  L*  ecoulement  ext  erne  a  le  m§me  nombre  de  I’lach  M0  que  lors  de  la  mesure  precedents  et  l'on 
eirnule  la  motorisation  (ecoulement  primaire  et  secondaire)  au  moyen  d'air  comprime  froid. 

On  tire  de  1*  equation  d’  equilibre  de  la  partie  pesee  i me  grandeur  Xg  <%ale,  comme  plus  haut,  h  la  somme 
alg^brique  de  trois  termes  : 


(3) 


2,1.4.  -  Synthes e  - 

Connaissant  maintenant,  grdce  aux  deux  mesures  prdcedentes,  les  valeurs  des  grandeurs  Xj  et  Xo  t  on 
deduit  par  difference  : 


X2  .  Xt 


lr6puste 


X 


fa 


D, 


REALISTE- 


Xc 


en  posant 


XL  +  AXp  -  AD 

rEauste  r 

=  Xfi  _  Xfd 

~  ^rEbuste  —  ~^R(=f£re»ice 


Comme,  de  plus,  le  niveau  de  la  pression  generatrice  de  la  eoufflerie  est  le  m§me  pour  les  deux’  types  de 
mesure  :  AXp  «  ^  O 

Les  mesures  r^alis^es  a  l’O.H.E.R.A.  permettent  done  d'evaluer,  comme  il  le  fallait,  la  somme  : 


D^crivons  done  maintenant  les  caracteristiques  essentielles  de  1* installation  exp^rimentale  utilises  pour 
les  mesures  precedentes. 


2,2.  -  Description  succincte  de  la  balance  de  pouss^e  (Fig.  2)  - 

Le  modele  etudie  est  plac£  a  l’extremite  d'une  conduite  cylindrique  qui  traverse  le  col  de  la  eoufflerie  et 
permet  le  passage  des  flux  d’air  comprime  froid  simulant  les  jets  primaire  et  secondaire. 

Cette  conduite,  constituant  la  partie  mobile  de  la  balance  de  pouss^e,  est  euspendue  par  1 1 interm&Liaire 
d'un  parallelogramme  defomable  A  l'intdrieur  d'un  caisson  place  dans  le  collecteur  de  la  soufflerie.  La  poussde 
de  1* arriere-corps  est  equilibree  par  une  contre  pression  reglable  e'exer?ant  sur  un  piston  li£  a  la  conduite. 


Fig.  2  -  Balance  de  pouss^e  (soufflerie  supers oni que  S5  de  CHALAIS-MEUDON ) 

Afin  d’^ viter  tout  effort  parasite  a  1* admission  d’air  comprim4,  lee  alimentations  se  font  perpendi culair e- 
ment  A  l'axe  de  la  poussee. 

Nous  remarquons  en  A  les  branches  de  la  suspension  dont  l’une  est  compos de  d'un  trois  barres  pour  eviter  les 
contraintes  dues  a  des  defoliations  provoqudes  par  les  dilatations  ;  en  B  les  capsules  servant  A  afficher  la 
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preseion  n^oessairc  au  retour  a  zero  de  la  partie  suspendue  ;  en  C  le  dynaraometra  utilise  pour  verifier  cette 
remise  en  dquilibrc.  Enfin  en  D  nous  voyons  les  membranes  de  caoutchouc  qui  sont  utilises  pour  assurer  1'  4tan- 
chditd  au  niveau  des  alimentations  en  air  coraprimd.  Ces  membranes  roulent  tres  legerement  sur  elles-m&nes  lors 
du  ddplacement  de  la  partie  suspendue.  Ce  deplacement  a  &t4  rdduit  au  minimum  (+0,04  mm)  gr£ce  a  des  butdes, 
non  repr4sent4ea  sur  la  figure.  On  pourra  se  reporter  MO  pour  de  plus  amples  details  relatifs  a  la  balance 
de  pouss^e. 


La  veine  de  la  soufflerie,  bidimensionnelle,  est  constitute  de  deux  blocs  tuyeres  identiques  susceptibles 
de  subir,  indtpendamment  l'un  de  1* autre,  une  legere  rotation  par  rapport  a  lours  positions  nominales.  II  est 
ainsi  possible  de  corriger,  partielleraent,  la  perturbation  provoquee  par  la  canne  de  la  balance  ct  d'obtenir, 
au  niveau  du  plan  de  raccordement  avec  la  maquette,  un  nombre  de  Each  sensiblement  constant  et  egal  au  nombre 
de  Hach  moyen  qui  exist e,  sur  la  maquette  d*  avion  complet,  dans  le  mime  plan# 


Le  montage  dicrit  ici  ne  peut  cependant  pas  representer  exact ement  les  phtnomenes  reels  et  nous  considirons 
que  les  risultats  obtenus  ont  surtout  une  valeur  relative  et  pcmettent  de  classer  entre  elles  les  divers es 
solutions  car  nous  avons  constatt  que  la  similitude  etait  assez  correctement  realiste  en  ce  qui  conoeme  les 
tpaisseurs  de  couche  limit e  exfceme  au  niveau  de  1'  arriere-corps . 


Prdci sons  maintenant  quelques  grandeurs  j  .  h  - 

Dimensions  de  la  veine  do  300  x  300  /W't**' 

•  Dimensions  de  la  canne  de  •isr .u--  x  70  mm2  (environ  6  $  d' obstruction)  ^ 

•  Pression  generatrice  de  la  soufflerie  :  a>*1/2  bar 

•  Tempt rat ure  gtntratrice  de  la  soufflerie  ;  /v  +40° C 

•  Effort  moyen  mesure  par  la  balance  :  1 5  daN 

•  Dtbit  d'air  comprimt  traversant  la  maquette  ;  /v  300  g/s. 


Poson a 

I  t  rtsultante  des  actions  mecaniques  exercees  eur  la  canne  et  la  maquette  par  l'tcoulement  exttrieur  et 
les  tcoulements  internes 
S0  t  eection  de  la  canne 

H  t  effort  transmis  par  les  capsules  aprts  remise  h.  ztro 
P4  l  pression  regnant  dans  le  carter 

P5  t  pression  regnant  sous  la  coiffe  de  raccordement  (voir  -fig#  2). 

0(4  t  aire  efficace  d*  action  de  la  pression  P4  (tvalute  par  un  tarage  preliminaire) 


L'tquation  d'tquilibre  de  la  partie  pesee  s' tcrit  alors  j 

X  +  (o<4  _  Sc)  VB  B  H  +  o(^ 
ou 
(4) 


Pour  simplifier,  nous  avons  omis  dans  la  relation  (4)  les  reactions  parasites  ldgeres  que  les  taragee  mettent 
quelquefoie  en  lumiere  au  niveau  dos  membranes  d' alimentation. 

C'est  en  utilisant  la  relation  (4)  et  en  proeddant  &  deux  mesures  suooessives  qu'il  est  possible,  oomme 
nous  l'avons  explique  aux  §  2.1.2,  et  2.1.3,,  d'dvaluer  les  performances  d'un  arribre-oorps. 


X  =  H  +  —  (c^-S^Ts 


Analysons  maintenant  la  voie  suivie  pour  caract&riser  les  proprietes  des  flux  internes# 

i 

2.3*  -  Calcul  des  debits  - 

Les  debits  eont  evalues  par  la  methode  du  col  sonique,  uni  vers  ellement  reconnue  cornrae'la  nlus  precise,  et  au 
sujet  de  laquelle  divers  travaux  ont  ete  entrepris  h  l>0#lf#E«R.A#  ces  demieres  annees  [2],  [3]*  [  4j. 


Rappelons  la  formula  : 


(5) 

dans  laquelle  : 

-  k  *=  constant©  = 
aveo  t  ^  s=  1,4 


e  nombre  de  mol^cules-grarame  d'air  par  unite  de  masse 
*s  const  ante  universelle  des  gaz  parfaits. 

-  **  pression  d'arr&fc  isentropique  de  l'ecoulement  en  dehors  de  la  couche  limite 

-  ss  temperature  d' arret  isentropique  (en  degre  absolu) 

-A  s  aire  g^ometrique  du  col 

-  A  =  aire  sonique  a^rodynamique 

avec  Cjjg-  s  coefficient  de  reduction  de  debit  due  a  l'effet  de  la  viscosite 

Cx>H  -  coefficient  de  reduction  de  d^bit  due  h  la  courbure  de  la  ligne  sonique  (^coulement 
non  unifoime  dans  le  plan  du  col) 


-  a  faoteur  multipliant  le  debit  q  calcule  pour  un  gaz  calorifiqueinent  parfait  &  2S' 

oompte  de  l'effet  de  compressibilite  (effet  viriel).  Oe  dernier  facteur  est  donne 
simple  euivante  [2]  8  - 

Qj>  =  1  +  0,035  - I 

%  -  2 HO 

Lg  calcul  d'un  d^bit  par  (5)  necessite  done,  outre  la  mesure  de  et  Tj  ,  1‘  evaluation  des  coercio-Ao^v- 

et  C-p  . 


Coefficient  -C?6 


:  Cc  coefficient,  £gal.  dans  le  cas  d'un  col  ddbitmetrique  a  eymdtrie  de  revolution,  a 
1  -  2  o£/ Vi  (  •  epaisseur  de  ddplacement  de  la  couche  liraite  au  col  j 

li  :  rayon  du  col)  peut  §tre  relie  [5]  au  nombre  de  Reynolds  ^  j*:  par  line  loi 

simple  qui,  dans  le  caa  d'une  couche  limits  turbulente,  prend  la  forme  :  t?“L 


II  euffit  done  de  calculer  la  couche  limits,  pour  une  geom^trie  donn^e,  dans  un  cas  particu- 
lier  (integration  approchoe  de  l1  equation  intdgrale  de  von  Kanaan)  pour  corsnaitre  dans 
tous  les  cas  par  application  de  (6),  s 


Coefficient  Cg>^  ;  Le  calcul  par  developpements  limites  de  la  fonction  potentielle  d'un  ^coulement  irrotationnel 
k  symdtrie  de  revolution  permet  de  definir  completement  l'^coulement  au  voisinage  du  point 
sonique  sur  l*axe.  II  est  alors  possible,  par  une  simple  integration,  de  calculer  le  coeffi¬ 
cient  de  d£bit  d'une  tuyere  dont  le  profil  serait  identique  a  une  ligne  de  courant  mate¬ 
rialise©  de  l'ecoulenent  calcule. 


Comme  les  developpements  mathematiques  mis  en  oeuvre  pour  calculer  la  fonction  potentielle  ne  sont  valables 
qu'au  voisinage  immediat  du  point  sonique  sur  l'axe,  on  ne  retient  du  champ  d'^coulement  calcule  que  la  partie 
proche  de  ce  point  sonique  et  l1 on  se  content©  de  caracteriser  les  lignes  de  courant  par  leurs  taux  de  courbure 
h/R  en  leurs  sommets*  On  peut  ainsi  dtablir  une  correspondance  entre  ce  taux  de  courbure  locale  et  le  coeffi¬ 
cient  de  debit  C:dk  •  Attribuant  alors  k  cette  correspondance  un  caractere  d' universality,  on  peut  calculer  le 
coefficient  de  debit  d'une  tuyere  quelconque  pourvu  que  celle-ci  presente  au  col  une  courbure  moderee* 

K 

C'est  ainsi  que  l'on  procede  a  l'O.ft.E.R.A.  ou  les  mdridiennes  des  cols  d^bitm^triques  sont  circulaires 
avec  un  taux  de  courbure  egal  a  0,25  (*R/k  =4)*  Le  coefficient  vaut  alors  :  1  -  1,4.1CT*34 


Si  l1 on  voulait  par  contre  utiliser  un  col  ddbitmetrique  h  courbure  prononcee,  afin  de  reduire  par  exemple 
la  correction  due  a  la  couche  limite  et  limiter  de  cette  fa? on  la  part  d' incertitude  que  comporte  tou jours  une 
telle  correction,  il  y  aurait  lieu  de  tenir  compte  non  seulement  du  taux  de  courbure  de  la  paroi  au  col  mais 
aussi  de  la  nature  exacte  du  profil  de  celle-ci  k  l'amont  du  col,  pour  calculer  Cj, 


La  figure  3»  tir^e  de  [4]  en  apporte  la  preuve.  Les  resultats  exp&rimentaux  pr^sent^s  sur  cette  figure 
montrent,en  effet, que  pour  des  taux  de  courbure  eleves  au  col,  le  coefficient  est,  comme  il  fallait 

1 1  at  t  entire,  tres  eensible  a  1* angle  de  la  paroi  a  l'amont  du  col*  w 


Donnons  pour  ter¬ 
miner  et  fixer  les 
id^es  les  valeurs 
que  nous  attribuons 
a  1  0r>5  et  C35v 
pour  e valuer,  au 
moyen  de  la  rela¬ 
tion  (5)1  le  d^bit 
priraaire  pour  les 
conditions  d'essais 
habituelles  rencon- 
trees  eur  1' instal¬ 
lation  de  poussee 
de  la  soufflerie 
S5  Ch  * 

C*„1  -1,4.10-5 
Qpssi  -5.10-5 
CL  ci  +4.10-3 

“V~ 
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2,4*  -  Calcul  du  taur.  de  detente  - 

Nous  appelons  taux  de  detente  le  rapport  de  la  pression  generatrice  de  1  *  Ecoulement  •principal  (le  jet 

primal  re)  k  la  pression  statique  p0  de  1' ecoulement  ext  erne  j 

la  pression  statique  p0  est  calculi e  &  partir  du  nombre  de  Mach  moyen  de  1*  Ecoulement  externe  au  niveau  du 
plan  de  raccordement  du  modele  avec  la  canne  et  de  la  pression  generatrice  de  la  soufflerie  mesuree  dans  le 
collecteur. 

la  pression  generatrice^T  de  1*  Ecoulement  primaire  pourrait  St  re  evaluee  tout  s  implement  au  moyen  d’une 
ou  plusieurs  prises  de  pression  d’arrgt  (tube  "pitot") ,  judicieusement  reparties  dans  1' ecoulement  et  dont  les 
mesures  permettraient,  apres  ponderation,  de  definir  i me  pression  generatrice  moyenne. 

Cette  mEthode  n*a  pas  etE  retenue  et  on  lui  a  prEferE  une  methods  moins  directs  ou  la  pression  gEneratiice 
est  dEduite  du  dEbit  rEduit  >  ce  qui  permet  de  s'affranchir  des  difficult es  qui  surgiesent  toujours  quand 

il  s'agit  de  dEfinir  une  pression  generatrice  moyenne  dans  un  Ecoulement  qui  presente,  inevitablement ,  certaines 
distorsions  de  pression  d‘arr6t. 

Cette  mEthode  nEcessite,  comme  nous  allons  le  montrer,  la  mesure  de  la  tempEratu re  gEnEratrice  T^-.  ©t  la 
dEtemdnation  au  prEalable  de  l*aire  sonique  aerodynamique  de  l1 ecoulement.  J 

La  loi  de  conservation  de  la  masse  en  Ecoulement  permanent  conduit  en  effet  k  la  relation  euivante,  avec  les 
indices  D  et  J  respectivement  pour  le  debitmetre  et  la  tuyere  en  essais  (fig.  4)l 


<7)  i-  l>  <*>„ 

Cette  relation  permet  de  oalouler  le  groupement  (ftT  At)  auquel  nous  rapportons  lea  efforts  mesures  : 

^  (fi.7^3-)  *=  t  ^  P“r 

(9)  ^Pt-T  -fi®  Aj>  C C:D«  C:dw\]  C^Va>  \f^ 

La  relation  (9)  montre  que  le  groupement  HPtj  AjJ  est  connu  si  l1  on  mesure,  outre  'Ple  et  rT{.>,  la  tem- 
pErature  *T*j.y  .  II  est  alors  possible  par  (8)  de  calculer  ~Ptx  si  l1  on  connalt,  par  ailleurs,  le  coeffi¬ 
cient  de  dEbit  fQpg  de  la  tuyere  (la  presence  du  coefficient  correctif  C-j,  ne  fait  que  compliquer 

lEgerement  la  situation  en  necessitant  un  calcul  itEratif).  v  ^ 


Qym*ocj  c«Wr* 


DEBITMETRE  R  Cou  SONIQUE 


MRQOETTE 


ilg.  4  -  DEbitmEtre  et  tuyere  d*  Ejection  primaire. 

•  La  temperature  d'arrdt  isentropiqueTLj  est  mesurEe  au  moyen  d*un  anneau  en  cuivre  qui  relie  entre  eux  trois 
thennocouples  et  qui  est  placE  lEgErement  k  l'amont  du  col  de  la  tuyere  primaire.  J)es  mesures  prEcises  ont 
montrE  que  le  coefficient  de  rEcuperation  rL  de  cet  anneau  est  Egal  au  coefficient  de  rEcuperation  d'un  ther¬ 
mocouple  k  fil  tendu  ($  «  0,8  mm).  La  valeur  trouvEe  *=0,62  est  en  bon  accord  avec  [6].  La  tempErature 
est  ainsi  donnEe  par  t  ^ 

M*2- 

B  T  ^  *** r  ou  MTest  le  nombre  de  Mach  moyen  de  1' Ecoulement  au  niveau  de  1* anneau. 


-  avmaov  ^  +  4.*  0.2  IA} 

•  Quant  au  coefficient  de  dEbit  (c.  g  Qpvc)  T  (appelE  aussi  coefficient  de  strict  ion),  il  est  dEtennine  hors 
eoufflerie  eur  un  banc,  specialement  amEnage  a  cet  effet  et  situe  k  CHALAIS-MEUDON,  comport  ant  un  col  sonique 
debitmetrique  et  une  chambre  de  tranquil lisation  en  amont  de  la  tuyere  etudiee.  Les  dimensions  de  cette  chambre 
de  tranquil lisation  sont  telles  que  la  pression  generatrice  de  1* ecoulement  peut  y  Stre  dEfinie  sans  ambigulte. 
Il  suffit  done  de  completer  la  mesure  de  la  temperature  gEneratrice  dans  cette  chambre  par  celle  de  la  pression 
gEnEratrice  pour  calculer  le  coefficient  de  debit  (C-r,  Qr>w  ^  de  la  tuyere  en  utilisant  encore  la  rela¬ 
tion  (8).  v 

Nous  prEsenterons  plus  loin  quelques  rEsultats  de  coefficient  de  dEbit  obtenus  recemment  k  l’O.II.E.R.A. , 
non  pas  sur  1‘ installation  de  CHALAIS  mais  sur  le  banc  de  mesure  au  point  fixe  de  HODANE  qui  fait  aussi  office 
de  bano  de  etriction. 


g  Qj>k  Jy  (appelE  aussi  coefficient  de  strict  ion),  il  est  dEtennine  hors 
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2.5.  -  Definition  et  calcul  d'autres  grandeure  - 

En  oe  qui  oonoeme  l'ecoulement  eeoondaire  (9  }  1‘  usage  veut  qu'on  le  caracterise  par  sa  pression  gdxera- 
trice-p;s  et  le  parametre  sans  dimension  |i-defini  par  : 

oil  qs  ,  Rj-  sont  les  ddbite  et*T"^s  ,"^ij  le®  temperatures  generatrices  des  ecoulements 
aecondaire  et  primal re  respectivement. 


En  soufflorie  T7  s  <v  Tj-j.  .  On  pose  done 


la  pression  gdneratrice  de  1' dcoulenent  seeondaire  est,  eoit  mesurde  direotement  aveo  un  tube 

"pitot",  soit  oaloulee  a  partir  de  la  mesure  d'une  pression  statique  et  du  debit  seoondaire  C)s. 

Quant  aur  poussees,  elles  sont  rapporteea  systematiquement  au  groupement  =  It  Ww 

mais  nous  n'entrerons  pas  ioi  dans  la  definition  des  differenta  coefficients  de  poussee  que  l’on  ddduit  des 
oeaures  faite3  en  soufflerie. 


3  -  KESDRE  SUR  TOE  TUYERE  EIALON  - 


3.1.  -  Introduction  - 

11  est  interessant  de  pouvoir  se  prononcer  sur  la  precision  absolue  des  mesures  realisees  en  eoufflerie. 

On  utilise  a  cet  effet  une  tuyere  dtalon  de  caracteristiques  gdomdtriques  simples  et  dont  le  coefficient  de 
pour see  peut  etre  calcule  par  voie  thdorique.  En  proeddant  alors  a  des  meeures  directes  sur  cette  tuyere  aveo 
la  balance  de  poussee,  on  peut  effeotuer  un  controls  global  de  1' installation  de  mesure  en  comparant  les  valeurs 
expeiimentales  du  coefficient  de  poussde  aux  valeurs  calculees, 

Hous  allons  presenter  cette  tuyere,  rappeler  les  etapes  necessaires  pour  dvaluer  thdoriquement  le  coefficient 
de  poussde  et  presenter  la  technique  experimentale  adoptee. 


3,2.  -  Presentation  de  la  tuybre  dtalon  . 


La  tuybre  dtalon  choisie  est  a  3ymdtrie  de  revolution. 


Son  profil  evolutif  a  etd  calcule  par  la  muthode  des 
caracteristiques,  a  partir  d'une 
ligne  de  depart  (L)  de  la  region 
transsonique  ot  appliquee  a  un  gaz 
parfait  non  visqueux  de  chaleurs 
spdcifiques  constantes 
^p/Cv  »  JT  =  -4.4]  r'e  faqon  telle 
que  I'dcoulement  dans  le  plan  de 
eortie  soit  unifoime  et  parallels 
h  1' axe  de  la  tuyere,  le  nombre  de 
Each  dtant  dans  ce  plan  egal  a  2. 

Dans  la  region  du  col,  la  mdridienne 
est  circulaire.  Si R  et  h  representent 
respectivement  le  rayon  de  la  meri- 
dienne  et  le  rayon  geometrique  du  col, 
on  a'R/h  =  4, 


3.3.  —  Calcul  du  coefficient  de  poussee  -  , 

Bous  appellerons  coefficient  do  pousnde  interne  absolu  le  rapport  de  la  poussee  interne  absolue  (dans  le 
vide)  TJ  au  groupement  Mx  j  ^gal,  00nme  nod®  1’avons  vu,  k  '  I W  •  Nous  poserons  : 

(10) 

Calculons  ce  coefficient. 


U-  T 

Tv 

' 

/w 

3.3.1.  -  Coefficient  de  poussee  en  gaz  calorifiquement  parfait  (  V _ s  1,4)  non  visqueux  - 


f  ^  ~  +  qVe 

|  (f’i-T  ft  x)  —  ”P  iy  ft  X  * 


-Pb  s=:  pression  statique  unifoime  dans  le  plan  de  sortie 

aire  de  sortie  ;  fiT  =ir\t-  =r  aire  g^omdtrique  du  col 
q  ss  debit  masse 

vE  —  vitesse  uniforme  dans  le  plan  de  sortie 


I 
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En  appelant  Mg-  la  solution  de  liquation  en  M  (ddteimination  supersonique)  j 


Ap 


■Cm) 


r±\ 


■  2T+ 1  /  .  AA  \  2.  J 


avec  £(m)-  (-1-Y^  A 

_y 

et  en  posant  07  (M)  =  +•  ¥zL  M^un  calcul  simple  nontre  que  le  coefficient  peut  o'dcrire  I, 

Krai  =  4*  (M e)~|  qvec. 


4(m)  =  ro-(M)  2(m)(^(  +  VM"1) 


Dana  notro  cas  j  V  =  1,4  et  He  =  2  et  l'on  trouve  : 


Krfli  =  1,42342 

(gaz  parfait  h  ^=1,4  sana  viecositd) 


3*3*2*  -  Coefficient  de  pouasee  en  gaz  calorifiquement  parfait  (V  -  1,4)  et  visqueux  - 

II  se  developpe,  a  la  paroi  de  la  tuyere,  une  couche  limite  dont  les  effets  essentielfl  sont  d©  rdduire  le 
ddbit  et  d'alterer  le  nombre  de  Haoh  moyen  dans  le  plan  de  sortie* 


Le  coefficient  de  poussee 
allons  prdciser* 


Hyp.  calculd  plus  haut  doit  subir,  de  ce  fait, une  correction  que  nous 


Considdrons  done  la  tuyere  d  talon  que  nous  supposons  alimentde  en  gaz  parfait  1.4  )  mais 

maintenant  viequeux  et  3oient  p{.T  et  'T'ty  la  pression  generatrice  et  la  temperature  generatrice  de  l'dcoule- 
ment*  La  pousede  dans  le  vide  de  la  tuyere  n1  eet  autre  que  1*  integrals,  dans  le  plan  de  sortie,  de  la 
grandeur  ~p  +  5  V*-  *(Nous  supposons,  malgre  la  presence  de  la  couche  limite,  1* ecoulement  parallel©  h  l*axe 
dans  le  plan  de  sortie)* 

_/  r R* 

(11 


)  Tv  =  /  2tt^ 


En  appelant  maintenant  M  E  la  valeur  du  nombre  de  Mach  verifiant  t 


2K0 


fie-  2ttRe  S 


ou  Qi>5  est  le  coefficient  de  reduction  de  debit  dd  h  la  visco- 


sitd  et  ou  est  *1*  epaisseuiMie  ddplacement  de  la  couche  limite  dans  le  plan  de  eortie,  la  poussde*Fv  s’ecrit  2 

1  ,  rR  e  ^  ( 

T\r  5=5  '"Pe  ^  ^  ^  la  pression  ,  uniforme  dans  le  plan  de  sortie,  dtant  relide  h  la 

pression  gendratrice  par  :  ^ 

r=TCF(Mg)  (  nous  rappelons  que  nr(M)  « 

Soient  fe.  et  V  E  les  valeurs  de  la  densite  et  de  la  vitesse  de  1*  dcoulement  dans  le  plan  de  sortie  de  la 
tuyere,  h  l^gctdrieur  de  la  couche  limite  :  ces  valeurs  eont  reliees  a  l'etat  gdndrateur  par  1*  intemddiaire  du 
nombre  de~Mach”^,e  introduit  ci-dessus. 

Le  ddbit  q  de  la  tuyere,  dgal  h  %  ^ ^  ~  r  est  aussi  donne  par  : 

(12)  ^  »  $6  VE  (AE  - 


Compte  tenu  de  (12),  l1 expression  (ll)  prend,  apres  quelques  ddyeloppements  simples,  la  forme  t 


(13) 


avec  3^  :  dpaisseur  de  quantitd  de  mouvement  de  la  couche  limite  dans  le  plan  de  sortie* 

Montrons  maintenant,  en  reprenant  le  raisonnement  proposd  dans  [7], que  la  relation  ci-dessus  peut  prendre 
une  forme  simplifies*  ' 

.  Considdrons  dans  ce  but  une  tuyere  flctive,  alimentde  en  gaz  non  visqueux*  de  mSme  pression  gdndratrice 
et  temperature  gdneratrice  rp^  que  la  tuyere  reelle,  ayant  la  m£me  aire  de  eortie  et  t  ravers  de  par  le 
m&ne  debit  CJ  que  la  tuyere  reelle* 

Puisque,  par  hypothese,  ;  A  sont  les  m&nes  dans  les  deux  tuyeres,  l1  aire  aerodynamique 

critique  de  la  tuyere  fictive  q*  est  donnde  par  : 

Rj.f  =  C^- 

Soft  la  poussee  dans  le  vide  de  cette  tuyere  fictive  alimentde  en  air  non  visqueui  : 


F-o-  =  “Pe  ae  +  V E  _  2ttT?e  S' 


<*)  >  wltt 

L  ?EVE 


avec  ^e4>-  =  eh  ^  e  j 


E  +  ^  VE 
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,  Formons  la  difference  Fv  -Fv 

F.’  -  F„"  =  -p;  AB  +  qVg  -  2ir-RE  SV0?^  V'*  _  (-pjl  fiE  -4-  cjVE  ) 


Comms  <\ 


?;veae 


F  -T 

•V  rv 


Ae  [(-f4  -  fE)  +  fa  VE  (V’e  -  ve)]  -  2T  Re  sJYh  V, 


li. 

e 


Or  -p  g  st  -p  g  peuvent  Otre  consid^r^es  comine  les  valeuia  de  la  pression  ds  deux  dtats  voisins  au  coure 
d'uns  ddtsnte  isentropiqus  h  partir  ds  la  pression  gdneratrice  -fuj  »  dtate  caxacteiasds  par  les  nombrss  de 
Haeh  proches  l'un  ds  i'autre  M  'B  et  ft  "E 


Ds  m&ne  pour  VE  V  E  . 

On  peut  done  dorire 


Or,  lss  rslations 


donnsnt  aveo 
On  a  dono 
(H) 


et 

as 


~fe  -  -f  e 

Va  -Vt 
an  =  ras  + 

,4  ? 

D  'l  .  '■  jV  SV+  £-p  =  o 


es  cT—pgr 

~  S-Ve 

( thermodynami  que ) 
(energie) 


=  -  2tr^B 


Lo  coefficient  ds  poussde  en  air  visqueux,  dgal  par  definition  k _  ^ 

facilemsnt  en  utilisant  (14).  qv^Y/w 


ss  calouls  alors 


On  trouve,  aprbs  quelques  calculs  tres  simples  : 


(15) 


.  KtO : 

(tuyers  reelle 
air  viequeux  K  =  1,4) 


=  4  (M*«)  -  5T  ro  (M"E )  £ (Me)  M*„l  2  Is 


-to 


Nous  rappelons  que  <4>  =  TC  "2.  et  que  le  nombre  de  Mach  ME  est  donnd  par 

Z(hV)  *  _ »pe  nombre  de  Mach  n'a  done  aucune  signification  physique. 

R?Sic^55y  .  r-co 

On  voit  ainsi  qu'il  est  ndeessaire,  pour  appliquer  (15);de  connaitre  l'dpaisseur  ds  deplacement  o  c  au  col 
ds  la  tuybrs  et  l'dpaisseur  de  quantity  de  mouvement  6^  dans  le  plan  de  sortie.  Nous  donnsrons  une  application 
numdriquo  plus  loin* 


3.3.3.  -  Corrsotion  due  k  l'effet  de  compressibility  - 

La  loi  doit  St  re  remplacde  par  la  relation  exact e  i  <>  RT  oU  est  Is  factsur  de 

compressibility.  II  en  rdsulte  en  particulier,  qu'au  cours  d'une  detente  isentropique  par  exemple,  dss  do arts 
apparaisssnt  k  la  fois  sur  les  debits,  les  poussees  et  les  modes  de  detente  par  rapport  aux  lois  ds  l'dcoulement 
ds  l'air  supposd  parfait  et  a  V  =  1,4. 

Ces  dcarts  ont  dtd  calcules  pour  le  cas  simplifid  des  detentes  monodimens ionnelles  a  partir  ds  tablee  ther- 
modynamiquss  tenant  compte  de  l'effet  de  compressibility  [8]  pour  des  temperatures  gdndratrices  aseez  proches  de 
l1 ambients  (  O c  4  4  75 pc)  et  des  pressions  generatrices  s'elevant  jusqu'k  50  atm  environ.  Ces  rdsultats 

ont  ytd  reportds  en  [2].  Rappelons-en  l'essentiel  i 

Pour  les  ddbits  mesurds  par  la  methode  du  col  sonique,  l’ecart  atteint  presque  2  $  pour  *»  20Q°K  et 

es  40  atm  par  exemple,  comme  on  peut  le  constater  en  appliquant  la  relation  donnant  C-r,  que  nous  avons 
rappelde  au  §  2.3.  v 

Pour  les  poussdes,  le  mode  de  comparaison  est  le  suivant  s  nous  considerons  deux  tuyeres  geomytriqueaent 
identiquee,  d'airs  sonique  Ac  et  d'aire  de  sortie  A  • 

•  La  premiere  est  aliment ee  par  un  gaz  parfait  et  a  X  =  1,4,  de  m&ne  masse  moleculaire  que  l'air,  de  pression 

gyndratrics  et  temperature  gendratrice  T £.j  et  nous  calculons  la  poussee  T\r  et  le  debit  Q  par 

les  lois  ds  ddtente  des  ecoulements  monodimensionnels  a  =1,4.  D'ou  : 

C^/ )?a^cA  .  y  =  \,k 

•  La  ssconde  est  alimentde  en  air  reel,  k  la  m£me  pression  gendratrice  et  mSme  temperaturs  gdneratiice 

•  Lee  tables  thermodynamiquee  [8]  permettent  alors  de  calculer  de  m&ne  la  grandeur 

0 v/Q\rnj)  ailr  «'te 

(Nous  rappelons  qu'il  est  fait  abstraction  des  effets  de  Ja  viscosite  dans  ce  calcul). 

On  constate  alors  qus  le  rapport ^  ^  est,  k  temperature  *T~l. j  invariable,  une 

fonction  pratiquanent  lindaire  de  •  IaTfi^^°&^iaonti4  nos  rdsultats  dans  le  cas  partioulisr"~^Ij  =  288°K 

pour  les  trois  types  de  tuyere A/ftc.=  1  j  1,7  ;  3. 
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1  i - 1 - r~ 

0  40  20  30 

Fig.  6  -  Effet  viriel  but  la  poussle 


3.3.4.  -  Application  numdrique  - 


''Pij  (aVm.) 


Remarque  : 

On  a  supprime,  sur  la 
figure  6,  le  radical 
V/T^'qui  figure  au 
numerateur  et  au  deno- 
minateur  du  rapport 
prdcddent  puisque  la 
comparaison  eat  faite 
pour  la  mime  valeur 

de  tV3.  • 

On  voit  ainsi  sur  la 
figure  6  que,  pour  une 
tuyere  A/ fic  »  3,  il 
exist e  un  ecart  dT  en¬ 
viron  1  7  entre  les 
2  coefficients  de 
poussde  pour  ** 


Les  dimensions  de  la  tuyere  sont 


diametre  du  col  =  37,40  mm 
diametre  de  la  sortie  *=  46,54  mm 


Pour  cea  dimensions  et  les  conditions  gdndratrices  que  nous  adopt ons  pour  les  essais  de  cette  tuyere 
(  1  atm  ,  ‘Tlj  *££  320oK)*  Jes  dpaisseurs  caracteristiques  de  la  couche  limite,  supposee  turbulente, 

sont  I  CO  7j 

6  c  “  0,05  mm  (dpaisseur  de  ddplacement  au  col) 
va> 

&E  =  0,13  mm  (dpaisseur  de  quantity  de  mouvement  dans  le  plan  de  sortie). 


Ces  dpaisseurs  eont  obtenues  par  integration  de  1*  Equation  integrale  de  von  Karman  en  commengant  1* integra¬ 
tion  en  un  point  situd  a  l’amont  du  col  de  la  tuyere  ou  le  nombre  de  Mach  est  dgal  k  0,3  et  en  suivant  la  methode 
proposde  en  [9]* 


En  appliquant  la  relation  (15),  on. trouve  alors  s 

Ktac  -1,4115 

ss  1  ,4 

(couche  limit e  turbulente) 


d'oii  ^Dgj  “  1  -5,5.10-5 

r  „  1  .1,4.10-3 


0,9931 


La  correction  d'effet  viriel  est  insignifiante  dans  le  cas  considdre.  ici  en  raison  du  niveau  tres  modere  de 
la  pression  s  elle  est  en  effet  egale  h.  -0,3  , 


En  rdsume  : 


3*4*  -  Mesures  experiment  ales  sur  la  tuyere  etalQn  - 

La  tuyere  etalon  est  vissee  a  l’extremitd  du  canal  primaire  de  la  balance  de  poussde.  Elle  est  entourde 
d'un  card page  qui  prolonge  la  canne  de  la  balance,  comme  les  arriere-corpa  prdsentes  au  §  2.1*,  mais  qui  est 
cylindrique.  On  precede, comme  pour  les  mesures  sur  arriere -corps,  en  deux  temps  x  on  dvalue  tout  d*  abord,  en 
1* absence  de  jet,  la  trainee  extern©  qui  est  ici  une  trainee  de  frottement  uniquement.  Cette  trainde  est  ensuite 

ddduite  de  la  mesure  effectuee  avec  jet  :  la  poussde  interne  et  le  coefficient  K-r-  on  rdsultent. 

» 

Pour  ce  type  de  mesure,  le  debit  qui  circule  dans  la  tuyere  est  dgal  &  celui  qui  traverse,  lors  d*une  mesure 
courante,  le  module  drun  arridre-corps.  On  se  place  ainsi  ddlibdrement,  pour  les  mesuree  de  contrdle,  dans  des 
conditions  d* essais  identiques  h  celles  adoptdes  pour  les  mesures  sur  arriere-corps. 
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Afln  de  contr&Ler  les  calculs  de  la  couche  limite,  un  sondage  experimental  de  la  couche  limite  a  etd  effeotud 
dans  le  plan  de  sortie  de  la  tuyere*  Les  rdsultats  sont  s 

r  c(,) 

I  °  ^  experimental  ~  0,37  mm 

H  =  If  =3,u 

Ces  valeurs  sont  en  excellent  accord  avec  les  valeurs  calculees  en  couche  limite  turbulente  et  qui  sont  j 


~(t) 

g  experimental  -0,12 

£<0 
C  E 


c*Cfl 


S? 


~  0,41  mm 
=  0,13  mn 

“  3 


(couche  limite  turbulente) 


alors  que  1* accord  ne  serait  pas  du  tout  satisfaisant  avec 
lies  valeurs  calculdes  en  coucho  limite  laminaire  r 


H 


•  0,23 
»  0,04 
5,3 


(couche  limite  laminaire) 


Les  hypotheses  retenues  pour  la  calcul  de  la  couche  limite  sont  ainsi  justifides* 


II  serait  fastidieux  d'diiumerer  ici  les  diverses  valeurs  experimental es  du  coefficient  de  poussee 
de  la  tuyere  dtalon  que  nous  avons  obtenues  au  cours  des  mesures  repet des  qui  accorapagnent  toutes  nos  campagnes 
d*essM.e*  Ces  valeurs  3ont  habituellement  tres  proches  de  la  valeur  theorique,  l'ecart  etant  en  general  infdrieur 
h  0,3$  •  Elies  pemettent  d*af firmer  qu*  aucune  erreur  grave  n*  est  commise  dans  nos  mesures  ;  elles  permettent 
aussi  d'ameliorer,  par  recalage,  la  cohdrence  entre  les  diverses  campagnes  d'essais. 


4  -  HESURES  EPEECTUEIS  SUR  UN  BANC  AU  POINT  PLXE  - 


4*1*  -  Introduction  - 

Ii©  Centre  d*essais  de  l'O.N.E.R.A.  A  MODANE-AVRIETIX  poss&de,  en  service  depuis  1967,  un  banc  de  poussde  au 
point  fixe  de3tind  h  chiffrer  les  performances  internes  de  tuyeres  de  rdacteurs  A  echelle  reduite  et  a  un  ou 
plusieurs  flux*  La  simulation  e3t  obtenue,  la  encore,  au  moyen  d'air  comprimd  froid*  Les  ddbits  peuvent  atteindre 
20  kg/s  et  le3  taux  de  detente  realisables  sont  d’un  niveau  identique  a  ceux  de  1' avion  de  transport  supersonique 
"CONCORDE".  C‘e3t  k  l'dtude  des  performances  de  poussee  de  cet  avion  qu'h  dtd  consacree  jusqu'h  maintenant  cette 
installation  expdrimentale* 

Apr^3  avoir  prdsentd  tres  brievement  1* installation,  nous  donnerona  quelques  resultats  obtenus  en  monoflux 
eur  des  convergents  de  formes  variees,  rdsultats  qui  peuvent  servir  de  point  de  ddpart  h  1* etude  theorique  ou 
expdrimentale  de  configurations  de  tuyeres  plus  complexes.  Nous  presenterons  enfin  un  exemple  d’une  recherohe 
d* optimisation  interne  d'une  tuyere  A  deux  flux* 


4*2.  -  Description  de  l1 installation  - 


La  figure  7,  ertraite  de  [10],  montre  1*  installation.  La  balance  de  poussee  comporte  un  equipage  mobile 
euspendu  dlastiquement  et  bridd  par  un  dynamometre  tres  rigide  dont  la  capacitd  actuelle  est  de  1  000  daN. 


Hg.  7  -  Banc  de  poussee  au  point  fixe 


Le  systems  propulsif  etudxd,  A  un  ou  deux  flux,  est  fixe  h  cet  dquipage  mobile  par  l'intermddiaire  d'une 
chambre  de  tranquillisation  centrale  pour  l'ecoulement  principal  et,  eventuellement,  d'une  chambre  peripherique 
pour  l'dcoulement  auxLLiaire. 
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La  chambre  centrale  a  ete  largement  dimensionnee  :  les  conditions  generatrices  dejection  de  l*6coult 
primaire  peuvent  ainsi  y  £tre  definies  avec  precision  au  moyen  de  thermocouples  a  fil  tendu  pour  la  temper, 
generatrice  Tlt  et  de  prisee  de  pression  statique  a  la  paroi  pour  la  pression  generatrice  ~^>cj  •  Cette 
installation  de  mesure  de  poussee  est  done  simultaneraent  un  banc  de  striction. 

L’air  comprime,  preleve  sur  des  bouteilles  h  haute  pression, aliment e,  apres  conditionnement  thermique,  un 
reservoir  tampon  dans  lequel  pression  et  temperature  sont  maintenues  constantes  en  cours  d'essai*  Apres  passage 
dans  des  debitnetres  h  col  sonique,  l’air  penetre  dans  la  balance  de  poussee  normalement  a  l'axe  de  mesure  de 
1' effort. 


4* 5*  -  Coefficient  de  striction  de  convergents  coniques  axisymdtriques  - 

En  raison  de  l'interet  pratique  que  presente  1' etude  des  convergents  coniques  axisym^triques ,  puisque  ce 
type  de  tuyere  equipe  habit uel lenient  les  reacteurs  d* avion,  une  serie  d'essais  a  ete  recemment  effectuee  h 
KODANE  sur  des  convergents  coniques  (2  h  ,  h)  (voir  figure  6)  et  dont  le  l/2  angle  oC  a  valid  de  2°  h  80°  • 

La  figure  8,  extrait e 
de  [4],  donne  les  resul- 
tats  de  cette  etude  en 
ce  qui  conoerne  le  coef¬ 
ficient  de  debit 

Qj>k  •  •  ies  valeurs 
experimentalee  sont  re¬ 
present  ees  par  des  si- 
gnes  +  ,  Toutes  ces 
mesures  ont  etd  realisdes 
dans  des  conditions  d|_e^ 
coulement  supercritique 
[par  exemple,  si  c<  =  80°, 
le  taux  de  detente  cri¬ 
tique  ("choked  pressure 
ratio"),  est  ^  20  J 

Pour  dormer  plus  de 
gdndralite  h  ces  resul- 
tats,  nous  avons  calculd 
approxiraativement  la 
valeur  de  C«ps  pour 
chaque  tuyere,  en  inte¬ 
grant,  depuis  un  point 
situe  bien  k  l'amont, 
liquation  intdgrale  de 
von  Karmen*  II  en  a  rd- 
eulte  les  valeurs  de 
C;pK  representees  par 
les  signes  ©  ,  La 

courbe  en  trait  continu 
qui  joint  ces  points 
semble  tres  coherent e  t 
elle  passe  bien  par  le 
point  -  o’  ;  Cp  -dj 


4.4.  -  Influence  du  taux  de  contraction  sur  le  coef¬ 
ficient  de  debit  d'un  convergent  conioue  - 

Les  rdsultats  de  la  figure  8  concement  des  tu¬ 
yeres  convergentes  coniques  dont  le  taux  de  contrac¬ 
tion  est  egal  a  4*  Qu’ advient-il  du  coefficient  de 
debit  d'un  convergent  conique  quand  le  taux  de 
contraction  varie  ?  C'est  una  question  que  peut  ee 
poser  l'ingenieur  qui  doit  calculer  la  tuyere  d'un 
reacteur.  Nous  avons  donne  en  [4]  une  premiere  re- 
ponse  pour  un  convergent  conique  de  l/2  angle 

c{  ~  20°.  Nous  donnons  sur  la  figure  9  une  repo  ns  e 
beaucoup  plus  generale  :  les  re suit at s  presentes  sur 
cette  figure  result ent  de  calculs  en  ecouienent  plan 
par  la  methode  de  l'hodographe  fllj.  II  apparait  que 
le  coefficient  Cj>K  est  d'autant  plus  sensible  au 
coefficient  de  contraction  que  1' angle  c<  est  plus 
eieve.  Ce  resultat  est  logique.  Dans  le  domaine  d'u- 
tilite  pratioue  pour  un  reacteur  d'avionQo'^c^  4  IS0, 
Mco^O.6]  le  taux  de  contraction,  que  nous  carac- 
tdrisons  sur  la  figure  9  par  le  nombre  de  Kach  K  ^  , 
ne  joue  pratiquement  pas.  Ces  resultats  meriteraient 
d'etre  generalises  au  cas  de  1' ecoulenent  de  revo¬ 
lution. 


00 
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4.5.  -  Coefficient  de  pousade  do  convergents  coniques  - 

Avant  de  donner  nos  result ats  experimentaux,  montrons  que  l'on  peut  prdvoir  de  fapon  appro chee,  le  coeffi¬ 
cient  de  poussde  ft  d'un  convergent. 

thl 


Rappelons  A  cet  effet  la  relation  (15) 


CO 


kTAl=  ${K)  -  » gt(m;)z(m;)m’e  2 h. 

oir  vJcqueu*  *^E 

v"cre 

Le  nombre  de  Mach  eat  donn£  par  Xa  solution  (determination  supersonique)  de  1 ' equation 

*«)- 


Ac 


Sj  ■"hi 


Admettona  que  la  relation  (15)  puisse  4tre  appliqude  au  cas  limite  d'un  convergent. 
En  ce  caa  Ae  t,  fiy 

d'ou  z(h;) 


Or 


_J _  -  1  - r.  -4.  + 

°*t  Qe*  L.  ^  -  2.  _l  C3>w  ^ 

Remarquant  que  ^  ,  considerde  comme  una  fonction  de  ~<L  ,  vdrifie  j  _  =  VS 


S<0 

2.  Zs_ 
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Comme  le  nombre  de  Mach  doyen  de  1’ ecoulement  est  proche  de  1* unite,  on  d^duit  pour  W- 


=  cjifz=^_S)  +  2  4- 

air  visqueux  V  C—  y  h.  h. 

»  0te  K 


M  £*?  /,(« 

ou,  en  posant  r~tc  =  c/oc 
(16) 


KTflc 

air  viaqueux 

V  =  c^e 


-  4  (s -Vc^)  +  wO)  J/1  ~  ][^  -  _ 


Pour  "ff  b  1,4  et  une  couche  limite  turbulente  au  col  (  Hc  =  1,0),  la-  relation  (16)  deviant 

I - -  77Z  j  /  \  »  .  A  /" 

(16>) 


«n.,,r  +(s-^)+  c^) 

vincosite, turbulente _ 


BiMARQUE  -  Houa  avons  admie  que  la  relation  (l5)  est  applicable  au  cas  d'un  convergent.  Rien  ns  le  justifie 

a  priori,  puiaque  l'hypothese  qui  a  dte  retenue  pour  etablir  (15),  A  aavoir  que  la  pression  statique 
est  oonatante  dans  le  plan  de  eortie  de  la  tuyere,  n'eat  manii  jtement  paa  reapeetde  ai  Cn >H  4?  d. 

On  peut  montrer  oependant,  par  un  raisonnement  tout  a  fait  different  qui  met  en  jeu  le  developpement 
limitd  des  fonotiona  21  et  nr(-1  +  b'Ma)  autour  de  H  =  1,  que  la  relation  approchde  (16)  est 
bonne  [12]. 

Ex amino ns  maintenant  nos  rdsultats  experimentaux  - 

Los  valeura  experimentales  brutes  du  coefficient  de  poussde  dans  le  vide  Ktb pont  tout  d'abord  dte  ramendes 
am  valeurs  qu'auraient  prises  oe  coefficient  ai  l'air  dtait  un  gaz  parfait  a  if  =  1,4.  Ces  nouvellea  valeura 
sont  appeldes  Ktr  l  ^  |  q)  ' 


L'doart  entre  KT 


et  K- 


(.ifel,  4) 


eet  ioi  apprdciable. 


Par  eiemple,  pour  =  80°,  la  presaion  ndoesaaire  pour  atteindre  le  rdgime  superoritique  a  ete  de  l'ordxe 
de  20  atm  et  l'on  a  ; 

0.75*4) 


pour 


X 


4  5° 


Les  valeurs  du  coefficient  4  ."ramendes  A  "ft”  b  1,4",  ont  dtd  reportdea  sur  la  figure  10  de  la 

page  euivante,  pour  cheque  convergent,  en  fonotion  du' coefficient  C-, 
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On  a  aussi  trac£  eur  cette  figure 
la  courbe  trait 

continu  £pais.  Si  l1  on  remarque  que 
le  teime  0,12  (l-Cj>g)  eat  tout  k 
fait  negligeable  puis  que  1-Qs>$  est 
de  l'oxdre  de  quelques  millieraes,  on 
peut  juger  la  valeur  de  la  relation 
approchee  ( 1 6  * )  en  comparant  la  c our be 
en  trait  continu  epais  et  la  courbe 
experiment ale  en  trait  interrompu  qui 
joint  au  mieux  les  points  experimen- 
taux, 

L* approximation  est  bonne  pour 
0,95  C  Qv  ^1  ou  encore: 

O'  ^  25° 

On  a  aussi  trace  sur  la  figure,  en 
trait  continu  fin,  la  droite  (d)  qni 
traduit  la  relation 

K-r-ftj.  / 4>Qt)  -  1  =  0.3 

>1  - 

proposl e  dans  [l3]« 

Cette  demibre  relation,  non  justi¬ 
fies  dans  [13],  eet  une  bonne  appro¬ 
ximation. 


4«  6,  -  Example  d'une  etude  d1 optimisation  interne  dtune  tuyere  biflux  - 


Pour  terminer  cet  expose,  nous  pr£- 
eentons  enfin  les  resultats  d'une  etude 
d* optimisation  de  la  geometric  interne 
d'une  tuyere  biflux,  Cette  etude  experi- 
mentale  a  ete  effectuee,  a  la  demande  de 
la  SMEGMA,  sur  le  banc  au  point  fixe  de 
HODAHE.  La  tuyere  biflux  experimentee , 
du  type  "CONCORDE”,  est  presentee  sur  la 
figure  11.  Elle  comportait  des  elements 
fixes  :  tuyere  primaire.  divergence  ( 6 ) 
et  aire  de  sortie  (  )  du  divergent 

aval  et  des  elements  variables  :  aire  (?r) 
de  la  section  de  reprise,  distance  (AX.  ) 
sdparant  celle-ci  du  plan  de  sortie  de 
la  tuyere  primaire# 


L'ltude  consistait  a  evaluer  les  va¬ 
riations  du  coefficient  de  poussee 
en  f one t  ion  de  AX  ,  pour  des  valeurs 
donndes  du  coefficient  jju  =  3-.^~rs 

( **  dans  le  cas  des  essais  ^en  gas; 

froids)  et  du  rapport  Ts /Tt 

pressions  generatrices  de  l'e- 
coulement  secondaire  et  primaire  respec- 
tivement).  Les  resultats  presentes  sur 
la  figure  1 1  concernent  le  cas  S  /  Q  =  6  $ 
et  fournissent  la  synthese  finale  de 
1 * dtude  pour  ce  cas. 


Les  5  courbes  en  trait  interrompu  cor¬ 
respondent  a  5  valeurs  diff creates  de  la 
section  de  reprise  et,  par  consequent, 
k  5  types  de  divergent. 


Chacune  de  ces  courbes  a  ete  obtenue 
en  translatant  longitudinalement  le  diver¬ 
gent  correspondent  ct  en  mesurant,  pour 
diffe rentes  valeurs  de  AX ,  le  coefficient 
de  poussle  KtAL  (que  l1  on  a  ramene 
ensuite  k  =  1,4). 


Fig.  11 


Performance  interne  d'une  tuyere  biflux  type  "CONCORDE" 
Influence  du  parametreAX . 
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On  a  ensuite  superposd  sur  le  reseau  des  courbes  en  trait  interrompu,  celui,  en  trait  oontinu,  des  courbes 
iso  -  "Ps/Tt  .  On  peut  alors  tirer,  de  1' observation  de  ce  dernier  reseau,  la  conclusion  euivante,  valable  pour 
e  6  i>  t 

La  valeur  optimale  de  2\X  depend  du  niveau  deTs/TV  •  S'il  y  a  interSt,  pour  les  faibles  valeurs  de^/p.  , 
k  donner  k  AX  des  valeurs  importantes,  il  faut  inversement  reduire  AX  pour  les  valeurs  6lev6es  d eVsJ-p  * 

RH'IAHOOB  -  Si  l’on  tient  compte  de  ce  que  repre sente,  sur  l’cchelle  des  ordonndes,  une  variation  relative  du 
coefficient  de  poussee  4gale  a  1  on  voit  qu’une  grande  precision  des  mesures  dtait  ndcessaire 
pour  pouvoir  dbfinir  ce  reseau  de  synthese  et  donner  les  elements  d '  appreciation  suffisamment  sftrs 
au  construe  teur * 


5  -  CONCLUSION  - 

5*1.  -  Les  methodes  de  mesure  utilisees  a  l'O.N.E.R.A.  pour  la  determination  des  performances  d'un  arriere-corps 
ont  presentees  et  les  dispositifs  experiment aux  utilises  dans  les  centre  de  l’O.N.E.R.A.  k  CHALAIS-^IEUDON 
et  k  NODAIIE  ont  dtd  decrit3. 


5*2*  -  Le  contr&Le  de  la  validity  dee  mesures  est  obtenu  en  comparant  les  performances  calculdep  d’uno  tuyere 
4talon  et  les  result ats  obtenus  experimentalement.  Pour  ce  faire,  des  coefficients  correcteurs  prenant  en  compte 
les  effets  de  viscosite  et  de  compress ibilite  de  l'air  utilise  dans  les  essais  sont  introduits.  L' accord  obtenu 
sur  les  coefficients  de  poussde  est  en  general  meilleur  qu’h  0,5  %  pres. 


5.3*  -  Les  rdsultats  de  calcul  ou  de  mesure  de  debits  et  de  pousebe  de  tuyeres  ont  et6  pr^sent^s,  ainsi  qu’une 
synthese  parti elle  ooncernant  les  recherches  d’ optimisation  au  point  fixe  d’un  arribre-corps  de  type  "CONCORDE". 
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MOYENS  ET  EXEMPLES  D'ESSAIS  AU  C.  E.  Pr. 
par 

Jean-Claude  RIPOLL  lng.  en  Chef  de  l'Armement  et  Jean-Bernard  COCHETEUX  lng,  de  l'Armement 
Centre  d'Essais  des  Propulseurs  -  SACLAY  91-ORSAY  -  FRANCE 

RESUME.  -  Le  C.E.  Pr.  est  un  Etablissement  d'Etat  qui  participe  au  d4veloppement  des  mo¬ 

teurs  a^ronautiques  en  mettant  4  la  disposition  des  Industriels  des  moyens  d'essais  en  vol  simul6  uni¬ 
ques  en  Europe  Continentale. 

L'installation  comprend  principalement  des  machines  de  traitement  de  Pair  et  des 
gaz  d'4chappement  mues  soit  par  l'61ectricit4  soit  par  la  vapeur,  un  r6seau  complexe  de  conduites,  8 
cellules  d'essais  de  moteurs  en  vol  simul6  et  7  veines  d'essais  de  sous  ensembles.  Les  mesures  sont 
principalement  assur4es  par  un  ordinateur  central. 

Parmi  les  nombreux  types  d'essais  relatifs  aux  entries  d'air  et  aux  tuyferes,  on 
donne  4  titre  d'exemples  des  indications  sur  deux  essais  pour  Concorde  et  sur  les  etudes  coupl6es  de 
bruit  et  de  poussde. 


- ooOoo - 

Premifere  partie  :  Moyens  d'essais 

1.  -  Introduction.  -  Le  C.  E.  Pr.  a  6t4  cr64  et  d4velopp<5  par  les  autorit4s  gtatiques  chargSes  de  l'ar- 

mement  a6ronautique.  R  depend  actuellement  de  la  D.  M.  A.  au  sein  du  Ministfere  d'Etat  charge  de 
la  Defense  Nationale. 

Sa  mission  comporte  deux  aspects  essentiels 

-  c'est  le  lieu  des  epreuves  officielles  d 'homologation  des  moteurs  aeronautiques 
fabriques  en  France. 

-  II  met  4  la  disposition  des  Industriels  des  moyens  d'essais  de  recherches  et  de 
developpement  constituent  des  investissements  lourds  dont  le  regroupement  est 
plus  rentable. 

Depuis  plusieurs  ann4es  des  constructeurs  Strangers  y  sont  Sgalement  venus  rSa- 
liser  des  essais,  dont  certains  pour  la  certification  de  leurs  matSriels. 

Installs  &  l'origine  dans  l'enceinte  d'un  fort  dSsaffectS  qui  contient  toujours  la  plu- 
part  des  bancs  d'  essais  au  sol,  le  C.  E.  Pr.  a  rapidement  dSbordS  sur  le  plateau  de  Saclay  pour  Sta- 
blir  les  installations  d'essais  en  vol  simulS^en  profitant  de  la  prSsence  des  Stangs,  crSSs  par  Louis 
XIV,  qui  constituent  la  "  source  froide  "  indispensable  4  l'ensemble  des  machines  thermiques. 

L'emplacement  retenu  apparaft  aujourd'hui  comme  particuliSrement  favorable  car 
il  se  situe  sur  l'axe  intellectuel  du  sud  ouest  parisien  avec  la  proximitS  de  1'  O  N  E  R  A,  du  CEN, 
des  UniversitSs  (Orsay)  et  grandes  Ecoles  (Polytechnique,  Centrale)  et  une  liaison  facile  avec  les 
usines  de  la  S.  N.  E.  C.  M.  A.  par  les  autoroutes  en  construction. 

L'Etablissement  compte  aujourd'hui  1000  personnes  dont  : 

350  pour  les  services  administratifs  et  d'assistance  technique 

100  pour  le  Laboratoire  d'essais  sur  les  carburants  et  6quipements 

550  pour  le  service  des  essais  de  moteurs  et  les  mfrthodes  et  mesures  associSes. 

2.  -  Le  vol  simul^.  -  Le  caractfere  sp4cifique  du  C.  E.  Pr.  reside  essentiellement  dans  ses  installations 

de  vol  simul^  qui  sont  uniques  en  Europe  continentale.  Ces  moyens  ont  pu  gtre  heureusement  adap¬ 
ts  jusqu'A  ce  jour  aux  orientations  successives  de  l'effort  a4ronautique  :  avtnement  du  r£acteur, 
tendance  vers  le  statordacteur,  developpement  des  post-combustions,  rSacteurs  4volu4s  pour  avions 
supersoniques  ;  les  moteurs  4  grand  rapport  de  dilution  posen  un  nouveau  probl4me  d'investisse- 
ments  complementaires, 

Les  essais  en  vol  simuie  sont  surtout  des  essais  de  developpement,  qu'ils  portent 
sur  des  sous-ensembles  ou  sur  des  moteurs  complets  ;  cependant  la  certification  de  nacelles  com¬ 
pletes  en  givrage  et  des  epreuves  d'endurance  4  grande  vitesse  sont  la  source  d'une  activite  notable. 

3.  -  Le  Batiment  B.  -  Le  complexe  principal,  dit  "BStiment  B",  s'etend  actuellement  sur  48  000  m2, 

une  extension  de  5  000  m2  etant  en  cours  de  realisation.  Schematiquement  il  s'agit  de  2  halls  ras- 
semblant  les  caissons  et  veines  d'essais,  separes  par  le  hall  des  machines  dans  le  prolongement 
duquel  se  trouvent  les  chaufferies, 

En  effet  la  plupart  des  compresseurs  et  extracteurs  sont  mus  par  des  turbines  5 
vapeur  qui  autorisent  plus  de  souplesse  dans  les  regimes  de  fonctionnement.  D'autre  part  l'eiectri- 
cite  actionne  quelques  compresseurs  et  surtout  les  pompes  qui  puisent  jusqu'a  50  000  m3/h  dans 
les  etangs  pour  alimenter  les  refrigerants  disposes  sur  les  circuits.  Le  tableau  1  rassemble  les 
caracteristiques  generates  des  sources  de  puissance.  Les  graphiques  du  tableau  II  montrent  Revo¬ 
lution  des  consommations  en  electricite  et  en  fuel  lourd,  carburant  des  chaufferies,  correspondent 
5  l'accroissement  de  la  charge  en  essais. 

Les  machines  de  traitement  de  l'air  et  des  gaz  d'echappement  sont  connectees  4 
un  reseau  de  tuyauteries  qui  dessert  les  bancs  d'essais.  Ce  r6seau  comprend  trois  circuits,  l'un 
d'extraction,  les  2  autres  d'alimentation,  l'un  en  air  comprim6  et  chaud,  l'autre  en  air  d<5prim£  et 
froid.  De  nombreuses  liaisons  entre  ces  circuits  permettent  toute  sorte  de  combinaisons  et  de  join- 
dre  pratiquement  n'importe  quel  banc  4  n'importe  quelle  machine.  Sur  ces  circuits  se  placent  6ga- 
lement  les  r4chauffeurs  d'air,  les  4changeurs  et  les  s6cheurs  fournissant  aux  machines  l'air  condi¬ 
tion^  n6cessaire.  (tableau  III). 


Tableau  I  Sources  de  Puissance 


Refroidls  - 
sement 


Limite  a  3  MW  aux  H.  P.  Hiver 
Puissance  installde  cx  50  MVA 


Electricite 

103MWh 


Fuel  lourd 
103  tonnes 


Fuel  lourd 
Electricite 


965  66  67  68  69  70  71 

Tableau  II  Consommatlons  d'dnergie 


Annees 


TABLEAU  IB 


DISPOSITIFS 


STATIQUES 


Sdcheur| 

Alumine  activde  170  t 

absorption  9  t  d'eau 

10°C 
-  22 

S  N 

Air  100  kg/s  entrde 
sortie 

100  kPa 

98 

15°C  point  de  rosde 
35 

Rdchauffeurs 

Pression  maxi 

Ddbit 

Temperature 

bars 

kg/s 

°c 

RC  1 

7 

50 

140  d  675 

RC  2 

7 

50 

140  a  675 

RC  3 

16 

20 

160  a  675 

RC  4 

25 

22 

200  a  650 

Rdfrigdrants| 


Sortie  des 
Compresseurs 


Circuits 

d'extraction 


Entrdes 

d'extracteurs 


Sorties  de 
Caissons 


Alimentation  en  froid  TS  8  tours  a  saumure  80  kg/s 
sous  90  kPa  a  -  10°C 


RCV  15  ddbit 
RCN35  d'eau 


R  SI 
RN2 
RN  6 


RV  8 
RV  15 

ER  (6  appareils) 
BBO  (3 


RP  5 
RP  6 
RLN  7 


1500m3/h 

2000m3/h 


5  000  m3/h 
4250  m3/h 
4  200  m3/h 


2100m3/h 
800  m3/h 
2400  m3/h 
2800  m3/h 


2500  m3/h 

nil 


tubes  d'air 

It 


tubes  d'eau 

tl 

*1 


tubes  d'air 
n 

ii  ” 

tubes  d'eau 


tubes  d'eau 
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Le  rdseau  de  tuyauteries  ne  peut  §tre  reprysenty  facilement  sur  une  figure  de 
petites  dimensions  ;  il  fait  1'objet  d'une  planche  en  couleurs  projetye  qui  est  un  diagramme  fonc- 
tionnel,  le  plan  gdographique  ytant  sensiblement  plus  compliquy.  Ce  ryseau  construit  pas  k  pas 
est  en  permanente  Evolution  et  s'enrichit  chaque  annye  de  branchements  nouveaux  qui  en  accrois- 
sent  la  souplesse  ;  cependant  l'espace  disponible  se  sature  progressivement. 

4.  -  Les  machines.  -  Les  machines  de  traitement  des  gaz  et  de  I'air  pr4sentent  ygalement  une  grande 
diversity  de  missions  qui  contribue  notablenient  a  yiargir  le  domaine  d'emploi  de  l'installation. 
Ainsi  : 

-  le  groupe  G.  P.  O.  peut  foumir  de  Pair  comprim4  &  temperature  rfeglable  de  +  30“  £  +  180°C  mais 
4 galement  de  Pair  froid  ddtendu  grace  a  une  turbine  plac4e  sur  le  mime  arbre. 

-  les  deux  chafnes  "  Rateau  "  de  trois  extracteurs  chacune  peuvent  6tre  associyes  de  diff4rentes 
maniferes  en  parallMe. 

-  les  groupes  "  Verdon  "  peuvent  etre  utilises  soit  en  extracteurs  soit  en  compresseurs  et  peuvent 
Stre  connectes  en  serie. 

-  il  en  est  de  meme  des  2  compresseurs  T  A  et  de  2  des  4  compresseurs  T  B 

-  les  extracteurs  T  B  peuvent  etre  mis  en  sdrie  avec  les  "  Verdon  "  ou  avec  les  "  Rateau 

-  le  groupe  B.  B.  O  peut  fournir  de  Pair  haute  pression  (24  bars),  de  I'air  froid,  ou  servir  d'ex- 
tracteur  a  basse  pression. 

-  dans  sa  configuration  finale  le  nouveau  groupe  C  A  C  B  offrira  la  mise  en  parallhle  en  compres¬ 
sion,  en  parallhle  ou  s4rie  en  extraction,  de  Pair  haute  pression  (25  ou  peut  etre  40  bars),  de 
Pair  froid  k  la  pression  ambiante. 

Les  performances  obtenues  de  ces  machines  dont  les  caractyristiques  sont 
rappelyes  dans  le  tableau  IV  dependent  done  des  combinaisons  adoptdes  ;  seules  les  principales 
figurent  sur  les  planches  suivantes  relatives  aux  valeurs  "  machines  "  proprement  dites. 

1  :  Compression  2  :  Extraction  3  :  Production  d'air  froid 


TABLEAU  rv _  _  CARACTERISTIQUES  DES  MACHINES 


Electricity 

i  B  B  O  j 

1  ! 

1  1 

1  1 

1  1 

7  MW 

1  B  P  Axial  16  5tages 
|  MP  Centrif.  5  ytages 

1 

j  Turbine  Axiale  2  Stages 

1  D5tente 

1-  Haute  Pression  MP  +  HP 

J  Surchauffe  par  R  C  4 

1-  Extraction  BP  +  MP 

1 

1  1 

1  1 

j-  Air  froid  MD  +HD  +TD 

1  1 

1  1 

|  1 

7  MW 

1 

j  H  P  Centrif.  5  stages 

1  k  pression  atmosphyrique 

IGPO  j 

1  1 

1  1 

4  M  W 

1  Compresseur  Cent.  3  ytages 

|  Turbine  Dytente  Ax,  4  yt. 

j-  Air  comprimy  k  tempdrature 

rygulde 

j-  Air  froid  dytendu 

i  ! 

i  r 

1  T  A  ] 

|  I 

25  MW 

1  2  compresseurs  axiaux 

1  k  17  ytages 

T 

j-  Compression  1  ou  2  T  A 
|-  Extraction  1  ou  2  T  A 

j  T  B  | 

j  i 

25  MW 

|  4  compresseurs  axiaux 

J  k  17  ytages 

|-  Compression  1  ou  2  T  B 
|-  Extraction  1-2-3-4  T  B 

Vapeur 

|  V  15  1 

1  ! 

11  MW 

1  3  compresseurs 
centrifuges  1  ytage 

j-  Compression^^  y  J5 
j-  Extraction 

f  1 

|V  8  i 

6  MW 

1  2  compresseurs 
j  centrifuges  1  ytage 

!-  Compression  „  ,,  „ 

_  .  1  ou  2  V  8 

|-  Extraction 

1 

EH  | 

INord 

I 

3  MW 

i  B  P  centrif.  2  ytages 
]  M  P  centrif.  2  ytages 

j-  Extraction  seulement 

-  BP+MP  -  BP+MP  +  HP 

-  MP  seul  -HP  seul 

1,7  MW 

j  H  P  centrif.  2  ytages 

|-  MP  en  parallhle  avec  HP 

!sEudR  i 

Mfeme  definition  et  m&mes  possibility s  que  ER  Nord. 

Mises  en  sdrie  possibles  T  B  - »-  V  15  ou  V  8  T  B - »-  E  R 

V  15  - - *-  V  8  V  15 - -  ER 


En  construction  :  C  A  25  MW  2  compresseurs  MSmes  utilisations 

(fin  1973)  C  B  25  MW  4  compresseurs  que  T  A  et  T  B 

Autre  possibility  :  extraction  4  CB — 1  CA 
Ultyrieurement  :  haute  pression,  turbine  de  detente. 


Les  pertes  de  charge  dans  les  conduits,  la  recompression  dans  les  yjecteurs 
et  les  limitations  en  vitesse  dans  les  tuyauteries  font  que  chaque  cas  particulier  doit  etre  examind 
attentivement  &  partir  de  ces  donn4es  de  base.  Nous  avons  ygalement  fait  figurer  sur  ces  diagram- 
mes  les  possibilitys  suppldmentaires  qui  seront  effertes  par  le  nouveau  groupe  CA-CB  de  2x25MW 
qui  entrera  en  service  a  la  fin  de  1973, 


- - 'rff 
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5.  -  Les  veines  d'essais.  -  Ces  installations  ont  pour  mission  les  essais  de  sous-ensembles  : 

-  comgresseurs  aux  bancs  Cl  et  C2  ;  le  montage  en  caisson  et  le  raccordement  au  systbme  d'air 
conditioned  permet  de  faire  varier  largement  le  nombre  de  Reynolds  et  d'obtenir  des  vitesses 
bquivalentes  blevbes. 

-  chambres  de  combustion  aux  bancs  K  3,  K  6,  K  7  et  L  2 

-  turbines  aux  bancs  T  U  et  K  5 

-  canaux  de  post-combustion  au  banc  R  4 

-  tuybres  de  dimensions  rbduites  au  banc  K  5 

Les  possibilitbs  de  ces  veines  sont  rbsumbes  dans  le  tableau  V. 


TABLEAU  V 


C.  E.  Pr. 


Veines  d'essais 


pompresseursj  Puissance  |  Vitesse  de  rotation 


Limites 


C  2 


11  MW 
Turbine  k 
vapeur 


600  a  18  000 
un  seul  sens 

(horaire  vu  de 
l'amont) 


Admission 

Pression  5  A  105  kPa 
Temperature  -50°  a  +  50°C 
Echappement 
Debits  primaire  40  kg/s 
reduits  secondaire  120kg/s 


Caisson  0  3,2  m 
Echappement  double  flux 


C  1 


1000  kW 


11  000  tr/mn 
deux  sens 


Admission 

Pression  5  a  120  kPa 
Temperature  -50°i+80°C 
Echappement 
Debit  reduit  40  kg/s 


Caisson  0  3, 2  m 
Motorisation  en  cours  de 
realisation 


Combustion 


Debit  normalise 
maximal 


Alimentation 

Pression  Temperature  Diambtre 


Echappement 

Pression  Temperature  Diambtre 


K  3 


50  kg/s 


7  b 


-50  a  570°C 


900  mm 


1,5  b 


800°  C 


2000  mm. 


K  6 
K  7 


25  kg/s 


25  b 


50  a  600°  C  500  mm 


25  b 


650°  C 


1000  mm. 


Turbines 


Puissance 


Vitesse  de  rotation 


Limites 


T  U 


11  MW 


1000  &  12  000  tr/mn  |  Alimentation 
I  Debit  standard 


4,  5  bars 
65  kg/s 


350°  C 

Echappement  800°  C 


5,5  MW 


25  000  tr/mn 


I  En  cours  de  realisation 


P.C. 


Dimensions 


Debit 


Limites 


C  arbur ant 


R  4 


Caisson  (J)  3,7  m. ]  normalise 
Admission  <J>  1,  2m.  |  maximal 
Echappement  $  1,5m!.  90  kg/s 


Pression  kPa 
Temperature 


Entre  e 


650 

|350°C. 


Sortie 


150 

600°C 


Normal  27  m3/h  80  b 


Chaud  200  °C 
5  m3/h 


80  b 


6.  -  Les  caissons  d'essais.  -  Ces  caissons  se  prbtent  k  tous  les  essais  abrodynamiques  et  aux  essais 

de  moteurs  complets  en  veine  forcbe  ou  en  jet  libre.  La  planche  4  compare  les  caractbristiques 
gbnbrales  des  7  caissons  du  C.  E.  Pr.  Nous  allons  examiner  plus  particulibrement  les  caissons  R5 
et  R  6  qui  ne  different  aue  par  la  temperature  maximale  d'entrbe,  On  remarquera  que  la  valeur  de 
675°C  fournie  par  les  fours  permet  de  simuler  exactement  Mach  =  4,1  k  Z  =  23  km  ;  en  effet  ces 
caissons  ont  d'abord  ete  destines  k  des  essais  de  statorbacteurs, 

Le  domaine  de  simulation  effectivement  accessible  depend  de  nombreux 
facteurs  attaches  tant  aux  machines  de  traitement  qu'aux  tuyauteries  et  au  caisson.  Le  point  de  vue 
industriel  se  traduit  par  un  diagramme  dbbit-pression  {planche  5)  et  celui  des  essais  par  des  dia- 
grammes  Nombre  de  Mach.  Altitude  (planches  6  et  7).  Lorsque  la  pression  gbnbratrice  est  voisine 
de  l'ambiante  les  configurations  peuvent  etre  trbs  variables,  c'est  pourquoi  les  limitations  reprb- 
sentbes  dans  ces  regions  ne  doivent  pas  btre  prises  au  sens  strict. 

Le  banc  R5  est  bquipb  pour  les  essais  "chauds",  Le  banc  R  6  est  bquipb 
d'une  installation  de  production  de  nuages  givrants  capable  de  traiter  d'assez  gros  moteurs  (plan¬ 
che  8), 

7.  -  Mesures.  -  II  en  sera  plus  amplement  question  dans  la  seconds  partie,  Le  diagramme 

de  la  planche  9  montre  1' organisation  gbnbrale  du  central  numbrique  dont  les  services  ont  considb- 
rablement  modifib  et  ambliorb  les  mbthodes  d'essais.  Les  programmes  particuliers  permettent 
outre  le  relevb  des  points  stabilises  l'enregistrement  des  transitoires  (essais  de  fusbes)  et  l'analy- 
se  des  vibrations  acoustiques. 


t 


5-5 


5-6 


5-8 


.  C.B.Rr  . 


kPa 


kPa 


100 


200 


300 


400 


BANC  D'ESSAIS  DE  GIVRAGE 
POUR  NACELLE  COMPLETE 
OU  ELEMENT  DE  VOILURE 
EN  JET  LIBRE  SUBSONIQUE 


.  Planche  8  _ 
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MOVEIMS  ET  EXEMPLES  D’ESSASS  AU  C.E.Rr. 


PRESSIONS 
22  MESURES 
2  REFERENCES 

TEMPERATURES 
24  MESURES 


PRESSIONS 

differentieli.es 


PRESSIONS 
24  CAPTEURS 


EFFORT 


DEPLACEMENTS 
24  VOIES 


TACHYMETRES 

DEBITMETRES 


[Planch©  © 


Organisation  cS©s  fV^osures  ©t  cfl©  lour  “Irasterr»©fit 
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Deuxidme  partie  :  exemples  d'essais 
1,  -  Essal  de  turbordacteur  en  veine  forcde  Olympus  593  au  banc  R  5. 

1,  1,  -  Montage  d'essai.  -  Ce  montage  est  orients  vers  l'obtention  d'une  mesure  prdcise  des  per¬ 

formances,  la  figure  1  en  donne  le  principe. 

Les  dimensions  du  compartiment  de  tranquillisation  assurent  une  vitesse  de  l'ordre  de  10  m/s 
favorable  au  fonctionnement  du  pavilion,  It  la  mesure  de  la  pression  gdndratrice  et  It  la  protec¬ 
tion  du  moteur  en  cas  de  rupture  du  filtre.  Le  ddbit  d'air  est  calculable  grace  k  un  dtalonnage  soi¬ 
gne  du  pavilion  qui  est  identique  It  ceux  des  bancs  de  sol. 

La  bascule  de  mesure  d'effort  d'un  type  habituel  au  C.  E.  Pr.  ,  comporte  un  plateau  reposant  sur 
des  lames  dlastiques.  Le  dynamomdtre  It  jauges  d'une  grande  raideur  peut  travailler  en  traction 
et  en  compression  (suppression  du  systdme  de  prdcharge)  :  ceci  garantit  la  fiddlitd  de  la  mesure. 
La  cellule,  dont  la  gamme  est  adaptde  It  la  poussde  du  rdacteur,  est  placde  dans  un  caisson  iso- 
therme  non  dtanche  ;  la  chatne  de  mesure  est  rddtalonnde  rdgulidrement  ;  de  plus  un  vdrin  et  une 
cellule  secondaire  permettent  de  verifier  que  la  mise  en  place  du  moteur  n'altdre  pas  l'dtalonnage 
et  de  controler  la  chatne  de  mesure  avant  chaque  sdance  d'essai.  Au  cours  d'un  point  de  mesures 
l'indication  de  la  cellule  est  relevde  24  fois  et  moyennde  ;  grace  k  ces  precautions  l'effort  est 
mesurd  avec  une  incertitude  infdrieure  k  1  pour  mille  de  la  pleine  gamme. 

Le  pavilion  d'aspiration  n'est  pas  lid  mdcaniquement  au  moteur.  Le  dispositif  d'dtanchditd  com¬ 
porte  un  joint  torique  coulissant  et  gonflable  et  un  labyrinthe  pressurise  ;  le  joint,  maintenu  sous 
une  difference  de  pressions  trds  faible  n'est  gonfle  qu'au  moment  du  relevd  de  mesures  ce  qui 
lui  dvite  toute  deformation.  Le  montage  permet  dgalement  l'utilisation  de  grilles  d'obstacles  de 
distorsion. 

La  tuyere  divergente  est  alimontde  en  air  secondaire  k  partir  du  compartiment  amont  ;  le  debit 
rdgule  est  mesure.  Le  montage,  specifique  de  l'Olympus,  a  ete  conqu  pour  ne  pas  perturber  la 
mesure  de  poussee. 


1.  2.  -  Mesures.  -  Le  systdme  d'acquisition  automatique  des  donnees  permet  d'enregistrer 

plus  de  300  parametres  en  6  secondes.  Ceci  amdliore  la  precision  gr&ce  4  la  multiplication  des 
mesures  permettant  de  tenir  compte  d'effets  secondaires,  et  au  multiplexage  des  paramdtres  pri- 
mordiaux.  Un  controle  permanent  et  instantand  de  la  chatne  de  mesures  est  rendu  possible  par  le 
calcul  en  temps  reel.  Enfin  1 'acquisition  automatique  reduit  de  50  %  la  duree  des  essais  par  rap¬ 
port  au  releve  manuel, 

X.  3.  -  Essais  effectues.  -  La  majeure  partie  des  300  heures  d'essais  effectuees  sur  Olympus  au 

R  5  a  porte  sur  l'etude  des  performances  de  la  tuyfere  de  propulsion.  Cette  etude  pose  un  probieme 
aigu  de  precision  des  mesures;  elle  ne  peut  se  faire  en  effet  que  par  comparaison  de  deux  essais 
effectues,  l'un  avec  une  tuyere  simplement  convergente,  l'autre  avec  la  tuyere  complex. 

La  qualite  des  resultats  peut  se  juger  sur  la  figure  2  :  la  dispersion  sur  le  coeffcient  de  poussee 
d'une  tuyere  convergente  de  l'Olympus  est  de  l'ordre  de  t  2  %«.  Ce  rdsultat  est  d'autant  plus  re- 
marquable  que  ce  coefficient  est  fonction  non  seulement  de  la  poussee  mesurde,  mais  aussi  des 
debits  d'air  et  de  carburant  du  moteur. 

2.  -  Essal  en  jet  libre  :  Maquette  motorisde  du  fuseau  moteur  double  du  Concorde  au  R  6. 

2.  1.  -  But  de  l'essai.  -  L'essai  etait  destine  £  l'etude  des  interactions  entre  les  deux  unites 

d'un  rndme  fuseau  :  Interactions  lides  au  fonctionnement  interne  de  chaque  entree  d'air  ou  de  cha¬ 
que  moteur  ou  resultant  d'un  phdnomdne  externe  (vol  derape,  rafale  laterale  etc.  . .  ). 

L'essai  k  echelle  grandeur,  souhaitable  pour  ce  type  d'essais,  etait  incompatible  avec  les  possi- 
bilites  du  C.  E.  Pr.  L'echelle  1/3  rendait  l'essai  possible  et  avait  le  merite  de  combler  un  vide 
entre  les  essais  aerodynamiques  au  dixidme  et  l'essai  k  echelle  grandeur  sur  entree  d'air  moto- 
risde  simple  au  N  G  T  E. 

Pour  confirmer  les  essais  &  petite  echelle  et  apporter  des  enseig.  ements  a  l'essai  du  N  G  T  E, 
il  etait  done  demande  au  C.  E.  Pr.  une  caracterisation  de  la  maquette  de  M=  1,  6  11=2,3,  Le 
maitre  d'oeuvre  de  l'essai  etait  Nord-Aviation  constructeur  de  la  maquette. 

2.  2.  -  Description  de  la  maquette  (figure  3).  -  Le  moteur  de  simulation  devait  avoir  un  debit  surfacique 
aussi  proche  que  possible  de  celui  de  l'Olympus  et  pouvoir  fonctionner  a  390° K,  temperature  gd- 
neratrice  minimale  pour  simuler  M  =  2,3  sans  choc  de  condensation  avec  les  secheurs  du  C.EPr, 
Seul  le  G.  E.  C  J  610  remplit  la  deuxidme  condition  dans  la  gamme  des  moteurs  de  20  kg/s  de 
debit  d'air, 

Mdme  en  fonctionnant  k  une  temperature  infdrieure  de  50°  k  la  temperature  ISA,  le  C  J  610  a  un 
debit  surfacique  trop  faible  de  11  %  d'oil  la  ndcessitd  de  prolonger  ldgdrement  le  divergent  de  la 
manche.  Le  C  J  610  pouvait  dtre  dquipd  d'un  obstructeur  de  tuyere  destine  k  le  sensibiliser  au 
pompage. 

L'dchelle  exacte  de  la  maquette,  fixde  par  le  choix  du  moteur  est  de  1/3,  06.  Chaque  entree  d'air 
peut  dtre  dquipde  soit  du  C  J  610,  soit  d'un  obstructeur  variable  (3  configurations  d'essais  possi¬ 
bles).  Les  prdievements  d'air  infdrieurs  (Dunp  door,  dchangeur)  sont  mesurds  par  des  venturi. 

Le  ddbit  de  prdldvement  des  rampes  est  rdgule  par  deux  vannes  inddpendantes  simulant  la  tuyere 
moteur  et  le  volet  de  ddcharge  "  Spill  ".  Les  elements  mobiles  de  la  maquette  peuvent  dtre  rdglds 
manuellement  ou  commandds  par  la  regulation. 

2.  3.  -  Montage  d'essai  (figure  4).  -  Le  montage  d'essai  devait  assurer  un  dcoulement  cylindrique  et 
sain  k  l'entrde  de  la  maquette  (1,  6  <  M  <  2, 3)  et  la  simulation  du  ddrapage  (amplitude  t  5°,  vi¬ 
tesse  allant  jusqu'd  5°/s  ),  dviter  toute  interaction  entre  le  systdme  d'onde  de  chocs  de  la  maquet¬ 
te  et  la  tuydre,  permettre  une  visualisation  par  ombroscopie,  et  alldger  au  maximum  la  charge 
des  extracteurs. 
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Deux  experimentations  furent  rdalisdes  pour  ddfinir  le  montage  d'essai.  L'une  4  1'  ONEEA 
pour  dtudier  deux  configurations  d'essai  (jet  libre  ou  veine  guidde)  l'autre  au  banc  A  10  du  CETr. 
sur  un  ensemble  4  l'dchelle  1/10  du  montage  du  R  6. 

La  tuydre  de  Mach  est  bidimensionnelle  ;  ses  parois  latdrales  et  supdrieures  sont  fixes  (cette 
dernidre  se  continue  par  le  plancher  de  la  maquette  simulant  l'intrados)  alors  que  le  profil  dvo- 
lutif  infdrieur  peut  pivoter  permettant  une  variation  en  essai  du  nombre  de  Mach  de  0,  2  par  minu¬ 
te,  Deux  profils  assurent  la  couverture  de  la  gamme  de  nombre  de  Mach, 

Le  ddrapage  est  obtenu  par  rotation  de  la  tuyere  autour  d'un  axe  vertical  ;  l'amplitude  est  de  -5“ 
avec  deux  vitesses  de  variation  (5“/s  et  4'/s). 

Le  tableau  ci-dessous  donne  le  ddbit  de  la  tuyere  pour  les  conditions  Pj0  =  100  kPa,  Tj0=  390°K 


M 

1  1,6 

i1*7 

|  1,8 

1,9 

2 

2,1 

2,  2 

2,3 

Ddbit  tuydre 
kg/s 

! 

{110,4 

1 

CO 

o 

{99,3 

f 

93,  6 

87,  8 

82,2 

76,  9 

71,1 

Ddbit  maquette 
kg/s 

1  40,7 

1 

!  38 

j 

1 

j  35,  3 

32,7 

30,1 

27,  6 

25,4 

23,2 

Ddbit  tuydre 

1 

!  2,72 

!  2,76 

j  2,81 

2,  87 

2,92 

2,97 

3, 02 

3,  06 

Ddbit  maquette 

_j _ 

1  * 

1 

i 

La  sortie  de  la  tuydre  est  biseautde  afin  de  permettre  la  visualisation  par  ombroscopie. 

Le  diffuseur  destind  4  augmenter  la  pression  du  compartiment  C  est  rdglable  en  position.  Son 
efficacitd  est  amdliorde  en  extrayant  dans  le  compartiment  B  une  faible  partie  (1  %)  du  ddbit  de 
la  tuydre  (extraction  de  couche  limite).  Ceci  assure  dgalement  un  dcoulement  cylindrique. 

Pour  M  »  2  le  rapport  entre  pression  gdndratrice  et  pression  d'extraction  principale  est  de  3,  8. 
L'extraction  du  ddbit  de  prdldvement  des  rampes  (piege  a  couche  limite)  est  assurde  par  une 
trompe  4  air  fonctionnant  entre  les  compartiments  A  et  C.  En  effet,  en  rdgime  fortement  super¬ 
critique  ;  la  pression  du  pidge  peut  etre  infdrieure  a  la  pression  du  compartiment  C. 

2.  4.  -  Mesures  et  ddpouillements.  -  La  maquette  est  dquipde  de  trds  nombreuses  prises  de  pression 
et  en  particulier  d'un  peigne  tournant  a  quatre  bras  situd  4  l'entrde  de  chaque  moteur  et  compor- 
tant  une  vingtaine  de  prises  de  pression  totale  et  s+atique  ainsi  que  4  sondes  directionnelles 
(clinomdtre)  permettant  la  mesure  des  vitesses  radiale  et  circonfdrentielle  en  deux  rayons. 

Au  total  plus  de  200  pressions  dtaient  4  mesurer. 

En  rdgime  stabilisd  deux  types  de  manomdtre  ont  dtd  utilisds  :  appareil  "Belin"  (multimanomd- 
tre  41iquide  avec  lecture  par  cellule  photodlectrique  et  impression  sur  bande  perforde)  ;  appareil 
"Scanivalve"  avec  impression  sur  bande  perforde  au  ddbut  de  l'essai,  puis  avec  acquisition  auto- 
matique. 

En  rdgime  transitoire  les  indications  des  capteurs  de  pression  CECetONERA  (frdquence  de 
rdsonnance  respective  6  et  8  KHz)  dtaient  enregistrdes  sur  enregistreur  photographique  4  gran¬ 
de  bande  passante  et  sur  enregistreur  magndtique  fonctionnant  en  modulation  de  frdquence. 
L'enregistreur  magndtique  s'est  rdvdld  trds  utile  pour  l'dtude  des  fluctuations  de  pression  4 
l'entrde  d'un  moteur  en  permettant  les  opdrations  suivantes  : 

-  restitution  graphique  des  signaux  onregistrds  avec  utilisation  de  filtres  passe-bas  (50Hz  et 
200  Hz  )  ou  non. 

-  Analyse  spectrale  par  tiers  d'octave  4  l'aide  d'analyseur  BrOel  et  Kjoer  de  la  chaine  d'analyse 
de  bruit  de  la  chambre  andchotque  du  C.  E.  Pr.  pour  des  frdquences  de  5  Hz  4  50  Hz,  20  Hz  4 
200  Hz,  50  Hz  a  2000  Hz.  pour  ces  opdrations  la  vitesse  de  lecture  de  la  bande  dtait  quatre  fois 
supdrieure  4  la  vitesse  d'enregistrement  (38  cm/s),  (voir  exemple  figure  5). 

-  Analyse  au  pas  de  1  Hz  par  densimetre  spectral  de  Nord- Aviation. 

2,  5.  -  Essais  effectuds,  -  Les  essais  se  sont  ddroulds  de  juillet  65  4  octobre  68  ;  au  total  plus 

de  300  heures  de  fonctionnement  ont  dtd  rdalisdes. 

Les  essais  ont  principalement  portd  sur  les  points  suivants  : 

-  caractdrisation  de  l'entrde  d'air 

-  Etude  des  paramdtres  de  rdgulation 

-  Etude  et  optimisation  de  diffdrents  types  de  rdgulation 

-  Etude  de  l'influence  du  ddrapage  sur  le  pompage  du  moteur 

-  Etude  de  l'influence  du  pompage  d'une  entrde  d'air  sur  l'autre 

-  Etude  de  l'influence  du  pompage  d'un  moteur  sur  l'autre  entrde  d'air 

-  Analyse  des  fluctuations  de  pression  4  l'entrde  du  moteur  en  fonction  du  ddrapage. 

3.  -  Essai  de  caractdrisation  d'un  silencieux  de  tuydre.  -  La  chambre  andchoique  A  17  et  le  banc 

de  poussdeA  04  du  C.  E.  Pr.  qui  peuvent  admettre  des  maquettes  de  tuydre  de  mdmes  dimensions, 
permettent  au  constructeur  de  rdaliser  de  meilleur  compromis  entre  le  gain  acoustique  et  la  perte 
d'un  silencieux  de  tuydre. 

3.  1.  -  Le  banc  A  04  (figure  6)  permet  d'dvaluer  les  performances  de  tuydres  4  simple  ou  double 

flux  d'un  ddbit  maximal  de  2,  5  kg/s  4  des  rapports  de  ddtente  allant  jusqu'4  16.  La  tuydre  est 
fixde  sur  un  canal  cylindrique  a  deux  parois  supportd  par  des  lames  dlastiques  et  limitd  en  dd- 
placement  par  une  cellule  4  jauges. 


Obatructeur 
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Figure  5  -  Analyse  des  fluctuations  de  pression 

dans  1'  entree  d'air. 


BA NC  DE  MESURES  DE  PERTES  DE  POUSSEE 
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Les  deux  debits  d'air  sont  mesurds  par  des  cols  soniques  ;  leur  alimentation  ce  fait  radialement 
et  sans  aucun  contact  mecanique  avec  le  canal  :  les  fuites  des  labyrinthes  de  l'ordre  de  5%»  du 
debit  reel  (jeu  trfes  faible  0,  04  mm  avec  detection  electrique  de  contact  accidentel)  sont  periodi- 
quement  etalonnees.  La  bascule  est  etalonnee  en  statique  avant  chaque  campagne  par  un  systeme 
de  pesons.  L'ensemble  de  la  chafne  de  mesure  est  contrbie  avant  chaque  seance  par  une  tuyere 
etalon,  Une  installation  de  strioscopie  complete  la  connaissance  aerodynamique  du  jet. 

Pendant  l'essai  les  conditions  generatrices  sont  maintenues  constantes,  le  taux  de  detente  est 
regie  par  la  pression  du  compartiment  d'essai.  Les  mesures  et  depouillements  entierement  au- 
tomatiques  permettent  d'obtenir  trfes  rapidement  les  coefficients  do  poussee  (  -  2  %«  )  et  de  debit 
(  -  1  %c)  de  la  tuy5re  avec  et  sans  silencieux. 

3.  2.  -Essai  de  performances  acoustiques.  -  La  chambre  anechofque  A  17  a  ete  specialement 

conyue  pour  l'etude  des  bruits  de  jet.  II  s'agit  d'une  chambre  de  630  m3  (  figure  7  )  flottant  a 
l'interieur  d'un  premier  local  et  reliee  &  un  canal  de  dilution  et  5  un  conduit  d'echappement  des 
gaz.  Elle  peut  recevoir  des  tuyeres  k  simple  ou  double  flux  d'un  debit  maximal  de  7,  5  kg/s.  La 
temperature  generatrice  maximale  de  1350  °K  est  obtenue  grSce  k  une  chambre  de  combustion 
double  au  propane. 

L5  encore  le  processus  d'acquisition  et  de  traitement  des  donnees  est  entierement  automatique  : 
l'ordinateur  suit  le  deplacement  du  microphone  et  commande  l'acquisition. 

Une  table  tra9ante  permet  d'obtenir  en  temps  reel  le  trace  correspondant  au  programme  d'ac¬ 
quisition  choisi  au  debut  du  point.  Un  de  ces  programmes  d'acquisition  donne  directement  les 
niveaux  de  bruit  moteur  evaluds  en  PNdB  ou  EPNdB  et,  grSce  k  un  analyseur  spectral  au 
1/3  d'octave  (  200  .<  f  ^  100.  000  Hz  )  les  caracteristiques  du  spectre  acoustique  a  l'angle 
d'emission  sonore  maximale. 

La  chafne  de  mesure  est  periodiquement  reetalonnee  k  l'aide  d'un  generateur  de  bruit  blanc 
parfaitement  connu. 


Figure  f 
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SUMMARY 


The  Paper  desoribee  full-scale  thrust-performance  teets  made  in 
an  altitude  teet  cell  at  NOTE  on  a  prototype  two-etream  propelling  nozzls 
fitted  to  a  turbojet  engine  installed  within  a  eimulated  aircraft  nacelle. 
The  teets  were  made  at  conditions  repreeenting  flight  at  Mach  2  at  20  km 
altitude. 

Nozzle  thrust  efficienoy  obtained  from  theee  full  scale  tsets  is 
compared  with  that  from  a  l/lO  ecale  model  teet  rig.  The  preliminary 
analyeie  gave  unexpectedly  low  full-eoale  efficiencies  and,  to  investigate 
thie,  epecial  tests  were  made  with  the  secondary  part  of  the  nozzls 
removed.  As  a  result  of  these  primary  nozzle  teete,  corrections  were  made 
to  eecondary  nozzle  teet  points  giving  satisfactory  agreement  between  full- 
eoale  and  model. 
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LIST  OP  SOBOLS 

(Hotel  strict  S.I.  units  can  he  applied  to  every  Ej.  in  this  Paper) 

A  area 

Cjj  discharge  coefficient 

Jlnf.Ooef j  influence  coefficient 
KCA  model  test  epecific  thrust 


U 

P 

P 

T 

V 

W 

x 

*i 

*g 

*GA 

XPL 

*L 

y 

Aff 

^XG 

’IXGA 


h 

B 

6 

E 

J 

S 

SJ 


calc 
oon 
cor 
eff  ec 

I 

isen 
J  is  P0 
meas 
model 

II 
N 

ref 

SisPr 


ratio  of  effective  to  observed  flow  in  the  jet  pipe  **  v/5jjeff ec  j\  v/T6  calc" 
ilaoh  number 
total  pressure 
atatio  pressure 
total  temperature 
velooity 
maea  flow  rate 

distance  between  primary  and  secondary  nozzle  throats 
a  general  measurement 

gauge  stream  thrust  (when  this  refers  to  a  nozzle  exit  plane,  it  is  usually  called  "the  gross 
thruet") 

absolute  stream  thrust 
pre-load 

load  on  the  thrust  meter 
a  performance  result 
leakage  maee  flow  rate 


(“  ^xg] 


gauge  thrust  efficiency  ^sometimes  called  'HpJ 
absolute  thrust  efficiency  ^sometimes  called  Tlej 


mase  flow  ratio 
standard  deviation 


Suffices  which  indj'oate  location 


nozzle  base 

bleed  flow  exit 

cell  environment 

exit  plane  of  secondary  nozzle 

primary  nozzle  throat 

secondary  nozzle  throat 

slip  joint 

turbine  exit 

Other  suffioes 

oaloulation,  not  direct  measurement 

convergent'  nozzle  i.e.  isentropic  expansion  limited  to  II  *  1 
oorrected  for  leakage 

effective,  i.e.  relating  the  observed  full  soale  convergent  nozzle  thrust  to  model  teet 
performance 

internal,  i.e.  does  not  include  external  effects 
isentropic  value 

isentropic  expansion  from  Pj  to  Pc 

measured  by  conventional  test  frame  methods  using  readings  external  to  the  nozzle 
model  test  value 

measured  flow,  i.e.  assuming  no  leaks 
nozzle  flow,  after  leaks  have  taken  place 
reference  instrumentation  measurement 
isentropic  expansion  from  to  P0 
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1 .  INTRODUCTION 

In  the  interests  of  economy,  most  propelling  nozzle  research  is  carried  out  on  scale  models c  But 
some  questions  can  only  he  answered  by  tests  on  the  full-scale  engine  and  nozzle  under  flight  conditions 
in  an  altitude  test  cell.  One  needs  to  know  the  effects  of  temperature  and  pressure  profiles,  of  heat 
transfer,  the  effects  of  scale  per  se,  and  one  must  always  expect  the  unexpected  to  turn  up  with  the  real 
hardware.  Again  in  the  interests  of  economy,  it  is  the  custom  to  fit  full-scale  performance  tests  into  a 
programme  of  other  features  such  as  endurance  tests,  icing  tests,  re-lighting  tests  etc.  And  so  it  was 
that  the  opportunity  arose  to  carry  out  some  full-scale  performance  tests  on  a  prototype  two-stream  nozzle 
with  a  turbojet  engine  installed  within  a  simulated  aircraft  nacelle  (SAN)  in  Cell  3  of  the  NGTE  Engine 
Test  Facility,  for  which  the  main  test  object  was  the  investigation  of  heat  transfer  environment  prior  to 
aircraft  flight  tests. 

In  the  present  Paper,  an  account  is  given  of  these  performance  tests,  with  an  analysis  which  con¬ 
centrates  on  the  efficiency  of  the  nozzle,  comparing  the  full-scale  results  with  those  obtained  on  a  l/lO 
scale  model  test  rig. 

2.  COMPARISON  BETWEEN  FULL  SCALE  AND  MODEL  SCALE  TEST  ARRANGEMENTS 

2.1  FULL  SCALE  TEST  ARRANGEMENT 

An  impression  of  the  arrangement  is  shown  in  Figure  1.  The  engine  and  primary  nozzle  are  fitted 
inside  the  SAN  which  is  mounted  on  the  floating  test  frame.  Dry  air,  at  the  correct  conditions  of  simula¬ 
ted  flight  (in  this  case  M  =  2  at  20  km  altitude)  is  supplied  to  the  engine  through  an  inlet  slip  joint, 
having  passed  through  the  Cell  3  airflow  meter.  Secondary  air  is  taken  from  the  upstream  plenum  chamber 
and  supplied  to  the  SAN  through  four  pipes  with  separate  orifice  plate  air  meters  and  separate  slip  joints. 
Unlike  the  model  nozzle  test  rig,  the  inlet  stream  forces  in  Cell  3  are  not  zero,  in  fact  they  are  of  the 
same  order  of  magnitude  as  that  of  powerplant  gross  thrust.  The  thrust  equations  are  described  in 
Section  3. 

Details  of  the  full  scale  prototype  two-stream  nozzle  are  shown  in  Figure  2.  The  jet  pipe  commences 
at  the  turbine  exit  annulus  (engine  station  ’6'  where  the  instrumentation  rakes  are  situated  to  measure 
Pg }  p6}  Tg).  Within  the  jet  pipe  is  the  reheat  flame  holder.  A  variable  primary  nozzle  of  area  Aj  is 
fitted  at  the  end  of  the  jet  pipe.  For  the  first  analysis  of  nozzle  performance,  it  was  assumed  that  the 
mass  flow  through  the  primary  nozzle  was  equal  to  that  at  station  f6'  (i.e.  no  leaks).  This  primary  flow 
is  denoted  W6  but  it  is  based  upon  the  cell  air  meter  measurement.  The  primary  nozzle  temperature 
Tg(Caic)  is  based  upon  measured  engine  inlet  temperature  Ti  together  with  temperature  rise  due  to  combus¬ 
tion  ox  engine  fuel  flow,  assuming  manufacturer's  data  for  combustion  efficiency.  Compressor  work  is 
balanced  against  turbine  work  (with  small  adjustments  for  air  bleeds) . 

The  secondary  nozzle  has  a  fixed  throat  of  area  A3  positioned  an  axial  distance  x  away  from  the 
primary  throat.  Thrust -rev  ere  er  buckets,  positioned  just  ahead  of  the  secondaiy  nozzle  throat,  were  locked 
open  throughout  the  tests.  Downstream  of  the  secondary  throat,  the  first  part  of  the  divergence  is  fixed 
but  the  second  part  consists  of  hinged  flaps  which  are  free  to  vary. 

Ebctensive  instrumentation  was  fitted  at  many  stations  within  the  secondary  annulus  and  nozzle. 
Indeed,  one  object  of  the  Cell  3  teets  was  to  evaluate  alternative  sites  for  secondary  pressure  and  temp¬ 
erature  measurement.  But  for  the  present  Report,  the  total  pressure  Ps  and' temperature  T3  is  taken  to  be 
that  which  was  measured  just  ahead  of  the  primary  nozzle  exit.  The  secondary  mass  flow  Ws  was  given  by  the 
total  flow  measured  at  the  four  secondary  inlet  orifice  plates. 

2.2  MODEL  SCALE  TEST  ARRANGEMENT 

Model  two-stream  nozzles  at  l/lO  scale  have  been  tested  at  NGTE  on  the  rig  depicted  in  Figure  3* 

A  full  discussion  is  given  in  Reference  1.  Briefly,  the  model  nozzle  under  teet  is  mounted  inside  a 
depression  box  on  the  end  of  a  pipe  which  is  supported  by  air  bearings.  Dry  air  is  supplied  radially  to 
the  pipe  inlet  so  that  there  is  zero  inlet  stream  force.  Hence  the  measured  groes  gauge  thrust  of  the 
test  nozzle  is  simply: - 

^Gmodel  =  ^meter  +  -^pieton  ^Proom  ”  Fb  j  +  ^inlet  box  leaks  +  ^depression  box  leaks  ••••0) 

Details  of  the  model  two-stream  nozzle  with  its  immediate  upstream  supply  are  shown  in  Figure  4«  Different 
test  arrangements  could  be  built  up  of  the  secondary  throat  area  As  and  for  the  axial  distance  x  between 
primary  and  secondary  throats.  These  geometric  parameters  are  expressed  non-dimensionally  as  Ag/Aj  and 
x/D  J- 

Variable  fluid  parameters  are  n  =  (Ws,/Ts)/(WjyTj) ;  Ps/Pj;  and  APR  =  Pj/Pb-  In  fact,  the  parameter 
H  is  equal  to  Ws/ffJ  because  Is  =  Tj(-300K) .  The  primary  flow  ie  given  by  Pref/Pref  making  use  of 

a  previous  calibration  with  a  standard  convergent  nozzle.  The  secondary  flow  Wg  is  given  by  a  British 
Standard  orifice  plate  as  shown  in  Figure  3« 

For  the  model  nozzle  tests,  the  geometry  was  known  very  accurately  while  very  uni  form  fluid  condi¬ 
tions  were  measured  as  accurately  a3  required. 

3.  .  THE  SAN  THRUST  EQUATIONS  IN  CELL  3 

The  distribution  of  the  various  components  in  force  is  shown  in  Figure  5*  The  object  of  the  Cell  3 
tests  is  to  evaluate  the  internal  gross  gauge  thrust  Xqi  of  the  two-stream  nozzle  from  readings  of  the 
thrust  meters,  after  allowing  for  all  the  other  forces  at  play.  Xj,  is  the  load  on  the  main  thrust  meter 
while  Xpi,  is  the  pre-load  which  is  sometimes  applied  to  prevent  Xi,  from  becoming  negative. 

At  the  main  engine  inlet  slip  joint,  and  also  at  each  of  the  four  secondary  slip  joints,  there  is  a 
Gauge  Stream  Force  of  the  form:- 

XGSJd)  -  W(i)  T(±)  +  A(i)  (p(i)  -  p0j 


(2) 
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and  so, -adding  up  the  five  elip  joints  we  get  i  - 

*CSJ  "  ^^^GSJ(i)  ••••(3) 

Again,  there  are  three  overboard  bleeda  from  the  engine  which  dieoharged  ream  aide  to  produoe  a  little 
extra  thrust  of  the  form:- 


*OB(J)  =  w(3)  v(j)  +  Hi)  (Hi)  -  Pb) 


and  eo,  adding  up  the  three  bleeda  is  getx- 

3 

%B  “ 

Finally,  accounting  for  all  the  foroee  in  Figure  5  ve  get  i- 

^Glmeas  -  (*L  -  xPi)  +  *GSJ  -  *GB 

Now,  before  we  oan  evaluate  tbe^wo-irfcreasi  efficiency,  we  need  to  oalculate  the  ieentropic 

thrust  of  the  primary  flow  and  flow,  with  both  flowe  completely  expanded  to  oell 

P0*  Thus,  for  the  primary  flow  4h8,  aseumi^  -no  leake,  we  havei- 


••••(4) 

....(5) 

....(6) 

gauge 

preeeure 


U-\ 


^flJiePo  “  scale  (  r  J  “  ^s  ^JiePo 

WjisPo 

and  for  the  eecondary  flow,  assuming  no  leaka,  we  havei- 


.(7) 


^GSiePo  “  WS  v^s 
Hence  the  gauge  thrust  effioienoy  ie 


'/^/SisPo 
^Clme 


Wq  V, 


8  *SiePo 


....(8) 


••••(9) 


10  “  Wj  vJisPc  +  WS  vSisPc 
4.  COMPARISON  BETWEEN  FOIL-SCALE  AND  MODEL  SCALE  NOZZLE  EFFICIENCY 

4.1  PRELIMINARY  ANALYSIS  QF  POLL-SCALE  NOZZLE  EFFICIENCY 

Reeulte  from  the  preliminary  analyaie  of  the  full-ecale  teete  in  Cell  3  are  shorn  in  Figure  6, 
together  with  the  NOTE  model  teet  performance  for  the  eame  range  of  flow  ratio  H  as  in  the  full-ecale 
teete. 

An  immediate  impreeeion  from  the  Figure  ie  that  the  preliminary  full-ecale  nozzle  thrust  effioienoy 
ia  about  1.7  per  oent  low  compared  with  model  teste.  One  poesihle  explanation  ie  the  preeence  of  leaks 
from  the  jet  pipe  into  the  eecondary  annulue,  and  also  from  the  nacelle  into  the  cell  environment.  Alter¬ 
native  explanations  include  the  possibility  of  errors  of  measurement.  To  examine  theee  poesibilities 
epeoial  teste  were  made  on  the  primary  nozzle  alone  with  the  eecondary  nozzle  removed,  as  described  in 
Section  4*2. 

4.2  TESTS  ON  PRIMARY  NOZZLE  ALONE 

From  teats  on  the  model  nozzle  rig  the  absolute  thrust  effioienoy  of  a  convergent  nozzle  had  pre¬ 
viously  been  established,  viz:- 


11  XGA.oon, model 


measured  Xq  +  Aj  P^ 


ga\ 
m  1 

^  /ieen,con. 

... . (lO) 


ieen,conJ  ,  . 

’  oon,model 


This  effioienoy  oan  he  oarried  aoroee  to  the  analysis  of  the  full-scale  teete  (ae  Figure  1  hut  with  primary 
nozzle  only)  to  deduoe  the  effective  flow  through  the  nozzle,  from  measurements  of  nozzle  thrust,  vizi- 


(WJ^j) 


meaeured  Xq  +  Aj  Pc 


effeo  “  /  *oa\ 

_  lW^/ieen,c 


XGA, con, mod  el 


con, Cell  3 


Ae  a  matter  of  convenience,  the  denominator  of  Eq.(ll)  was  applied  in  the  form  of  the  parameter,  KCA*- 

(hl) 


KCA 


!T|xsa  ,oon, model 


xeen,oon 

Reeulte  from  the  full-ecale  teete  in  Cell  3,  expressed  in  the  formi- 

(WJ  v/^j)eff  eo 

KJ  -  - - T - 

W3  /Ts  oalc 


....(12) 

....(13) 


are  shown  in  Figure  7  • 
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A  epscial  difficulty  with  ths  full-scale  teete  ie  the  measurement  of  variable  nozzle  area  Aj  maa8 
ae  used,  for  ths  upper  curve  in  Figure  7*  Bis  unexpected  rapid  rise  of  the  Kj  curve  to  values  greater  than 
1.00  at  Ion  Pj/Pc  Is  thought  to  be  due  to  error  in  Aj)mea8.  An  alternative  analysis  putting  Aj  =  Aj  ±BerJ 
Op  model  lsade  to  the  lower  curve  in  Figure  7-  Either  way,  for  Pj/Pc  greater  than  4  the  value  of  Kj 
(which  ie  relatively  insensitive  to  Aj  at  the  higher  values  of  Pj/Pc)  levelled  out  at  about  O.984  whereae 
before  these  teete  it  would  have  been  expected  that  Kj  would  be  in  the  range  0.995  to  1.000  -  here  wae  a 
olus  to  the  low  performance  of  the  complete  two-etream  nozzle  (Figure  6). 

4.3  CORRECTION  OF  FULL-SCALE  NOZZLE  EFFICIENCX 
4.3.1  ALTERNATIVE  HYPOTHESES 

A  more  detailed  expression  for  Kj  oan  be  assembled  from  Eqs.  (l3),  (l2),  (ll)  and  an  equation  similar 
to  (6)1- 


(Xp,  ~  %■)  +  Xqsj  ~  Xqb  +  AJ  go 


«  calc 


) 


\*J*1 


isen,con.  J 


^ZGA,  con, model 


....(14) 


oon,0ell  3 


and  a  correspondingly  detailed  expression  for  HxO  oan  be  assembled  from  Ihe.  (9),  (8),  (7),  (6) s- 


t>IG 


(Xp  -  Xp 1)  +  Xqsj  -  ZgB 


Ws  oalo  (  /J)  +  (  /j) 

\  '/  / JiePo  \  v  1  /SiePo 


....(15) 


con+escjCsll  3 


Both  Eq.(l4)  and  Eq. (15)  show  many  explioit  terms  for  which  error  of  measurement  could  possibly  cause  the 
value  of  Kj  and  of  RyG  to  be  low.  Furthermore,  it  ie  conceivable  that  epurious  effects  upon  the  Cell  3 
teat  system,  such  as  test  frame  friction  or  stray  pressure  forces  which  are  not  explicitly  measured  at  all 
in  Eqs.  (14)  and  (l5),  could  also  cause  Kj  and  Exs  to  be  low.  Then  there  ie  the  possibility  of  leakage 
from  ths  jet  pipe  such  that  S7j  does  not  equal  !7a  and  leakage  from  the  secondary  annulu3  such  that  Yfs 
passing  through  the  nozzle  does  not  equal  the  measured  value  of  Wg.  All  these  possibilities  can  be  classi¬ 
fied  into  ths  following  two  extreme  hypotheses i- 

H(l) 1  that  ths  low  value  of  Kj  in  the  primary  nozzle  teste,  and  the  low  value  of  Lyq  in  the  aeoondary 
nozzle  testa  is  due  to  a  combination  of  error  in  explicitly  measured  terms,  together  with  the 
presence  of  spurious  non-measursd  offsets  upon  the  Cell  3  tset  system.  (This  hypothesis  assumes 
that  there  are  no  leaks.) 

H(ll)i  that  leaks  exist  such  that  primary  leakage  is  responsible  for  ths  low  value  of  Kj,  and  such  that 
both  primary  and  secondary  leakage  ie  responsible  for  thB  low  valus  of  HyG  for  ths  complete 
esoondary  nozzls. 

The  arguments  and  corrections  developing  from  Hypotheses  (i)  and  (Xl)  are  given  in  Sections  4.3.2 
and  4.3.3. 

4.3.2  CORRECTION  OF  RESULTS  UNDER  HYPOTHESIS  (i) 

If  we  accept  Hypothesis  (i),  this  ie  to  esy  that  measurement  error,  or  some  other  effect  apart  from 
leakage,  oauaee  full-sosle  performance  to  appear  wores  than  modal  teat  performance  as  manifest  by  the 
departure  of  Kj  from  the  valus  of  1.000.  And  so  the  'effective'  properties  of  the  gas  entering  the  primary 
nozzle  are  given  byi- 

Coffee  ■ 

Returning  now  to  ths  analysis  of  the  full-ooale  eeoondary  nozzls  results,  we  can  apply  Eq.(l6)  to  ths  cal¬ 
culation  of  isentropic  thrust  of  the  primary  flow,  as  an  alternative  to  Eq. (7)1- 


^GJisPo  “  (^a  -A  a  oalo  )  ( 


....(17) 


'JisPc 

-  ffe  TjiePo 

Thence  the  corrected  full-scale  nozzle  thrust  efficiency,  under  Hypothesis  (i)  ie  given  byi- 

_  1  _ *01meas _ 

X0  ’  Kj  ffa  Vjiep0  +  ffg  Vsi8p0 


....(18) 


The  test  points  from  the  preliminary  analysis  in  Figure  6,  when 're-evaluated  by  Eq.(l8)  with  Kj 
from  the  upper  curve  in  Figure  7,  give  the  corrected  results  shown  in  Figure  8. 

Thus  the  full-scale  nozzls  efficiency  when  corrected  under  Hypothesis(l)  becomes  about  0.5  per 
oent  lsse  than  that  of  EGTE  model  tests. 

4.3.3  CORRECTION  OF  RESULTS  UNDER  HYPOTHESIS  (ll) 

Lst  us  suppose  that  thers  ars  leaks  AWj  from  jet  pipe  to  secondary  annulus  and  Mg  from  secondary 
annulus  to  cell  environment,  as  shown  in  Figure  9 *  Then  following  Hypothesis  (XX),  the  proportional  jet 
pipe  leakage  oan  be  given  by  the  Kj  results,  vizi- 

ffJN  ”  "  AWJ  ••••(l9) 
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A17j 

-  ZiE 

Referring  back  to  Eq.  (l3) 

and  putting 

IjEI 

^6  calc 

we  obtain 

AWj 

1  -Kj 

....(20) 


....(21) 


....(22) 


The  next  problem  is  to  find  the  secondary  leakage  AWg.  Thie  has  been  estimated  by  a  treatment  due 
to  Lewis  and  Armstrong  of  NGTE  using  the  secondary  nozzle  swallowing  characteristics  shown  in  Figure  10. 

From'Figure  10  we  can  find  values  of  A|j,  where:- 
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Now,  from  Figure  9  we  eee  that:- 

AWg  =  -  Wgy-  +  AWj 

which  can  be  combined  with  Eq.(23)  to  give:- 
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....(25) 


Eq.(25)  ha3  been  evaluated  for  two  specimen  test  points  from  Figure  6  to  give  the  eecondary  leak¬ 
age  A'Vg/Wg,  which  wae  found  to  be  of  .-the  order  of  10  per  cent. 


Hence 
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....(26) 


Then  expanding  the  nozzle  flows  Wjjj  and  Wgj*  isentropically  to  Pq  we  have  for  the  nozzle  gauge  thrust 
efficiency,  corrected  for  leakage:- 


....(27) 


Results  of  these  corrections  under  Hypothesis  (il)  applied  to  the  two  specimen  test  points  are  shown  in 
Figure  11  >  Thus  the  full-ecale  nozzle  efficiency  when  corrected  under  Hypothesis  (il)  for  both  primary 
and  secondary  leakage  becomee  about  0.7  per  cent  less  than  the  efficiency  given  by  NGTE  model  tests* 


5*  PRECISION  AND  ACCURACY 

Before  discussing  this  topic,  it  is  important  to  define  the  terminology.  The  word  ’precision’ 

ref  ere  to  uncertainty  of  a  value  due  to  the  presence  of  random  error  (i.e.  noise).  The  word  ’accuracy’ 

refers  to  uncertainty  of  a  value  due  to  the  presence  of  systematic  error  (i.e.  bias). 

An  investigation  by  K  F  A  Walles  of  NGTE  showed  that  the  scatter  of  t]xg  results  in  Figure  6  of  the 
preeent  Paper  follows  a  Gaussian  (i.e.  Normal)  distribution  about  the  fitted  line,  with  a  standard  devia¬ 
tion  of  o'  =  0.0015.  Thus  the  95  per  cent  level  of  precision  of  GxG  is  ±2cr  =  ±0.0030  or  ±0.3  per  cent  for 
a  eingle  test  point.  The  precision  of  the  fitted  line  itself  is  improved  by  the  factor  /n  approxi¬ 
mately  for  n  test  points,  and  so  the  t)xg  line  in  Figure  6  has  a  95  per  cent  level  of  precision  of 
±0.0030/  Jyj  =  ±0.0005  =  ±0.05  per  cent,  which  is  a  negligible  uncertainty. 

Unfortunately,  as  a  fundamental  rule,  one  cannot  be  so  definite  about  accuracy  because  systematic 
error  is  never  obvious,  although  every  precaution  is  taken  to  eliminate  it  by  calibration  of  measuring 
instruments  against  other  standards.  To  help  identify  the  most  important  sources  of  such  systematic 
error,  Y/alles  made  an  analysis  of  the  Influence  Coefficients  of  the  measurements  which  were  made  during 
the  Cell  3  teste  on  the  SAN  •  An  Influence  Coefficient  is  defined  as:- 

£  Influence  Coefficient  of  x^  relative  to  yj  = 

where  in  thie  case  y  = 

and  x^  =  a  general  measurement  (e.g.  airmeter  AP), 


rjx.fi 

,  ^xi  y 
L 

^XG 


....  (28) 


An  alternative  definition  of  Influence  Coefficient  would  be  the  percentage  change  in  Lyg  resulting  from  a 
1  per  cent  change  in  Xj_.  Hence  each  individual  percentage  measurement  error  (lOO  dx^/xi)  makes  a  corres¬ 
ponding  percentage  contribution  (lOO  dy^/y)  to  error  in  y  (y  **  GxG  here)  thus:- 


....(29) 
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Then,  assuming  that  these  systematic  error  contributions  follow  a  probability  distribution,  the  total 
systematic  error  in  y  (=  Uxg)  is  calculated  by  root  sum  of  squares 


(Total  'jo  systematic  error  in  y) 


....(30) 


At  the  simulated  flight  condition  of  M  =  2  at  20  km  altitude  in  Cell  3,  the  Influence  Coefficients 
were  as  shown  in  Table  I. 

How,  a  formal  assessment  of  all  the  elements  dx-[  of  systematic  measurement  error  has  not  been  made 
for  these  particular  SAN  tests  in  Cell  3  but,  as  an  example,  if  we  were  to  put  (lOO  dxi/xi)  =  1  per  cent 
for  every  element  in  Eq.(30)  and  taking  values  of  Influence  Coefficients  from  Table  I  we  would  have:- 


^ Total  systematic  error  in  y(=T)xG! 


This  result  is  dominated  by  the  greatest  Influence  Coefficient  (=  +0.81 )  in  Table  I,  which  is  that  of  the 
engine  inlet  slip  joint  total  pressure  PsJi*  However,  this  particular  pressure  is  measured  very  carefully 
by  means  of  an  array  of  60  different  pitot  tubes,  and  so  putting  =  (mean  of  60  measurements)  we  should 
have  only  a  small  error  dx^  which  will  balance  the  large  Influence  Coefficient  in  Eq.(30)  to  produce  an 
acceptable  error  contribution  dy^.  And  so,  even  though  a  complete  formal  systematic  error  analysis  has 
not  been  made,  one  feels  that  the  accuracy  (due  to  systematic  error  or  bias)  of  the  UxG  results  in  Cell  3 
should  be  better  than  Eq.(3l)  and  is  perhaps  about  0.5  per  cent. 


=  0.996  per  cent 


6.  DISCUSSION 

Credibility  of  the  full  scale  nozzle  thrust  efficiency  is  judged  by  comparison  with  model  test 
results.  The  observed  discrepancy  of  about  1.7  per  cent  in  the  preliminary  analysis,  after  allowing  for 
a  full-scale  'technology  loss’  of  about  0.5  per  cent  due  to  practical  features  not  present  in  the  model, 
is  about  1.2  per  cent.  Now  the  accuracy,  due  to  residual  systematic  measurement  error,  is  thought  to  be 
within  about  0.5  per  cent  (precision  of  the  fitted  UxG  lille  due  to  test  measurement  random  error  is  prac¬ 
tically  perfect)  and  so  there  is  a  need  to  explain  by  other  means  a  discrepancy  of  at  least  0.7  per  cent 

inUxG* 

The  two  extreme  hypotheses,  of  H(l) »  explicit  measurement  errors  plus  spurious  non-measured 
effects,  and  of  H(ll):  leakage,  are  each  separately  able  to  explain  the  full-scale  discrepancy  but  it  is 
impossible  to  tell  in  retrospect  which  combination  of  H(l)  and  H(ll)  was  actually  responsible.  It  would 
be  wise  to  guard  against  the  future  possibility  of  leakage  -  the  full  effects  of  which  can  only  be  deteo- 
ted  by  altitude  cell  tests  such  as  described  in  the  present  Paper. 


7.  CONCLUSIONS 

Performance  tests  were  made  on  a  prototype  two-stream  propelling  nozzle  fitted  to  a  turbojet  engine 
within  a  simulated  aircraft  nacelle.  Conditions  at  engine  inlet  and  at  nozzle  exit  were  selected  to 
represent  flight  at  I.Iach  2  at  20  km  altitude. 

Preliminary  analysis  of  the  two-stream  nozzle  thrust  efficiency  gave  low  performance  compared  with 
model  tests.  To  throw  light  on  this,  the  secondary  part  of  the  nozzle  was  removed  and  special  perform¬ 
ance  tests  were  made  with  the  primary  nozzle  alone  -  again  low  thrust  performance  was  observed. 

Two  hypotheses  are  set  up  to  explain  the  discrepancy  between  full-scale  and  model,  representing 
either  H(l) :  explicit  measurement  errors  plus  spurious  non-measured  effects,  or  H(ll):  leakage.  Each 
hypothesis  can  by  itself  explain  the  shortfall  in  the  full  scale  nozzle  efficiency. 

Only  by  making  test3  in  an  altitude  cell  under  correctly  represented  flight  conditions  such  as 
described  in  this  Paper,  including  tests  on  the  jet  pipe  and  primary  nozzle  alone,  is  it  possible  to 
check  the  existence  and  magnitude  of  such  full-scale  performance  problems. 

Precision  (due  to  random  error,  or  noise)  of  the  full-scale  performance  results  is  ±  0.3  pen  cent 
for  a  single  test  point,  or  ±0.05  per  cent  for  the  fitted  UxG  line.  Accuracy  (due  to  residual  systematic 
measurement  error  or  bias)  is  thought  to  be  within  f0.5  per  cent. 
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Cell  3  measurements  x± 

Influence  Coefficient 
relative  to  R^G 

Primary  air  meter  AP 

-0.23 

Primary  air  meter  p 

-0.27 

Priii'^ary  air  meter  T 

+0.27 

Fuel  mass  flow 

-0.03 

Turbine  exit  pressurs  P6 

-0.14 

Engine  slip  joint  preaeure  Pgj! 

+0.81 

Engine  slip  joint  temperature 

-0.11 

Thrustmeter  load  Xl 

+0.25 

Primary  nozzle  area  Aj 

0 

Secondary  noz-le  area  Ag 

0 

Seoonda-y.iioi.  ttcHtau  AP 

+0.03 

Secondary  flow  meters  p 

+0.03 

Secondary  slip  joint  preBsurss  Psj,s 

+0.20 

TABLE  I  -  INFLUENCE  COEFFICIENTS  HELATIVE  TO  UxO  FOR 
SAN  TESTS  IN  CELL  3 


FIG.1  TURBOJET  ENGINE  WITH  SIMULATED  AIRCRAFT  NACELLE  AND  PROTOTYPE  NOZZLE  IN  NGTE  ETF  CELL  3 


REHEAT  SYSTEM  PRIMARY  NOZZLE 


PRIMARY  STREAM  INSTRUMENTATION 

Cp« ,  ps  .T0 


SECONDARY  STREAM  INSTRUMENTATION 
(Ps.ps.Ts) 


FIG.  2  FULL  SCALE  JET  PIPE  AND  PROTOTYPE  SECONDARY  NOZZLE 

DEPRESSION 

MODEL  B0X 


FIG. 3  MODEL  NOZZLE  TEST  RIG 


FIG. 4  MODEL  JET  PIPE  AND  SECONDARY  NOZZLE 
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FIG. 7  EFFECTIVE  FLOW  PARAMETER  OF  ISOLATED 
PRIMARY  NOZZLE 


FIG, 8  FULL  SCALE  NOZZLE  THRUST  EFFICIENCY  -  CORRECTED  UNDER  HYPOTHESIS  (I) 


6-12 


AWS 


Wsn  Vs  id 


Wjn  Vj  id 


FIG. 9  LEAKAGE  ASSUMPTIONS  IN  FULL  SCALE  TESTS 
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FIG.  10  SECONDARY  NOZZLE  SWALLOWING  CHARACTERISTICS 


FIG.11  FULL  SCALE  NOZZLE  THRUST  EFFICIENCY -CORRECTED  UNDER  HYPOTHESIS^) 


INLET- ENGINE-NOZZLE  WIND  TUNNEL  TEST  TECHNIQUES 
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SUMMARY 

Experimental  investigations  of  the  inlet,  engine  and  exhaust  nozzle  of  a  supersonic  propulsion 
system  have  been  underway  at  the  Lewis  Research  Center.  Exhaust  nozzle  results  are  presented  which 
compare  wind  tunnel  and  flight  results  and  assess  the  accuracy, of. flight  measurements.  Comparisons 
are  also  presented  for  nozzle  performance  obtained  with  a  cold  jet,  a  powered  turbojet  simulator,  and 
a  solid  jet  boundary  simulator.  The  effect  of  the  local  boundary  layer  on  nozzle  performance  is  also 
discussed.  The  need  for  good  dynamic  measurements  during  inlet-engine  testing  is  illustrated  for 
transients  such  as  inlet  unstart  and  engine  stall.  Also,  the  transient  nature  of  inlet  distortion  and  its 
effect  on  the  engine  is  presented  for  two  different  operating  conditions. 

SYMBOLS 


An 

Cg 


“D/3 


D 

D, 


M0 

M0 


n/ndVo 

pn 


3 

AP, 

APo 


2rms 


2rms 

p2 

p2max 

q 

r 

T 

T. 

ip 

a 

e 


nacelle  cross  sectional  area 
gross  thrust  coefficient,  T-D/Tjp 
boattall  drag  coefficient,  D^/qA^ 
drag 

boattall  drag  ''  ' 

nacelle  diameter 

cowl  lip  diameter 

free  stream  Mach  number 

compressor  face  Mach  number 

corrected  portion  of  design  engine  speed 

free  stream  total  pressure 

compressor  face  total  pressure 

average  compressor  face  total  pressure 

compressor  exit  total  pressure 

root  mean  square  value  of  dynamic  component  of  compressor  face  pressure 
average  value  of  APgi’ms 
compressor  face  static  pressure 

maximum  compressor  face  static  pressure  during  hammershock  after  surge 
dynamic  pressure 
rounded  boattail  radius 
thrust 

ideal  primary  thrust 
angle  of  attack 
'standard  deviation 
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INTRODUCTION 

Within  existing  ground  test  facilities  experimental  investigation  of  the  aircraft  propulsion  sys¬ 
tem  can  rarely  be  done  under  the  exact  conditions  that  will  exist  in  flight.  Facilities  are  normally  too 
small  or  models  become  too  complex  to  simulate  the  actual  flight  conditions.  Therefore,  compromises 
are  necessary  and  these  must  be  made  in  such  a  way  that  their  effect  is  negligible,  or  understood  well 
enough  so  that  the  results  can  be  corrected  properly.  Several  experimental  programs  in  this  area  of 
supersonic  propulsion  systems  are  currently  underway  at  the  Lewis  Research  Center,  references  1-3, 

Much  testing  of  supersonic  exhaust  nozzles  is  required  at  off  design  speeds  corresponding  to 
high  subsonic  and  transonic  flight  conditions.  The  geometry  of  a  large  area  ratio  nozzle  that  is  effi¬ 
cient  at  supersonic  pressure  ratios  of  20  and  30  must  be  changed  at  subsonic  conditions  in  order  to 
operate  efficiently  at  much  lower  pressure  ratios  of  2  to  4.  Collapsing  the  nozzle  normally  exposes  a 
boattail  or  opens  inlets  on  the  nozzle  which  makes  it  a  potential  source  of  drag  and  the  resulting  per¬ 
formance  is  very  sensitive  to  extenivi*1}  ow  conditions.  These  problems  are  investigated  in  the  8-  by 
6-foot  wind  tunnel  using  isolated  nacelle  models  and  subscale  aircraft  models.  In  addition,  to  over¬ 
come  the  size  limitations  of  transonic  wind  tunnel  testing,  a  flight  test  program  utilizing  underwing 
nacelles  on  an  F-106  aircraft  was  initiated  as  illustrated  in  figure  1.  This  permits  tests  of  a  wide 
variety  of  complex  nozzles  on  a  complete  aircraft  configuration  that  is  similar  to  that  required  for  a 
supersonic  cruise  aircraft.  The  aircraft  testing  technique  and  its  accuracy  will  be  reviewed  as  well  as 
several  comparisons  with  wind  tunnel  data  on  similar  configurations.  Several  other  wind  tunnel  test 
techniques  will  also  be  described. 

In  the  10x10  supersonic  propulsion  wind  tunnel,  recent  inlet-engine  test  programs  have  investi¬ 
gated  the  propulsion  system  stability  and  its  integration  with  the  airframe.  Dynamic  considerations 
are  of  primary  importance  in  understanding  the  system  operation  under  conditions  such  as  inlet  un¬ 
start,  engine  stall  and  high  distortion.  If  the  significance  of  the  dynamic  response  of  the  propulsion 
system  is  not  recognized,  system  instabilities  may  be  encountered  which  could  have  been  avoided  by 
proper  measurement  and  interpretation  of  dynamic  conditions.  To  study  the  inlet- engine  compatibility 
problem,  several  supersonic  mixed-compression  inlets  have  been  tested  with  J-85  turbojet  engines  at 
Mach  2.  5  cruise  conditions.  Highlights  from  these  tests  are  used  tc  demonstrate  the  test  techniques 
used  and  the  considerations  necessary  to  properly  evaluate  the  large-scale  dynamic  interactions  of  the 
propulsion  system  and  airframe. 

EXHAUST  NOZZLE  TESTING 

Typical  models  used  for  exhaust  nozzle  testing  in  the  8x6  foot  wind  tunnel  are  shown  in  figure  2. 
The  isolated  nacelle  model  is  used  to  investigated  external  flow  effects  on  nozzles.  Separate  primary 
and  secondary  flows  are  provided  through  the  strut  from  an  external  source.  The  model  is  of  sufficient 
length  that  the  nozzle  performance  is  not  influenced  by  the  disturbances  caused  by  the  closed  nose  of 
the  nacelle  and  by  the  support  strut  at  high  subsonic  speeds.  Unfortunately  it  also  provides  an  unde¬ 
sirably  thick  boundary  layer.  The  two  aircraft  models  are  5%  and,  22%  scale  models  of  the  F-106  air¬ 
craft.  The  smaller  model  has  been  used  to  investigate  the  effect  of  various  nacelle  shapes  and  results 
from  those  tests  indicated  the  engine  accessory  bump  had  negligible  effect  on  boattail  drag.  Because  of 
transonic  tunnel  blockage  limitations,  the  flow  through  nacelles  were  about  3  centimeters  in  diameter, 
and  only  capable  of  investigating  simple  boattails  which  simulated  a  variable  flap  ejector  nozzle.  The 
larger  22%  scale  model  had  a  powered  turbojet  simulator  in  the  underwing  nacelle  allowing  both  inlet 
and  exhaust  nozzle  flows  to  be  simulated.  The  model  was  also  large  enough  to  permit  investigation  of 
more  complex  exhaust  nozzles.  This  model  is  large  enough  to  cause  concern  about  transonic  wind 
tunnel  wall  interference,  and  comparison  with  F-106  flight  data  is  being  used  to  verify  the  interference- 
free  speed  range. 

The  smaller  model  utilized  a  cylindrical  tube  as  a  jet  boundary  simulator  since  a  realistic  jet 
was  not  practical  for  such  small  scale.  This  concept  has  been  investigated  on  the  isolated  jet  exit 
model  where  the  boattail  drag  was  measured  with  a  fully  expanded  cold  air  jet  and  a  cylindrical  jet 
boundary  simulator,  reference  4.  Results  from  that  test  are  compared  on  figure  3.  The  drag  coefficient 
of  a  sharp-edged  15°  boattail  is  presented  as  a  function  of  free-stream  Mach  number.  The  dashed  and 
solid  lines  represent  the  drag  for  a  fully  expanded  jet  and  jet-off  respectively.  The  data  symbols  are 
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for  the  drag  with  a  jet  boundary  simulator  and  it  is  obvious  that  the  simulator  is  a  good  representation 
of  a  flowing  jet  for  this  case  where  the  flow  over  the  boattail  was  attached  and  well  behaved. 

Since  model  testing  is  obviously  limited  by  transonic  wind  tunnel  interference  considerations, 
the  F-106  flight  test  program  was  initiated  at  Lewis  to  permit  investigation  of  propulsion  systems  at 
transonic  speeds,  references  5-8.  The  research  nacelles  are  illustrated  in  figure  4.  Two  J85-13  after¬ 
burning  turbojet  engines  are  housed  in  nacelles  under  the  aircraft  wings.  The  nacelle  location  is  typical 
of  supersonic  cruise  aircraft,  with  the  exhaust  nozzle  extended  just  beyond  the  trailing  edge  of  the 
wing.  The  installation  permits  study  of  complex  Installed  exhaust  nozzles  at  relatively  large  size  and 
at  transonic  speeds.  The  installation  is  also  being  used  to  make  flyby  noise  measurements  to  deter¬ 
mine  flight  velocity  effects  on  the  effectiveness  of  jet  noise  suppressors.  This  aircraft  is  particularly 
useful  for  this  type  of  work  because  it  is  easy  to  make  major  changes  in  nozzle  geometry  and  because  a 
complete  data  system  is  available  onboard  the  aircraft  to  monitor  engine  and  aircraft  operating  condi¬ 
tions. 

The  method  of  nozzle  evaluation  is  illustrated  In  figure  4.  The  nacelle  is  supported  by  a 
parallelogram  linkage  with  a  load  cell  restraining  the  nacelle  along  its  axis  to  measure  the  net  thrust 
minus  drag.  An  accelerometer  is  used  to  determine  any  components  of  nacelle  weight  or  inertia  forces 
alined  with  the  thrust  axis.  The  drag  of  the  nacelle  forward  of  the  nozzle  attachment  station  was 
evaluated  throughout  the  aircraft  operating  envelope  using  a  reference  nozzle.  The  internal  perform¬ 
ance  of  this  nozzle  was  calibrated  and  the  drag  of  the  well-defined  base  region  was  easily  obtained  with 
a  few  pressure  measurements.  The  calibrated  nacelle  drag  is  added  to  the  load  cell  reading  of  net 
thrust  minus  drag  to  determine  research  nozzle  thrust  minus  drag.  In  order  to  evaluate  nozzle  per¬ 
formance,  the  primary  conditions  must  be  accurately  determined.  This  was  done  by  calibration  of  the 
J-85  engines  in  an  altitude  test  facility  prior  to  flight  testing.  Primary  flow  is  obtained  in  flight  testing 
by  combining  the  airflow  from  the  compessor  calibration  with  the  measured  fuel  flows.  The  nozzle 
total  pressure  and  temperature  were  obtained  from  measurements  at  the  turbine  exit  and  an  afterburner 
calibration  of  temperature  rise  and  pressure  drop.  The  ideal  thrust  of  this  primary  flow  is  then  com¬ 
pared  with  the  measured  thrust  minus  drag  of  the  nozzle.  .  Reference  nozzle  flights  were  performed  at 
several  times  during  the  program  to  initially  evaluate  nacelle  drag  and  later  to  evaluate  system  repeat¬ 
ability.  The  measurement  accuracy  of  nozzle  performance  on  the  F-106  was  determined  from  these 
flights,  reference  9,  and  is  presented  in  figure  5.  The  table  contains  the  influence  coefficient  for  each 
parameter  on  the  nozzle  gross  thrust,  Cg,  the  standard  deviation  for  each  parameter  and  the  resulting 
standard  deviation  for  the  gross  thrust  coefficient.  The  standard  deviation  for  each  of  the  parameters 
was  estimated  by  combining  standard  deviations  of  calibrations  and  required  instrument  accuracies. 

The  resulting  standard  deviation  of  nozzle  gross  thrust  coefficient  of  about  one  and  one-half  percent  is 
consistent  with  observed  data  scatter. 

In  order  to  develop  a  testing  technique  that  uses  a  model  large  enough  to  accommodate  a 
powered  turbojet  simulator,  the  22%  scale  F-106  model  was  tested.  The  model  is  shown  installed  In 
the  8x6  supersonic  wind  tunnel  in  figure  6.  The  total  frontal  area  of  the  half-plane  model  was  1.  8  per¬ 
cent  of  the  wind  tunnel  cross  sectional  area  and  the  splitter  plate  and  supports  added  another  percent  ' 
blockage  to  that.  The  wing  of  the  model  is  mounted  on  a  multi- component  balance  and  the  nacelle  Is 
mounted  to  the  wing  on  a  thrust  balance.  A  powered  turbojet  simulator  is  mounted  in  the  nacelle  where 
it  provided  simulation  of  both  the  J-85  inlet  and  exhaust  nozzle  flows. 

A  cutaway  drawing  of  the  turbojet  simulator  is  shown  in  figure  7.  It  is  designed  to  simulate  a 
modern  supersonic  turbojet  engine.  The  six-stage  axial  flow  compressor  provides  a  peak  pressure 
ratio  of  3.  5.  The  compressor  and  turbine  flows,  which  are  matched  in  pressure  and  temperature, 
join  just  downstream  of  the  turbine.  Makeup  air  can  be  added  to  the  resulting  primary  stream  to  pro¬ 
vide  the  higher  weight  flows  required  to  simulate  afterburner  operation.  Secondary  air  is  furnished 
by  a  third  pipe  for  testing  ejector  nozzles.  These  pipes  are  mounted  rigidly  to  the  simulator,  and  are 
housed  in  the  wing.  They  are  connected  to  fixed  mounts  outside  the  wind  tunnel  by  flexible  connectors 
to  permit  thrust  measurement. 

A  comparison  of  data  from  the  three  sources  -  flight,  5%  scale,  and  22%  scale  -  is  shown  In 
figures  8  and  9.  Sharp  edged  15°  boattail  drag  coefficients  for  the  5%  scale  model  and  flight  data  are 
compared  with  isolated  values  in  figure  8.  The  installation  effect  of  delaying  the  drag  rise  for  the  sharp 
edged  boattail  Is  obvious.  Also  the  agreement  of  the  model  and  flight  data  is  very  good  except  in  the 
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region  of  Mach  1. 0.  The  5%  scale  data  utilized  cylindrical  jet  boundary  simulators  representing  a 
fully  expanded  jet.  The  aircraft  nozzle  did  not  become  fully  expanded  until  slightly  above  Mach  1,  0 
which  explains  some  of  the  difference  between  the  two  sets  of  data. 

The  nozzle  gross  thrust  coefficient  for  a  variable  flap  ejector  nozzle  is  compared  for  the  22% 
scale  model  and  flight,  figure  9.  This  performance  was  derived  from  nacelle  force  measurements  in 
both  cases.  Agreement  is  very  good  at  subsonic  Mach  numbers  less  than  0.  9.  However,  at  higher 
speeds  the  flight  thrust  coefficient  initially  increases  and  then  drops  quickly  at  Mach  0.  95  as  the  nacelle 
terminal  shock  passes  over  the  nozzle.  On  the  wind  tunnel  model,  this  shock  movement  was  apparently 
delayed  until  a  Mach  number  greater  than  1.  0.  Above  Mach  1. 1  the  agreement  is  only  fair. 

To  illustrate  the  problems  encountered  in  testing  a  complex  nozzle,  consider  the  auxiliary 
inlet  ejector  nozzle  shown  in  figure  10, .  For  this  nozzle,  part  of  the  exit  area  variation  required  for 
efficient  operation  at  all  speeds  is  obtained  by  collapsing  the  trailing  overlapping  flaps  and  seals.  The 
remaining  area  is  too  large  for  low  pressure  ratio  operation,  and  doors  are  opened  to  provide  air  to 
fill  the  annulus  between  the  primary  jet  and  the  leaves.  To  save  actuator  weight,  these  flaps  and  doors 
are  positioned  by  the  areodynamic  forces  on  the  nozzle.  Because  the  nozzle  contains  many  complex 
moving  parts,  the  tendency  is  to  test  with  the  boattail  or  doors  fixed.  This  can  lead  to  optimistic  re¬ 
sults  are  shown  on  figure  11,  where  the  nozzle  gross  thrust  coefficient  is  presented  over  a  range  of 
pressure  ratios  for  several  combinations  of  fixed  and  floating  hardware.  The  best  performance  is  ob¬ 
tained  if  the  inlet  doors  and  trailing  flaps  are  fixed  in  the  desired  positions.  If  only  the  doors  are 
allowed  to  float,  they  partially  close,  which  reduces  the  thrust  about  4  percent.  Floating  both  the 
doors  and  flaps,  reduces  the  performance  an  additional  one  to  3  percent  depending  on  pressure  ratio. 
Exact  duplication  of  the  floating  linkage  must  be  made  to  properly  evaluate  off-design  performance. 
Another  aspect  of  floating  nozzles  requiring  similar  investigation  is  the  stability  of  the  floating  system. 
There  are  so  many  possible  oscillation  modes  that  testing  the  floating  hardware  is  the  only  positive  way 
to  evaluate  stability. 

Another  aspect  of  the  nozzle  flow  field  that  is  difficult  to  evaluate  is  the  boundary  layer.  On 
many  exit  models  used  in  tunnel  testing  the  boundary  layer  is  too  thick  due  to  excessive  length  or  too 
low  Reynolds  number.  In  addition,  the  boundary  layer  is  not  uniformly  thick  at  the  nozzle  when  it  is 
installed  at  the  rear  of  an  aircraft.  It  is  nearly  impossible  to  duplicate  the  actual  installed  condition. 
The  effect  of  boundary  layer  thickness  on  boattail  drag  is  presented  in  figure  12  and  is  discussed  fur¬ 
ther  in  reference  10.  In  the  case  of  both  a  sharp-edged  boattail  and  a  more  rounded  boattail,  increasing 
boundary-layer  thickness  reduced  drag.  In  this  case,  the  thicker  boundary  layer  appeared  to  effectively 
round  the  boattail  corner  thus  reducing  the  drag. 

A  different  problem  is  presented  by  the  boattails  in  figure  13.  These  were  designed  with  final 
angles  of  24°  and  were  to  operate  near  to  but  without  separation.  They  were  investigated  inflight  on 
the  F-106  aircraft  at  different  altitudes  to  obtain  Reynolds  number  effects.  Case  I  and  n  were  the 
same  boattail  with  Case  I  extended  farther  beyond  the  wing  trailing  edge.  Case  in  is  a  completely 
rounded  boattail.  Figure  14  shows  that  for  all  three  boattails,  the  drag  decreased  as  Reynolde  number 
increased.  Since  boundary- layer  thickness  should  be  smaller  relative  to  the  body  at  higher  Reynolds 
number,  this  is  just  the  opposite  of  the  previous  case,  By  studying  tuft  pictures  and  boattail  pressure 
distributions,  it  was  possible  to  determine  that  separation  regions  on  the  boattails  were  decreasing 
with  increasing  Reynolds  number.  Therefore,  the  drag  decrease  was  due  to  less  separation  in  this 
case,  causing  drag  to  decrease  with  decreasing  boundary-layer  thickness.  It  is  therefore  necessary 
to  determine  the  detailed  flowfield  causing  drag  before  deciding  how  Reynolds  number  for  boundary- 
layer  thickness)  will  affect  the  drag. 


DYNAMIC  INLET- ENGINE  TESTING 

The  Mach  2.  5  mixed-compression  inlet  and  J-85  engine  installation  used  for  propulsion  system 
investigations  is  shown  in  figure  15.  The  inlet  centerbody  translates  for  inlet  starting  and  for  off- 
design  Mach  number  operation.  Bypass  doors  just  ahead  of  the  engine  face  provide  control  of  the 
terminal  shock  position.  Bleed  is  provided  on  the  cowl  and  also  on  the  centerbody  where  it  is  exhausted 
through  support  struts.  Dynamic  pressure  measurements  have  been  made  at  the  compressor  face  with 
six  5-tube  rakes,  at  the  compressor  exit,  and  throughout  the  inlet  and  compressor. 
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To  investigate  large  transients  for  an  axisymmetric  nacelle  located  under  a  wing,  the  inlet- 
engine  system  was  mounted  just  below  a  wing  simulator  (ref.  11)  as  shown  in  figure  16.  Because  of 
test  section  size  limitations  on  the  length  of  the  simulator,  it  is  difficult  to  obtain  a  thick  enough 
boundary  layer  to  simulate  some  engine  installations,  so  the  protuberances  at  the  leading  edge  of  the 
plate  were  used  to  articifically  thicken  the  boundary  layer.  As  described  in  more  detail  in  refer¬ 
ence  12,  the  desired  momentum  decrement  was  obtained  with  the  leading-edge  protuberances  The 
resulting  boundary-layer  profile  near  the  leading  edge  was  near  separation,  but  was  predicted  to  be 
well  developed  when  it  reached  the  area  of  interest  ahead  of  the  inlet.  Separation  tests  with  a  forward¬ 
facing  step  showed  it  to  be  separated  by  a  pressure  rise  almost  exactly  equal  to  that  required  for  sep¬ 
aration  of  a  natural  plate  boundary  layer.  The  location  of  the  inlet  relative  to  the  plate  is  shown  in 
more  detail  in  figure  17.  The  cowl  lip  was  tested  at  several  heights  equal  to  and  larger  than  the 
boundary-layer  height. 

When  the  inlet  unstarts,  the  shock  system  travels  farthest  forward  during  the  initial  transient. 
Several  pictures  from  a  movie  of  such  a  transient  are  presented  in  figure  18.  These  pictures  show 
only  the  upper  cowl  lip  and  top  half  of  the  spike  cone  and  the  plate  and  boundary  layer  above  the  inlet. 
From  these  figures,  it  can  be  seen  that  the  inlet  shock  system  progresses  clear  to  the  spike  tip  during 
the  transient,  and  also  separates  the  plate  boundary  layer  which  transmits  the  disturbance  even  farther 
forward.  The  maximum  extent  of  such  a  disturbance  will  determine  how  widely  an  adjacent  nacelle 
must  be  separated  in  order  to  avoid  one  inlet  unstart  from  disturbing  an  adjacent  inlet.  Either  nacelle 
separation  or  some  containment  of  the  disturbance  by  fences  must  be  used  to  prevent  communication  of 
disturbance  between  nacelles. 

The  extent  of  the  unstart  disturbance  on  the  wing  was  measured  by  transient  pressure  instru¬ 
mentation,  and  is  presented  in  figure  19.  Inlet  unstart  from  different  operating  conditions  cause  vari¬ 
ations  in  the  extent  of  the  disturbance.  Without  an  engine  installed,  the  inlet  was  unstarted  by  closing 
the  bypass  doors  and  forcing  the  terminal  shock  ahead  of  the  inlet  throat.  The  square  and  triangle 
represent  data  for  a  choke  point  at  the  engine  face  and  for  one  about  2.  5  meters  downstream  of  the  en¬ 
gine  face,  respectively.  It  is  apparent  that  internal  conditions  affect  the  disturbance  extent.  For  un¬ 
starts  with  an  engine  installed,  the  diamond  represents  the  extent  for  an  unstart  initiated  by  bypass 
closure.  However,  by  far  the  largest  disturbance  is  caused  by  an  unstart  resulting  from  engine  stall, 
which  forces  boundary-layer  separation  almost  three  diameters  ahead  of  the  inlet.  Therefore,  to  avoid 
disturbing  an  adjacent  inlet,  its  centerline  would  have  to  be  about  three  and  one-half  diameters  from 
the  unstarted  inlet  centerline.  It  is  worth  noting  again  that  this  requirement  is  dictated  by  the  extreme 
extent  of  the  unstart  transient  and  its  amplification  by  the  adjacent  wing  boundary  layer.  A  criteria 
based  on  steady-state  unstarted  conditions  without  the  wing  would  be  totally  inadequate. 

The  unstart  not  only  could  disturb  adjacent  inlets,  but  also  presents  a  large  transient  to  the 
engine  operation  (ref.  13).  TJnstart  normally  causes  engine  stall  which  can  be  easily  understood  by 
studying  figure  20.  The  left  transient  is  for  a  mild  unstart  at  Mach  2  where  the  engine  did  not  stall, 

The  bottom  curve  of  compressor  face  pressure  shows  that  this  pressure  drops  in  about  8  milliseconds. 
From  the  center  trace,  it  can  be  seen  that  the  compressor  exit  pressure  does  not  stop  dropping  until 
about  20  milliseconds  after  the  transient  is  initiated  due  to  the  flow  capacitance  of  the  large  combustor 
volume  downstream  of  the  compressor.  As  a  result,  the  compressor  pressure  ratio  increases  momen¬ 
tarily  to  a  value  near  stall  but  returns  to  the  steady-state  pressure  ratio  as  shown  in  the  top  trace. 
Therefore,  the  transient  pressure  ratio  did  not  exceed  the  stall  value,  and  no  stall  occurred.  The 
middle  trace  shows  a  similar  case  but  this  time  the  compressor  pressure  ratio  starts  from  a  higher 
value,  reaches  the  steady-state  stall  line  during  the  unstart  transient  and  a  stall  occurs.  The  normal 
steady-state  stall  line  therefore  appears  to  be  a  valid  criteria  for  engine  stall  during  a  transient  such  as 
unstart.  This  may  not  be  surprising  since  the  period  for  the  compressor  rotation  is  about  4  milli¬ 
seconds.  Since  in  distortion  testing  the  critical  distortion  angle  or  rotation  angle  required  for  stalling 
a  portion  of  a  parallel  compressor  is  considered  to  be  less  than  half  a  compressor  rotation,  it  is  not 
surprising  to  see  the  compressor  stall  at  its  steady-state  stall  line  during  a  transient  requiring  several 
compressor  rotation  periods.  The  traces  at  the  far  right  are  for  an  inlet  unstart  and  engine  stall  at 
M  =  2.  5.  While  the  compressor  pressure  ratio  greatly  exceeds  the  steady-state  stall  line  before  stall 
is  reached,  the  compressor  stalls  in  about  2.  5  milliseconds  or  a  little  over  one- half  rotor  revolution. 
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.  Another  transient  important  to  inlet  design  is  the  internal  inlet  overpressure  caused  by  the 
hammershock  following  compressor  stall.  Several  values  of  this  obtained  during  J-85  inlet  tests  are 
presented  in  figure  21.  The  figure  presents  the  peak  hammershock  static  pressure  ratioed  to  the  com¬ 
pressor  face  total  pressure  Pg  just  prior  to  stall.  The  most  important  points  are  the  circles  for 
which  the  compressor  stalled  at  high  pressure,  Pg,  before  inlet  unstart,  causing  the  highest  internal 
overpressures.  However,  it  is  interesting  to  note  the  similarity  of  the  pressure  ratios  obtained  from 
6tall  after  unstart  when  the  compressor  inlet  pressure,  P2,  is  about  half  the  higher  started  value. 

The  data  shown  correlate  well  with  corrected  weight  flow  per  unit  frontal  area.  However,  it  also  cor¬ 
relates  well  with  compressor  exit  pressure  as  proposed  in  reference  14.  The  overperssure  has  also 
been  associated  with  the  rate  of  flow  stoppage  within  the  duet  during  stall  (ref.  15).  However,  this  can 
be  a  function  of  duct  geometry  since  compressor  interstage  and  compressor  face  instrumentation  show 
that  compressor  stall  for  the  J-85  Is  not  a  uniform  one-dimensional  phenomena,  but  a  progressively 
growing  rotating  process.  Therefore,  in  the  test  inlet  which  had  the  subsonic  diffuser  divided  by  three 
struts,  the  rotating  stall  procew>^vould  stop  the  flow  in  one  third  of  the  duct  in  about  one  third  of  the 
time  required  to  stop  the  full  duct  flow.  Therefore,  simple  approximations  to  obtain  hammershock 
overpressure  should  be  used  with  care. 

Since  most  inlet  testing  is  conducted  without  an  engine  present,  it  is  important  to  determine 
the  effect  of  the  engine  on  inlet  operation.  A  comparison  of  inlet  distortion  measured  at  similar  inlet 
operating  conditions  is  presented  in  figure  22.  The  dashed  contours  represent  coldpipe  data  where 
the  internal  flow  system  was  open  from  the  compressor  face  station  to  a  choke  point  about  2.  5  meters 
downstream.  The  solid  lines  represent  contours  with  the  engine  installed.  Surprisingly  little  differ¬ 
ence  exist  between  the  two  total  pressure  distortions.  However,  a  significant  difference  can  be  seen 
in  the  static  pressures  in  the  three  portions  of  the  subsonic  diffuser  between  the  centerbody  support 
6truts.  With  the  coldpipe  installed  (dashed  underlines)  the  6tatic  pressure  in  each  of  the  ducts  was 
about  equal  at  the  compressor  face.  With  the  engine  installed,  the  static  pressure  in  the  bottom  ducts 
were  lower  and  the  top  duct  static  pressure  increased.  Therefore,  the  requirement  for  constant  static 
pressure  in  cold  pipe  testing  is  changed  by  the  pumping  action  of  the  compressor,  giving  more  equal 
Mach  numbers  in  each  duct,  reference  16. 

Dynamic  measurements  have  also  contributed  to  understanding  in  the  area  of  inlet  distortion 
effects  on  compressor  operation.  In  a  recent  inlet  engine  test  in  the  10x10  Foot  Supersonic  Wind 
Tunnel,  the  compressor  face  was  instrumented  with  six  5-tube  rakes  which  measured  both  the  dynamic 
pressure  variations  and  the  steady-state  or  time-averaged  pressures.  During  inlet  operation  at  many 
different  conditions,  the  J-85  engine  was  purposely  stalled  to  determine  the  available  stall  margin. 

The  steady- state  and  dynamic  compressor  face  pressures  were  measured  before  and  during  stall  so 
that  comparisons  could  be  made  with  steady-state  stall  parameter's  obtained  from  screen  distortion 
testing  references  17  and  18. 

Distortion  from  a  typical  "drift"  stall  point  is  shown  in  figure  23  for  a  low  recovery  super¬ 
critical  condition  at  zero  angle-of-attack,  Drift  stalls  occurred  when  the  engine  stalled  during  a  period 
when  no  changes  were  made  to  any  model  or  engine  settings.  They  occurred  most  often  at  fairly  high 
dynamic  conditions.  The  distortion  shown  on  the  left  is  the  normal  steady-state  radial  distortion 
pattern,  where  the  edges  between  constant  density  bands  represents  a  line  of  constant  total  pressure 
recovery.  Darker  regions  indicate  lower  recovery  flow.  It  is  a  hub  radial  distortion.  The  distortion 
pattern  on  the  right  represents  the  amplitude  of  the  dynamic  component  of  total  pressure  at  the  com¬ 
pressor  face.  This  amplitude  is  presented  as  the  root  mean  square,  rms,  of  the  dynamic  pressure 
component  divided  by  the  average  compressor  face  pressure.  The  rms  levels  range  from  less  than 
0.04  to  0.08  of  compressor  face  average  pressure  Pg,  with  an  average  value  of  0.  066.  Since  these 
pressure  fluctuations  are  random  in  nature,  the  peak-to-peak  pressure  fluctuations  can  reach  four  to 
six  times  the  rms  values.  Here  the  darker  bands  represent  higher  dynamic  pressure  levels.  It  is  in¬ 
teresting  to  note  the  location  of  the  dynamics  relative  to  the  average  total  pressure  bands.  In  the  low 
total  pressure  region  near  the  hub,  the  dynamic  levels  are  lower.  The  high  dynamic  region,  in  this 
case,  corresponds  to  the  higher  total  pressure  region,  indicating  that  the  major  pressure  fluctuations 
are  occurring  there. 

A  similar  set  of  distortion  profiles  is  shown  in  figure  24  for  five  degrees  angle-of-attack  with 
a  total  pressure  recovery  of  0.  77.  The  steady-state  circumferential  distortion  is  typical  for  such  an 
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operating  condition  with  high  recovery  air  at  the  top,  leeward  side  of  the  inlet  and  low  pressure  air  at 
the  bottom.  Now,  however,  the  relationship  between  the  high  dynamic  and  high  pressure  regions  is 
different  in  this  case  than  for  zero  angle-of-attack,  The  dynamic  level  is  again  farily  low  in  the  low 
total  pressure  region  at  the  bottom  of  the  inlet,  but  it'  is  at  an  even  lower  dynamic  level  in  the  high  total 
pressure  region  at  the  top  of  the  inlet.  In  this  case,  the  high  dynamics  occur  between  the  high  and  low 
pressure  regions.  The  different  locations  of  the  high  dynamic  regions  in  the  zero  and  five  degree 
angle-of-attack  case  will  be  discussed  again  when  instantaneous  distortions  are  presented. 

In  addition  to  the  steady  state  and  rms  dynamic  distortion  plots,  the  pressure  data  were 
simultaneously  digitized  at  a  high  rate  for  all  thirty  probes,  and  a  steady-state  distortion  parameter 
and  instantaneous  distortion  contour  plots  were  made.  The  variation  of  the  steady-state  distortion 
parameter  with  time  for  the  zero  degree  angle-of-attack  case  is  presented  in  figure  25.  The  time  of 
compressor  stall  was  determined  from  compressor  interstage  dynamic  pressure  data.  The  parameter 
presented  here  is  developed  in  reference  19  and  is  sensitive  only  to  circumferential  distortion,  and 
would  have  a  near  zero  value  for  the  steady-state  distortion  pattern  of  figure  23.  However,  the  instan¬ 
taneous  distortion  pattern  has  an  average  value  of  about  0.04  and  reaches  the  critical  level  required  to 
cause  stall  once  during  the  observed  time  span.  Therefore,  the  instantaneous  patterns  must  be  con¬ 
siderably  different  for  this  case  than  the  time-averaged  pattern.  A  similar  presentation  of  the  distor¬ 
tion  index  variation  with  time  is  presented  in  figure  26  for  the  five  degree  angle-of-attack  point.  Here 
the  average  distortion  level  is  higher,  as  would  be  expected  from  the  steady-state  distortion  plot  of 
figure  24.  However,  it  can  be  seen  that  the  average  value  is  about  35  percent  less  than  the  value  of 
0. 15  required  for  compressor  stall.  Transiently,  however,  the  distortion  does  reach  and  exceed  the 
critical  level  of  distortion  several  times  before  compressor  stall.  A  total  of  twelve  stall  points  have 
been  analyzed  in  a  similar  manner  and  in  all  but  two  cases,  the  time-varying  distortion  exceeded  the 
critical  level  required  to  stall  the  engine. 

To  obtain  a  better  understanding  of  the  cause  of  the  large  transient  distortion  levels,  an  in¬ 
stantaneous  contour  plot  of  the  peak  transient  distortion  is  compared  with  the  steady-state  contour  in 
figures  27  and  28  for  the  zero  and  five  degree  angle-of-attack  cases.  At  zero  angle-of-attack,  (fig.  27) 
the  peak  instantaneous  distortion  is  primarily  circumferential  in  nature.  The  pressures  do  not  change 
drastically  near  the  hub  where  the  dynamics  were  low  in  the  rms  contour  plot.  Where  the  dynamics 
were  high  in  the  steady-state  high  pressure  region,  total  pressure  reaches  as  much  as  20  percent  less 
than  the  steady-state  value  in  the  lower  left  portion  of  the  inlet.  Since  the  rms  contours  were  nearly 
symmetrical  around  the  inlet  at  zero  angle-of-attack,  a  similar  pattern  could  probably  occur  in  any 
orientation  over  a  long  period  of  time.  The  dynamics  therefore  indicated  what  appear  to  be  large 
separate  regions  forming  and  disappering  which  cause  major  circumferential  distortions.  A  similar 
comparison  of  the  instantaneous  and  steady-state  distortion  contours  for  five  degrees  angle-of-attack 
are  presented  in  figure  28.  Here  the  two  contour  plots  are  very  similar,  with  the  instantaneous  plot 
having  a  broader  high  pressure  region  and  lower  pressure  at  the  bottom  of  the  inlet.  Both  effects 
tend  to  increase  the  circumferential  distortion.  The  high  dynamic  regions  were  observed  between  the 
high  and  low  pressure  regions  on  the  rms  contour  plots,  and  this  can  be  correlated  with  the  constant 
total  pressure  boundaries  expanding  and  contracting  across  this  region.  Lower  dynamics  were  ob¬ 
served  at  the  top  and  bottom  of  the  inlet  where  the  high  and  low  pressure  region  remain  stably  located, 
but  vary  somewhat  in  level. 

Therefore  inlet  dynamics  are  apparently  associated  with  unstable  flow  in  the  diffuser  and  not 
with  turbulence  in  the  classical  sense.  The  dynamic  level  is  not  associated  with  any  particular  region 
of  the  steady-state  distortion  pattern.  It  is  associated  with  the  high  pressure  flow  region  passing  back 
and  forth  over  the  measurement  point  as  flow  which  is  separating  and  attaching  to  a  wall  might  do. 

This  is  a  recognized  operational  regime  for  subsonic  diffusers,  reference  20.  Therefore,  the  probable 
cause  of  most  of  the  dynamic  distortion  measured  in  inlets,  is  transient  flow  separation  in  the  subsonic 
diffuser  combined  with  the  terminal  shock  boundary  layer  interaction.  Hence  test  techniques  are  re¬ 
quired  which  determine  if  significant  dynamic  distortion  is  present,  and  if  so,  enough  dynamic  instru¬ 
mentation  is  required  to  determine  the  instantaneous  distortion  pattern. 
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CONCLUDING  REMARKS 

Most  wind  tunnel  testing  of  supersonic  exhaust  nozzles  is  done  to  obtain  off  design  performance 
in  the  speed  range  near  Mach  1.  0.  Because  of  the  complex  internal  and  extemall  flows,  it  is  very 
difficult  to  duplicate  all  conditions  simulatneously.  It  has  been  demonstrated  that  jet  boundary  simula¬ 
tors  can  provide  good  data  if  the  flow  is  well  behaved  in  the  nozzle  region.  However,  if  separation  is 
present,  this  method  would  probably  become  suspect.  Then  more  complex  models  such  as  powered 
simulators  should  be  used.  Results  from  such  a  model  were  compared  with  flight  data  and  were  shown 
to  agree  up  to  high  subsonic  Mach  numbers.  However,  viscous  effects  can  still  affect  the  nozzle  drag 
and  full  Reynolds  number  testing  is  currently  impossible  in  existing  facilities.  Two  cases  were  pre¬ 
sented  where  boundary-layer  thickness  affected  the  drag  in  opposite  directions  and  demonstrated  the 
need  to  fully  understand  the  flow  conditions.  The  viscous  affects  area  is  not  completely  understood  yet 
and  work  in  this  area  is  continuing  .at  Lewis. 

Dynamic  measurements  A.i.r'^vbsolutely  necessary  to  understand  the  interactions  of  an  inlet- 
engine  combination.  Nacelle  spacing  is  determined  by  a  maximum  transient  disturbance  extent  during 
unstart  that  is  much  larger  than  the  steady-state  disturbance.  Engine  stall  during  inlet  unstart  was 
easily  explained  by  utilizing  dynamic  measurements  of  compressor  pressure  ratio.  Nacelle  strength 
is  partially  determined  by  the  overpressures  due  to  the  hammershock  after  compressor  stall  and  it 
must  be  carefully  measured  with  dynamic  instrumentation.  Probably  the  most  complex  flow  phenomena 
revealed  by  dynamic  measurements  is  dynamic  distortion.  Proper  reduction  of  dynamic  distortion  data 
holds  promise  for  explaining  inlet-engine  compatibility  in  terms  of  comparing  the  instantaneous  distor¬ 
tion  with  the  steady-state  screen  distortion  required  to  stall  the  compressor.  Several  cases  were 
presented  demonstrating  the  nature  of  the  flow  fluctuations  for  different  inlet  operating  conditions.  The 
number  of  cases  investigated  so  far  has  been  limited  due  to  the  difficulty  of  data  reduction  but  this  is 
becoming  easier  with  new  methods.  "Work  is  continuing  at  Lewis  on  dynamic  distortion,  and  should 
provide  further  understanding  of  the  dynamic  interaction  of  the  inlet  and  engine. 
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Figure  1.  -  F-106  research  flight  with  plug  nozzle. 
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Figure  2.  -  Exhaust  nozzle  test  models. 
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Figure  4.  -  Nacelle-engine  installation. 


PARAMETER 

INFLUENCE 
COEFFICIENT 
FOR  Cg 

STANDARD 

DEVIATION 

0 

EXPERIMENTAL  NACELLE  TARE 

0. 598  . 

1.50 

1DEALTHRUST  <GAS  GENERATOR) 

.994 

1.11 

LOAD  CELL  FORCE 

.395 

1.00 

NOZZLE  GROSS  THRUST  COEFFICIENT,  Cg 

1.47 

Figure  5.  -  F106  Nozzle  performance  measurement  accuracy. 
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Figure  7.  -  Turbojet  engine  simulator. 
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Figure  8.  -Comparison  of  flight  and  wind  tunnel  data. 
Variable  flap  ejector  nozzle  rfdn  •  0. 


TO  MODEL  DIAMETER,  6/dn 

Figure  12.  -  Effect  of  boundary-layer  thickness 
on  boattail  pressure  drag;  15°  -  conical  boattails 
at  Mach  0.90. 


Figure  9.  -  Comparison  of  variable  flap  ejector  performance  from 
model  and  flight  data. 
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Figure  13.  -  Variable  convergent-divergent  nozzles. 


Figure  10.  -  Auxiliary  inlet  ejector. 
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Figure  14.  -  Reynolds  number  effect  on  boattail  drag. 


Figure  1L  -  Effect  of  floating  components  on  performance. 
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Figure  17.  -  Inlet  location  near  wing  simulator. 
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Figure  19.  -  Maximum  wing  surface  disturbances  during  Inlet  unstart 
transients.  Mq-2.5. 
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Figure  21.  -  Hammershock  peak 
pressure  following  compressor 
stall. 


Figure  20.  -  Effect  of  inlet  unstart  on  turbojet  engine  stability. 
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Figure  22.  -  Engine  effect  on  distortion. 


.  ■  ou"  fo  i:;  :-‘.u 


:e«C  X  r f2lP0 


illF" 


cs.saa33  STEADY-STATE;  PJPQ*  0.783  DYNAMIC;  <AP2rms)/P2  -  0. 0658 


Figure  23.  -  Dynamic  and  steady  state  distortion.  Mg  ■  2. 5;  0°  angle  of  attack. 
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Figure  24.  -  Dynamic  and  steady  state  distortion.  Mg  *  2.  &,  5°  angle  of  attack. 
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Figure  25.  -  Instantaneous  distortion  just  prior  to  compressor  stall.  Mn  -  2. 5j 
0°  angle  of  attack. 


Figure  27.  -  Comparison  of  steady  state  and  peak  instantaneous  distortion.  Mg  ■  2  5;  0°  angle  of  attack. 
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Figure  26.  -  Instantaneous  distortion  Just  prior  to  compressor  stall.  Mg  •  2.'6; 
5°  angle  of  attack. 
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Figure  28.  -  Comparison  of  steady  state  and  peak  instantaneous  distortion.  Mg  -  2. 6;  5°  angle  of  attack. 
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WIND  TUNNEL  TESTING  OF  V/STOL  ENGINE  MODELS  - 
SOME  OBSERVED  FLOW  INTERACTION  AND  TUNNEL  EFFECTS 


R.A.  Tyler  and  R.G.  Williamson 
Gas  Dynamics  Laboratory 
Division  of  Mechanical  Engineering 
National  Research  Council  of  Canada 
Ottawa  K1A  0R6,  Ontario,  Canada 


SUMMARY 

The  interpretation  of  force  measurements  on  V/STOL-related  models  incorporating 
inflows  and/or  outflows  is  discussed  in  relation  to  continuing  investigations  concerned 
mainly  with  the  transition  performance  of  lift-fan  configurations  and  utilising  balance 
mounted  powered  models  of  about  1000  hp  in  the  closed  test  section  of  the  10  ft  x  20  ft 
N.R.C.  V/STOL  Propulsion  Tunnel. 

With  models  producing r>Vi'i<o»«g  downwash  an  overriding  testing  limit  arises  in  closed 
wind  tunnels  from  the  formation  of  a  stable  floor  vortex  system  resulting  from  the 
interaction  of  stagnating  model  flow  with  the  mainstream.  An  experimental  study  of  this 
effect  as  it  relates  to  downward  directed  jets  is  described.  Vortex  formation  limits 
are  correlated  in  terms  of  a  jet  force  coefficient  for  a  wide  range  of  jet  inclination 
to  the  vertical  and  for  both  single  and  paired  jets.  Interference  velocity  measurements, 
with  limited  data  from  the  main  programme  and  other  sources,  are  used  to  deduce  corre¬ 
sponding  tunnel  flow  breakdown  limits.  These  testing  limits  are  indicated  to  be 
sensitive  to  model  characteristics. 


SYMBOLS 

B 


x-axis 


B 

XF 

x 

P 

z-axis 


S 

A 

e 

P 


Test  section  width 
F/q.h2 

0  0 
CT  cos  a 

Jet  diameter  at  nozzle 

Effective  diameter  based  on  total  jet  area  at  nozzles 
Drag 

Vj 

Nozzle  distance  from  impingement  wall 
Test  section  height 
Mass  flow  rate 
pV2/2 

Nozzle  spacing 
Mean  velocity 

Axis  through  centre  of  nozzle  exit  parallel  to  mainstream  (positive  in 
mainstream  direction) 

x-coordinate  of  stagnation  point,  Xg  (Fig.  5) 
x-coordinate  of  stagnation  point,  Xp  (Fig.  5) 
x-coordinate  of  probe  point 

Axis  through  centre  of  nozzle  exit,  perpendicular  to  impingement  surface 
(positive  towards  surface) 

Inclination  of  nozzle  axis  (In  xz-plane)  to  positive  z-axis  (positive  in 
mainstream  direction) 

Boundary  layer  thickness 

Prefix  denoting  jet-induced  increment 

Flow  pitch  angle  (positive  upwards) 

Mass  density 

Flow  yaw  angle  (positive  towards  near  sidewall) 


Suffix 

o  Mainstream 

J  Jet 

*  Relative  to  datum  value  at  incipient  stagnation 


8-2 


1 .  INTRODUCTION 


Prospective  jet  V/STOL  developments  in  civil  aviation  have  generated  the  need  for 
the  evaluation  of  reaction  lift  systems  in  transition  flight  by  model  tests.  Since  1967 
an  experimental  programme  has  been  conducted  in  the  NRC  10  ft  x  20  ft  V/STOL  Propulsion 
Tunnel  on  balance-mounted  V/STOL  engine  models  predicated  on  the  use  of  fan  thrust.  The 

tunnel  is  of  the  open  circuit  type  with  closed  test  section  and  is  described  in  some 

detail  in  Reference  1.  Unheated  compressed  air  is  available  at  the  test  section  for 
driving  fan  equipped  models  absorbing  up  to  several  thousand  horsepower.  In  the  present 
context  typical  engine  models  incorporate  turbine  drives  of  about  1000  horsepower 

connected  to  thrusting  fans  of  12  to  15  in  (0.30  to  0.38  m)  tip  diameter.  Drive  air  is 

provided  through  the  model  mounting  system.  Typical  studies  have  involved  measurement 
of  fan  thrust  in  crossflow,  i.e.  in  simulated  transition.  Tunnel  speeds  to  about  200 
ft/sec  (60  m/sec)  are  available  for  this  purpose.  Models  are  characterized  in  general 
by  inflow  and  efflux  directions  substantially  at  right  angles  to  the  mainstream. 


To  date,  testing  has  been  confined  to  relatively  simple  encased  models  involving 
single  fans  with  minimal  external  structure.  Interference  forces  arising  from  flow 
interactions  are  largely  inc.lf'v/.al  to  the  model  set-up,  i.e.  without  full  scale 
significance.  Test ' conditic:r..  ■  main  interest  (distorted  inflow)  involve  (high)  ratios 
of  tunnel/model  flow  rates  at  \:;flch  tunnel  effects  are  unlikely  to  be  significant  in 
relation  to  engine  performance  data.  In  line  with  existing  proposals  for  civil  V/STOL 
lift-fan  aircraft,  however,  increasingly  sophisticated  models  are  anticipated.  Current 
attention,  for  instance,  is  directed  towards  a  model  simulating  sponson-housed  multiple 
lift-fan  systems.  While  interest  remains  centred  on  fan  performance  in  transition, 
interactions  among  the  freestream  and  individual  fan  flows  (at  intake  and  exit)  in  the 
presence  of  representative  surfaces  are  of  real  concern.  In  addition,  simulation  of 

transition  flight  profiles  calls  in  general  for  a  significant  range  of  fore-and-aft  fan 

tilt  and  sponson  incidence.  Furthermore,  increased  lower  limits  on  model  size  obtain  - 
set  basically  by  the  lowest  number  of  model  fans  needed  for  adequate  representation  of 
flow  interaction  effects  and  by  the  smallest  fan  diameter  meeting  blade  Reynolds  number 
requirements  (3  fans  of  12.0  in  (0.30  m)  tip  diameter  in  current  model). 

The  extent  to  which  the  wind  tunnel  remains  a  useful  tool  for  the  investigation  of 

models  of  this  kind  is  not  clear  at  this  time.  Published  experimental  data  and  analyt¬ 

ical  treatments  relevant  to  the  tunnel  testing  of  models  incorporating  inflows  and 
issuing  Jets  are  few.  The  present  paper  outlines  briefly  some  more  or  less  relevant 
data  arising  from  testing  experience  to  date,  together  with  the  main  results  of  an 
experimental  investigation  into  a  particular  aspect  of  testing  limits  pertaining  to  jet 
models  in  closed  test  sections. 


2.  WIND  TUNNEL  LIMITATIONS 


Various  special  problems  attach  to  the  wind  tunnel  testing  of  bodies  incorporating 
inflows  and  jet  effluxes.  In  general,  the  major  sources  of  differences  between  test  data 
obtained  in  wind  tunnel  testing  and  in  free-f light  are  well  known  (scale  effects,  solid 
blockage,  wall  constraints,  etc.).  Corrections  valid  for  lightly  loaded  models  have  been 
used  with  good  results  for  many  years .  The  advent  of  models  generated  by  STOL  and  V/STOL 
research,  involving  large  force  coefficients  and  highly  deflected  wakes,  has  pointed  up 
the  inadequacies  of  the  classical  theory.  Some  progress  has  been  made  in  establishing 
correction  procedures  for  such  cases,  particularly  with  respect  to  wall  constraints. 

Heyson  has  described  the  development  of  wall-induced  interference  calculation  methods 
for  arbitrary  lifting  systems  based  on  increasingly  sophisticated  description  of  the 
deflected  wake  (Ref.  2).  The  methods  proceed  from  the  assumption  of  a  straight  wake 
passing  downwards  (with  representation  of  the  test  section  surfaces  by  an  external  image 
system)  to  vortex  lattice  methods  capable  of  handling  more  realistic  curved  representa¬ 
tions  of  the  wake,  including,  through  iteration,  interference  effects  on  wake  position. 

In  principle,  at  least,  (and  given  adequate  digital  computer  support)  the  latter  method 
appears  applicable  to  models  incorporating  discrete  Jets  issuing  at  large  angles  to  the 
mainstream.  For  models  of  this  kind,  wall-induced  interference  velocity  will,  in  general, 
exhibit  large  spatial  gradients,  making  valid  correction  procedures  difficult  to  estab¬ 
lish.  In  practice,  the  interference  analysis  might  prove  most  useful  in  evaluating  limits 
(on,  for  instance,  the  ratio  of  model/tunnel  flow  rates)  within  which  wall-induced 
interference  velocities  are  of  a  magnitude  considered  unimportant  for  a  particular  model 
type. 


In  free  flight,  bodies  involving  inflows  and  jet  effluxes  are  subject,  in  general, 
to  interference  forces  due  to  induced  flows  arising  from  body  flow-freestream  inter¬ 
action.  These  interference  forces  are-  usually  modified  in  proximity  to  the  ground. 
Effects  of  this  kind  are  encountered  in  jet-model  tunnel  testing,  presumably  modified  by 
factors  present  in  the  wind  tunnel  but  absent  in  free  air.  Little  or  no  information 
appears  to  exist  on  this  point. 

Furthermore,  the  available  wall  constraint  calculation  methods  are  necessarily 
predicated  on  an  ideal  wind  tunnel  providing  a  uniform  incoming  flow.  In  real  tunnels 
interaction  between  model  flow  and  incoming  tunnel  flow  can  modify  the  latter  to  an 
extent  rendering  the  measured  data  meaningless.  Model  flow  impinging  on  a  tunnel 
surface  may  penetrate  forward  in  the  boundary  layer  inducing  separation  of  the  tunnel 
flow  upstream  of  the  model  (Ref.  3).  Ground  effect  measurements  on  jet  models,  with 
and  without  moving  ground  plane  (Ref.  It),  indicated  the  data  to  be  affected  by  floor 
boundary  layer  at  model  heights  in  the  neighbourhood  of  one  effective  Jet  diameter 
(h  =  d  =  6).  Of  more  general  significance  in  closed  test  sections  is  the  flow 
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breakdown  resulting  from  the  stagnation  of  high  energy  downwash  flow  on  the  tunnel  floor 
with  the  formation  of  a  stable  vortex  system.  This  phenomenon  was  first  reported,  in 
connection  with  lifting  rotor  systems,  in  Reference  5,  Tunnel  flov;  breakdown  limits  for 
models  with  more  or  less  uniform  spanwise  lift  distribution  (rotor,  tilt  wing,  jet  flap) 
have  been  presented  in  terms  of  a  minimum  wake  impingement  distance  behind  the  model 
(Refs.  6,  7)  or  a  maximum  lift  coefficient  (Ref.  8).  Little  information  appears  to  be 
available  for  models  involving  discrete  Jets.  In  view  of  the  overriding  limits  imposed 
by  this  phenomenon  some  experiments  were  undertaken  to  investigate  this  effect  in 
relation  to  jet-model  testing  in  the  NRC  10  ft  x  20  ft  tunnel. 

3.  OBSERVED  INTERFERENCE  EFFECTS 

Various  instances  of  jet,  sink,  and/or  wall  induced  interference  forces  have  been 
encountered  in  the  experimental  programme  to  date.  These  usually  represent  unwanted 
modification  to  indicated  fan  forces  requiring  direct  assessment  when  relatively  small 
and  circumvention  when  large.  A  typical  single-fan  test  model  is  shown  Installed 
vertically  in  the  tunnel  test  section  in  Figure  1.  The  model  proper  is  represented  by 
the  fan-intake  configuration.  The  direction  of  fan  gross  thrust  and  model  incidence  are 
each  independently  variable  through  360°.  At  90°  incidence,  fan  thrust  was  measured  in 
essence  as  the  increase  in  drag-balance  reading  on  vectoring  fan  thrust  through  90° 
downwards  from  a  direction  parallel  to  the  tunnel  axis  (downstream) .  The  second  reading 
included  intake  momentum  drag  and  interference  force  components  induced  by  fan  efflux 
and  inflow.  The  interference  forces  were  assessed  directly  by  measurement  in  isolation 
on  appropriate  model  mock-ups,  as  described  in  Reference  9.  The  results  are  shown 
plotted  against  non-dimensional  fan  flow  rate  in  Figure  2.  While  the  indicated  inflow 
interference  components  are  small  (but  not  zero),  the  efflux  effects  are  relatively 
strong  and  of  similar  magnitude  to  nominal  momentum  drag. 

As  indicated  earlier,  special  difficulties  arise  at  tunnel  speeds  sufficiently  low 
relative  to  jet  velocity  to  allow  stagnation  of  downward  directed  jets  on  the  tunnel 
floor.  An  extreme  instance  of  this  occurs  at  zero  tunnel  speed,  for  example  in  the 
attempted  measurement  of  static  thrust  in  a  closed  test  section  (Ref.  10).  Figure  3 
shows  the  effect  of  model-floor  distance  on  lift-balance  reading  (ostensibly  fan  thrust) 
for  the  model  of  Figure  1  at  zero  incidence  (fan  axis  horizontal)  with  fan  efflux 
directed  vertically  downward.  Constraint -enhanced  ground  effects  are  evident  at  all 
available  model  heights.  In  this  particular  case,  satisfactory  static  thrust  readings, 
at  the  required  fan  nozzle  orientation,  were  obtained  by  simply  rotating  the  model  to 
90°  incidence  or  by  completely  inverting  the  model  (180°  incidence)  and  removing  the 
tunnel  roof.  A  potentially  more  troublesome  difficulty  occurring  at  non-zero  tunnel 
speeds  is  illustrated  by  the  data  of  Figure  f)  .  Drag-balance  readings  for  the  model  at 
90°  incidence  with  fan  efflux  directed  vertically  downwards  are  shown  plotted  against 
fan  rotational  speed  at  constant  nominal  tunnel  speed.  A  radical  change  in  flow  pattern 
at  the  higher  fan  speeds  is  indicated  by  a  sharp  break  in  the  data  trend.  These  data  are 
representative  of  more  than  twenty  sets  of  readings  for  the  same  model  set-up  equipped 
with  different  intake-fan  configurations  (Ref.  9).  The  effect  is  associated  with  the 
fan  efflux,  occurs  at  a  critical  low  value  of  mainstream/fan  efflux  velocity  ratio,  and 
is  evidently  a  manifestation  of  the  stagnation  phenomenon  referred  to  earlier.  In  this 
instance  the  implied  lower  limit  on  useful  tunnel  speed  was  of  no  consequence.  However, 
the  implications  for  future  models  involving  multiple  and  inclined  jets  are  significant. 
As  mentioned  earlier,  an  experimental  study  was  instituted  to  provide  some  background  on 
tunnel  flow  breakdown  limits  with  respect  to  jet-model  testing  in  general. 

it.  TUNNEL  FLOW  BREAKDOWN 

The  development  of  tunnel  flow  breakdown  in  the  presence  of  high-lift  models  has 
been  described  in  Reference  11.  The  flow  fields  associated  with  several  devices 
producing  high  energy  downwash  (jet  flap,  rotor  and  fan-in-wing  models)  were  investigated 
visually  at  the  floor,  over  a  range  of  tunnel  speed.  The  authors  identify  several  stages 
in  the  development  of  unwanted  tunnel  secondary  flows.  For  a  given  lift,  tunnel  flow  is 
relatively  undisturbed  at  high  tunnel  speeds.  With  reduction  in  tunnel  speed  model 
downwash  becomes  sufficiently  deflected  to  interact  with  the  tunnel  boundary  layer, 
causing  agitation  of  tufts  on  the  floor.  With  further  decrease  of  tunnel  speed  a 
condition  is  reached  in  which  the  model  wake  penetrates  the  boundary  layer  to  stagnate 
on  the  floor.  This  condition  is  unstable  with  intermittent  periods  of  upstream  surface 
flow  forming  small  horseshoe  vortices.  The  authors  designate  this  condition  as  'incipient 
stagnation'.  With  still  further  reduction  in  tunnel  speed  the  flow  becomes  stable  with 
well  defined  stagnation.  A  portion  of  the  wake  flows  upstream  to  roll  up  into  a  stable 
vortex.  The  vortex  size  increases  with  decrease  in  tunnel  speed.  Finally  the  tunnel 
flow  is  rendered  unrepresentative  of  free  flow  conditions  to  a  degree  beyond  correction. 
This  condition  constitutes  'tunnel  flow  breakdown' . 

Some  simple  experiments  were  set  up  in  the  NRC  10  ft  x  20  ft  tunnel  to  examine  these 
phenomena  as  they  arise  from  inclined  circular  jets  originating  in  the  tunnel  test 
section.  An  initial  objective  was  to  relate  quantitatively  some  observable  elements  of 
the  breakdown  process  with  jet  conditions.  These  elements  are  illustrated  schematically 
in  Figure  5-  Figure  5a  indicates  a  typical  flow  breakdown  situation  at  relatively  low 
tunnel  speed.  In  the  plane  through  the  nozzle  axis  parallel  to  the  mainstream,  the  flow 
is  characterized  by  two  stable  stagnation  points  on  the  tunnel  floor,  Xp  and  Xp .  The 
positions  of  these  stagnation  points  are  easily  determined  in  practice  from  wool  tuft 
observations.  A  portion  of  the  jet  flows  radially  upstream  from  the  vicinity  of  Xp, 
rolling  up  into  a  stable  vortex  to  define  Xg.  The  separation  between  Xp  and  Xp  decreases 
with  increasing  tunnel  speed  (Figure  5b),  tending  to  zero  at  the  unstable  condition  of 


incipient  stagnation  (Figure  5c).  There  is  a  corresponding  reduction  in  vortex  size. 

At  higher  tunnel  speeds,  any  Jet  flow  close  to  the  floor  is  in  the  general  downstream 
direction  (Figure  5d) . 

The  stable  vortex  formation  implies  lateral  jet  flow  and  can  result  in  flow  up  the 
side  walls  at  sufficiently  low  tunnel  speed  (Ref.  12).  This  is  shown  schematically  in 
Figure  6.  In  the  experiments  to  be  described,  this  general  picture  was  confirmed  by 
flow  visualization  using  smoke.  The  more  forward  origin,  increasing  size  and  steepening 
trailing  arms  of  the  floor  vortex  system  were  clearly  indicated  as  tunnel  speed  was 
reduced. 

From  a  practical  standpoint  it  would  be  desirable  to  establish  to  what  degree  vortex 
formation  could  be  allowed  to  proceed  without  significant  effect  on  jet-model  test 
results.  This  would  determine  the  lowest  useful  tunnel  speed.  In  detail  however  such 
a  limit  would  depend  not  only  on  the  specific  jet  arrangements  but  on  other  configura¬ 
tional  aspects  of  the  model  and  tunnel.  Attention  was  directed  first  therefore  towards 
the  quantitative  correlation  of  observed  flow  stagnation  positions  (corresponding  to  XF, 
Xb)  using  selected  basic  jet  arrangements ' encompassing  parameter  ranges  relevant  to 
foreseeable  model  testing.  For. the  range  of  nozzle  height/diameter  ratio  of  interest 
such  data  should  be  broadly  ifrV.^pendent  of  tunnel  characteristics  (including  floor 
boundary  layer)  and  should  yufcy.lde  a  generally  useful  indication  of  the  conditions 
pertaining  to  incipient  stagnation.  Such  conditions  define  an  operating  limit  for  floor 
vortex  formation,  i.e.  a  conservative  but  safe  minimum  tunnel  speed  for  meaningful  model 
testing. 

5.  INCIPIENT  STAGNATION  LIMITS  FOR  SINGLE-JETS  AND  JET-PAIRS 

Preliminary  experiments  employed  plain  cylindrical  jet  nozzles  located  at  mid-width 
and  directed  vertically  downward  from  various  heights  above  the  tunnel  floor  (Ref.  13). 
Three  Jet  sizes  (d  =  6.G3  in  (0.168  m) ,  8.19  in  (0.208  m) ,  9-78  in  (0.248  m) )  at  seven 

values  of  h/d  (from  8.33  to  18.11)  were  operated  at  mean  jet  velocities  up  to  700  ft/sec 

(200  m/s).  Observations,  using  wool  tufts,  were  concerned  mainly  with  the  location  of 
the  stagnation  point,  Xjj,  relative  to  the  nozzle.  The  correlation  of  approximately  250 
data  points  indicated  that,  within  the  range  of  test  variables,  the  non-dimensional 
distance  XR/h  was  a  function  of  the  parameter  Vph/d.  A  second  experimental  set-up 
utilized  the  fan  efflux  nozzle. section  of  the  lift-fan  model  of  Figure  1.  This  arrange¬ 
ment  allowed  the  observation  dT  floor  stagnation  positions  for  a  single-jet  (d  =  8.03  in 
(0.204  m))  and  a  Jet  pair  (s/d  =  4.3),  operated  at  mean  jet  velocities  up  to  500  ft/sec 
(150  m/s)  over  a  range  of  jet  inclination  to  the  vertical  from  -30°  to  +30°  (Ref.  14). 

Two  nozzle  heights  above  the  floor  (h/d  =  8.3  and  12.4)  were  used  with  each  Jet  arrange¬ 
ment.  In  conformity  with  the  earlier  results,  both  xs/h  and  xp/h  were  found  to  correlate 
reasonably  well  in  terms  of  VRh/d .  The  faired  results  for  the  single-jet  case  are  shown 

in  Figure  7.  The  curves  illustrate  the  rearward  migration  and  decreasing  separation  of 

the  floor  stagnation  regions  with  increasing  mainstream/mean  jet  velocity  ratio.  A 
minor  extrapolation  to  intersection  of  the  observation-based  curves  of  Xg/h  and  xp/h 
defines,  at  each  a,  a  critical  Vfjh/d  corresponding  to  the  state  of  incipient  stagnation. 
(This  condition  Is  not  amenable  to  direct  observation  by  wool  tufts  owing  to  instability.) 
The  curves  of  impingement  stagnation  position,  xp/h,  of  Figure  7,  embody  data  observed 
at  zero  tunnel  speed.  Jet  velocity  was  held  constant  (at  about  200  ft/sec  (60  m/s))  and 
inclination,  a,  increased  from  zero  in  increments  of  5°  ■  Stagnation  position  was  well 
defined  (by  wool  tuft  indications  of  strong  radial  flow)  for  values  of  a  up  to  50°.  At 
a  =  55°  a  change  in  the  character  of  the  floor  flow  had  become  evident.  The  motion  of 
the  affected  tufts  nearest  the  nozzle  had  become  highly  irregular.  Indicating  turbulence 
from  the  periphery  of  the  Jet.  Apparently  a  state  corresponding  to  incipient  stagnation 
was  achieved  at  a  value  of  a  between  50°  and  55° •  The  static  data  we re  used  to  extrapo¬ 
late  the  incipient  stagnation  limits  of  Figure  7  to  values  of  inclination  beyond  +30°. 
Additional  observations,  using  a  third  model  set-up  (described  below),  were  made  at 
negative  values  of  inclination  to  -50°.  Figure  8  shows,  in  summary,  an  approximate 
representation  of  the  conditions  for  incipient  stagnation  for  a  downward  directed  jet 
inclined  to  the  vertical  over  a  range  of  angle  from  -50°  to  a  limiting  value  of  about 
+53°.  The  curve  Indicates  the  single-jet  operating  limits  for  floor  vortex  formation 
in  the  NRC  tunnel  for  values  of  h/d  in  the  neighbourhood  of  10 .  For  this  order  of 
nozzle  height  and  providing  a  solid  floor  is  present,  these  limits  should  be  broadly 
applicable  to  other  tunnel  configurations . 

It  is  noted  that  the  parameter  V^h/d  can  be  expressed  in  terms  of  a  force 
coefficient  based  on  jet  thrust,  F  (=  MiV<),  dynamic  pressure,  qD,  and  an  appropriate 
area.  Defining  Cj  =  F/q0h2,  then  VRh/d  =  /w/2Crp.  The  results  of  Figures  7  and  8  can 
be  recast  in  terms  of  Cij  or,  to  facilitate  comparison  with  other  data.  In  terms  of 
Ctjj  =  Ct  cos  a,  the  coefficient  based  on  jet  force  normal  to  the  impingement  surface. 
Figure  9  shows  the  single-jet  incipient  stagnation  limits  of  Figure  8  replotted  as 
limiting  Crpjj  against  a.  Over  a  range  of  Jet  inclination  from  about  -5°  to  +20°,  the 
conditions  for  incipient  stagnation  are  represented  by  a  constant  value  of  C™  (=  0.62). 
Also  shown  on  Figure  9  are  the  corresponding  limits  for  a  jet-pair  (s/d  =  4.3)  in  both 
transverse  and  tandem  alignment  (i.e.  with  the  line  of  nozzle  centres  perpendicular  and 
parallel,  respectively,  to  the  tunnel  axis).  For  these  cases  the  force  coefficient  is 
based  on  total  Jet  force  (equivalent  to  the  use  of  effective  Jet  diameter  based  on  total 
nozzle  area  in  V^h/d) .  On  this  basis  the  incipient  stagnation  limits  for  the  tandem 
Jet-pair  are  quite  similar  to  those  for  the  single  jet,  A  similar  correspondence  holds 
for  observed  stagnation  positions.  It  is  inferred  that,  from  the  standpoint  of  tunnel 
flow  breakdown,  a  tandem  Jet-pair  (s/d  <  4.3)  may  be  regarded  as  a  single  jet  of  the 
same  total  nozzle  area  (centred  at  the  mid-point  of  paired  nozzle  centres)  .  It  seems 


8-5 


probable,  by  extension,  that  a  similar  approach  can  be  taken  with  respect  to  multiple 
in-line  jets. 

6.  INDICATED  JET  MODEL  TESTING  LIMITS  (a  =  0) 

The  incipient  stagnation  limit  defines  the  minimum  tunnel  speed  for  no  vortex 
formation.  In  practice,  tunnel  flow  breakdown  will  occur  at  a  lower  tunnel  speed 
depending  on  the  degree  of  vortex  development  that  can  take  place  without  prejudice  to 
measured  data.  This  in  turn  depends,  presumably ,' on  the  specific  model  and  tunnel 
arrangements.  The  available  experimental  data  on  this  point  appear  few,  particularly 
for  jet  models.  Vogler  has  reported  force  measurements  on  a  jet  equipped  wing-fuselage 
model  at  various  ground  clearances  in  the  17-foot  test  section  of  the  Langley  7  ft  x  10 
ft  tunnel  (Ref.  4).  Owen  has  examined  Vogler's  lift  data  for  evidence  of  tunnel  flow 
breakdown  (Ref.  15).  The  relevant  lift  data  pertain  to  a  =  0,  h/de  =  2  to  10,  de  =  3.5 
in  (0.089  m) .  In  some  cases  a  reversal  in  expected  lift  trend  was  noted  (lift  decreased 
as  ground  clearance  was  reduced).  Owen's  estimate  of  the  implied  testing  limits  for 
single-jet  models  is  shown  in  terms  of  h/d  and  VR  in  Figure  10.  The  incipient  stagnation 
limit  of  Figure  8  is  included  for  comparison.  Apparently  considerable  floor  vortex 
strength  was  developed  before  the  lift  data  of  Reference  4  reflected  tunnel  flov;  break¬ 
down.  Included  in  Figure  10  are  the  rectangular  hyperbolas  representing  (VRh/d)*  =  0.45, 
0.55,  and  O.65.  These  curves  straddle  the  Owen  line  and  none  is  inconsistent  with  the 
(ill-defined)  appearance  of  anomalies  in  the  lift  data  of  Reference  4.  Very  limited 
existing  data  suggest,  therefore,  that  tunnel  speed  may  be  reduced  to  roughly  55%  of  the 
speed  at  which  floor  stagnation  first  appears  before  single-jet  model  data  (a  =  0)  are 
invalidated  by  tunnel  flov;  breakdown.  The  appearance  of  the  anomalous  drag-balance 
readings  of  Figure  4  (relating  to  the  model  type  of  Figure  1)  corresponds  to  the 
operation  of  a  transverse  jet-pair  at  VRh/de  =  0.86  (the  value  of  VRh/d  associated  with 
the  turbine  exhaust  is  well  beyond  that  for  stagnation) .  In  this  case  the  ratio  of 
tunnel  speed  at  breakdown  to  that  at  incipient  stagnation  is  approximately  0.65  (Fig.  9). 
Considering  the  disparity  in  model-tunnel  dimensions  and  configuration,  this  value  is 
in  reasonable  conformity  with  the  indications  of  the  Langley  data. 

7.  LOCAL  FLOW  MEASUREMENTS  AT  NOZZLE  HEIGHT  (SINGLE  JET) 

To  obtain  more  information  on  the  allowable  extent  of  vortex  formation,  additional 
measurements  were  made  using  the  single-jet  arrangement  shown  in  Figure  11.  The 
rotatable  jet  nozzle  (d  =  8.O3  in  (0.204  m))  was  centred  between  side-walls  at  a  height 
9.9  d  above  the  floor.  Two  five-hole  probes  were  located  at  nozzle  height,  equidistant 
(4  d)  from  the  nozzle  centre.  Probe  A  was  positioned  directly  ahead  of  the  nozzle, 
probe  B  at  45°  to  the  side  and  rear.  The  effect  of  jet  operation  on  local  flow  conditions 
is  illustrated,  for  a  =  0 ,  in  Figures  12  and  13.  The  data  at  both  probe  points  show 
vortex-induced  effects  rapidly  becoming  dominant  as  mainstream/jet  velocity  ratio  is 
reduced  through  the  value  for  incipient  stagnation.  While  the  extreme  values  are  beyond 
probe  calibration  and  approximate,  the  trends  are  clear.  At  nozzle  height,  increasingly 
strong  downwash  and  longitudinal  interference  effects  reflect  growing  vortex  size  with 
reduction  in  VR  .  Yaw  readings  at  the  off-centre  position  B  demonstrate  explicitly  the 
corresponding  steepening  in  the  vortex  trailing  arms.  Furthermore,  while  only  two  probes 
were  used,  it  is  evident  from  Figures  12  and  13  that  considerable  point-to-point 
differences  exist  in  the  response  of  local  flov;  conditions  to  vortex  development.  This 
is  illustrated  in  Figure  14  which  shows  the  variation  of  (Vr)*  with  longitudinal  position 
at  nozzle  height  (non-dimensionalized  by  h,  as  suggested  by  the  observations  of  stagna¬ 
tion  position)  for  various  constant  values  of  vortex-induced  downwash  angle.  The  data 
of  Figure  12  are  augmented  here  by  measurements  made  with  the  jet  nozzle  (and  attached 
probe)  repositioned  at  5.4  d  above  the  floor.  Over  the  limited  test  range  of  Xp/h, 
vortex  effects  at  nozzle  height  occur  earlier  (i.e.  at  higher  VR)  the  farther  downstream 
the  point  of'  measurement .  Clearly  the  overall  testing  conditions  representing  tunnel 
flov;  breakdown  will  depend  ultimately  on  the  model  arrangements  associated  with  the  jet. 

A  general  testing  limit  will  provide  at  best  a  useful  guide  to  minimum  tunnel  speed  in  a 
specific  jet-model  situation. 

Figure  15  shows  flow  pitch  angle,  at  positions  A  and  B,  plotted  against  (VR)*  for  a 
range  of  jet  inclination  from  -30°  to  +30°.  In  the  regime  of  vortex-induced  downwash  the 
data  for  all  values  of  inclination  are  represented  reasonably  well  by  a  single  curve. 

The  longitudinal  interference  data  show  similar  trends .  These  results  suggest  that  model 
testing  limits  and  incipient  stagnation  limits  vary  similarly  with  jet  Inclination, 
tunnel  flow  breakdown  occurring  at  an  essentially  constant  value  of  (VRh/d)*  over  the 
test  range  of  a.  The  single-jet  testing  limits  for  a  =  0,  indicated  by  the  lift  data 
of  Reference  4,  ((VRh/d)*  =  0.45  to  O.65),  are  shown  extended  on  this  basis  to  other 
values  of  jet  inclination  in  Figure  16 .  Included  for  reference  in  Figure  16  are  curves 
of  constant  vortex-induced  downwash  angle,  -Ae,  measured  at  positions  A  and  B  for  the 
specific  single-jet  arrangement  of  Figure  11. 

While  of  limited  coverage  and  tunnel-dependent,  these  data  suggest  that  the 
indicated  testing  limits  are  unduly  optimistic  even  for  approximate  purposes  (at  least 
in  relation  to  the  NRC  tunnel) .  The  indicated  limits  appear  to  be  associated  with 
significant  vortex-induced  downwash  in  the  vicinity  of  the  model.  It  is  noted  that,  in 
the  vortex-free  regime,  the  probe  measurements  at  nozzle  height  indicate  appreciable 
induced  upwash  ahead  of  the  jet.  Figure  17  shows  jet-induced  flow  pitch  angle,  As,  at 
positions  A  and  B  for  a  range  of  jet  inclination  from  -50°  to  +50°.  The  limited  data 
show  a  marked  dependence  of  vertical  interference  velocity  on  position  and  on  jet 
inclination.  In  distinction  to  the  vortex-induced  interference,  these  effects,  insofar 
as  they  arise  from  wall  constraints,  are  in  principle  calculable  (Ref.  2).  The  resulting 
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corrections  to  incidence  are  positive.  The  actual  presence  near  the  model  of  vortex- 
induced  downwash  indicates  tunnel  flow  deterioration  beyond  the  point  vihere  constraint 
corrections  are  useful,  i.e.  beyond  the  correctabillty  limit  properly  defining  tunnel 
flow  breakdown.  This  limit  is  not  necessarily  the  same  as  that  indicated  by  manifest 
anomalies  in  observed  data  and  is,  in  general,  more  restrictive.  The  limited  single-jet 
data  of  Figure  15  indicate  that  little  reduction  in  tunnel  speed  below  the  incipient 
stagnation  level  is  necessary  for  flow  conditions  at  nozzle  height  to  be  noticeably 
affected  by  the  floor  vortex  system.  From  the  correctabillty  standpoint,  it  would  seem 
advisable  in  practice  to  avoid  vortex  effects  altogether  by  testing  jet-models  to  the 
incipient  stagnation  limits  only. 

In  the  NRC  tunnel  it  may  be  possible  in  some  circumstances  to  circumvent  the  rather 
severe  restriction  on  minimum  tunnel  speed  implied  by  the  incipient  stagnation  limits. 

The  tunnel  was  designed  ab  initio,  to  meet  what  were  envisaged  (in  I960)  as  the  require¬ 
ments  for  the  transition  testing  of  V/STOL  propulsion  systems  involving  reaction. jets . 

The  general  features  of  the  Installation  reflect  this  approach,  e.g.  the  high  test  section 
rectangularity  (H/B  =  2).  The  entire  test  section  (40  ft  (12  m)  long)  is  carried  on  a 
steel  plenum  chamber  (vertical  walls,  4J  ft  (1.4  m)  deep)  supporting  the  adjustable  floor. 
Some  probe  measurements  were  made  with  the  test  section  floor  plates  removed,  allowing 
jet  penetration  to  the  underlying  chamber  through  an  open  aluminum  grid.  The  results 
shown  in  Figure  18  are  directly  comparable  with  those  obtained  with  the  solid  floor 
(Figure  15) .  While  further  assessment  is  required,  the  device  appears  to  offer  lower 
usable  mainstream/jet  velocity  ratios  and  may  prove  useful  in  future  testing. 

8 .  CONCLUSION 


Special  problems  attach  to  the  transition  testing  of  V/STOL  propulsion  system  models 
involving  inflow  and  efflux  directions  at  large  angles  to  the  mainstream.  Wall  constraint, 
flow  interference  and  real  tunnel  effects  are  discussed  briefly  in  relation  to  data  from 
a  continuing  experimental  programme  employing  high-powered  models  in  the  closed  test 
section  of  the  NRC  10  ft  x  20  ft  wind  tunnel. 

Overriding  limits  to  free-flight  simulation  arise  from  the  stagnation  of  high  energy 
downwash  on  a  solid  floor  with  the  formation  of  a  stable  vortex  system.  An  investiga¬ 
tion  of  this  real  tunnel  effect,  as  arising  from  circular  jets,  is  described  in  some 
detail.  Operating  limits  for  floor  vortex  formation  (incipient  stagnation)  are  presented 
for  single-jet  and  jet-pair  arrangements  encompassing  typical  parameter  ranges  and  a  wide 
range  of  fore-and-aft  inclination  to  the  vertical.  The  limits  should  be  applicable,  by 
extension,  to  models  incorporating  multiple  in-line  effluxes. 


The  initial  appearance  of  anomalous  trends  in  some  existing  Jet-model  force  data  is 
shovin  to  correspond  to  tunnel  speeds  of  from  1/2  to  2/3  the  tunnel  speed  for  in  ipient 
stagnation.  Limited  local  flow  measurements  at  nozzle  height  suggest  that  (a)  such 
implied  testing  limits  are  associated  with  significant  vortex  interference  in  the 
vicinity  of  the  model  and  (b)  effective  flow  breakdown,  defined  by  the  limits  of  useful¬ 
ness  of  data  correction  procedures,  occurs  at  conditions  close  to  those  for  incipient 
stagnation. 
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FIQ.  1  TYPICAL  SINGLE  FAN  TEST  MODEL 


FIG.  3  TUNNEL  EFFECTS  ON  STATIC  THRUST 
MEASUREMENTS 


FIG.  2  INFLOW  AND  EFFLUX  INTERFERENCE 
DRAG  COMPONENTS 


FIG.  i)  EXAMPLE  OF  VORTEX-AFFECTED  DATA 
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FIG.  7  FLOOR  STAGNATION  POSITIONS  FOR  INCLINED  SINGLE  JETS 


FIG.  8  INCIPIENT  STAGNATION  LIMIT  (SINGLE  JET) 
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PIG.  12  JET-INDUCED  INTERFERENCE  AT 

NOZZLE  HEIGHT;  LOCAL  PLOW  ANGLES 


FIG.  13  JET-INDUCED  INTERFERENCE  AT 
NOZZLE  HEIGHT;  LOCAL  DYNAMIC  PRESSURES 


PIG.  Ill  LOCAL  RESPONSE  AT  NOZZLE  HEIGHT 
TO  VORTEX  DEVELOPMENT 


FIG.  15  CORRELATION  OF  Ae  WITH  JET 
INCLINATION  (-30°  £  a  <  30°) 
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VECTORED  THRUST  IN  AIR  COMBAT 

% 

C.  R.  James,  Jr. 

Supervisor,  Flight  Performance 
VOUGHT  AERONAUTICS  COMPANY 
LTV  Aerospace  Corporation 
P.  0.  Box  5907 
Dallas ,  Texas  75222 


SUMMARY 


Advantages  of  thrust  vectoring  in  air  combat  are  evaluated  using  the  Vought  Aeronautics  manned  air  combat 
simulator.  This  simulator  consists  of  two  fighter  cockpits  linked  by  digital  computer-driven  visual 
displays  which  present  each  pi’ 'properly  oriented  image  of  the  opponent  aircraft.  Real  time  digital 
computation  permits  each  pile- •  ,,;4;:,.rlly"  his  aircraft  anywhere  within  the  performance  and  strength  limits 
of  the  airframe  as  he  strives  to  maneuver  into  position  to  fire  his  weapons. 

Engagements  include  three  cases:  (l)  a  baseline  conventional  fighter,  (2)  a  vectored  thrust  version  of 
the  baseline  and  (3)  the  vectored  thrust  configuration  with  a  1500-pound  weight  penalty.  The  conventional 
fighter  is  the  common  opponent  for  all  engagements.  Engagements  are  scored  by  relative  time  in  advan¬ 
tageous  positions  and  by  win-lose-draw  results.  Advantages  of  thrust  vectoring  are  quantified  and  the 
sensitivity  of  advantages  to  weight  penalty  is  determined.  This  paper  describes  the  experiments,  sum¬ 
marizes  results,  and  presents  analyses  based  on  aircraft  performance  parameters.  Results  are  also  cor¬ 
related  with  previous  experiments. 

PREFACE 


The  close-in  aerial  combat  or  dogfighting  mission  presents  the  aircraft  designer  a  demanding 
test.  Maneuver  requirements  are  severe  and  the  proper  tailoring  of  airframe-engine  characteristics  to 
assure  a  superior  fighting  machine  is  essential.  From  the  early  days  of  air  combat  in  World  War  I, 
propulsion  improvements  have  paced  the  development  of  fighter  aircraft  and  the  advent  of  lighter,  more 
powerful  engines  has  resulted  in  increasingly  higher  fighter  performance  levels.  In  addition,  propulsion 
innovations  such  as  the  air  cooled  engine,  supercharging,  and  turbojet  propulsion  have  been  widely 
exploited  in  fighter  design.  Recently  a  new  innovation,  the  capability  to  alter  thrust  direction,  has 
been  incorporated  in  developmental  and  production  aircraft.  This  capability,  termed  thrust  vectoring,  pro¬ 
vides  potentially  a  new  dimension  to  air  combat.  Additional  turning  forces  perpendicular  to  the  flight 
path  may  be  developed  by  properly  directing  thrust.  These  forces,  however,  are  realized  only  at  some  loss 
in  thrust  component  along  the  flight  path. 

In  order  to  evaluate  these  trade-offs  and  to  quantify  the  effects  of  thrust  vectoring  in  air 
combat,  a  systematic  experiment  has  been  carried  out  using  the  Vought  manned  air  combat  simulator.  A 
brief  description  of  this  simulator  is  presented  in  Appendix  A, 

1.  DESCRIPTION  OF  EXPERIMENT 

Three  fighter  configurations  were  evaluated:  (l)  a  baseline  conventional  fighter,  (2)  a  vec¬ 
tored  thrust  version  of  the  baseline  and  (3)  the  vectored  thrust  configuration  with  a  1500-pound  weight 
penalty.  The  conventional  fighter  was  the  common  opponent  for  each  engagement.  Complete  aerodynamic  and 
propulsion  data  were  programmed  for  each  configuration  as  described  in  Appendix  A.  Since  the  primary 
objective  of  the  experiment  was  to  quantify  gross  effects,  it  was  assumed  that  the  gross  thrust  vector 
passed  through  the  airplane  center  of  gravity  for  all  deflections;  thus  no  trim  changes  were  encountered 
as  thrust  was  deflected.  A  maximum  thrust  deflection  rate  of  20  degrees  per  second  was  assumed  and  a 
control  handle  was  located  near  the  throttle  quadrant  to  be  used  for  thrust  vector  control.  In  the 
forward  position  the  nozzle  angle  was  -2  degrees  (nozzle  exit  up);  in  the  aft  position,  +100  degrees 
(down).  The  conventional  fighter  had  a  reference  combat  thrust-to-weight  ratio  of  0.91  and  a  combat  wing 
loading  of  70  pounds  per  square  foot. 

Engagements  were  initiated  at  a  position  of  neutral  advantage:  Mach  number  0.85  end  25,000  feet 
altitude  with  the  aircraft  on  a  collision  course  with  a  90-degree  track  crossing  angle.  Initial  separation 
distance  was  24,000  feet.  Each  pilot  was  aware  of  the  initial  location  of  his  opponent.  The  engagements 
each  lasted  five  minutes  and  three  pilots  experienced  in  air  combat  participated.  Thirty  engagements  were 
flown  per  configuration  and  the  pilots  were  switched  from  cockpit  to  cockpit  to  provide  a  balanced  matrix 
and  thus  minimize  the  effects  of  pilot  skill  on  the  outcome.  A  training  and  orientation  period  preceded 
the  actual  engagements.  During  this  period,  the  pilots  became  familiar  with  the  flight  envelope  and  per¬ 
formance  characteristics  of  each  configuration.  Tactics  were  also  developed  at  this  time. 

Two  types  of  scoring  were  used:  time  advantage  ratio  and  win-lose-draw  results.  Time  advantage 
ratio  is  defined  as  the  ratio  of  the  time  the  winning  pilot  maintains  an  advantageous  position  to  the  time 
the  losing  pilot  maintains  this  advantageous  position.  Three  types  of  time  advantage  criteria  were 
applied:  forward  hemisphere,  forward  hemisphere  within  a  range  of  10,000  feet  and  forward  hemisphere 
within  a  range  of  3000  feet.  Three  different  criteria  were  also  applied  to  define  win-lose-draw  results: 
(l)  bullet  conversion,  (2)  pipper  conversion,  and  (3)  a  missile  launch  zone  conversion.  The  pilot  first 
to  satisfy  the  conversion  criteria  was  scored  the  winner  of  that  engagement.  If  neither  satisfied  the 
criteria  within  the  five  minute  limit,  the  engagement  was  declared  a  draw.  Scoring  was  by  percent  wins  of 
4,  Pca>  percent  wins  of  B,  Peg;  ana  percent  draws,  Pp.  An  additional  parameter.  Advantage  Ratio,  defined 
as  wins  plus  draws  divided  by  losses  plus  draws  was  also  used  to  quantify  results. 
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2.  RESULTS 

Figure  1  shows  results  in  terms  of  time  advantage  ratio.  The  conventional  baseline  case  advan¬ 
tage  ratio  is  1.0  for  each  criterion.  With  the  forward  hemisphere  criterion  the  vectored  thrust  time 
advantage  ratio  is  near  5.0.  With  the  1500-pound  weight  penalty,  this  ratio  drops  to  about  3.4.  Similar 
trends  are  noted  for  the  10,000-foot  and  3000-foot  range  cases.  With  the  3000-foot  range  requirement,  the 
effect  of  the  weight  penalty  is  more  pronounced  with  a  time  advantage  ratio  of  about  2.7. 

Figure  2  summarizes  win-lose-draw  results  based  on  bullet  conversions.  In  order  to  score  a 
bullet  conversion,  a  pilot  must  be  the  first  to  satisfy  three  simultaneous  constraints.  He  must  be  in 
the  rear  hemisphere  of  his  opponent,  within  a  range  of  3000  feet  and  must  fire  a  bullet  within  a  distance 
of  100  feet  of  the  center  of  gravity  of  the  opposing  aircraft. 


TIME  ADVANTAGE  RESULTS 


TIME 

ADVANTAGE 

RATIO 


WIN-LOSE-DRAW  SUMMARY 

BULLET  CONVERSIONS 


Figure  2. 


The  conventional  baseline  fighters  each  won  about  32  percent  of  the  engagements  and  36  percent 
were  draws.  With  vectored  thrust,  the  wins  increased  to  about  50  percent  while  the  conventional  fighter 
won  only  7  percent.  Between  this  pair  of  aircraft,  43  percent  of  the  engagements  were  draws.  With  the 
1500-pound  weight  penalty,  the  vectored  thrust  aircraft  still  won  about  48  percent  of  the  engagements. 

Now,  however,  the  conventional  aircraft  was  able  to  win  about  27  percent  of  the  engagements  and  about 
25  percent  were  draws. 

In  terms  of  Advantage  Ratio  (wins  plus  draws  divided  by  losses  plus  draws)  Figure  3  compares 
results  for  bullet  conversions.  The  advantage  ratio  for  the  vectored  thrust  aircraft  was  1.86.  Adding 
the  1500-pound  weight  penalty  reduced  this  ratio  to  1.40. 

Similar  trends  are  shown  for  the  pipper  conversion  criteria.  In  order  to  score  a  pipper  -win 
the  pilot  must  satisfy  three  simultaneous  constraints:  (l)  place  the  pipper  of  the  lead  computing  gun- 
sight  on  the  target,  (2)  be  within  3000  feet,  and  (3)  have  the  trigger  depressed.  Figure  4  summarizes 
those  results.  Advantage  ratio  for  the  vectored  thrust  configuration  is  1.88.  The  weight  penalty  reduces 
this  ratio  to  1.79.  The  degrading  effect  of  weight  penalty  appears  to  be  somewhat  less  with  pipper  con¬ 
version  than  with  bullet  conversions. 


ADVANTAGE  RATIO  COMPARISON 

(BULLET  CONVERSIONS) 


ADVANTAGE  RATIO  COMPARISON 

(PIPPER  CONVERSIONS) 


Figure  4 
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The  benefits  of  vectored  thrust  are  even  more  pronounced  in  providing  missile  firing  opportunities. 
Figure  5  summarizes  advantage  ratios  for  launch  zone  conversions.  In  order  to  score  a  missile  conversion 
a  pilot  must  be  within  the  rear  40-degree  cone  of  his  opponent  and  have  the  opponent  within  his  own  for¬ 
ward  40-degree  cone.  He  must  be  within  a  range  of  6000  feet  and  hold  these  conditions  for  3  seconds.  Ihe 
vectored  thrust  aircraft  has  a  2,42  advantage  ratio  in  this  situation.  The  1500-pound  weight  penalty 
reduces  this  advantage  ratio  to  1.91. 

For  these  experiments,  the  pilots  were  briefed  on  the  performance  characteristics  of  the  aircraft 
and  the  calculated  effects  of  vectoring  thrust.  Using  this  information,  each  pilot  developed,  during  orien¬ 
tation  and  practice  engagements,  his  own  tactics  and  strategy  for  using  the  vectoring  capability.  With 
very  little  practice,  the  pilots  discovered  the  tremendous  built-in  "speed  brake  effect"  of  high  thrust 
deflection.  These  high  deflections  were  used  quite  sparingly  in  the  engagements.  Figure  6  shows  the  fre¬ 
quency  distribution  of  thrust  deflection  angle  for  the  30  engagements  of  the  vectored  thrust  aircraft 
against  the  conventional  aircraft.  Note  that  50  percent  of  the  time  the  deflection  was  13  degrees  or 
below  and  that  85  percent  of  the  time  the  deflection  was  30  degrees  or  below.  A  "spike"  of  4  percent  is 
evident  in  the  90-  to  100-degree  deflection  region. 


ADVANTAGE  RATIO  COMPARISON 

(MISSILE  LAUWntwONE) 


THRUST  ANGLE  FREQUENCY  DISTRIBUTION 


Figure  5* 


Figure  6. 


3.  CORRELATION  WITH  PREVIOUS  EXPERIMENTS 

Insight  to  the  factors  contributing  to  these  results  may  be  obtained  by  correlation  with  previous 
experiments.  A  dimensionless  Measure  of  Performance  (MOP)  has  been  developed  empirically  to  relate  air 
combat  effectiveness  to  aircraft  performance,  weight  and  geometry.  The  MOP  combines  three  important  elements 
of  aircraft  performance:  (l)  sustained  (thrust  limited)  maneuvering,  (2)  longitudinal  acceleration,  and 
(3)  maximum  instantaneous  (lift  limited)  maneuvering  capability.  This  parameter  is  defined  as  follows: 


MOP 

-  n*y  t/w/mb 

where: 

ns 

=  maximum  equilibrium  "g"  ) 

M  =  0.8 

T 

=  installed  maximum  thrust  ) 

h  =  10,000  feet 

W 

=  combat  weight 

Mb 

=  minimum  Mach  number  for  pulling  6.5  Mg”  at  10,000  feet 

The  conditions  for  evaluating  these  parameters  (M  «  0.8,  h  =  10,000  feet)  have  been  shown  by  simulation 
experience  to  be  near  the  centroid  of  the  combat  arena.  Analysis  of  Mach  number  and  altitude  frequency 
distributions  show  that  aircraft  typically  spend  as  much  time  in  combat  below  M  =  0.8  as  above  and  as 
much  time  above  10,000  feet  as  below. 

The  effect  of  thrust  vectoring  on  these  parameters  is  shown  in  Figure  7*  Maximum  instantaneous 
(lift  limited)  and  sustained  or  equilibrium  ,,g,sM  are  shown  as  functions  of  Mach  number  for  both  the  con¬ 
ventional  and  thrust- vectored  configurations.  Maximum  lift  or  instantaneous  turning  for  the  thrust-vectored 
aircraft  is  realized  when  the  sum  of  the  angle  of  attack  and  thrust  vector  angle  equals  90  degrees.  Approx¬ 
imately  1  "g"  of  additional  load  factor  is  obtained  at  a  given  Mach  number  with  these  large  deflection 
angles.  However,  the  resultant  longitudinal  decelerations  are  quite  large.  At  any  given  speed  and  altitude 
a  unique  thrust  deflection  angle  maximizes  sustained  turn  performance.  This  angle  balances  the  trade-off 
between  longitudinal  thrust  loss  and  reduced  drag  due  to  lift  to  increase  sustained  turn  rate  above  that 
attainable  without  vectored  thrust.  This  optimum  angle  is  shown  in  the  insert  of  Figure  7# 


9-4 


Pertinent  performance  parameters  used  in  HOP  determination  are  tabulated  below: 


item/configuratxon 

CONVENTIONAL 

VECTORED  THRUST 

VECTORED  THRUST 
+  1500  POUNDS 

T/V 

0.91 

0.91 

0.86 

w/s 

70 

70 

73-9 

ns 

7.14 

7.29 

6.95 

% 

0.703 

0.635 

0.654 

MOP 

8.11 

8.73 

7.98 

Note  the  improvement  in  sustained  "g"  and  instantaneous  maneuvering  (lower  Mg)  afforded  by  thrust  vectoring. 
Note  also  that  the  degrading  effect  of  weight  penalty  more  than  offsets  the  advantages  of  thrust  vectoring 
so  that  the  MOP  of  this  configuration  is  lower  than  that  of  the  conventional  fighter. 

The  comparison  of  thrust-vectoring  effects  is  based  on  a  large  data  base  of  simulator  and  flight 
test  results  of  air  combat  engagements.  Figure  8  shows  the  matrix  of  configurations  tested.  Wing  loadings 
vary  from  55  pounds  per  square  foot  to  95  pounds  per  square  foot  and  reference  thrust- to- weight  ratios  from 
0.4  to  almost  1.0.  Note  that  the  vectored -thrust  configurations  are  near  the  upper  limit  of  thrust-to- 
weight  ratios  tested  and  on  the  lower  side  of  wing  loadings. 


MANEUVERING  PERFORMANCE  COMPARISON 

(10,000  FT  ALTITUDE] 


CONFIGURATION  MATRIX  FOR  CORRELATION 

W/M  U  BEWTOXS 


100- 

SO  METER 

4500  0 

0 

0  0 

0 

13- 

0 

4000  0 

4 

0 

0 

C0M8AT 

WING 

BO- 

■3500 

4 

• 

+1,500  LB 

l 

LOADING 

A  O 

* 

A  O 

■  0  0 

70- 

4 

■VECTORED 

THRUST 

-3000 

JO- 

■2500 

4 

6.4  0.5  0.6 

0.7 

0.8 

-0.9  1.0 

MAX  THRUST/COMBAT  WEIGHT  (M  ■  0.S;  10,000  FT) 
(3.05  KM) 


Figure  7. 


Figure  8. 


Results  of  the  vectored-thrust  experiments  are  shown  on  Figure  9  and  compared  with  a  correlation 
of  results  from  previous  experiments,  (A  complete  discussion  of  the  development  of  this  correlation  is 
presented  in  Reference  (l)).  Advantage  ratio  is  shown  as  a  function  of  MOP.  The  solid  trend  line  is  that 
established  from  previous  simulator  and  flight  tests.  The  dashed  line  is  drawn  through  the  two  points 
from  the  vectored-thrust  experiments.  Note  that  the  trend  due  to  weight  penalty  is  consistent  with  pre¬ 
vious  studies  but  that  the  thrust-vectored  points  are  displaced  from  the  non-vectored  trend  line  to  the 
extent  that  a  thrust-vectored  aircraft  with  an  MOP  equal  to  that  of  a  non-vectored  aircraft  would  be  expected 
to  have  an  Advantage  Ratio  of  about  1.45.  Results  from  previous  studies  indicate  that  it  would  take  a  wing 
loading  differential  of  12  to  16  pounds  per  square  foot  or  a  thrust- to-weigh-  advantage  of  0.08  to  0.16  to 
achieve  this  level  of  combat  advantage  without  thrust  vectoring. 


COMPARISON  OF  VECTORED  THRUST  RESULTS  WITH 
PREVIOUS  CORRELATION 


Figure  9 
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4.  CONCLUSIONS  AND  RECOMMENDATIONS 

Results  of  limited  manned  air  combat  simulator  experiments  indicate  that  significant  benefits  to 
air  combat  capability  may  be  realized  through  thrust  vectoring.  Large  increments  In  positional  time  advan¬ 
tage  ratios  and  improvements  in  wins,  losses  and  draws  are  realized  when  thrust  vectoring  is  applied  to  a 
high  performance  fighter.  Particular  benefits  were  derived  for  air  combat  with  missiles.  Inspection  cf 
frequency  distributions  of  thrust-vector  angles  show  most  usage  in  the  low  deflection  range  where  loss  in 
longitudinal  thrust  component  is  small.  A  spike  exists  near  90  degrees,  however,  where  thrust  vectoring 
functions  quite  well  as  a  speed  brake  due  to  the  ram  drag  momentum  of  the  incoming  air.  The  effects  of 
weight  penalties  are  pronounced,  particularly  in  gun  engagements. 

Comparison  of  results  with  previous  experiments  indicates  that  thrust-vectoring  advantages  beyond 
those  accounted  for  in  the  correlation  parameter  MOP  may  exist.  These  advantages  may  accrue  freart  the 
shortened  response  time  to  pull  "g"  with  thrust  vectoring  at  the  low  end  of  the  speed  regime.  At  0.4  Mach 
number,  for  example,  it  takes  over  twice  as  long  to  develop  0.25  "g"  using  elevator  control  as  it  does 
using  thrust  vectoring  (1.2  seconds  compared  to  0.5  seconds).  Another  factor  not  reflected  in  MOP  is  the 
tactical  advantage  of  using  high  deflection  angles  as  a  speed  brake  to  avoid  overshoot.  This  feature  was 
rated  quite  useful  by  the  pilots. 

Two  recommendations  are  identified  from  this  study: 

(1)  These  limited  simjvuif.vv  engagements  should  be  expanded  to  better  identify  the  benefits 

of  thrust  vectoring.  In  particular,  the  tactical  limitations  of  restricting  maximum  angles 
to  the  order  of  20  degrees  to  30  degrees  should  be  explored. 

(2)  Configuration  development  for  thrust- vectored  aircraft  should  be  directed  toward  minimizing 
trim  changes  and  unfavorable  induced  effects  with  thrust  deflection.  These  effects  were 
neglected  in  this  study  but  could  negate  much  of  the  potential  benefits  of  thrust  vectoring 
unless  careful  attention  is  given  to  configuration  arrangement. 


5.  REFERENCES 

(l)  "Aerial  Gun  Duels:  A  comparison  of  Flight  Tests  and  Simulator  Results,"  by  C.  R.  James,  Jr., 
a  paper  delivered  at  the  AIAA  Fighter  Conference,  March  1970. 
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APPENDIX  A 


3IMJIAT0R  DESCRIPTION 

The  Vought  Aeronautics  manned  air  combat  simulator  consists  of  two  single  seat  fighter  airplane 
cockpits  equipped  with  individual  flight  controls,  instruments,  and  interconnected  visual  display  systems. 
The  simulator  is  operated  in  real  time  through  associated  digital  and  analog  computer  equipment.  During 
test  runs,  many  output  parameters  are  generated  and  recorded  on  magnetic  disc  tape  and  strip  chart  recorders 
for  subsequent  analysis.  This  system  engages  two  pilots  in  a  realistic  air-to-air  dogfight  with  each  pilot- 
constrained  only  by  his  capabilities  and  those  of  his  simulated  aircraft. 

1.  CONTROLS  AND  INSTRUMENTS' 

Cockpit  controls  include  a  two-axis  control  stick  incorporating  a  longitudinal  beep  trim  switch 
and  gun  trigger,  a  throttle  with  afterburner  controls  and  a  speed  brake  control.  An  auxiliary  control 
lever  can  be  used  for  control  of  variable  wing  sweep,  maneuvering  flaps  or  vectored  thrust,  depending  on 
the  configuration  being  simulated. 

Plight  instruments  include  »  ^hree-axis  attitude  director  indicator,  altimeter,  airspeed/Mach 
indicator,  vertical  velocity  indic.e ..  -ingle -of -attack  indicator,  normal  accelerometer,  fuel  gauge  and 
speed  brake  extended  warning  light.  :*Ajlso,  a  missile  launch  light  is  pulsed  in  the  attacking  aircraft  when 
certain  missile  launch  criteria  are  satisfied. 

2.  AIRFRAME  CHARACTERISTICS  HE  PRESENTATION 

A  six-degree-of-freedom  dynamic  representation  of  the  aircraft  is  provided.  Appropriate  aero- 
clynamic,  thrust,  and  fuel  flow  characteristics  are  programmed  in  table  look-up  form. 

Longitudinal  and  lateral  stick  forces  are  simulated  through  a  mechanical  spring  system.  Static, 
dynamic  and  maneuvering  longitudinal  control  characteristics  are  mechanized  by  programming  the  ratio  of 
longitudinal  control  stick  displacement  to  simulated  elevator  movement. 

Additional  simulated  flight  characteristics  are  provided  by  "stick  shaker"  and  "wing  rock"  systems. 
The  "stick  shaker"  system  commences  at  computed  buffet  onset  and  increases  in  amplitude  with  increased  angle 
of  attack.  The  "wing  rock"  system  simulates  lateral  instability  of  maximum  attainable  lift  coefficient  by 
introducing  1  cps  oscillation  in  roll  •  Further  increase  in  angle  of  attack  results  in  a  simulated  departure 
from  controlled  flight  by  hard  over  roll  input.  ~ 

3.  VISUAL  DISPLAY 

The  visual  display  provides  the  pilots  with  near  full  peripheral  field  of  view.  Each  cockpit 
is  enclosed  in  a  16-foot  diameter  sphere,  as  illustrated  in  Figure  A-l.  These  spheres  serve  as  spherical 
projection  screens.  The  projected  visual  scene  consists  of  the  opponent  aircraft  image  in  proper  orienta¬ 
tion  and  size,  a  representation  of  the  earth  horizon,  and  gunsight  imagery  with  lead  compensation  pipper 
and  range  marker. 


Figure  A-l.  Artist's  Concept  of  Vought  Air  Combat  Simulator 
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As  shown  in  Figure  A-2,  the  visual  system  is  mounted  on  a  derrick-shaped  frame  directly  behind 
the  pilot.  The  opposing  aircraft  image  is  computer  generated  onto  a  fixed  high  brightness  cathode  ray 
tube  and  is  projected  onto  the  spherical  screen  through  a  refractive  optics  system  and  center-mounted  gimbal 
mirror  assembly. 


The  gimbal  mirror  (Item  a  of  Figure  A-2)  is  a  servo-driven  two-axis  system  which  can  be  rotated 
360  degrees  in  both  pitch  and  yaw  to  position  dynamically  the  target  image  at  the  proper  azimuth  and  eleva¬ 
tion  on  the  projection  sphere. 

The  earth  horizon  projector  (Item  b  of  Figure  A-2)  consists  of  a  high  intensity  li^it  source 
mounted  in  a  tube.  The  tube  is  mounted  on  a  two-axis,  servo-driven  gimbal  system  which  allows  it  to  rotate 
360  degrees  in  both  pitch  and  roll.  The  light  source  is  driven  axially  in  the  tube  to  keep  the  horizon 
line  in  the  proper  location  with  respect  to  the  pilot's  eye. 

The  gunsight  system  is  displayed  on  the  projection  sphere  in  front  of  the  pilot  by  two  slide  pro¬ 
jectors.  The  gunsight  consists  of  fixed  50-and  100-mil  radius  rings,  lt5-degree  bank  reference,  a  gunsight 
pipper,  a  logarithmic  10,000-foot  range  scale,  a  variable  range  marker,  and  an  in-range  reference  bracket. 
The  gunsight  is  automatically  "uncaged"  within  a  10,000-foot  range,  with  the  pipper  displaying  a  computed 
lead  pursuit  tracking  solution.  See  Figure  A-3.  One  slide  projector  (Item  c  of  Figure  A-2)  projects  the 
gunsight  reticle  and  range  scale  and  contains  a  slide  gate  that  produces  a  black  line  which  moves  vertically 
along  the  gunsight  range  scale  to  provide  target  range  information.  The  second  slide  projector  (Item  d 
of  Figure  A-2)  projects  the  lead  compensating  pipper  onto  the  screen  through  two  mirrors  rotating  about 
orthogonal  axes.  The  position  of  the  rotating  mirrors  provides  X-Z  motion  of  the  pipper  image  on  the 
spherical  screen. 

GUNSIGHT  IMAGERY 


RANGE  SCALE 


Figure  A-3. 
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4.  FLIGHT  OPERATING  CUES 

Several  synthetic  operating  cues  are  incorporated  in  each  cockpit  to  enhance  the  pilot* s  ability 
to  extract  maximum  performance  from  his  aircraft.  The  cues  include  "g"  suits,  a  grayout /blackout  load 
factor  warning  light  system,  low  altitude  warning  lights,  and  maximum  dynamic  pressure  panel  warning  lights. 

The  "g"  suit  system  consists  of  a  standard  inflatable  ”g”  suit  that  is  connected  to  an  air 
supply  system  and  inflates  at  a  linear  rate  with  aircraft  load  factor.  This  system  provides  the  pilot 
with  load  factor  cues  that  he  is  naturally  accustomed  to  in  actual  flight. 

The  grayout /blackout  load  factor  warning  light  is  a  white  floodlight  of  two  intensities  located 
f orward  of  the  instrument  panel  and  directed  toward  the  pilot.  The  light  comes  on  at  low  intensity  to 
represent  grayout  when  a  certain  load  factor  dosage  is  exceeded  and  then  switches  to  high  intensity  if  the 
dosage  is  further  increased  to  an  unacceptable  limit.  When  load  factor  is  reduced,  the  light  is  turned  off 
by  a  reverse  load  factor  dosage  integration  process.  This  light  illuminates  at  high  intensity  immediately 
upon  exceeding  the  structural  limit  load  factor. 

Three  red  floodlights  of  low  intensity  provide  the  pilot  with  a  low  altitude  warning  cue.  They 
are  located  in  front  and  on  either  side  of  the  cockpit.  These  lights  are  pulsed  at  a  prescribed  altitude 
level  and  then  become  steady  at  a  low  '•prescribed  altitude.  For  the  vectored  thrust  experiment  the  lights 
were  pulsed  between  an  8000-foot  and’;: oot  altitude  and  were  steady  below  a  1000-foot  altitude. 


O 
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AERODYNAMICS  OF  THRUST  REVERSER  DESICN. 


by 
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Hotoren  -  und  Turbinen  -  Union, 
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and 

liunchen  GMBH 

P.O.  Box  3, 

8000  Munch en  50 

Filton, 

Poatfsoh  5OO64O 

Bristol  BS  12  7QE 

SUMMARY 


For  a  number  of  applications  the  olamahell  target-type  thruat  reverser  ia  an  attractive  aolution 
to  produce  a  braking  force  frccn  a  jet  engine.  This  type  of  reveraer  oonaiats  of  a  pair  of  bucketa 
which,  in  the  atowed  position,  form  part  of  the  aircraft  fuselage  or  engine  nacelle  and  are  moved  into 
the  jet  efflux  down at ream  of  the  final  nozzle  to  provide  thrust  reversal. 

The  important  geometric  deaign  parameters  can  be  determined  from  consideration  of  the  flow  in  the 
thruat  reveraer  system.  Their  effect  on  the  aerodynamio  performance  is  established  from  model  teats 
and  will  be  discussed  in.  detail.  For  the  optimisation  of  the  operating  mechanism  in  connection  with 
fail-aafe  requirements,  the  load  on  the  bucket  and  its  point  of  application  ia  important  and  is  related 
to  the  reveraer  geometry.  The  problem  of  hot  gas  and  debris  ingestion  into  the  engine  intake  is  pointed 
out.  Several  solutions  to  overcome  this  problem  are  investigated  together  with  the  implications  they 
have  on  performance  and  design. 


NOTATION 

• 

dj 

- 

Nozzle  diameter. 

h 

- 

Bid  plate  depth. 

l 

- 

Reveraer  bucket  height. 

J-F 

- 

Height  of  point  of 
application  of  bucket  load. 

S 

- 

Reveraer  buoket  spacing. 

W 

- 

Reveraer  buoket  width 
on  the  nozzle  axis. 

P 

- 

Buoket  wrap  angle. 

G 

- 

Buoket  sweep  angle. 

* 

- 

Direotion  in  which  buoket 
load  aots. 

AJ 

- 

Nozzla  area. 

CD 

- 

Nozzle  discharge  ooeffioient 

M 

- 

Masa  flow. 

PJ 

- 

Jet  total  pressure. 

P* 

- 

Ambient  pressure. 

V 

- 

Velocity, 

*0 

- 

Nozzle  gross  thrust. 

OC 

- 

Jet  inclination  angle 
viewed  from  the  side. 

Y 

- 

Jet  inclination  angle 
viewed  from  the  rear. 

% 

- 

Buoket  rotation  angle 
viewed  from  above. 

Fig.  1.  Diagram  of  Target-Typa  Thrust  Reverser. 


€ 

Sr 


Bucket  rotation  angle 
viewed  from  the  side. 

Reverser  thruat  efficiency 


Reverse  Thruat 
Nozzle  Thruat 
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2*0*  INTRODUCTION. 

The  majority  of  oivil  transport  aircraft  and  the  latest  military  aircraft  require  thrust 
revereal  to  supplement  the  conventional  wheel  "braking  system  in  order  to  reduce  landing  distances. 
It  is  sleo  useful  to  assist  stopping  during  a  rejected  take-off  or  for  in-flight  operation. 

The  landing  distance  of  a  reverser  equipped  aircraft  is  typically  about  70$  of  that  without  e 
reverser.  On  wet  and  icy  runways,  where  the  wheel  brakes  are  less  cffeotive,  thrust  reversers 
can  etop  an  aircraft  in  about  the  same  distance  as  on  a  dry  runway  v/ith  brakes  alone. 

From  the  various  reverser  designs  currently  in  use  on  airoraft  the  target  type  will  be 
deelt  with  in  detail.  With  this  type  of  reverser  the  clamsholls  (or  buckets)  sre  pleoed  directly 
behind  the  exhaust  nozzle  when  deployed,  thus  turning  the  exhaust  gaees  into  the  required  forward 
dirsotion  to  produce  a  braking  force  on  the  airoraft.  In  the  retracted  position  the  reverser 
buokets  blend  in  with  the  rear  part  of  the  engine  naoelle,  having  small  incremental  drag. 

The  installation  is  completely  external  to  the  engine  exhaust  system  and  does  not  compromise  "the 
exheuet  system  design.  When  stowed,  it  is  not  exposed  to  the  adverse  conditions  (high  temper¬ 
ature  and  vibration)  of  the  exhaust,  and  causes  no  engine  performanoe  penalty  in  the  forward 
thruet  condition. 


3.0. 


DESIGN  FEATURES. 


There  are  a  number  of  parameters  whioh  have  a  significant  effect  on  the  aerodynamics  and 
performance  of  the  thrust  reverser  system.  These  are  as  follows 


(s)  the  reverser  bucket  width  in  the  plane  of  the  nozzle  axis. 

(b)  the  reverser  bucket  height  meseured  from  the  nozzle  axis. 

(c)  the  reverser  spacing  (i.e.  the  distance  of  the  bucket 
from  the  nozzle  exit  plane  measured  along  the  nozzle  sxie). 

(d)  the  bucket  end  plate  depth  and  engle. 

(e)  the  bucket  sweep  angle  and  wrap  engle. 

(f)  special  means  ,iq. reduce  the  reingeetion  problem. 

In  this  paper  all  of  the  above  dimensions  have  been  non-dimensional is ed  by  dividing  by  the 
nozzle  diameter.  Obviously  it  is  not  praotical  to  test  all  the  various  combinations  of  the  above 
parameters  and  some  form  of  selection  is  desirable.  This  has  been  done  by  analysis  of  the  flow 
processes  in  the  reverser  system. 


4.0.  REVERSER  AERODYNAMICS. 


The  aim  of  any  thrust  reverser  design  must  be  to  catch  as  much  of  the  nozzle  flow  as 
possible  and  eject  it  efficiently  in  the  required  direction.  These  two  aime  confliot  to  a 
oertsin  extent  insofar  as  the  entire  jet  oan  be  collected  if  the  reverser  buckets  ere  made 
eufficiently  wide,  but  control  of  the  efflux  direotion  then  becomoe  virtually  impossible  because 
large  emounts  of  flow  spill  from  the  sides  of  the  bucket.  A  diagrammatic  representation  of  the 
flow  for  s  target-type  thrust  reverser  is  shown  on  Fig,2.  This  flow  pattern  is  common  to  nearly 
ell  reverser  geometries  and  only  the  magnitude  and  etrengths  of  the  various  flows  are  changed  with 
chengee  in  the  geometry. 


Diagrammatic  Repreeentation  of  Thrust  Reverser  Flows 
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4*0.  ( continued) 

In  order  to  eee  how  this  flow  oocurs  consider  the  plane  of  the  nozzle  exis  and  the  bucket 
mating  line.  There  are  two  aerodynamic  effects,  the  upstream  pressure  effect  due  to  the  stagnation 
region  in  the  reverser  and  the  flow  turning  between  the  jet  boundary  and  the  reverser  bucket  surfaoe. 
If  the  reverser  Ducket  has  a  width  similar  to  but  not  less  than  the  nozzle  diameter,  i.e.  is  narrow, 
then  the  former  of  the  two  above  aerodynamio  effects  is  tho  more  significant.  The  side  spillage  is 
low  but  the  magnitude  and  direction  varies  with  jet  pressure  ratio  and  bucket  v/rap  and  sweep  angles. 
Fig. 3(a)  shows  the  observed  flow  pattern  in  this  plane.  Deoreasing  the  buoket  wrap  angle  but 
maintaining  a  constant  width  reduces  the  local  turning  angle  at  the  edge  of  the  jet  and  also  reduces 
the  axial  distance  between  the  edges  of  the  bucket  and  the  stagnation  zone.  Because  of  the  higher 
pressure  in  the  jet  at  the  edge  of  the  bucket  the  flow  shown  in  Fig,3(b)  is  produoed.  A  reduction 
in  jet  pressure  or  an  increase  in  the  bucket  sweep  angle  will  produce  the  same  effect  -  in  the 
former  case  because  the  upstream  pressure  rise  increases  in  extent,  and  in  the  letter  case  because 
the  effective  axial  distance  between  the  bucket  edge  and  the  stagnation  zone  ie  reduced. 


(a)  Narrow  Bucket 
Large  Wrap 
Angle 


(b)  Narrow  Bucket 
Low  Wrap 
Angle 


(c)  Wide  Bucket 


Fig.3»  Effect  of  Reverser  Bucket  Wrap  Angle  and 

Width  on  the  Flow  in  the  Bucket  Hating  Plane. 


In  the  case  of  the  wide  bucket,  although  the  entire  jet  is  caught  in  the  bucket  the 
turning  angle  at  the  jet  edge  is  low.  Consequently,  as  width  is  increased,  more  and  more  of  the 
flow  is  able  to  spill  sideways  and  then  forwards  off  the  edge  of  the  bucket  (Fig.3(c)).  In  the 
limit  the  reverser  is  a  flat  plate  with  the  jet  spreading  uniformly  over  it.  Not  only  does  the 
large  eide  spill  cause  the  entire. rear  end  of  the  engine  nacelle  to  be  enveloped  in  exhaust  gas  - 
which  may  cause  local  structural  overheating,  engine  bay  pressurisation  and  sooting  and  possibly 
hot  gas  reingestion  -  but  the  ability  to  ohange  reverser  performance  significantly,  by  changing 
the  sv/eep  angle  and  ths  end  plate  depth,  ie  lost  since  only  e  small  proportion  of  the  total 
exhaust  gas  flows  along  the  buoket  over  the  end  plate. 

Qualitative  experiments  have  indicated  that  the  minimum  side  spillage  ooours  for  reverser 
width  ratios  of  the  order  of  1.1  si,  and  is  acceptable  for  v/idth  ratios  between  1.0:1  and  1.25  s  1  , 
and  for  sweep  angles  up  to  15°  •  In  this  range  of  geometries,  however,  the  magnitude  and  the 
direction  of  the  side  spillage  is  very  sensitive  to  the  gecmetiy  and  to  jet  pressure  ratio. 

On  eome  installations  it  is  impossible  to  design  a  reverser  buoket  with  sufficient  wrap  in  the 
ebove  width  range  ;  for  example,  on  an  engine  fitted  with  a  reheat  system,  very  much  wider 
buokets  are  necessary  to  allow  stowage  over  the  reheat  barrel.  In  this  case,  means  of  reducing 
the  effective  width  of  the  bucket  are  necessary.  One  method  of  doing  this  is  by  using  fixed  or 
retractable  fences  ineide  the  bucket. 

4.1.  '  Reverser  Performance. 


Having  caught  as  much  of  the  exhaust  flow  as  possible  in  the  reverser  buckets, 
the  next  problem  is  to  eject  it  in  the  required  direction  to  achieve  the  necessary 
reverse  thrust.  Con sidering  e  section  through  the  reverser  system  in  the  plane  of 
symmetry,  Fig.4  indicates  the  flow  pattern  for  a  buoket  with  no  end  plate.  As  the 
bucket  height  ie  reduced,  the  flow  is  turned  less  and  less  and  leaves  the  end  of  the 
buoket  at  a  large  angle  to  the  direction  of  it.  A  bucket  height  of  about  one  nozzle 
diameter  ie  necessary  for  the  directional  change  between  the  flow  and  the  bucket  to  be 
negligible.  (Figs. 4(a)  &  4(b)). 

The  same  reasoning  can  be  used  to  explain  the  effect  of  the  end  plate  (Fig.4(o)) . 
The  major  difference  is  the  separation  of  the  flow  over  the  bucket  surface  caused  by  the 
edverse  pressure  gradient.  In  certain  cases,  particularly  with  wide  reverser  buckets 
where  flow  is  diverging  over  the  bucket  surface,  a  deep  end  plate  will  cause  a  circum¬ 
ferential  flow  in  this  separation  zone  and  there  will  be  spillage  from  the  bucket  edges 
in  the  corner  formed  by  the  end  plate  and  the  bucket.  In  any  case,  the  separation  and 
mixing  on  the  separation  boundary  will  cause  a  loss  of  reverse  thrust.  Since  complete 
turning  of  the  exhaust  flow  is  not  usually  required,  both  end  plate  depth  and  bucket 
height  may  be  less  than  the  respective  critical  values.  In  practice,  it  is  usual  for 
the  end  plate  to  be  relatively  short  in  order  that  the  bucket  can  be  stowed  without  the 
need  for  very  high  boat-tail  angles.  The  bucket  height  then  must  be  near  to  the 
oritical  vslus  to  achieve  worthwhile  reverse  thruet  levels. 


W\  . 


.  4.1.  ( continued) 


(a)  Height 
Greater  than 
Critical 


(b)  Height 
Less  than 
Critical 


(c)  With 
End  Plate 


Fig. 4.  Floy/  Patterns  to  demonstrate  the  effect 
of  Bucket  Height  and  End  Plates. 


Fig. 5.  Variation  of  Reverse  Thrust 

Efficiency  with  Bucket  Height, 
(no  end  plates']^ 


The  effect  of  bucket  height  is  shown  quantitatively  on  Fig. 5.  V/ith  no  end  plate 

the  maximum  reverse  thruet  occurs  with  a  bucket  height  of  the  order  of  1.0  to  1.1  nozzle 
diameters.  Any  reduction  below  thie  height  leade  to  a  large  loss  in  reverse  thruet. 

The  addition  of  an  end  plate  does  not  significantly  change  the  critical  bucket  height  but 
may  have  a  large  effeot  on  the  slope  of  the  line  for  heights  lese  than  critical.  The  value 
of  the  maximum  reverse  thrust  sffioienoy  used  in  Fig. 5  ie  a  function  of  sweep  angle  and 
bucket  width.  This  variation  is  shown  on  Fig. 6,  end  a  number  of  results  are  included  for 
wide  buckets  in  which  ecrae  methods  of  reduoing  the  effective  width  were  applied.  On  the 
assumption  of  no  total  pressure  losses  in  the  main  flow*  Fig. 6  also  indicates  the  variation 
of  the  side  epillage  with  angle  and  width.  For  a  width  ratio  of  unity  the  side 

spillage  hae  a  small  forward  thruet  component  which  inoreasee  slightly  up  to  a  sweep  angle 
of  15°  •  Above  this  sweep  angle  the  forward  thrust  component  is  more  significant. 

For  width  ratios  above  e  value  of  ebout  1.1  1  1  the  side  epillage  has  a  small  net  rearward 
component  leading  to  reverse  thrusts  slightly  higher  than  the  theoretical  value. 

It  is  obvious  from  Fig, 6  that  only  small  amounts  of  reverse  thrust  are  obtained 
without  the  use  of  an  end  plete.  Fig. 7  shows  the  increment  in  reverse  thrust  with  end 

plate  depth,  and  it  will  be  noted  thet  inorements  of  30^  and  more  are  easily  obtainable 
with  relatively  small  end  pletes.  There  ie  e  limiting  value  of  end  plate  depth  beyond 
which  no  further  increase  of  reverse  thrust  is  achieved.  This  limiting  depth  appears 
to  be  a  function  of  the  revereer  bucket  length  and  ev/eep  angle.  However,  it  will  be  seen 
from  Figs. 6  &  7  that  by  careful  selection  a  reverser  can  be  obtained  which  has  a  reverse 
thrust  efficiency  greater  then  60  ^ . 
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Fig. 6.  Variation  of  Maximum  Reverse 
Thrust  with  Bucket  Width  and 
sweep  (no  end  plates)  . 


fflfisl-  In crone nt  in  Reverse  Thrust 
Efficiency  due  to  end  plate 
depth. 
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4*2.  Spa Pin#  Ratio. 

Although  the  distance  of  the  reverser  buckets  downstream  of  the  nozzle  has  e  amall 
effeot  upon  the  reveraer  thruet  efficienoy,  the  main  interest  in  the  spacing  ratio  occurs 
because  of  poaeible  effects  on  the  nozzle  diecherge  coefficient  -  end  consequently  on  the 
engine  internal  operating  conditions.  From  the  point  of  view  of  weight  -  and,  in  ecme 
cases,  ground  clearance  -  it  is  desirable  to  position  the  reverser  buckets  aa  olose  to  the 
nozzle  as  possible.  However,  at  too  small  spacing  ratios  the  upstream  pressure  field  of 
the  stagnation  region  in  the  reverser  will  lead  to  a  local  pressure  around  the  nozzle 
which  is  higher  than  the  ambient  pressure,  with  a  consequent  possible  reduction  in  nozzle 
discharge  coefficient  (particulerly  et  low  jet  preeeure  ratios).  Whether  or  not  a 
reduction  in  the  nozzle  dieoharge  coefficient  is  permissible  depends  upon  the  type  of 
engine,  the  likely  throttle  movemente  in  reverse  thrust  and,  in  the  case  of  en  engine 
with  e  veriable  nozzle,  the  control  eyetera. 


A  critical  spacing  ratio  hae  been  dofined  as  that  position  of  the  reverser  buckete 
which  gives  a  reduction  of  1$  in  the  nozzle  discharge  coefficient.  Fige.8  &  9  show 
typical  offsets  of  width  and  eweep  angle  on  the  critical  spacing  ratio  for  different  jet 
pressure  ratios. 


Fig. 8.  Effect  of  Bucket  Width  on 

Critical  Spacing  Ratio. 


Fig. 9.  Variation  of  Critical  Spaolng 
Ratio  with  Bucket  Sweep  Angle. 


Since  the  reductions  in  nozzle  discharge  coefficient  are  due  to  the  upstreem 
effect  of  the  stagnation  zone  in  the  revereer  it  ie  clear  that  bucket  sweep  engle  should 
have  a  significant  effect  as  is  shown  on  Fig.9.  However,  there  is  a  further  consideiv 
ation  s  the  upstream  effect  cannot  be  uniform  aorose  the  jet  and  can  be  expeoted  to  be  a 
maximum  on  the  centre  line.  Fig. 10  ehows  the  critical  spacing  ratio  for  a  system 
representative  of  an  unmixed  long  duct  bypass  engine  (two  coaxial  nozzles).  This  shows 
that  considering  the  inner  (hot)  nozzle  alone  leads  to  a  larger  critical  spacing  ratio 
than  for  the  combined  system.  At  the  critical  spacing  ratio  for  the  combined  system 
the  reduction  in  hot  noz-zle  discharge  coefficient  has  been  determined  and  ie  shown  on 
Fig.  11. 


4 

Co-axial,  Coplanar  Nozzles  '  J  cold 
AJ  hot 

Equal  Hot  i  Cold  Total  Pressures. 
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Fig, 10,  Critical  Spacing  Ratio.  Fig. 11.  Reduction  of  Hot  Nozzle 

Discharge  Coefficient  at 
the  critical  sPaoinK  ior 
the  oombined  Nozzlee. 


10-6 


4*2,  (oontinuad) 

’fhe  end  plate  depth  ?/ill  also  affect  the  critical  apacing  ratio  j  very  large  end 
platee  would  tend  to  reduce  the  area  around  the  exhaust  syetem  through  which  the  reversed 
jet  is  able  to  pass.  However,  in  the  range  of  interest,  end  plate  depth  effects  on  the 
oritical  spacing  can  he  ignored, 

5,0,  REVERSER  BUCKET  LOADS, 

Knowledge  of  the  loads  on  the  thrust  revereer  huokets,  both  during  deployment  and  in  full 
reverse  thrust  is  essential  when  designing  the  eyetem  in  order  to  meet  any  fail-eafe  requirements 
and  to  minimise  the  actuator  eizee.  So  many  factors  affeot  the  loads,  for  instance  the  choice 
of  linkage  eystem,  that  only  the  full  reverse  thrust  caee  at  zero  forward  epeed  conditions  will 
he  conaidered.  For  a  typical  oaee  v/ith  a  simple  double  linkage  with  each  link  pivoted  at  both 
ends  r  one  end  on  the  fixod  structure  and  the  other  on  the  reverser  bucket  -  the  instantaneous 
oentre  in  full  reverse  ie  approximately  1*5  nozzle  diameters  from  the  revereer  surface. 

If  a  moment  arm  of  0,05  nozzle  diameters  ie  spawned,  this  implies  a  moment  of  about  4200  Nm 
(39,000  lb, in.)  on  a  90  KN  (20,000  Lb,)  thrust  engine,  then  a  shift  in  the  point  of  application 
of  the  load  of  0,025  nozzle  diameters,  or  in  the  direotion  by  1°  ,  is  sufficient  to  change  the 
moment  by  50 $  •  It  is  therefore  essential  that  the  direotion  and  point  of  application  of  the 

load  he  knoym  to  a  high  accuraoy.  A3  a  result,  data  based  upon  previous  experience  must  be 
ueed  with  great  oaution. 


l<2>  20  24- 

P> 

N 


(a)  •  Bucket  Load, 


(b)  Direotion  of  Load 

(Relative  to  a  Perpendicular 
to  the  Nozzle  Axis) 


( c)  Position  of  Load. 


Fig,  12.  Typical  Thrust  Revereer  Loading  Data. 


ffjg*12  ehows  the  measured  magnitude,  direction  and  position  of  the  bucket  load  for  a 
typical  reverser  system.  In  this  case  the  component  of  the  magnitude  of  the  load  in  the 
axial  direotion  ia  approximately  equal  to  half  the  sum  of  the  nozzle  thrust  and  reverser  thrust, 
although  forcea  induoed  on  the  boat-tail  which,  in  turn,  react  on  the  bucket,  oan  change  this 
magnitude  by  up  to  one-tenth  of  the  nozzle  gross  thrust.  The  direction  of  the  load  ie  not 
perpendioular  to  the  bucket  surfaoe  due  to  the  effect  of  the  end  plate.  The  difference  from 
the  perpendioular  increases  with  the  amount  of  flow  turning  done  by  the  end  plate.  For  the 
maximum  practical  end  plate  the  direction  of  the  force  may  be  as  uch  as  5°  from  the 
perpendicular  to  the  bucket  surface.  If  the  mean  direction  of  i>he  reversed  flow  can  be 
determined,  then  a  crude  approximation  of  the  direction  of  the  load  (within  about  J°)  can  be 
made  if  the  axial  component  of  the  load  is  assumed  to  be  half  the  sum  of  the  nozzle  thrust  and 
the  reverse  thrust.  Ho  successful  method  for  predicting  the  point  of  application  of  the  load 
has  yet  been  dieoovered, 

6.0,  INSTALLATION  FEATURES. 

For  a  given  aircraft/ engine  configuration,  there  are  three  major  problem  areas  arising 
from  the  installation  of  a  thrust  reverser 

i)  Aircraft  stability. 

ii)  Overheating  of  the  adjacent  structure, 

(iii)  Ingestion  of  exhaust  gases  into  an  engine  inlet. 

The  latter  problem  will  be  dealt  with  in  more  detail. 
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7.0.  HOT  OAS  REINGESTION  AIM)  METHODS  OF  REDUCTION. 


Heingested  gases  cause  pressure  and  temperature  distortions  at  the  compressor  face  of  the 
engine.  Besides  the  thrust  loss  associated  with  an  inorease  in  average  inlet  temperature,  the 
variation  of  pressure  and  temperature  across  the  engine  inlet  may  in  general  he  above  the 
tolerance  limit.  As  a  result,  compressor  surge  is  enoountered  v/ith  violent  effects  on  the 
engine. 

Due  to  the  jet  spread  characteristics  in  a  cross-flow  v/ith  varying  velocity,  the  amount 
of  usable  reverse  thrust  will  be  a  function  of  the  aircraft  speed  at  which  the  reveraer  efflux 
may  be  reingested  into  the  engine  inlet.  At  this  condition  it  becomes  necessary  either  to  cut 
off  the  reverser  or  throttle  baok  the  engine  gradually  v/ith  reduction  in  aircraft  velocity. 

It  ie  therefore  essential  for  effective  thrust  reverser  operation  to  design  for  a  low  reingestion 
epeed. 

The  problem  of  hot  gas  reingestion  discussed  is  associated  v/ith'  that  pert  of  the  thrust 
reverser  efflux  which  impinges  on  the  ground,  spreads  elong  the  ground,  curls  upward  due  to 
buoyanoy  and  forward  speed  effeots,  and  is  eventually  drawn  into  the  engine  eir  intakes. 

Abbott  and  Cox,  Ref*!,,  have  carried  out  a  systeraetic  investigation  into  the  effect  of  the 
important  parameters  on  the  flow  characteristics  of  round  jets  impinging  on  the  ground.  Although 
these  results  are  not  strictly  applicable  to  the  efflux  from  a  target-type  thrust  reverser, 
where  the  jets  are  no  longer  round,  useful  conclusions  cen  be  drawn.  It  is  possible  to  estimate 
the  veriation  in  aircraft  forward  speed  at  which  reingestion  occurs.  The  governing  flow 
parameters  are  found  to  be  *- 

Jet  dynamic  head  or  nozzle  pressure  ratio. 

Jet  inclination  relative  to  the  ground. 

Mass  flow  or  equivalent  jet  diameter. 

The  effect  of  these  parameters  on  the  aircreft  epeed  at  v/hich  reingestion  oocurs  is 
shown  in  Fig. 13. 

For  the  influence  of  nozzle  pressure  ratio,  Pj/p^  ,  the  following  relation  holds  t- 

v  *  /V  h*  -1 

Starting  from  a  reference  nozzle  pressure  retio  (Pj/ of  which  is  typical 

for  e  jet  engine  at  take-off  conditions,  an  aircraft  epeed  -  or  otherwise  reverser  cut-off  speed  - 
of  30jf  less  than  at  the  reference  pressure  ratio  is  possible  with  the  engine  throt+led  baok  to 
75 jf  of  the  reference  nozzle  pressure  ratio. 

The  influence  of  jet  inclination  relative  to  the  ground  is  given  by  I 

1 

V  oc  —  +  2  sine* 

■J  cos  « 

where  the  angle  ° <  is  measured  from  the  vertical  to  the  ground.  This  relation  plots  as  a 
etreight  line  in  the  diagram.  Reducing  the  inclination  from  about  <*  *>  50°  to  c*  «  35°  results 
in  a  20 reduction  in  cut-off  speed.  Prom  the  point  of  view  of  reingestion  it  is  therefore 
of  adventage  to  direct  the  jet  es  vertically  as  possible  to  the  ground. 


Fig.  13.  Variation  of  Speed  at  which  Relngeation 
is  predicted  to  ooonr. 


The  mass  flow,  M,  of  the  ground  jet  enters  into  ths  problem  by  a  characteristic 
geometric  dimension  which,  in  this  case,  is  the  equivalent  nozzle  diameter  dT  s- 

V  Co  dj  o<  /IT 

If  it  is  possible  with  s  given  engine  mass  flow  to  reduce  the  mass  flow  from  ths  lower 
reverser  bucket  by  30$,  a  gain  of  about  10$  in  cut-off  speed  is  envisaged.  In  this  cass  the 
rstio  of  mass  flows  from  the  upper  and  lower  bucket  is  about  2  *  1  against  the  usual  1  *  1  split. 

To  reduce  the  speed  at  which  reingestion  oocurs  it  is  then  demonstrated  that  ths  most 
important  parameter  is  jet  pressure  ratio,  whereas  mass  flow  gives  the  smallest  reduction. 

Another  parameter  (not  sho?/n  in  Fig. 13)  is  the  sideways  deflection  of  the  lower  jet  out 
of  the  vertical  plane.  Tests  indicate  a  considerable  reduotion  in  the  reingestion  speed  if  side 
deflections  of  the  order  of  30°  to  40°  can  be  achieved. 


7.1. 


7.2. 


7.3. 


Nozzle  Pressure  Ratio. 


The  speed  at  whioh  reingestion  occurs,  on  a  given  installation,  i3  shown  in 
Fig.13 . to  be  very  sensitive  to  nozzle  pressure  ratio.  As  a  reduction  in  pressure  ratio 
will  lead  to  a  loss  of  thrust,  the  normal  procedure  on  current  aircraft  is  to  reduoe 
nozzle  pressure  rstio  progressively  as  the  speed  falls  during  the  ground  roll. 

Two  methods  of  reducing  pressure  ratio  are  (i)  to  reduce  engine  r.p.m.  or  (ii)  in  those 
cases  where  there  is  the  facility  and  the  engine  can  withstand  the  changed  intemsi 
conditions,  to  open  the  final  nozzle.  The  latter  method  gives  a  higher  thrust  at  a 
given  pressure  rstio. 


Because  of  ths  thrust  loss  associated  with  reducing  jet  pressure,  it  is  usual  for 
other  methods  of  lowering  the  reingestion  speed  to  be  applied  -  particularly  for  STOL 
aircraft  when  the  maximum  retardation  is  required.  On  this  type  of  aircraft,  hsving 
made  use  of  other  methods,  progressive  throttling  of  the  engine  may  not  bs  possible 
since  the  engine  run-down  time  may  be  such  that  ths  change  in  reingestion  spesd  is 
similar  to  the  changs  in  aircraft  speed. 


Jet  Inclination  relative  to  the  Ground. 


It  has  already  been  demonstrated  that  the  final  direction  of  the  flow  leaving  the 
buoket  is  determined  by  the  end  plate  height.  .  Reducing  the  end  plate  height  on  ths 
lower  bucket  only  in  order  to  have  a  more  vertical  jet  would  exert  a  pitching  movement 
on  the  aircraft  because  the  vertical  thrust  component  of  the  lower  jet  increases  with 
the  cosine  of  the  inclination  angle.  To  balanoe  the  vertical  thrust  components  the 
deflection  of  the  upper  jet  must  be  reduced  by  the  satns  amount.  This,  however,  will 
result  in  s  considerable  loss  in  reverse  thrust  -  which  amounts  to  about  25$  if  ths 
jet  efflux  angle  is  decreased  from  5O0  to  35°  • 


Mass  Flow  Split. 

A  very  simple  method  to  achieve  unequal  mass  flows  from  the  upper  &  lower  bucket 
is  shown  in  Fig, 14.  The  mass  flows  from  a  jet  impinging  normal  to  a  plane  wall  will 
split  in  the  ratio  1*1.  Rotating  the  wall  by  sn  sngle  t  from  the  jet  axis  requires 
for  the  upper  flow  to  turn  through  an  angle  (90  -  C  )  and  for  the  lower  flow  through 
the  larger  angle  (90  +  £  )  .  Ideally,  this  would  result  in  a  mass  flow  split  between 
the  upper  and  lower  part  of  : 

1  +  sin£> 

1  -  sin  S' 


Taking  into  sccount  turning  losses,  this  ratio  would  increase  further. 


(a)  Flat  Plate  Rotation. 


(b)  Reverser  Rotation. 


(c)  Reverser 

Displacement. 


Fig. 14.  Diagrammatic  Representation  of  the  Effects  of  Reverser  Bucket  Rotation  &  Displacement. 
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7*3*  (continued) 

Using  this  principle  on  a  thrust  reverser  to  obtain  unequal  mass  flows,  it  can 
be  realised  by  the  methods  shown  in  Fig. 14 «  Aseuming  that  the  apex  angle  (l80  -29) 

remains  unchanged,  the  whole  thrust  reverser  has  either  to  be  rotated  by  an  angle  €»  in 
the  vertical  plane,  or  must  be  offset  from  the  nozzle  axis  upward  by  an  amount  c. 

Both  methods  of  course  imply  a  change  in  the  actuating  mechanism,  leading  to  a  complicated 
meohanical  design  ~  but  this  can  be  solved.  It  is  obvious  that  with  unequal  mass  flows 
from  the  upper  &  lower  buckets  the  vertical  loads  are  no  longer  balanced.  The  resulting 
pitching  moment  on  the  syetem,  however,  is  of  opposite  direction  to  the  one  obtained  from 
reducing  the  jet  efflux  angle  from  the  lower  bucket.  To  balance  the  vertical  loads 
aasooiated  with  a  email er  mass  flow  from  the  lower  bucket,  this  flow  should  have,  in 
addition,  a  more  vertical  direction  to  the  ground.  It  has  been  shown  before  that  both 
measures  tend  to  reduce  the  reingestion  problem.  Another  important  point  is  that  the 
lose  in  reverse  thrust  can  be  kept  small  because  of  the  increasing  amount  of  thrust  being 
produced  by  the  upper  jet  with  the  higher  mass  flow. 

Fig. 15  shows  test  reeults  from  a  model  thrust  reverser  with  rotation  in  the 
vertical  plar.fi..  '  ^he  apex  angle  wae  150°  and  the  ratio  of  upper  to  lower  end  plate  height 
waa  7  *  1*  “Tii^’rutio  viaa  chosen  to  deflect  the  upper  jet  well  forward  and  to  have  only  a 
small  defleotion  for  the  lower  jet.  The  test,  results  show  that,  in  faot,  high  mass  flow 
ratios  may  be  obtained  with  moderate  rotation  but  coupled  with  unacceptable  vertical  loads. 
For  the  investigated  configuration  a  rotation  of  3°  yields  a  mass  flow  ratio  of  1*5  *  1  with 
the  vertical  loads  balanced*  The  mean  efflux  angles  from  vertical  are  about  5O0  f°r  "the 
upper  and  3O0  for  the  lower  jet*  Reverse  thrust  drops  to  9 0 $  relative  to  the  fully 
aymmetric  configuration  with  50°  flow  angles  for  both  the  upper  and  lower,  stream. 

To  achieve  a  similar  improvement  in  reingeetion  by  changing  flow  angles  only,  i.e*  30  for 
upper  and  lower  jet,  reverse  thrust  would  be  only  70$  relative  to  the  symmetric 
configuration,  thus  demonstrating  the  advantage  of  changing  the  mass  flow  split* 


(0)  Upper  t  Lower  Jet 
Flow  Ratio* 


Fig.15.  Reverser  Performanoe  with  Bucket  Rotation. 


Corresponding  tests  with  buckets  offset  from  the  nozzle  oentre-line  have  also 
been  oarried  out.  It  was  found  that  the  same  results  ae  with  a  3°  rotation  can  be 
obtained  by  offsetting  the  buckets  about  10$  of  nozzle  diameter  above  the  centre-lir.e. 

From  Fig* 13  it  is  estimated  that  with  the  combined  mass  flow  and  inclination 
effeot,  the  reverser  cut-off  speed  should  reduce  by  about  25  $ •  Thie  order  of  gain 
wae,  in  fact,  substantiated  by  reingestion  tests. 

7*4*  Side  Deflection. 


Improving  reingestion  by  deflecting  the  lower  jet  eidewaye  out  of  the  vertical 
plane,  requires  considerable  turning  angles  because  the  jet,  in  impinging  on  the  ground, 
spreads  to  all  sides. 

A  very  simple  and  effective  method  for  side  deflection  is  to  rotate  the  reverser 
around  the  nozzle  axis,  Fig,l6.  If  there  is  insufficient  clearance  to  rotate  the  entire 
reverser  system  on  a  given  installation,  an  angled  configuration  may  be  possible  with  the 
upper  bucket  position  unchanged.  This,  however,  raises  considerable  actuation  and 
stowage  problems. 


Rotation 
Anglo  - ^ 


Rotation 
.  Anglo  ~S 


(a)  Reverser  Rotation  about  Nozzle  Axis,  (b)  Rotation  about 

the  Vertical  Axis. 


Fi/%l6.  Ifetbods  of  Jet  Deflection. 


(c)  Defleotore 
in 

Symmetrical 

Buckets. 


( continued) 

A  rotation  around  the  vertical  axis  of  the  reverser  also  causes  eide  deflection. 
In  model  tests  a  side  deflection  of  12°  was  obtained  with  a  7°  rotation.  Although  thie 
method  seems  to  be  very  effective,  it  will  be  generally  limited  to  small  angles  of 
rotation  from  design  considerations. 

If  none  of  the  above-mentioned  methods  for  side  deflection  is  feaeible  with  a 
given  installation,  the  only  way  seems  to  lie  in  fitting  suitable  deflecting  features  in 
en  otherwise  symmetrically-operated  reverser  bucket.  Either  profiled  or  eiraple  sheet 
metal  turning  vanes  may  be  used  and  they  must  be  of  sufficient  depth  to  avoid  part  of  the 
flow  epilling  over  the  vanes. 

.  Fig  J.7  ie  a  flow  visualisation  picture  of  a  model  thrust  revereer  with  flow 
deflect ore  incorporated  in  symnetrical  buckets.  A  mean  side  deflection,  viewed  from 
the  rear,  of  about  35°  is  achieved.  w 


Fig.17.  Flow  Visualisation  of  Reverser  with  side  deflection. 


There  is,  of  course,  a  penalty  in  reverse  thruet  associated  with  the  side 
component  of  the  thrust  vector  and  the  flow  turning  losses.  A  reveree  thruet  of  the 
order  of  45  of  the  bare  nozzle  thrust  can  be  obtained. 
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7*4*  ( continued) 

In  combination  with  a  derived  maee  flow  split  between  the  upper  &  lower  bucket 
flow,  the  rotation  &  of  3° >  whioh  gava  a  balance  of  the  vertical' loads,  must  be  reduced 
with  increasing  side  defleotion  in  order  to  maintain  the  load  balance*  However,  even 
with  no  rotation  (  =  0 )  ,  there  etill  existe  an  unequal  mass  flow  aplit  because  of  the 

inoreaeed  losses  which  the  flow  from  the  lower  bucket  hae  to  overcome.  With  this 
principle  of  side  deflection  of  the  lower  efflux  only,  the  problem  lies  with  the 
coneiderable  side  forcee  acting  upon  the  eystem.  Thie  brings  about  design  complexity 
to  the  operating  mechanism,  and  adds  weight.  The  application  may  be  restricted  to  a 
multi-engined  aircraft  configuration  where  the  side  forcee  can  be  compeneated  by 
corresponding  engines. 
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RESUME 

Ayant  pose  le  probleme  de  1* adaptation  d'un  arriere-corps  nous  denombrons  les  parametres  pennettant  son 
optimisation. 

Apres  avoir  rappele  le  principe  de  la  methode  de  calcul  th^orique  des  performances  de  l’djecteur,  nous  prls- 
senterons  une  etude  de  la  repercussion  des  parametres  gdometriques  sur  les  performances  interne  et  externe 
de  la  tuyere,  basee  sur  un  ensemble  de  resultats  de  calculs  theoriques  et  experimentaux. 

Nous  etudierons  en  particulier  1* adaptation  interne  de  l’gjecteur  et  nous  discuterons  du  choix  de  la  posi¬ 
tion  de  la  ventilation  secondaire  compte-tenu  de  l'effet  de  gaz  chaud .  Des  idees  sur  1' optimisation  des 
performances  gkbales  par  choix  de,  J^,,valeur  et  de  la  forme  de  la  section  d 'ejection  seront  egalement  pre¬ 
sentees.  Nous  prof  iter-os.'  .-<U-  .f'-Zv^tiv^bse  pour  donner  plusieurs  confrontations  theorie-experience. 

LISTE  DES  NOTATIONS 
Ecoulement  primaire  :  indice  j 
Pj  Pression  generatrice 
Tj  Temperature  gdndratrice 
Debit  de  gaz 

A/  Section  critique  isentropique  de  1’ ecoulement  primaire 

Ecoulement  secondaire  :  indice  s 

Pg  Pression  generatrice 

Tg  Temperature  generatrice 

W  Debit  d ’air 
s 

A*  Section  critique  isentropique  de  l'ecoulement  secondaire 
8  w  v/T" 

w.  \j  T. 


Ecoulement  externe  « 

M  Notnbre  de  Mach 

o 

P^o  Pression  generatrice 
Pfl  Pression  statique 

Effort  de  poussee  ou  trainee  : 

-  L’ indice  i  caracterise  les  valeurs  internes 

-  LT indice  *  caracterise  les  valeurs  isentropiques 

Trainee  externe  du  carenage 


GA 

kt' 

4 


4- 


CT 

" 


Pouss§e  brute 
Poussee  brute  absolue 


pj*i 

v  * 


pj  aj 


GA 

pja7 


GA 


PJAJ 


Coefficient  de  poussee  brute 

Coefficient  de  poussee  brute  isentropique  mono-dimens ionnel ,  detente  a  P& 
Coefficient  de  poussee  brute  absolue  isentropique  mono-dimens ionnel 
Coefficient  de  poussee  brute  absolue 


Kt 

“4 


kt 


Gs 


pja; 


Tf-A 


KT  +A  4 

J 


P  A^ 
o  SB 

Pour  T  *  T.  en  air  pur 

8  J 

h  Coefficient  d'efficacite  de  l'ejecteur 
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1.  INTRODUCTION 

Le  developpement  des  avions  de  transport  supersoniques  a  long  rayon  d' action  est  largement  conditionne  par 
leur  rentabilite.  Le  faible  rapport  de  la  charge  marchande  au  poids  de  1'appareil,  la  masse  de  carburant 
necessaire  au  vol  et  aux  reserves,  1* augmentation  du  taux  de  motorisation  (20  a  25  %  pour  les  avions  actuels, 
35  a  40  %  pour  les  avions  de  transport  supersoniques)  conduisent  en  particulier  a  une  recherche  exception- 
nelle  de  qualite  des  elements  du  groupe  propulsif  et  5  une  etude  de  1 ' organisation  optimale  du  fuseau  moteur, 
La  realisation  d'une  entree  d'air  d'efficacite  elevee  n§cessite  des  prelevements  importants  de  debit  qu'il 
convient  de  detendre  au  mieux.  De  ces  conditions  d’installation  et  d' optimisation  du  fuseau  moteur  est  nee 
la  tuyere  bi-flux  ou  1* adaptation  aux  differents  regimes  de  fonctionnement  est  obtenue  par  des  moyens  aero- 
dynamiques.  Cette  solution  off re  deux  avantages  :  la  simplicity  technologique  et  la  possibility  d'evacuer 
dans  de  bonnes  conditions  le  debit  d’air  provenant  des  pieges  a  couche  limite  de  la  prise  d'air. 

On  se  convaincra  aisement  de  la  necessity  d’une  etude  soignee  de  l'arriere-corps  en  sachant  que  1  %  de  ren- 
dement  tuyere,  sur  1' ensemble  de  la  mission,  correspond  sensiblement  a  10  %  de  la  charge  marchande.  C'est 
pourquoi  le  choix  d'une  organisation  de  nacelle  etant  fait,  il  y  a  lieu  de  faire  une  etude  parametrique 
permettant  de  definir  la  geometrie  del’ ensemble  d'ejection  afin  d’obtenir  la  performance  maximale. 

2.  DEFINITION  DU  PROBLEME 
•2.1.  Cadre  de  1* etude 

Le  probleme  a  resoudre  consiste  a  realiser  la  confluence  de  trois  ycoulements  avec  un  minimum  de  pertes, 
compte  tenu  d'un  certain  nombre  de  contraintes  gdomytriques  (pl.l).  Les  caracteristiques  des  ecoulements 
externes  et  du  flux  primaire  sont  imposyes  par  le  choix  des  conditions  de  vol,  du  point  de  fonctionnement 
du  moteur  et  des  caracteristiques  de  la  manche.  Les  caractyristiques  du  flux  secondaire  sont  ygalement 
imposees  par  les  conditions  de  fonctionnement  de  la  prise  d'air,  les  pertes  de  charge  dans  la  nacelle  et 
les  ychanges  thermiques  au  contact  du  moteur.  Les  contraintes  geometriques  sont  liees  au  maitre  couple  Am 
de  la  nacelle  et  a  la  longueur  de  l'arriyre-corps  qui  est  iraposee  par  ailleurs.  Le  choix  d'une  solution 
a  double  flux  etant  fait,  il  subsiste  un  certain  nombre  de  paramStres  sur  lesquels  on  peut  agir  en  vue 
d'obtenir  la  performance  maximale. 

Dans  le  cas  qui  nous  preoccupe,  ces  parametres  sont  : 

-  Distance  AX  entre  la  section  de  reprise  et  la  section  d' ejection  primaire 

-  La  section  de  reprise  A^ 

-  La  section  de  sortie  A  ... 

-  L' angle  de  la  generatrice  du  divergent 

-  La  forme  de  la  generatrice  externe  de  1' arriSre-corps 

-  La  forme  de  la  section  d'ejection 

-  Le  taux  interne  de  detente  du  jet  primaire  (forme  de  la  tuydre  primaire). 

Rappelons  que  le  point  de  fonctionnement  d'un  ejecteur  rysulte  de  l'gquilibre  des  pressions  secondaires  au 
plan  de  raccordement  nacelle-tuyere.  En  effet,  il  existe  deux  relations  :  une  dite  courbe  d 'alimentation 
qui  relie  le  niveau  de  pression  secondaire  au  debit  secondaire,  compte  tenu  du  rendement  des  ~ieges  a  cou¬ 
che  limite  de  la  manche,  des  pertes  de  charge  dans  la  nacelle  et  des  echanges  de  chaleur,  1' autre  dite 
caracteristique  tuyere  qui  lie  la  pression  secondaire  au  debit  secondaire  ejecte,  compte  tenu  de  la  geome¬ 
trie  de  l'ejecteur  et  des  conditions  d'ejection  du  flux  primaire.  C'est  la  satisfaction  de  ces  deux  rela¬ 
tions  pour  une  meme  valeur  du  dybit  secondaire  qui  dytermine  le  point  de  fonctionnement  de  l'ejecteur. 

Dans  la  suite  de  1' expose,  nous  allons  analyser  1' influence  de  chacqn  des  parametres  denombres  ci-dessus 
sur  les  performances  de  l'arriere-corps.  Ensuite,  nous  ytudierons  specialement  1* influence  du  taux  de 
detente  interne  du  jet  primaire,  c'est-I-dire  1 ' introduction  d'une  tuyere  primaire  convergente-divergente 
a  la  place  d'une  tuyere  primaire  s implement  convergente. 

2.2.  Base  de  1' etude 

2.2.1.  Base  experimental 

Les  essais  sur  les  diverses  configurations  ont  yty  effectuys  dans  les  installations  de  l'O.N.E.R.A* : 

-  a  MODANE  :  en  ce  qui  concerne  les  essais  sans  ycoulement  externe  visart  a  determiner  les  performances 
internes 

-  a  la  Soufflerie  S5  a  CHALAIS  MEUDON  :  en  ce  qui  concerne  les  essais  avec  ycoulement  externe  visant  a 
dy terminer  soit  les  performances  externes,  soit  les  performances  globales, 

2.2.2.  Bases  theoriques 

-  Calcul  des  trainees  externes  : 

Methode  des  caracteristiques  pour  1 'ycoulement  non  visqueux,  puis  calcul  de  couche  limite  intervenant 
sous  forme  de  correction. 

*•  Calcul  des  performances  internes  : 

Mythode  de  calcul  presentee  Ref.  1  -  2  -  3  -  4,  basye  sur  les  hypotheses  suiv antes  : 

.  l'ecoulement  primaire  est  calculable  par  la  mythode  des  caractyristiques  correctement  formulee  pour 
tenir  compte  des  variations  des  chaleurs  specifiques  au  cours  de  la  detente 
.  l'ecoulement  secondaire  est  isentropique  et  mono-dimens ionnel 

.  la  compatibility  des  ecoulements  est  imposee  par  l'ygalite  des  pressions  statiques  de  part  et  d' autre 
de  la  surface  de  glissement.  -  — =■- 

.  l'unicite  de  la  solution  est  assume  par  la  condition  critique  de  l'ecoulement  secondaire. 

Au  calcul  en  fluide  parfait  est  associee  une  correction  pour  tenir  compte  des  phenomenes  visqueux  S  1’ in¬ 
terface  des  jets  et  sur  la  paroi  du  divergent  ainsi  que  des  transferts  de  chaleur. 

3.  RESULTATS  DE  L* ETUDE 

3.1.  Performances  externes 

3.1.1.  Etude  de  la  forme  de  la  meridienne  du  retreint 

Nous  avons  etudie  1* influence  de  la  generation  externe  sur  la  trainye  d'un  arriere-eorps  defini  par  sa 
section  au  maitre  couple,  sa  section  de  sortie  et  sa  longueur. 
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Nous  avons  constate  que  dans  le  cas  de  vol  consider!,  croisiere  supersonique,  les  arriere-corps  a  meridien- 

ne  rectiligne  presentaient  le  minimum  de  trainee.  Ces  resultats  sont  illustres  planche  2, 

-  La  figure  1  reproduit  les  repartitions  de  pression  le  long  de  1 ' arriere-corps  associees  a  la  forme  de  la 
meridienne 

-  La  figure  2  montre  1* evolution  de  la  trainee  en  fonction  de  la  courbure  de  1 ' arriere-corps  a  meridienne 
parabolique.  Sur  cette  merae  figure  sont  portes  les  points  correspondant  a  un  arriere-corps  conique  et  a 
un  arriere-corps  dont  la  generatrice  presente  un  point  d 'inflexion. 

Notons  que  ces  resultats  sont  en  plein  accord  avec  ceux  publies  dans  la  reference  n°  9. 


3.2.  Performances  internes 


3.2.1.  Ejecteur  a  detente  libre  du  jet  pritnaire  (tuyere  ventilee  au  col) 

3. 2. 1.1.  Etude  de  1* adaptation  interne 

Les  deux  variables  geometriques  apparemment  independantes  AX  et  AR  sont  en  realite  liees  par  la  necessite 
d'evacuer  un  certain  debit  secondaire  car ac ter is!  par  une  temperature  Ts  et  une  pression  generatrice  Ps. 
Pour  un  angle  de  divergent  fixe,  il  existe  une  serie  de  couples  de  valeurs  (A_,  AX)  repondant  a.  la  condi- 
tion  (P./PjS/tg)* 

Sur  la  planche  3  nous*t£vons  ..cpr^-c^nte  1* evolution  des  pressions  parietales  dans  le  divergent  secondaire 
pour  3  couples  de  valeurs(AR,  AX)  assurant  l'evacuation  d’un  “  6  Z  a  Pg/Pj  K  0,20. 

On  remarque  en  particulier  que  1 'accroissement  de  AX  semble  regulariser  la  detente  et  laisse  inchangee  la 
pression  dans  le  plan  d'ejection  du  divergent.  Cette  derniere  constatation  montre  que  1 ’organisation  de  la 
confluence  des  ecoulements  internes  peut  etre  etudiee  independamment  de  la  section  d'ejection  A£. 

La  planche  4  presente  une  confrontation  theorie-experience  relative  a  1 'influence  de  AX.  La  courbe  du  haut 
illustre  une  loi  AR  =  f  (AX)  a JX  et  P  /P.  donnes.  La  figure  n°  2  montre  que,  si  les  niveaux  de  pressions 
theorique  et  experimentale  differlnt  lefer^ment,  leur  accord  en  tendance  est  parfait.  La  figure  3  met  en 
evidence  que,  dans  les  conditions  consideries,  les  valeurs  de  P  /P.  et^^  fixent  la  valeur  del^  quels  que 
soient  A^  etAX,  cette  demonstration  !tant  faite  aussi  bien  experiment ailment  que  theoriquement*  Toutefois, 
on  pourrait  deceler  au  vu  de  1' etude  theorique  une  l!g!re  tendance  a  la  croissance  de  avec  AX,  ce  aui 
pourrait  etre  associe  a  la  regularisation  de  la  detente  observee  sur  la  planche  precedence. 


La  planche  5  presente  une  generalisation  de  la  planche  precedente;  elle  donne  1' influence  de  AX  pour  diffe¬ 
rences  valeurs  de  iL.  On  remarquera  que  ; 


-  jusqu'a  une  certaine  valeur  maximale  de  P  / P.  voisine  de  0,215,  les  performances  sont  independantes  du 
choix  du  couple  (A^,  AX)  8  ^ 


-  le  lieu  des  optima  d 


Toutefois,  pour  les  A 
domaine  explore. 


e  performances  pour  chaque  ^  correspond  3.  unAX  decroissant  quand  P 
A  importants  (P  /p.  ££  0,215;,  la  valeur  de  1 'optimum  est  independai 


,/Pj  decroit. 


independanteJde A  X  dans  le 


-  pour  toutes  les  pressions  secondaires  inferieures  d  la  pression  secondaire  optimale,  on  retrouve  le  resul- 

tat  de  la  planche  precedente,  a  savoir  que  les  couples  de  valeurs (A^,  AX)  assurant  un  meme  P  /P .  a/ag 
donn!  conduisent  a  des  performances  constantes  de  l'ejecteur.  s  J  . 

Sur  la  planche  6  nous  avons  present!  devolution  de  17 „  en  fonction  de  P  /P.  pour  une  valeur  donnee  de  U 
(yxg  -  5,75  %) ;  on  remarque  :  '  s  J  s 

-  pour  des  Pg/P*  inferieurs  i  0,215  la  courbe  "a",  lieu  des  optima,  les  courbes^F  55  f  (Ps/P.)  a  A^  donne 
et  AX  varilbl^,  ainsi  que  la  courbe  =  f  (P  /P.)  a  AX  donne  et  A^  variable,  sont  sensibl^ment  confon- 

dues,  '  S  J 


pour  des  P  /P.  superieurs  a  0,215,  ces  memes  courbes  sont  nettement  differenciees ,  mettant  en  evidence 
l'existencl  ^d'un  couple  de  valeurs(A^  etAX)  assurant  la  performance  maximale. 

Cette  planche  precise  les  constatations  faites  sur  la  planche  precedente. 


3. 2. 1.2.  Influence  de  1' angle  de  la  generatrice  du  divergent 

Pour  des  sections  A^  et  Ag  donnees,  1' angle  d'un  divergent  conique  a  une  repercussion  sur  les  performances 
et  sur  le  diagramme  de  trompe  d’un  ejecteur.  Nous  avons  cherche  a  exprimer  les  resultats  sous  forme  den^,, 
efficacite  du  divergent,  3.  P  /P.  donne,  etant  donne  que  cette  efficacite  reste  pratiquement  inchangee  par 
de  petites  variations  de/tg  auiour  de  la  valeur  optimale. 

Sur  la  planche  7  nous  avons  illustre,  pour  une  georaetrie  donn!e  de  la  zone  de  confluence  et  une  section 
d’ejection  fixee,  1' influence  de  1' angle  de  la  generatrice.  On  remarque,  figure  de  gauche,  1* existence  d'un 
angle  optimum.  D' autre  part,  la  figure  de  droite  met  en  evidence  1' influence  de  1* angle  du  divergent  sur  le 
diagramme  de  trompe.  Ceci  s’explique  facilement  par  le  fait  que,  le  debit  secondaire  etant  determine  par 
l'existence  d’un  col  sonique  dans  le  divergent,  un  changement  de  Involution  de  la  section  en  fonction  de 
la  longueur  du  divergent  entraine  une  modification  en  position  et  en  valeur  du  col  secondaire.  Des  essais 
effectues  dans  la  zone  de  1 'angle  optimum  ont  confirm!  les  resultats  theoriques. 


Sur  la  planche  8  nous  avons  fait  figurer  1* evolution  des  pressions  parietales  en  fonction  de  leur s abscisses 
pour  plusieurs  valeurs  de  la  generatrice. 

On  peut  remarquer  que  s 

-  1 'augmentation  de  1' angle  entraine  une  variation  de  plus  en  plus  irreguliere  de  la  detente  a  1’ entree  du 
divergent  secondaire  et  peut  mcmc  conduire  ii  des  recompressions 

-  a  Pg/P.  donne  et  A  donne,  la  pression  d'ejection  diminue  legerement  avec  1' angle  du  divergent 

-  compteJtenu  de  la  variation  de p,  associee  a  la  variation  d’angle,  on  peut  admettre  qu’a^a  donne,  la 
pression  d'ejection  varie  peu. 


De  ceci  on  peut  conclure  que  1' influence  de  1’ angle  sur  y  ^  est  principalement  due,  a  A  ,  Ps/P.,/Ls  donnes, 
g  sa  repercussion  sur  la  regularite  de  la  detente  dans  le  divergent  et  sur  le  frottement  plriitall 


3.2. 1.3.  Influence  de  forme  de  la  gen era trice  du  divergent 

Noub  avons  entrepris  une  serie  d' etudes  experimentales  et  theoriques  en  vue  d'optimiser  la  forme  de  la 
meridienne  du  divergent.  Ces  etudes  ont  principalement  porte  sur  la  forme  de  la  g6neratrice  en  aval  de  la 
section  de  reprise  (conique  ou  parabolique)  et  sur  la  zone  de  racc'ordement  du  divergent  a  la  partie  amont. 


La  planche  9  illustre  quelques  resultats  obtenus  au  cours  de  cette  etude.  Sur  la  figure  de  droite,  nous 
avons  etudie  1* influence  de  la  longueur  de  la  partie  aval  du  divergent  pour  une  partie  amont  fixee,  le 
divergent  etant  alors  forme  de  deux  troncs  de  cone.  Nous  avons  egalement  fait  figurer  les  performances  de 
divergent  a  generatrice  parabolique  de  meme  A_ ,  A  et  lohgueur.  On  peut  alors  remarquer  que  l'ecart  entre 
un  divergent  bi-conique  et  parabolique  est  faible  et  que,  corapte  tenu  des  frottements  interne  et  externe, 
il  apparait  dans  les  deux  cas  un  optimum  de  longueur  a  A  donne.  Sur  la  figure  de  gauche,  nous  avons  etudie 
I'effet  de  l'adjonction  d'un  arrondi  au  col  de  reprise  du  divergent,  cela  aussi  bien  pour  des  divergents 
coniques  que  paraboliques . 


De  ces  resultats,  on  peut  retenir  que  1* introduction  d'un  arrondi  au  col  de  reprise  serait  plutot  nefaste 
alors  que  1* introduction  d'une  forme  parabolique  ne  serait  que  legerement  favorable,  les  faits  theoriques 
et  experimentaux  le  confirmant.  Mais  il  est  vraisemblable  que  cette  conclusion,  en  particulier  en  ce  qui 
concerne  le  divergent  a  meridienne  parabolique,  serait  remise  en  cause  pour  d'autres  valeurs  de  P  /P.  et 

/v  J 

L' organisation  de  cette  zone  est  un  cas  d'espece.  En  effet,  la  forme  de  la  mSridienne  en  aval  de  la  sec¬ 
tion  de  reprise  est  largement  conditionnee  par  la  pression  et  la  direction  des  ecoulements  dans  cette 
region  qui  sont  tributaires  des  formes  amont.  En  tout  etat  de  cause,  on  doit  veiller  a  obtenir  une  detente 
aussi  reguliere  que  possible. 


3. 2. 1,4.  Remarque  sur  I'effet  de  1 ' excentr ation  du  convergent  par  rapport  au  divergent 

Au  cours  de  nos  etudes,  nous  avons  et§  amenes  I  etudier  la  repercussion  du  centrage  du  canal  primaire  par 
rapport  au  divergent  secondaire.  La  planche  10  presente  une  serie  de  resultats. 

Figure  1  :  Influence  sur  les  pressions  parietales  a /lig  donne 

Figure  2  :  Influence  sur  les  poussees  internes 

Figure  3  :  Influence  sur  les  pressions  secondaires 

On  peut  remarquer  que,  du  point  de  vue  performances  globales  et  dans  la  gamme  des  jx  usuels,  des  excen- 
trations  raisonnables  sont  tolerables.  Par  contre,  pour  des  ejecteurs  adaptes  a  de  sfaibles  valeurs  de/i  , 
le  centrage  de  la  tuyere  primaire  par  rapport  1  la  tuyere  secondaire  doit  etre  assure  avec  une  bonne 
precision.  On  voit  done  que,  de  ce  point  de  vue,  le  choix  d'une  solution  £  debit  secondaire  eleve  est 
b€n§£ique.  On  peut  encore  remarquer  que  la  distorsion  importante  des  pressions  parietales  associee  a 
l'excentration  subsiste  jusque  dans  le  plan  d'ejection. 


3.2,2.  Ejecteur  a  detente  du  jet  primaire  controle 

Introduction  d'une  tuyere  primaire  convergente-divergente 
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Dans  les  cas  precedemment  Studies,  les  pressions  statiques  des  ecoulements  dans  le  plan  de  leur  confluence 
Staient  tres  differentes.  On  peut  se  proposer  de  detendre  l'Scoulement  primaire  jusqu'a  une  pression  sta- 
tique  voisine  de  celle  de  I'ecoulement  secondaire  afin  d'ameliorer  les  conditions  de  confluence.  Ceci 
entraine  l'utilisation  d'une  tuyere  primaire  convergente-divergente.  Le  schema  d'une  telle  solution  est 
present^  planche  11.  L' introduction  d'un  divergent  primaire  qui  peut  etre  mobile  permet,  a p.  donne,  de 
rggler  la  detente  de  l'ecoulement  primaire  en  fonction  de  la  pression  secondaire.  Nous  verrons  par  la 
Suite  que  cette  solution  apparemment  seduisante  entraine  des  pertes  de  performances. 


Pour  1' optimisation  du  divergent  interne  et  son  adaptation,  nous  disposons  de  trois  par am£ tres  indepen¬ 
dents  : 


AX 

L 


distance  entre  le  plan  d' ejection  du  divergent  primaire  et  la  section  de  reprise 
angle  des  volets  du  divergent  primaire 

longueur  des  volets  du  divergent  primaire 


3.2. 2.1.  Influence  de  AX 

Dans  ce  qui  suit,  nous  nous  interesserons  uniauement  au  cas  oil  la  section  d'ejection  du  divergent  primaire 
est  placee  dans  le  meme  plan  que  la  section  de  reprise  du  divergent,  soit  AX  -  0.  En  effet,  cette  solu¬ 
tion  semble  donner  les  meilleures  performances  et  en  plus,  elle  correspond  au  souci  d'eviter  toute  detente 
non  control§e  des  ecoulements  internes. 


3.2. 2. 2.  Influence  de  la  longueur  des  volets  du  divergent  primaire 

Sur  la  planche  12  figure,  pour  une  g£om€trie  figee  de  1* ensemble  secondaire,  la  repercussion,  a  6)  cons¬ 
tant,  de  la  longueur  des  volets  primaires  sur  les  performances  internes  de  l'ejecteur.  P 

Figure  super ieure  :  influence  sur  le  diagramrae  de  trompe 
Figure  inferieure  :  influence  sur  la  pouss€e 


Sur  cette  planche,  on  note  que  : 

—  a  chaque  valeur  ©  ,  angle  du  divergent,  correspond  une  longueur 

—  pour  un  rapport  ai  pression  donne  P  / P.,  il  existe  un  couple  de 

maximale  (courbe  a)  S  J 

—  a  longueur  donnee,  toute  variation  d' angle,  en  vue  de  regler  la 
tion  de  performance  de  meme  sens. 


optimal'e  L  des  volets 
valeurs  0  pet  L  donnant  la  performance 
P  P 

pression  secondaire,  entraine  une  varia- 


3. 2. 2. 3.  Etude  de  1* adaptation  interne 

La  longueur  des  volets  du  divergent  primaire  £tant  fixee, ainsi  que  la  longueur  et  la  section  de  sortie 
du  divergent  secondaire,  on  peut  se  proposer  de  determiner  le  couple  de  valeurs  et  0  qui  assu 
P  /P.  donne,  la  performance  maximale.  La  planche  13  illustre  une  telle  recherche  d 'opt Utilisation. 


assurers, 
Sur 
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cette  planche  figure  egalement  une  confrontation  theorie-experience  qui,  une  fois  de  plus,  montre  le  bon 
accord  des  deux  methodes  d' analyse. 


-  La  figure  superieure  est  relative  au  diagramme  de  trompe 

-  La  figure  inferieure  presente  les  performances  internes. 


Sur  cette  planche  on  peut  faire  les  memes  remarques  que  sur  la  planche  precedente,  en  ce  qui  concerne 
l'effet  du  controle  de  P  /P.  par  1* angle  du  divergent  primaire,  sur  les  performances. 
s  J 


D' autre  part,  a  P  /P.  donne  et  ju.  donne, 
maximale,  ^ 


il  existe  un 


couple  de  valeurs  et 


assurant  la  performance 


3. 2. 2. 4.  Discussion  du  choix  de  cette  solution 

On  voit  done  que  1' introduction  d'un  divergent  primaire  permet  d' adapter  la  pression  d'ejection  de  l'ecou- 
lement  primaire  a  la  pression  de  l'ecoulement  secondaire  dans  le  meme  plan,  ce  qui  implique  que  le  choix 
de  cette  solution  sera  conditionne  par  le  niveau  de  la  pression  secondaire.  Sur  la  planche  14,  nous  avons 
trace  1' evolution  de  ^  en  fonction  de  P  /P.  pour  diverses  valeurs  de  1' angle  ©  des  volets  du  divergent 
primaire  et  trois  valeurs  de  la  section  <!e  -'reprise.  ^ 


On  reraarque  que  : 

-  A  chaque  valeur  de  la  section  correspond  un  0  donnant  la  valeur  maximale  de  tj ^ 

-  a  la  geometrie  definie  ci-dessus  correspond  une  ^certaine  valeur  de  la  pression  secondaire 

-  la  courbe  "a"  definissant  le  lieu  des  maxima  correspond,  pour  un JX  donne,  a  l'efficacit£  maximale  du 
dispositif 

-  si  l'on  veut  rester  sur  la  courbe  d'efficacite  maximale,  a  toute  reduction  de  la  pression  secondaire 
correspond  un  changement  de  geometrie,  soit  un  accroissement  de  A^  et 

Sur  cette  meme  planche,  nous  avons  fait  figurer  la  courbe  b^,  =  f  (Pg/P.)  obtenue  pour  une  tuyere  primaire 
simplement  convergente  (courbe  b) . 


La  comparaison  des  courbes  "a"  et  "b"  met  en  evidence  1' interet  de  la  solution  tuyere  primaire  conver’- 
gente-divergente  au  lieu  de  celle  a  tuyere  simplement  convergente.  On  peut  remarquer,  en  particulier,  que 
le  gain  de^j,  ofatenu  pour  les  pressions  secondaires  superieures  a  0,20  est  illusoire,  compte  tenu  du 
poids  et  de  la  complexity  du  dispositif.  Par  contre,  pour  les  pressions  secondaires  faibles,  cette  solu¬ 
tion  peut  presenter  un  interet.  Le  niveau  de  pression  secondaire  conditionne  le  choix  du  dispositif  dans 
la  mesure  ou  le  bilan  aerodynamique-technologie  est  positif. 


3.2.3.  Remarque  sur  l’effet  de  gaz  chaud 

Les  resultats  des  essais  comme  ceux  des  calculs  theoriques  que  nous  venons  d' analyser  ont  ete  obtenus  en 
gaz  froid.  A  ces  resultats,  il  y  a  lieu  d'appliquer  une  correction  de  gaz  chauds  "effet  de  En  effet, 
quand  le  du  jet  primaire  decroit,  le  volume  de  celui-ci  croit,  entrainant  une  reduction  du  debit  secon¬ 
daire  ou  une  augmentation  de  la  pression  secondaire  si  l’on  desire  maintenir  le jx  .  Cette  correction 
s ’applique  done  a  la  fois  sur  les  pressions  secondaires  et  sur  les  poussees  a /Ju  Sonne.  Sa  valeur  depend 
de  1*  organisation  de  l'ejecteur.  Actuellement  la  correction  de  'T  est  determinee  par  le  calcul  theorique 
a  l'aide  de  la  methoae  de  calcul  utilisee  en  gaz  froids,  mais  cette  fois,  en  effectuant  le  calcul  pour  les 
valeurs  de  la  temperature  primaire  et  de  la  richesse  correspondant  au  vol .  Nous  pensons  developper  prochai- 
nement  une  installation  d' essais  permettant  de  verifier  le  calcul  theorique.  Notons  que  ces  installations 
nScessitent  des  precisisons  tres  elevees  et  qu'elles  se  heurtent  a  de  grosses  difficultes  de  realisation. 


Sur  la  planche  15,  nous  avons  presente  l'effet  de  gaz  chauds  pour  trois  valeurs  de  la  detente  du  flux  pri- 
maire  avant  confluence. 

a)  Dans  la  cas  d'une  tuyere  primaire  convergente 

b)  Dans  le  cas  d'une  tuyere  primaire  convergente-divergente  d'angleO  -  9®  (pression  d'ejection  superieure 

a  la  pression  statique  secondaire)  ^ 

c)  Dans  le  cas  d'une  tuyere  primaire  convergente-divergente  d' angle <9^  =  11®,  e'est-a-dire  ou  la  pression 
dans  le  plan  d’ejection  est  plus  faible  que  pour  "b"  et  adaptee  a  rla  pression  secondaire. 

On  remarque  q’ue  : 

-  les  corrections  de  pression  secondaire  et  de  poussee  sont  de  meme  signe 

-  la  correction  est  d'autant  plus  faible  que  la  detente  primaire  est  plus  poussee 

-  a  P  /P.  donne,  l'effet  de  reduit  le  debit  secondaire  pour  une  tuyere  primaire  convergente  alors  qu'il 
laisse-'  inchange  celui  de  la  tuyere  primaire  convergente-divergente  11®. 

De  ces  remarques,  il  resulte  que  la  comparaison  des  solutions  tuyere  primaire  convergente  et  tuyere  primaire 
convergente-divergente  doit  s'effectuer  apres  correction  des  essais  soufflerie  au  meme jx  et  a  meme  P  /P.. 

Si  cette  operation  reduit  ef fectivement  les  gains  apportes  par  une  tuyere  primaire  convergente-divergentil, 
il  n'en  reste  pas  moins,  qu'a  faible  pression  secondaire,  cette  solution  garde  son  interet. 

3.3.  Performances  globales 

3.3.1.  Determination  de  la  section  A^  optimale 

L' optimisation  de  la  section  A  resulte  d'un  compromis  entre  les  performances  interne  et  externe .  Nous 
nous  interesserons  ici  aux  arnere-corps  de  revolution  sans  culot.  La  trainee  externe  croit  lorsque  1' an¬ 
gle  de  retreint  croit.  La  performance  interne  passe  par  un  maximum  pour  une  certaine  valeur  de  la  section 
A  voisine  de  celle  assurant  la  detente  complete  des  deux  flux  jusqu'a  la  pression  ambiante.  Dans  le  cas 
de  vol  que  nous  considercns,  cette  section  est  inferieure  a  la  section  maximale  de  l'arriere-corps .  De  ce 
fait,  1' optimum  est  trouve  pour  une  section  A  superieure  a  celle  assurant  le  maximum  de  performance  inter¬ 
ne.  Ce  resultat  est  en  accord  avec  ceux  publies  dans  la  reference  n®  9. 

Sur  la  planche  16,  nous  avons  trace  en  fonction  de  A  la  contribution  a  la  performance  globale  de  la  trai¬ 
nee  externe  de  la  poussee  interne  pour  un  arriere-corps  de  revolution  de  A^  et  de  longueur  donnee. 

Sur  cette  planche,  la  courbe  "a"  donne  1’ evolution  de  la  trainee  externe  liee  a  1' angle  du  retreint  en 
fonction  de  Ae/A. .  La  courbe  "b"  donne  l'evolution  de  la  performance  interne  calculee,  compte  tenu  de  la 
variation  de  1' ingle  du  divergent.  La  courbe  "c"  correspond  a  la  performance  globale.  On  note  que,  si  la 
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section -A  optimale  est  inferieure  a  la  section  A  ,  elle  est  nettement  superieure  a  la  section  assurant 
le  maximum  de  performance  interne. 

Remarque  :  Ce  qui  precede  serai t  remis  en  cause  pour  1 'optimisation  d' arriere-corps  destines  a  des  avions 
volant  a  des  Mach  superieurs  ou  la  section  Ag  de  detente  complete  serai t  superieure  a  A^. 

3.3.2,  Influence  de  la  forme  de  la  section  d' ejection 

Dans  tout  ce  qui  precede,  nous  nous  sommes  interesses  au  divergent  de  revolution.  Pour  des  fuseaux  moteur 
non  de  revolution,  ou  pour  un  avionnage  en  bi-moteur,  on  peut  etre  conduit  a  rechercher  une  forme  de  la 
section  d' ejection  non  circulaire  pour  ameliorer  les  performances  globales.  Dans  le  cas  oil  la  section  opti¬ 
male  en  divergent  de  revolution  conduit,  du  fait  des  contraintes  amont,  a  un  arriere-corps  presentant  a  la 
fois  des  retreints  et  des  anti-retreints,  on  peut  deformer  la  section  de  sortie  afin  de  minimiser  les 
retreints  et  de  supprimer  les  anti-retreints.  Cette  operation  ameliore  bien  sur  les  performances  externes, 
mais  entraine  une  perte  de  performance  interne  due  aux  dis torsions  imposees  a  I'ecoulement.  La  figure  17 
illustre  une  telle  recherche  d' optimisation.  Les  valeurs  portees  au  bas  de  la  planche  raettent  en  Evidence, 
la  encore,  le  bon  recoupement  theorie-experience  et  montrent  que,  dans  le  cas  considere,  un  gain  non  negli- 
geable  de  performances  a  ete  obtenu. 

A. CONCLUSION 

De  tout  ce  qui  precede,  il  rSsu^ir.  1  e  nombre  de  parametres  permettant  1 'optimisation  d'un  arriere- 

corps  est  important,  que  la  recherciAe'tie  la  valeur  optimale  de  chacun  peut  quelquefois  conduire  a  des 
contradictions  georaetriques .  L'etude  parametrique  peut  montrer  que  la  repercussion  sur  les  performances 
de  petites  variations  de  chacun  des  parametres  est  faible,  mais  il  ne  faut  pas  pour  autant  la  negliger,car 
c'est  par  la  somrae  de  ces  ameliorations  que  l’on  aboutira  a  la  definition  d'un  arriere-corps  de  qualitd. 

D'autre  part,  il  faut  remarquer  que  ces  ameliorations  £tant  dans  la  limite  de  la  precision  des  souffleries, 
l'Stude  exp€rimentale  doit  etre  menee  sur  une  base  statistique  et  appuyee  sur  une  methode  de  calcul  thdo- 
rique  appropriSe,  afin  de  controler,  d'analyser  les  essais,  et  de  les  transposer  un  cas  de  vol . 

Les  confrontations  theorie-experience  donnees  ici,  ainsi  que  celles  que  nous  avions  presentees  r£f .  1  - 
2  -  3  -  4,  montrent  que  maintenant  il  est  possible  de  definir  completement  l'avant-projet  d'un  arriere- 
corps  par  calcul  theorique. 

Si  1 'optimisation  d'un  arriere-corps  n'est  pas  une  chose  aisee  pour  le  cas  de  vol  de  croisiere  supersoni- 
que,  cette  difficulty  est  encore  accrue  quand  on  doit  tenir  compte  dans  sa  conception  de  suggestion  desti- 
nee  a  permettre  son  bon  fonctionnement"  dans  les  autres  cas_de  vol, 
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SOME  APPLICATIONS  OF  BOUNDARY-LAYER  CONTROL  BY  BLOWING  TO  AIR  INLETS  FOR  VSTOL  AIRCRAFT 

by 

I.  McGregor 

Aerodynamics  Department,  Royal  Aircraft  Establishment,  Bedford,  England. 


SUMMARY 

The  use  of  jet  blowing  as  a  means  of  BLC  in  intakes  has  not  received  much  attention,  but  it  appears 
to  have  several  advantages  for  VSTOL  aircraft. 

This  paper  first  reviews  the  principles  involved  and  then  discusses  briefly  two  examples  -  a  two- 
dimensional  inlet  under  static  conditions,  and  a  ducted  lifting-fan  at  low  forward  speed  -  where  the 
method  was  used  to  improve  performance. 

Some  results  of  the  effects  of  slot  blowing  on  the  behaviour  of  the  intakes  of  a  model  of  a  VSTOL 
strike  aircraft  at  subsonic  speeds  are  presented,  and  compared  with  those  obtained  using  a  naturally- 
aspirated  suction  bleed.  It  is  concluded  that  BLC  by  blowing  could  lead  to  a  small  improvement  in  nett 
thrust  and  a  significant  reduction  in  flow  distortion  at  entry  to  the  compressor:  sensitivity  of  intake 
performance  to  incidence  is  also  much  reduced. 
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PRINCIPAL  NOTATION 


area  of  entering  streamtube 

flow  distortion  parameters 
defined  in  section  4.3 

rate  of  mass  flow 
Mach  number 
static  pressure 
total  pressure 
dynamic  pressure 

rate  of  increase  of  pressure  recovery 
for  zero  change  in  nett  thrust 

total  temperature 
velocity 

engine  airflow  parameter 


X  engine  thrust 

a  incidence 

Suffices 

B  suction  bleed 

e  at  edge  of  boundary  layer 

f  mean  value  at  compressor  face 

G  gross 

J  jet  blowing 

N  nett 

t  at  intake  throat 

«  frees tr earn 

*  choking  conditions 

0  without  BLC 


1  INTRODUCTION 

The  primary  task  of  the  intake  in  any  gas-turbine  powered  aircraft  is  to  deliver  an  adequate  supply 
of  air  to  the  engine  with  the  minimum  loss  of  total  pressure  and  distortion  of  the  flow,  with  the  minimum 
external  drag.  At  subsonic  speeds,  these  undesirable  effects  mostly  arise  from  the  viscosity  of  the  air: 
boundary  layers  grow  in  the  duct  between  inlet  and  engine,  flow  separation  can  occur  in  the  duct  and 
around  the  lips  of  the  intake,  secondary  flows  can  develop  if  the  duct  is  excessively  curved,  boundary 

layers  can  be  ingested  from  parts  of  the  aircraft  adjacent  to  the  intake,  and  flow  separation  can  be 

induced  on  these  parts  by  the  adverse  pressure  field  ahead  of  the  inlet  when  it  is  not  running  full.  The 

adverse  effects  of  viscosity  can  be  reduced  by  good  aerodynamic  design,  but  trouble  is  still  likely  to 
occur  under  certain  conditions,  such  as  at  take-off  and  low-speed,  and  at  high  angles  of  incidence.  This 
is  true  of  any  aircraft,  but- the  problem  can  be  particularly  severe  in  VSTOL  machines.  It  may,  therefore, 
be  necessary  to  improve  the  state  of  the  airflow  arriving  at  the  fan  or  compressor  face  of  the  engine. 
There  are  several  possible  methods:  auxiliary  inlets  can  be  used  to  mitigate  the  effects  of  flow 
separation  from  the  lip  of  a  conventional  type  of  inlet  at  zero  or  low  forward  speed,  and  control  of  the 
boundary  layer  may  be  possible  by  suction,  by  vortex  generators,  or  by  the  injection  of  high-pressure 
air.  It  is  with  the  latter  technique  that  this  paper  is  concerned. 

The  principle  of  re-energising  a  turbulent  boundary  layer  by  means  of  a  thin  jet  of  air  discharged 
tangentially  to  the  wall  through  a  slot  has  been  known  for  many  years,  and  numerous  experiments  have  been 

made,  both  in  windtunnels  and  on  full-scale  aeroplanes^.  This  work  has  been  mainly  directed  at  improving 
the  maximum  lift  coefficient  of  wings  by  delaying  boundary-layer  separation  on  trailing-edge  flaps  at 
high  deflection  angles.  In  spite  of  achieving  a  considerable  measure  of  success,  the  method  has  rarely 
been  adopted  on  production  aircraft.  This  is  probably  because  of  the  weight  and  complication  involved 
but,  in  the  much  more  restricted  environment  of  an  intake,  and  with  a  supply  of  high-pressUre  air  avail¬ 
able  nearby,  these  objections  would  seem  to  be  far  less  serious. 

This  paper  first  reviews  the  principles  involved  in  controlling  boundary  layers  by  blowing,  and  then 
discusses  briefly  two  examples  -  a  twodimensional  inlet  under  static  conditions  and  a  ducted  lifting-fan 
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8 t  low  forward  speed  -  where  the  method  was  used  to  improve  performance.  Some  results  obtained  at  RAE 
Bedford  on  the  effects  of  slot  blowing  on  the  behaviour  of  the  intakes  of  a  model  of  a  VSTOL  strike  air¬ 
craft  at  subsonic  speeds  are  then  presented,  and  compared  with  those  obtained  using  a  naturally- 
aspirated  suction  bleed. 

2  PRINCIPLES  OF  BLC  BY  BLOWING 


Consider  the  situation  shown  in  Fig.l,  where  a  thin  jet  of  air  is  injected  tangentially  beneath  a 
turbulent  boundary  layer.  The  excess  momentum  of  the  jet  relative  to  the  freestream  is  raj(uj  “  ue), 

where  m^  is  the  rate  of  air  injection  per  unit  width,  u^  the  injection  velocity  and  ug  the  velocity 
at  the  edge  of  the  boundary  layer.  The  corresponding  momentum  defect  in  the  boundary  layer  is  0pfiu^ 


where  6  is  the  momentum  thickness  and 


the  stream  density.  If  we  make  the  simplest  possible 


assumption,  that  mixing  takes  place  instantaneously  and  without  loss,  then  the  momentum  of  the  boundary 
layer  will  be  fully  restored  when  these  two  quantities  are  equal.  In  fact,  of  course,  mixing  occurs 
gradually  downstream  of  the  blowing  slot  -  the  maximum  velocity  of  the  jet  decreases,  and  a  new  boundary 
layer  forms  underneath  the  jet.  Thus  a  greater  jet  excess  momentum  than  that  just  sufficient  to  counter¬ 
act  the  deficit  in  the  boundary  layer  will  be  required  to  re-energise  the  flow  (ratios  of  the  order  2  to 
2  3 

5  have  been  suggested  *  ),  but  lower  values  have  been  found  adequate  to  delay  or  suppress  separation  in 

4 

an  adverse  pressure  gradient  . 


That  jet  momentum  is  the  most  significant  parameter  is  supported  by  its  successful  use  in  correlating 
the  results  of  blowing  over  trailing-edge  flaps.  However,  this  does  not  mean  that  any  combination  of  jet 
mass  flow  and  velocity  giving  the  same  excess  momentum  will  produce  the  same  velocity  profile  at  the  same 
distance  downstream  of  the  blowing  slot  (Fig. 2).  This  can  be  important  if  the  blowing  slot  is  a 
relatively  short  distance  from  the  engine  face,  as  the  peak  velocity  produced  by  a  narrow,  high-pressure 
jet  may  still  be  greater  than  that  at  the  edge  of  duct-wall  boundary  layer  at  engine  entry,  causing  an 
increase  in  flow  distortion  there. 


Although  a  reduction  in  the  extent  of  the  separated  region  has  been  reported  when  air  is  injected 
downstream  of  separation^,  best  results  are  normally  obtained  when  the  blowing  slot  is  located  upstream 


of  this  point,  Peake  suggests  a  distance  of  six  boundary-layer  thicknesses  ahead  of  a  rapid  rise  in 
pressure  sufficient  to  cause  separation.  If  the  blowing  slot  is  located  too  far  forwards,  the  energy  of 
the  jet  is  dissipated  by  friction  with  the  wall,  and  a  higher  jet  total  pressure  will  be  needed  to 
produce  the  same  effect.  On  the  other  hand,  if  the  slot  is  placed  in  a  region  of  rapidly  rising  pressure, 
flow  reversal  can  occur  in  the  wake  region  between  the  jet  and  boundary  layer  (Fig. 3). 


Theoretical  work  on  the  interaction  of  a  wall  jet  with  a  turbulent  boundary  layer  in  an  adverse 
pressure  gradient  is  not  very  advanced,  and  the  restrictions  that  have  to  be  imposed  in  the  analysis  make 

the  results  difficult  to  apply  in  practice,  Hubbart  and  Bangert^  have  recently  reviewed  the  position, 
but  the  method  of  calculation  they  present  is  only  applied  to  two  limiting  cases  -  a  simple  wall  jet 
(i.e.  one  without  an  initial  boundary  layer)  and  a  flow  in  which  the  initial  boundary  layer  is  just 
separated  and  a  zero  minimum  velocity  persists  in  the  wake  downstream. 


Even  without  air  injection,  the  calculation  of  the  boundary  layer  on  the  walls  of  a  curved  duct,  of 
varying  and  perhaps  non-circular  cross-section,  is  a  quite  formidable  problem.  Consequently,  the  develop¬ 
ment  of  an  efficient  BLC  system  must  rely  largely  on  experiment.  Indeed,  as  applied  to  an  intake,  it 
would  seem  inadvisable  to  define  the  objectives  of  BLC  in  purely  boundary-layer  terms:  what  matters  is  the 
overall  behaviour  of  the  intake-engine  system.  Thus  eliminating  flow  separation  may  not  be  the  best 
criterion,  and  the  optimum  compromise  (taking  into  account  such  factors  as  flow  distortion  and  the  loss  of 
thrust  due  to  bleeding  air  from  the  compressor)  may  be  obtained  at  a  different  rate  of  blowing.  Ideally, 
therefore,  data  on'pressure  recovery  and  flow  distribution  at  the  compressor  face  is  required  for  a 
range  of  slot  heights,  positions  and  blowing  pressure  ratios,  over  a  range  of  intake  operating  conditions, 
before  the  usefulness  of  this  form  of  BLC  can  be  properly  assessed  in  a  particular  installation. 


3  TWO  EXAMPLES  OF  INTAKES  WITH  BLC  BY  BLOWING 

3.1  Gregory^  has  considered  the  design  of  a  family  of  twodimensional  intakes  for  static  conditions,  which 
have  a  uniform  suction  over  the  lip,  followed  by  a  fairly  rapid  rise  in  pressure  in  a  parallel  section 
downstream.  To  avoid  the  possibility  of  separation  in  this  region,  boundary-layer  control  by  blowing  was 
proposed.  Three  models  with  varying  contraction  ratios  were  tested,  and  the  one  that  appears  most  pro¬ 
mising  is  shown  in  Fig, 4.  This  has  a  highlight-to-throat  area  ratio  of  1.17,  and  strikes  a  reasonable 
compromise  between  the  need  for  a  thin  lip  for  efficient  operation  at  high  speeds,  whilst  providing 
sufficient  lip  area  for  a  reasonably  high  flow  rate  to  be  reached  before  limiting  suction  on  the  lip 
occurs  and  the  flow  breaks  away  due  to  inability  to  satisfy  the  momentum  equation.  In  the  latter  event, 
boundary-layer  control  is  of  no  avail  and  other  means,  such  as  doors  that  permit  air  to  be  drawn  directly 
into  the  diffuser,  would  be  necessary  to  increase  pressure  recovery  and  mass  flow. 


Fig* 5  demonstrates  that,  for  a  given  intake  flow,  the  blowing  flow  necessary  to  just  prevent 
separation  depends  on  slot  height,  and  that  with  narrow  slots  the  blowing  pressure  ratio  required  is 
greater.  However,  as  might  be  expected,  the  influence  of  slot  size  is  almost  eliminated  when  the  correlation 
is  made  in  terms  of  blowing  momentum  ratio. 

The  variation  of  pressure  recovery  with  intake  mass  flow  ratio,  m^/m*,  is  shown  in  Fig. 6a,  The 

results  with  blowing  are  maximum  values,  normalised  with  respect  to  the  theoretical  total  pressure  that 
would  prevail  in  the  absence  of  any  viscous  or  mixing  losses  between  the  two  streams.  The  increase  in 
recovery  (defined  in  this  way)  due  to  blowing  is  about  2%,  With  the  largest  slot  height  tested,  the  blow¬ 
ing  pressure  ratio  at  which  maximum  efficiency  of  pressure  recovery  occurred  coincided  with  that  at  which 
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aeparation  was  just  completely  suppressed,  but  with  smaller  slot  sizes  the  corresponding  blowing  pressure 
ratio  tended  to  be  lower,  higher  mixing  losses  outweighing  the  improvement  possible  by  further  reduction 
in  the  extent  of  the  separated  flow  region. 

To  assess  the  effect  on  performance,  it  is  convenient  to  consider  the  actual  pressure  recovery 
F^/Pro  as  a  function  of  m^P^/m*?^,  which  is  directly  related  to  the  ’reduced'  airflow  W  /F/P  normally 

used  to  specify  engine  demand.  Fig. 6b  shows  the  actual  recovery  without  blowing,  and  that  obtained  with 
the  largest  size  slot  at  a  blowing  pressure  ratio  of  2.0.  This  is  about  the  maximum  value  that  may  be 
obtained  from  the  LP  stage  of  a  typical  compressor,  and  is  similar  to  that  required  to  just  suppress 
separation  with  this  particular  slot.  For  a  given  engine  operating  condition,  the  pressure  recovery  would 
be  increased  by  about  3%  for  a  blowing  quantity  equal  to  2. 2-2.4%  of  engine  airflow.  The  analysis  made 
in  section  5  suggests  that  this  would  result  in  an  increase  in  static  thrust  of  about  2.5%. 

3.2  The  second  example  concerns  a  project  study  cf  a  lifting  pod^  containing  five  lightweight,  high- 
bypass-ratio  engines,  vertically  mounted  and  arranged  in  line  astern  (Fig. 7).  The  pod  was  intended  for 
mounting  on  or  beneath  a  wing,  and  the  design  was  based  on  criteria  of  minimum  frontal  area  and  minimum 
spacing  between  the  engines.  This  required  that  the  engines  should  be  as  close  to  the  top  of  the  pod  as 
possible,  with  a  small  intake-lip  radius  (6.25%  of  the  duct  diameter,  highlight-to-throat  area  ratio  ■ 
1.267). 


Preliminary  wind tunnel  tests  on  a  small  model  showed  that  separation  occurred  at  the  front  part  of 
the  lip  of  the  first  intake  at  all  velocity  ratios  except  zero,  causing  poor  flow  distribution  and  a 
significant  loss  in  pressure  recovery.  Further  work  was  therefore  concentrated  on  improving  the 
performance  of  this  intake.  Various  fixed  mechanical  devices  that  were  tried  were  only  effective  over 
parts  of  the  range  of  velocity  ratio,  and  it  was  decided  to  attempt  control  of  the  flow  around  the  lip  by 
air  injection,  using  a  considerably  larger  model  of  the  front  intake  only. 

The  blowing  slot  was  located  on  the  intake  highlight,  as  oil-flow  tests  had  shown  that  separation 
occurred  downstream  of  this  under  all  conditions,  and  it  discharged  a  jet  in  a  direction  initially 
perpendicular  to  the  axis  of  the  intake.  Both  the  height  and  angular  extent  of  the  slot  could  be  varied, 
best  results  being  obtained  when  the  slot  extended  completely  around  the  front  half  of  the  intake. 
Comparative  results  without  blowing  and  with  just  sufficient  blowing  to  eliminate  separation  are  shown 
in  Fig. 8  for  a  velocity  ratio  of  approximately  unity.  The  blowing  flow  was  about  2.2%  of  the  duct  flow, 
and  the  reduction  in  flow  distortion  is  quite  spectacular.  It  was  found  that  for  each  slot  tested  the 
blowing  flow  required  was  directly  proportional  to  freestream  velocity.  Denning  and  Gardiner  concluded 
that,  for  a  typical  installation  with  a  maximum  transition  speed  of  M  «  0.2,  the  blowing  flow  requirement 
would  amount  to  about  0.7%  of  the  maximum  engine  airflow,  with  a  blowing  pressure  ratio  of  around  1.85. 

A  similar,  and  equally  successful,  application  of  BLC  by  slot  blowing  to  the  intake  of  a  lifting 
fan  mounted  in  a  thin  delta  wing  has  recently  been  reported  in  Ref. 9. 

4  TESTS  ON  A  MODEL  OF  A  VSTOL  STRIKE-FIGHTER  WITH  FUSELAGE-SIDE  INTAKES 

4.1  The  model  which  formed  the  subject  of  this  investigation  is  shown  in  Fig. 9.  The  semicircular 
intakes  on  each  side  of  the  fuselage  are  connected  by  short,  highly  curved  ducts  to  a  single,  centrally 
mounted  engine,  the  area  ratio  between  the  intake  throat  and  compressor  face  being  approximately  0.9. 

The  intakes  ingest  the  boundary  layer  from  the  fore  part  of  the  fuselage,  and  the  combination  of 
curvature  and  rising  pressure  produces  on  the  inner  walls  of  the  duct  a  thick  boundary  layer  that  is 
prone  to  separation  and  to  complex  interactions  with  the  boundary  layers  on  the  top  and  bottom  of  the 
duct.  Consequently,  in  the  absence  of  any  form  of  BLC,  intake  losses  tend  to  be  high  and  flow 
distribution  at  the  compressor  face  poor. 

Considerable  work  has  been  done  at  RAE  Bedford  on  the  development  of  a  bleed  system  for  this  intake^- 
At  conditions  corresponding  to  cruising  flight,  a  considerable  improvement  in  pressure  recovery  and  flow 
distribution  was  obtained.  However,  at  conditions  of  high  Mach  number,  high  mass  flow  and  high  incidence, 
the  bleed  (which  was  vented  to  the  top  of  the  fuselage  behind  the  canopy,  and  relied  on  the  difference  in 
static  pressure  between  this  point  and  the  bleed  slot  in  the  duct  wall  for  its  operation)  was  not  very 
effective.  Slot  blowing  was  proposed  as  an  alternative. 

4.2  Four  slot  configurations  were  tested.  The  slots  were  designed  to  produce  an  approximately 
tangential  jet  of  high-pressure  air  on  the  curved  inner  wall  of  the  diffuser.  Two  longitudinal  positions 
'for  the  slots  were  used,  called  for  simplicity  the  'rear*  and  'forward'  positions.  The  'rear'  position 
corresponded  to  that  of  the  suction  bleed  slot.  Three  slot  arrangements  were  tried  in  this  position  - 
slots  the  full  height  of  the  diffuser,  with  nominal  throat  sizes  of  0.5  mm  and  1.0  mm,  and  shorter  slots 
extending  over  the  top  and  bottom  quarter  of  the  diffuser  height,  with  a  nominal  throat  size  of  1  mm. 

The  'forward'  position  was  2.5  mm  behind  the  intake  entry  plane.  Here,  slots  with  a  nominal  throat  size 
of  0.5  mm  and  extending  virtually  the  full  height  of  the  intake  were  used,  the  slots  being  curved  in 
front  view  to  conform  with  the  cross-sectional  shape  of  the  fuselage. 

High-pressure  air  was  supplied  by  a  pipe  which  entered  the  top  of  the  model  just  ahead  of  the 
intakes.  Oil-flow  tests  showed  that  disturbances  in  the  fuselage  boundary  layer  due  to  the  presence  of 
the  pipe  did  not  enter  the  intakes  under  any  conditions. 

A  bleed  was  provided  on  the  forward  part  of  the  fuselage  so  that  the  thickness  of  the  boundary 
layer  on  the  fuselage  side  at  the  intake  entry  was  roughly  the  same,  relative  to  the  height  of  the  intake, 
as  full-scale. 

4.3  The  blowing  pressure  Pj  was  measured  with  a  total  pressure  tube  in  the  supply  pipe  just  upstream 
of  the  model:  the  blowing  mass  flow  m^  was  determined  using  a  British  Standard  orifice  plate.  The 
temperature  of  the  blowing  air  was  always  within  2  to  3  C  of  tunnel  total  temperature. 
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The  pressure  distribution  at  the  compressor-f ace  station  was  measured  with  a  cruciform  pitot  rake, 
the  six  tubes  in  each  arm  being  so  disposed  that  they  governed  annuli  of  equal  area.  The  rake  was 
rotatable  and  was  used  in  six  angular  positions,  giving  144-point  coverage  of  the  compressor  face:  the 
area-mean  total  pressure  is  defined  as  the  average  of  these  144  pressures.  Static  pressures  were 

measured  at  eight  points  around  the  periphery  of  the  compressor  face,  and  the  mean  static  pressure  p^ 
has  been  taken  as  the  average  of  these. 


Flow  through  the  intakes  was  controlled  by  a  movable  exit  plug,  some  distance  downstream  of  the 
measuring  station.  The  total  mass  flow  m^  at  the  compressor  face  was  computed  from 


i —  A  c  144 
&  £  - 


l  p4 


where  R  °  gas  constant 

y  =  ratio  of  specific  heats 
T  ■  tunnel  total  temperature 
A^  ■  area  of  compressor  face 

The  mass  flow  of  air  entering  the  intake  is 

A«o 

^  =  <m£  -  mjl 


JRT  144  1  1  (1  ♦  0.2M2)3  ' 

1 

=  pitot  pressure  at  ith  tube 
M.  *  local  Mach  number  calculated  from  P.  and  p- 


"  mj»  and  the  intake  mass  flow  ratio  is  defined  as 


P.AM, 


RT  (1  +  0.2M2)3 


}  ■ 


where  At  is  the  intake  throat  area. 

Two  measures  have  been  used  to  describe  flow  distortion.  The  first  is  the  parameter  DC,.-, 

oU 

originated  by  Rolls-Royce,  which  is  defined  as 


DC 


60 


-  (P 


60 


Pf)/q£ 


where  P^  is  the  mean  total  pressure  in  the  worst  60°  sector  and  q^  the  mean  dynamic  pressure  at  the 
compressor  face  (calculated,  here,  from  Pf  and  pf).  Quantitatively,  this  is  mainly  of  value  in  pre¬ 
dicting  the  likelihood  of  engine  surge  at  high  mass  flows,  but  it  is  also  useful  for  comparing 
distributions  at  lower  flow  rates.  However,  it  is  insensitive  to  even  quite  large  distortions  if  they 
are  very  localised  in  extent,  and  an  alternative  parameter  is  needed  to  detect  these.  There  are 
effectively  six  rings  of  pitot  tubes  at  the  compressor  face,  and  the  pressure  is  measured  at  24-points 

around  each  ring.  The  quantity  (V  -  V  .  )/V.  is  evaluated  for  each  ring:  DV  is  the  greatest  of 

max  min  r  max 

these.  Physically,  DVmax  may  interpreted  as  the  greatest  variation  in  inflow  velocity  experienced 
at  any  point  along  a  compressor  blade  during  one  revolution. 

4.4  The  model  was  sting-mounted  in  the  transonic  working  section  of  the  3ft  *  3ft  tunnel  at  RAE  Bedford. 
The  majority  of  the  tests  were  made  at  a  single  Mach  number  of  0.85,  as  earlier  work  had  shown  that  the 
general  character  of  the  intake  flow  did  not  vary  greatly  over  the  speed  range,  but  some  tests  were  also 
made  with  the  0.5  mm  blowing  slots  at  =  0.5,  0.7  and  0.95.  The  Reynolds  number,  based  on  entry  height, 

was  1.5  x  10^. 

During  a  test,  the  blowing  pressure  was  held  constant  and  the  intake  mass  flow  varied.  Fig. 10  is 
typical  of  the  results  obtained  at  =  0.85.  The  shape  of  the  pressure  recovery  -  mass  flow  curve  is 

characteristic  of  an  intake  ingesting  the  boundary  layer  from  a  surface  ahead  of  it,  and  is  determined 

by  two  distinct  factors^.  At  high  mass  flows,  the  pressure  recovery  falls  due  to  increasing  viscous 
losses  in  the  duct,  but  with  reducing  mass  flow  the  adverse  pressure  field  that  develops  ahead  of  the 
intake  first  thickens  and,  finally,  the  external  boundary  layer  separates,  causing  a  rapid  drop  in 
recovery  and  increase  in  flow  distortion.  At  this  Mach  number,  pre-entry  separation  occurs  at  a  mass 
flow  ratio  of  about  0.65.  Slot  blowing  inside  the  intake  cannot  be  expected  to  have  any  effect  on  pre¬ 
entry  separation,  and  the  general  variation  of  pressure  recovery  with  mass. flow  is  similar  with  and  with¬ 
out  blowing.  For  a  given  blowing  pressure,  the  increase  in  pressure  recovery  is  almost  constant  between 
mass  flow  ratios  of  about  0.7  to  0.9,  falling  slightly  at  higher  or  lower  flow  rates.  The  increase  in 
pressure  recovery  with  blowing  is  due  partly  to  improving  the  flow  in  the  duct  and  partly  to  the  excess 
pressure  of  the  blowing  air,  but  it  is  a  rather  difficult  problem  to  apportion  the  increases  between 
these  two  causes.  From  a  practical  point  of  view  it  is  the  actual  pressure  recovery  that  matters,  as 
this  determines  engine  thrust. 

Slot  blowing  also  produces  a  considerable  reduction  in  flow  distortion,  as  exemplified  by  the  DC^ 

parameter.  As  with  pressure  recovery,  the  greatest  improvement  occurs  between  mass  flow  ratios  of 
roughly  0.7  to  0.9. 

Further  discussion  of  the  results  is  simplified  by  considering  intake  performance  under  two  con¬ 
ditions  of  operation.  The  first  approximates  to  'cruise'  conditions,  and  is  (A^/A^)  =  0.80,  a  ®  4.5°. 

At  this  incidence  the  intake  is  most  nearly  aligned  with  the  local  flow  direction  and  pressure  recovery 
is  at  a  maximum.  The  second  condition  approximates  to  maximum  engine  demand,  and  is  (A  / A  )  *  0.90, 

M  *  0.85. 
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4.5  Fig. 11  summarises  the  results  at  'cruise'  conditions  at  *  0.85.  The  differences  in  blowing 

mass  flow  ratio  for  the  three  slot  configurations  tested  in  the  rear  position  are  greater  than  would  be 
expected  from  the  nominal  differences  in  dimensions,  but  manufacturing  tolerances  are  likely  to  be 
responsible  -  it  is  extremely  difficult  to  make  a  slot  of  this  length  with  a  variation  in  throat  height 
of  less  than  0.05  mm,  or  10%  of  the  nominal  height  of  the  narrowest  slot. 

The  pressure  recovery  grows  steadily  with  increasing  values  of  P^/P^,  the  1  mm  slot  naturally 

showing  the  roost  rapid  rise.  Judged  in  terms  of  increase  in  recovery  for  mass  injected,  the  0.5  nun  slot 
in  the  rear  position  appears  to  be  the  most  effective  arrangement.  However,  the  most  interesting  feature 
of  the  results  concerns  flow  distortion.  Whereas  DC._  decreases  continuously  with  P_/P  ,  the  value 

of  DVmax  f°r  the  three  full-height  slots  has  a  minimum  at  a  bloving  pressure  ratio  of  about  1,5  (slots 
in  the  rear  position)  or  1.6  (forward  position).  For  values  of  P^/P^  greater  than  this  optimum,  the 

peak  total  pressure  in  the  jet  layer  at  the  compressor  face  is  higher  than  freestream,  resulting  in  a 
localised  increase  in  distortion. 

Similar  behaviour  was  found  at  other  Mach  numbers,  and  Fig. 12  shows  this  optimum  blowing  pressure 
ratio  for  the  0.5  mm  slots  in  the  rear  and  forward  positions,  together  with  the  intake  performances 
under  these  conditions.  The  optimum  value  of  Pj/Pro  increases  with  M^,  and  is  0.1  to  0.2  higher  for 

the  forward  slot  -  due  mainly  to  the  greater  distance  and  consequently  greater  frictional  losses 
between  the  slot  and  measuring  station  -  but  differences  in  the  other  quantities  are,  in  general,  little 
greater  than  the  experimental  error.  It  is  interesting  that  the  blowing  flow  required,  about  2.5%,  is 
constant  over  the  Mach  number  range.  Compared  with  the  suction  bleed  (with  s  0.05),  blowing  at 

the  optimum  pressure  ratio  with  the  0.5  mm  slots  gives  an  almost  identical  pressure  recovery  between 
M'  .«  0,65  and  0,90,  but  a  significantly  lower  value  of  DC.  . 

00  oO 

Pressure  recovery  and  flow  distortion  with  the  0.5  and  1.0  mm  slots  in  the  rear  position  are 

shown  in  Fig. 13  as  functions  of  the  excess  momentum  ratio  of  the  jet,  m  (u  -  u  )/ (m_  -  mT)V  .  The 

J  J  e  f  J  00 

velocity  u^  was  calculated  from  P^  and  the  static  pressure  p^  on  the  duct  wall  immediately  upstream 
of  the  blowing  slot,  and  the  jet  velocity  u^  was  calculated  from  and  both  streams  were 

assumed  to  be  at  the  same  total  temperature.  Use  of  this  parameter  correlates  the  DCg^  values  very 
well  and  also  (reasonably  successfully)  the  values  of  DVmax  f°r  blowing  pressure  ratios  below  the 
optimum,  where  is  decreasing  with  increasing  P^/P^.  However,  the  pressure  recovery  does  not 

appear  to  be  a  function  solely  of  the  excess  momentum,  but  depends  on  slot  size  as  well. 

4.6  Considering  now  the  performance  at  a  mass  flow  ratio  of  0.90,  Fig. 14  shows  the  variation  of  the 
distortion  parameters  with  P^/P^  for  the  0,5  mm  blowing  slot  in  the  rear  position.  The  distortions 

at  incidences  of  -2.5°  and  10.5°  are  greater  than  at  4.5°,  but  it  is  noteworthy  that  the  much  higher 

value  of  -DC..,  at  -2.5°  is  not  reflected  in  a  correspondingly  higher  value  of  DV  :  this  emphasises 
ou  max 

the  desirability  of  using  more  than  one  parameter  to  describe  flow  distortion.  At  all  incidences, 

DV^x  has  a  minimura  value  at  a  blowing  pressure  ratio  of  1.5  to  1.6,  although  the  minimum  is  not  so 

well-defined  as  at  the  lower  mass  flow  ratio. 


The  variation  of  pressure  recovery  and  incidence  at  a  bloving  pressure  ratio  of  1.5  is 

shown  in  Fig. 15  for  the  various  slot  arrangements.  The  increment  in  pressure  recovery  and  decrement  in 

DC..-  with  slot  blowing  are  nearly  constant  over  the  incidence  range,  whereas  the  effectiveness  of 
60 

the  suction  bleed  declines  rapidly  at  incidences  away  from  4.5  ,  The  improvement  in  flow  distribution 
at  the  compressor  face  at  a  ■  10.5°  is  clearly  demonstrated  in  Fig.i6. 


5  EFFECT  ON  PERFORMANCE 


5.1  A  detailed  analysis  of  the  effects  on  engine  performance  of  applying  BLC  to  the  intake  is  outside 
the  scope  of  this  paper,  and  would  have  to  take  account  of  the  changes  in  flow  distribution  as  well  as 
in  the  mean  values  of  the  parameters.  However,  an  indication  of  the  improvement  possible  may  be  obtained 
quite  simply,  and  in  such  a  way  that  the  relative  merits  of  BLC  by  blowing  into,  or  bleeding  from,  the 
intake  duct  can  be  compared.  It  will  be  assumed  that  the  engine  is  operating  at  constant  speed,  so  that 

the  reduced  airflow  V  y'T/P  is  constant.  With  a  blowing  system  taking  air  directly  from  the  compressor, 
the  injected  air  will  be  at  a  slightly  higher  total  temperature  than  freestream,  but  if  this  is  ignored 
it  follows  that  m^/  is  constant.  Therefore  any  change  A^/P^)  in  recovery  must  be 

accompanied  by  a  corresponding  change  Am^  in  the  mass  flow  entering  the  engine,  such  that 


4(Vp-> 

(P£/P->0 


suffix  0  referring  to  conditions  without  BLC. 


If  a  mass  flow  m^  is  bled  from  the  compressor  and  injected  back  into  the  intake,  the  gross  thrust 
is  given  by 
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and  if  engine  speed  is  constant,  the  mass  flow  of  air  entering  the  intake  from  upstream  is 
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Thus  the  nett  thrust  will  be 
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compared  with  the  value  X  -mV  without  blowing.  Therefore  the  change  in  nett  thrust  is 
G0  t0  * 


iXN 


3xr  3xr  f  A<VPJ  •> 

3(pf/p„)  A(VP»)  "  3^  nJ  "  [\  (P£/p„)Q  "  mJ  J 


The  rate  of  increase  of  pressure  recovery  with  rate  of  blowing  to  just  make  good  the  loss  of  thrust  due 
to  bleeding  air  from  the  compressor  is  therefore 
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If  a  mass  flow  mfi  is  bled  from  the  duct  walls  and  discharged  with  negligible  momentum  in  the  streamwise 

direction,  a  similar  argument  shows  that  the  rate  of  increase  in  recovery  with  bleed  flow  for  the 
increase  in  thrust  to  just  balance  the  drag  of  the  bleed  is 


A(Pf/PJ 

RB  *  (m  /m  ) 
B  f0 


m  V 
f0  ’ 
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The  variation  of  R  and  R  with  Mach  number  for  a  typical  engine  under  maximum  continuous 

J  D 

rating  conditions  at  sea  level  is  shown  in  Fig, 17.  The  curve  for  R^  is  extended  down  to  =  0,  but 

in  practice  there  would  be  insufficient  pressure  difference  for  a  naturally-aspirated  bleed  system  to 
work  below  a  Mach  number  of  about  0.6,  and  it  would  probably  be  necessary  to  incorporate  some  form  of 
control  to  prevent  air  being  inadvertently  drawn  into  the  intake  from  the  bleed  under  these  conditions. 

The  factor  R  has  a  nearly  constant  value  between  0.5  and  0.6,  and  is  less  than  R  for  M  >0.9. 

J  ‘  B 

For  each  per  cent  change  in  pressure  recovery  from  the  'break-even'  value  Rt(m_/m  )  or  R0(m  /m  ) 

J  J  fQ  B  B  f0 

there  will  be  a  change  in  nett  thrust  of,  typically,  1.5  to  1.7%  at  subsonic  speeds. 

5.2  Fig. 18  shows,  for  the  model  described  in  the  previous  section,  the  increment  in  pressure  recovery 
at  =  0.85,  a  =  4.5°,  as  a  function  of  blowing  mass  flow  ratio.  To  accord  with  the  assumption  of 
constant  engine  speed,  the  increments  were  evaluated  at  a  constant  value  of  m^/P^,  equal  to  that  at 
A^/A^  =0.90  without  blowing.  Of  the  various  arrangements  tested,  the  0.:  nan  slot  in  the  rear  position 

gives  the  greatest  nett  thrust,  but  in  view  of  the  quite  large  difference  between  the  0.5  and  1.0  mm 
slots,  this  is  not  necessarily  the  best  possible  configuration.  A  slot  somewhat  smaller  than  0.5  hi 
may  perhaps  give  a  superior  thrust,  but  this  must  be  balanced  against  the  greater  reduction  in  flow 
distortion  possible  with  a  larger  slot.  Due,  presumably,  to  the  complicated  nature  of  the  flow  in  the 
duct,  there  does  not  appear  to  be  a  unique  slot  size  and  location  that  will  give  both  maximum  thrust  and 
minimum  distortion:  this  might  have  been  expected  if  the  function  of  the  blowing  jet  was  just  to 
eliminate  flow  separation. 


Compared  with  slot  blowing,  the  performance  of  the  intake  with  a  suction  bleed  appears  distinctly 
inferior.  Since  a  constant  value  of  m^/P^  is  assumed,  this  is  due,  in  small  part,  to  the  intake 

operating  at  about  a  7%  higher  mass  flow  ratio.  This  could,  however,  be  off-set  to  some  extent  by  a 
reduction  in  spillage  drag.  At  a  blowing  pressure  ratio  of  1.5,  the  0.5  mm  blowing  slot  would  give  an 
increase  in  thrust  of  just  over  2%  and  some  improvement  in  flow  distortion  compared  with  the  suction 
bleed:  the  1  mra  slot  would  give  an  increase  in  thrust  approaching  1%  and  a  large  decrease  in  distortion. 
These  benefits  would  be  even  more  pronounced  at  higher  incidences. 


6  CONCLUSIONS 


Three  examples  of  the  application  of  BLC  by  blowing  are  discussed  in  this  paper  -  an  intake  under 
static  conditions,  a  lifting  fan  at  low  forward  speed,  and  a  fuselage-side  intake  at  high-subsonic  speed. 
They  clearly  demonstrate  its  versatility  and  effectiveness  in  improving  intake  performance,  and,  in  the 
two  latter  examples,  its  superiority  over  other  forms  of  BLC. 

The  blowing  mass  flow  required  is  quite  modest  and  the  blowing  pressure  is  well  within  the  capacity 
of  the  LP  stage  of  the  average  compressor.  A  simple  method  for  estimating  the  overall  change  in  nett 
thrust  is  described. 
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In  particular,  adoption  of  a  slot  blowing  system  in  place  of  the  suction  bleed  in  the  intakes  of 
the  VSTOL  strike  aircraft  could  lead  to  an  increase  in  maximum  thrust  of  1  to  27.  and  a  considerably  lower 
level  of  flow  distortion  at  entry  to  the  compressor:  the  variation  of  intake  performance  with  incidence 
would  also  be  much  reduced. 
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Fig, 5  Jet  blowing  required  to  suppress  separation  under  static  conditions 
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Fig.  6  Effect  of  jet  blowing  on  pressure  recovery  under  static  conditions 

(Ref  7) 


Fig. 7  Design  of  a  pod  with  5  lifting  engines  (Ref  0) 


Fig.  8  Effect  of  jet  blowing  on  flow  distribution  in  leading  intake  (Ref  8) 
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Fig.  10  Intake  performance  with  0-5mm  blowing  slot, 
rear  position.  =  0*85  oc  =4-5° 
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Fig.  II  Effect  of  slot  size ,  position  and  blowing  pressure  ratio  on 
intake  performance.  Mm  =  0-85,  oc  =  4-5°,  A^j /A t  =  0-80 
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Fig.12  Blowing  condition  to  produce  lowest  velocity  distortion  and 
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q  Without  BLC  b  With  suction  bleed,  c  With  0-5 mm  blowing  slot, 

mg  /rrtf  =0-045  Pj  /  P00=  1*50  ,  mj/mf=  0-023 

Fig. 16  Contours  of  constant  y/Vf  at  compressor  face,  A^/At  —  0-92, 

Hco=  0- 85  ,  *=  +  10-5° 


Fig.  17  Rate  of  increase  of  pressure 
recovery  with  blowing  or  bleed  flow 
for  zero  change  in  nett  thrust. 
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Fig.18  Increase  in  pressure 
recovery  with  biowing  or 
bleed  flow  at  approx  maximum 
continuous  rating  conditions. 
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SOME  ASPECTS  OF  PROPULSION  FOR  THE 
AUGMENTOR-WING  CONCEPT 

by 

D.C.  Whittley 
Deputy  Director  -  Research 
The  De  Havilland  Aircraft  of  Canada,  Limited 
Downs  view,  Ontario,  Canada 


SUMMARY 


Many  modern  concepts  for  STOL  and  V/STOL  aircraft  rely  on  integration  of  the  propulsion 
system  with  the  wing  to  create  favourable  lift  interactions  and  therefore  they  have  become  known  as 
"powered-lift"  concepts,  A  study  of  powered-lift  concerns  the  management  and  control  of  the  various 
propulsive  streams  or  jets,  with  each  concept  having  its  own  particular  objectives  and  requirements. 

This  paper  describes  some  specific  objectives  of  this  kind  which  relate  to  the  Augment  or -Wing. 

Consideration  is  given  to  three  aspects  of  the  subject,  namely:  the  augmentor  flap  itself, 
the  wing  ducting  and  augmentor  primary  nozzle  and  the  choice  of  powerplant  or  engine  cycle.  More  gen¬ 
erally,  comments  are  made  regarding  noise  attenuation  and  the  prospect  for  achieving  a  low  overall 
noise  level  for  jet-STOL  aircraft  of  the  future. 

INTRODUCTION 

Previous  papers  (references  1  and  2)  have  described  how  small  scale  tests  of  the  augmentor 
flap  led  to  the  design  and  construction  of  a  large  42  foot  span  straight  wing  model  for  tests  in  the  NASA 
Ames  40'  x  80*  wind  tunnel.  (Figure  1.)  These  early  tests  placed  emphasis  on  performance  and  longitu¬ 
dinal  stability  and  control.  Subsequently,  tests  have  been  directed  toward  investigation  of  lateral  stabi¬ 
lity  and  control  and  toward  aerodynamic  interference  due  to  vectored  propulsive  thrust  and  to  the  addi¬ 
tion  of  pylon  and  nacelles  to  the  model.  (Figure  2. )  A  parallel  program  on  one  of  the  large  moving  base 
flight  simulators  at  the  Ames  Research  Center  was  carried  out  to  study  stability  and  control  and  handling 
qualities  of  a  projected  flight  research  aircraft,  (Figure  3.)  These  extensions  to  the  original  program 
provided  the  technical  foundation  for  flight  research  experiments  and  have  resulted  in  a  joint  USA/Canada 
program  to  incorporate  the  Augmentor -Wing  concept  in  a  de  Havilland  Buffalo  airframe  using  two  Rolls- 
Royce  Spey  turbo-fan  engines.  (Figure  4.)  The  Boeing  Company  is  the  airframe  contractor  for  NASA  in 
this  flight  program  with  de  Havilland  under  contract  to  the  Canadian  Department  of  Industry  for  provision 
of  the  powerplant  and  nacelle  assembly.  Thus,  following  a  period  of  nearly  five  years'  research  on  the 
large  straight  wing  model,  sufficient  confidence  has  been  gained  to  justify  flight  experiments  with  a 
straight  wing.  The  need  to  extend  research  to  swept  wings  was  realized  early  in  1966  and  long  term 
plans  were  made  in  Canada  to  build  a  swept  wing  to  fit  on  the  same  fuselage  and  use  the  same  compressed 
air  unit  as  for  the  large  straight  v/ing  model.  (Figure  5.)  Agreement  was  eventually  reached  and  the 
swept  wing  has  now  been  built  and  has  undergone  one  test  series  early  this  year  in  the  Ames  40'  x  80'  wind 
tunnel.  The  straight  wing  has  a  thickness /chord  ratio  of  .  16  whereas  the  new  swept  wing  has  a  thickness/ 
chord  ratio  which  varies  from  0, 125  at  the  root  to  0. 105  at  the  tip,  and  therefore  is  more  representative 
of  a  modern  high  speed  subsonic  transport  aircraft.  Both  wings  have  an  aspect  ratio  of  eight  approximately. 

This  paper  describes  some  of  the  small  scale  tests  and  b-.ckground  work  which  has  been  under¬ 
taken  in  Canada  to  ensure  success  of  the  large  scale  model  tests  in  the  NASA  Ames  40'  x  80'  wind  tunnel. 
This  work  dealt  mostly  with  internal  aerodynamics  and  development  of  the  augmentor  flap.  Also  some 
comments  are  made  regarding  the  special  requirements  and  constraints  which  an  internal  blowing  concept, 
such  as  the  Augmentor -Wing,  places  on  the  choice  of  powerplant. 

THE  AUGMENTOR  FLAP 

In  Canada,  the  first  suggestion  for  a  powered  spanwise  slot  in  the  wing  was  made  by  T.  Higgins 
in  I960.  The  concept  had  three  or  four  spanwise  slots  located  in  a  multi-spar  wing  and  was  powered  by  the 
primary  exhaust  gas  of  a  turbo-jet  engine.  (Reference  1.)  This  idea  was  modified  and  much  simplified  by 
the  author  to  just  a  single  slot  located  behind  a  conventional  wing  box  and  powered  by  the  relatively  cold 
by-pass  air  from  a  turbo-fan  engine  and  this,  together  with  the  engine  off-take  and  ducting  arrangement, 
has  become  the  Augmentor -Wing  concept  as  we  know  it  today.  Optimization  of  the  ejector  has  been 
carried  out  by  D.  B.  Garland  and  the  idea  for  a  slot  in  the  upper  flap  element  to  provide  boundary  layer 
control  by  suction  is  due  to  J.E,  Farbridge. 

In  the  following,  consideration  is  given  to  the  reasons  for  choice  of  an  augmentor  flap,  the 
objectives  from  a  design  point  of  view  and  the  performance  of  the  flap  as  a  propulsion  device. 

Many  of  the  reasons  for  choice  of  the  augmentor  flap  relate  to  its  aerodynamic  characteristics. 
These  have  been  described  in  some  detail  in  a  recent  paper  (reference  3).  In  particular,  it  has  been 
shown  that  the  suction  pressure  set  up  by  induction  of  secondary  air  into  the  flap  provides  a  powerful  mid¬ 
chord  control  and  that  this  leads  to  satisfactory  stalling  characteristics  of  the  wing,  whether  straight  or 
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swept,  at  quite  high  values  of  lift  coefficient.  However,  not  all  of  the  advantages  relate  to  the  aerodyna¬ 
mics  of  the  wing,  some,  in  fact,  relate  to  the  augmentor  flap  as  a  device  for  propulsion. 

One  of  the  earliest  ideas  for  powered  lift  relates  to  blowing  over  a  plain  flap  and  using  the 
minimum  of  air  so  that  the  flow  just  remains  attached.  Air  for  blowing  the  flap  is  obtained  by  bleeding 
the  compressor  of  a  turbo-jet  or  turbo-fan  engine.  It  now  appears  that  the  level  of  lift  which  can  be 
obtained  in  this  way  is  not  very  much  greater  than  available  from  a  highly  developed  mechanical  flap  and 
that  thrust  for  take-off  is  degraded  by  bleeding  the  compressor.  .The  Augmentor -Wing  concept  represents 
an  attempt  to  overcome  these  two  objections:  firstly,  sufficient  air  is  ducted  to  the  flap  so  that  it  operates 
in  the  region  of  super  circulation  and  therefore  generates  substantially  more  lift  than  that  available  from  a 
mechanical  or  nBLCn  flap  and  also,  CL^ax  now  becomes  speed  dependent,  and  therefore,  a  wider  stall 
margin  can  be  achieved.  Secondly,  by-pass  air  is  used  to  power  the. flap  so  that  thrust  degradation  due  to 
compressor  bleed  is  avoided,  also  the  degree  of  thrust  augmentation  achieved  is  sufficient  to  more  than 
offset  the  duct  loss  and  therefore,  the  previous  trend  toward  degradation  of  thrust  is  reversed. 

For  take-off,  at  moderate  flap  angles  (say,  less  than  50°),  the  principle  of  thrust  recovery 
holds  true  for  a  deflected  jet  sheet  so  that  the  propulsive  thrust  advantage  is  maintained  even  though  the 
jet  is  deflected.  For  landing,  the  augmentor  flap  provides  a  very  positive  means  of  thrust  deflection 
through  the  large  angles  which  are  required  to  achieve  a  steep  descent  gradient. 

Design  and  Optimization  of  Augmentor  Flap  Geometry.  Design  of  the  flap  takes  place  within  fairly  well 
defined  limits.  To  retain  a  reasonable  wing  box  for  torsional  stiffness,  the  rear  spar  is  located  at  about 
mid-chord  therefore  the  ducting  and  flap  (when  stowed)  must  be  housed  within  the  remaining  wing  contour. 
The  thickness  of  wing  nozzle  "t11  is  established  by  the  desired  thrust  in  the  wing  (about  35%  of  total)  and 
by  the  corresponding  pressure  ratio  (between  2  and  3).  In  order  to  achieve  a  reasonable  augmentation  of 
thrust  the  throat  width  of  the  ejector  should  be  at  least  twelve  "tn  and,  to  establish  good  mixing,  the 
length  to  width  of  the  ejector  should  be  at  least  five.  The  radius  of  the  Coanda  surface  should  be  as  large 
as  possible  (consonant  with  other  geometric  requirements)  so  as  to  give  a  wide  operating  range  of  flap 
angle. 


These  constraints  largely  define  the  augmentor  flap  geometry  and  the  chosen  design  is  obtain¬ 
ed  by  iteration  using  a. drafting  layout.  There  remains  one  important  factor,  namely,  the  choice  of  loca¬ 
tion  of  the  Coanda  surface  relative  to  the  nozzle. 


By  experience  it  has  been  found  desirable  to  direct  the  jet  downward  fifteen  degrees  relative 
to  the  chord  line.  In  earlier  designs  the  Coanda  surface  was  isolated  from  the  main  lower  flap  element 
(Figure  6)  and,  by  a  small  rotation  of  the  Coanda  surface  relative  to  the  flap,  a  position  could  be  found 
which  was  optimum  for  augmentation  of  thrust  -  the  objective  being  to  adjust  the  geometry  so  as  to 
arrange  for  the  velocity  profile  at  exit  to  have  a  peak  close  to  the  centre  of  the  passage.  Subsequently  it 
was  determined  that  this  secondary  slot  in  the  lower  surface  could  be  eliminated  and  a  new  position 
found  for  the  flap  (relative  to  the  nozzle)  which  gave  comparable  results. 


The  optimum  position  for  the  flap  is  found  experimentally  for  a  range  of  flap  angles  (typical¬ 
ly  30°  to  80°)  by  systematic  testing  within  a  geometric  grid.  It  has  been  found  by  experience  that  perform¬ 
ance  of  the  flap  depends  upon  the  magnitude  of  the  "jump’1  which  the  jet  takes  as  it  turns  and  attaches 
itself  to  the  Coanda  surface.  This  jump  distance  is  defined  by  the  parameters  "z"  and  "lz"  where  the 
distance  "z"  is  a  measure  of  the  gap  and  "lz"  Is  a  measure  of  the  horizontal  displacement  of  the  Coanda 
surface  relative  to  the  nozzle. 

Contour  plots  are  made  of  constant  augmentation  on  graphs  of  z  vs  lz  showing  departure  from 
optimum  for  each  flap  angle,  an  example  of  which  is  shown  in  Figure  7.  Finally,  a  single  pivot  point  is 
chosen  which  locates  the  flap  close  to  its  optimum  position  over  the  range  of  flap  angles  chosen. 

Performance  of  the  augmentor  is  defined  in  terms  of  net  augmentation  ratio  ySg,  where 

A  _  _ Measured  thrust _ 

'  3  Is  entropicT thrust  supplied  to  the  pipe 

Within  the  geometric  confines  and  requirements  for  an  augmentor  flap,  the  value  of  appear 
to  lie  in  the  range  1.  3  to  1.  6. 


Effects  of  Forward  Speed. 

-  Optimization.  The  procedures  for  optimization  outlined  in  the  previous  section  relate  to 
static  tests.  Clearly  it  is  considerably  more  difficult  to  carry  out  such  an  optimization  in  the  wind  tunnel 
because  for  one  reason,  the  detailed  performance  of  the  ejector  tends  to  become  masked  by  the  aerodyna¬ 
mic  loads  generated  by  the  wing.  In  general,  it  has  been  found  that  a  deflected  flap,  chosen  on  the  basis 
of  static  tests,  also  gives  best  performance  in  the  wind  tunnel  at  values  of  blowing  coefficient  appropriate 
to  take-off  and  landing. 

-  Experimental  Performance.  At  first  sight  it  would  seem  that  the  effect  of  speed  on  perform¬ 
ance  of  the  augmentor  flap  could  be  deduced  from  pressure  surveys  at  the  exit  plane.  Whereas  this  is  pos¬ 
sible,  in  practice  it  becomes  very  tedious  and  time  consuming  because  of  the  variation  in  exit  distribution 
from  point  to  point  along  the  span.  However,  by  careful  analysis  of  force  data,  some  understanding  of 
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performance  has  been  obtained  from  various  wind  tunnel  model  tests. 

There  are  two  questions  of  fundamental  interest.  How  does  the  augmentation  ratio  of  the  ejector 
vary  with  forward  speed?  and,  to  what  extent  does  the  thrust  recovery  hypothesis  apply  to  the  rather  thick 
deflected  jet  sheet  which  issues  from  the  augmentor  flap? 

Consider  a  wing  blown  with  a  jet  strength  defined  by  the  coefficient  Cjj  which  is  based  on  the 
isentropic  thrust  supplied  to  the  wing  nozzle.  Statically  the  flap  generates  a  thrust  corresponding  to 
00  CJj  where  0S  is  the  net  static  augmentation  ratio  which  takes  into  accountbothnozzle  loss  and  ejector 
gain.  Two  multiplying  factors  are  introduced,  one  which  is  a  measure  of  the  loss  in  thrust  with  forward 
velocity  due  to  the  fundamental  characteristic  of  the  ejector  (Ky)  and  one  which  is  a  measure  of  the  depart¬ 
ure  from  a  performance  corresponding  to  full  thrust  recovery  {Kr).  Normally  Kr  would  not  be  less  than 
cos  Sf  *  where  Sp  is  the  angle  of  flap  deflection. 

Thus  the  thrust  experienced  in  the  wind  tunnel  would  correspond  to  Ct  -  Ky  Kr  0s  Cjj  when 
expressed  in  coefficient  form.  The  highest  value  of  Ct  would  result  with  full  thrust  recovery  (Kr  =  1) 
and  no  loss  of  ejector  performance  with  velocity  (Ky  =  1)  giving  C-p  =  0s  Cjj.  The  lowest  expectation 
might  correspond  to  complete  loss  of  augmentation  (Ky  =  1/0S)  and  a  recovery  factor  Kr  =  cos  Sf  giving 
Cp  =  Cjj  cos  8P  ,  Assuming  0s  =  1. 3  and  8P  =  50°,  then  the  ratio  of  the  maximum  to  minimum  values  of 
Ct  would  be  0s  :  cos  6?  =1.3:0,  64.  It  is  quite  possible  to  detect  differences  of  this  order  of  magnitude 
by  analysis  of  wind  tunnel  test  data  especially  since  experimental  values  of  Cjj  of  interest  may  reach  as 
high  as  2:5,  However,  the  accuracy  of  the  method  maybe  open  to  some  criticism. 


Ky  Kr  0s  Cjj 

The  wind  tunnel  data  is  plotted  in  the  form  Cd  vs  and  the  intercepts  at  =  0  are  plotted 
versus  Cjj.  The  slope  of  this  curve  gives  an  experimental  value  of  Ky  Kr  $s.  This  process  requires  extra¬ 
polation  of  the  Cd  vs  Cl^  to  zero  Cl  which  introduces  some  loss  in  accuracy.  Alternatively,  cross  plots 
can  be  made  at  fairly  high  CL  (say  3  or  4)  and  thereby  avoid  the  extrapolation.  This  latter  process  is  justi¬ 
fied  in  the  belief  that  the  value  of  "r"  in  the  expression  for  induced  drag  is  small  (as  suggested  in  reference 
4),  and  much  less  than  the  value  of  two  given  by  Spence, 

A  typical  plot  using  the  intercepts  at  Cl  =  0  is  shown  in  Figure  8  and  is  taken  from  tests  of  a 
quast-2D  model  in  the  6'  x  9'  tunnel  at  the  National  Aeronautical  Establishment,  Ottawa,  The  particular 
configuration  shown  has  a  value  of  0S  =  1, 30  whereas  the  factor  Ky  Kr  0s  is  shown  to  be  1.21,  Thus 
Ky  Kr  =  0.93  but  it  is  not  possible  to  determine  whether  the  departure  from  ideal  performance 
(Ky  «  Kr  »  1)  is  due  to  a  reduction  in  Ky  or  Kr  or  a  combination  of  both. 

Results  from  the  same  model  show  that  lift  and  drag  data  collapse  using  Cjj  as  parameter  over 
the  likely  range  of  speed  and  blowing  coefficients  appropriate  to  operation  in  the  STOL  mode.  (Figure  9.) 

A  possible  reason  for  the  invariance  of  drag  coefficient  with  speed  (at  constant  Cjj)  is  given  in  the  following 
section. 


An  expression  for  thrust  and  drag  is  written  as  follows: 


Cd-T  =  CD  -  CT  =  CD0  +  , 


CL‘ 


crrA  +  r  Cj 


-  Theory.  Much  work  has  been  carried  out  on  ejector  theory  but  it  would  appear  to  be  of  limited 
value  to  the  designer  (see  conclusion  one  of  reference  5).  A  theory  has  been  developed  by  the  author  for  use 
at  de  Havilland  based  on  the  original  work  of  Von  Karman  published  in  the  Reissner  Anniversary  Volume, 
Space  allocation  does  not  permit  this  work  to  be  presented  here,  neve  heless  one  comment  is  appropriate. 
The  theory  of  Von  Karman  accounts  for  a  non-uniform  inlet  velocity  distribution  but  assumes  a  uniform 
exit  profile.  His  theory  has  been  extended  to  account  for  a  non-uniform  exit  profile  (which  is  very  much  to 
the  point  from  a  practical  point  of  view)  and  for  the  effect  of  forward  speed.  Theory  then  shows  that  the 
effect  of  forward  speed  is  to  reduce  thrust  to  some  new  level  in  an  asymptotic  fashion.  However,  experi¬ 
ments  indicate  that  the  exit  profile  becomes  more  uniform  as  speed  increases  which,  as  is  known,  gives 
rise  to  an  increase  in  augmentor  efficiency.  Thus  these  two  effects  are  offset,  one  against  the  other,  so 
that  augmentor  thrust  seems  to  remain  substantially  constant  over  the  speed  range  of  interest  for  STOL 
operation.  This  result  can  only  hold  true  if  the  exit  distribution  is  non-uniform  in  the  first  place  (that  is, 
at  zero  forward  speed),  which  tends  to  be  the  case  for  an  augmentor  flap  because  of  geometric  limitations 
which  allow  only  a  moderate  mixing  length  between  the  two  flap  elements. 

WING  DUCTING  AND  AUGMENTOR  PRIMARY  NOZZLE  1  _ 

Ducting  and  Pressure  Loss.  The  primary  design  objective  of  the  ducting  arrangement  which  supplies  air 
to  the  augmentor  flap  is  to  avoid  roll  asymmetry  in  the  event  of  engine  failure.  In  the  case  of  a  twin- 
engined  aircraft  this  can  be  achieved  using  a  twin-slot  nozzle  arrangement  with  independent  ducting  from 
each  engine,  (See  Figure  10.)  Two  possible  arrangements  for  duct  routing  are  shown  in  Figure  11.  In  the 
case  of  a  four-engined  aircraft,  a  similar  duct/nozzle  assembly  may  be  used  with  each  engine  being  inde¬ 
pendent;  alternatively  the  by-pass  flow  may  be  fed  to  a  common  duct  with  a  single  slot  nozzle  (see  Figure 
12),  In  this  latter  case,  since  the  engines  feed  a  common  duct,  various  two-way  valves  are  required  and 
the  design  scheme  must  account  for  starting  engine's  individually,  for  engine  failure  and  for  the  appropri¬ 
ate  matching  of  nozzle  area.  One  such  scheme  has  been  proposed  by  G.  Wright  of  Rolls-Royce. 
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Experience  has  shown  that,  for  an  internal  blowing  system  of  the  kind  being  considered,  the 
pressure  ratio  lies  somewhere  between  two  and  three  depending  upon  choice  of  aspect  ratio,  thrust  to 
weight  ratio  etc.  At  a  pressure  ratio  of  2.5,  the  complete  loss  of  one  dynamic  head  represents  a  pres¬ 
sure  loss  of  about  5%  whereas  a  carefully  designed  right  angle  bend  need  only  account  for  a  loss  given 
by  ,Z\P/q  =  0.  25.  Calculations  suggest  that,  for  a  typical  duct  installation,  the  overall  pressure  loss 
need  not  exceed  8  to  10%  of  total  pressure  which  would  correspond  to  a  thrust  loss  of  4  to  5%,  The  large 
swept  wing  tunnel  model  provides  one  example  of  a  ducting  system  for  which  pressure  loss  measurements 
are  available  (Figure  13).  The  flow  experiences  a  sudden  expansion  and  high  loss  where  the  compressor 
feeds  into  the  plenum  chamber  but  in  this  respect,  it  is  not  considered  to  be  representative  of  a  full  scale 
aircraft. 

Nozzle  Design.  Experience  at  de  Havilland  relates  largely  to  a  long  thin  type  of  nozzle  which  is  "closely 
coupled"  to  the  supply  pipe  and  which  is  fed  from  one  end.  If  the  pipe  is  short  (as  in  the  case  of  the  seg¬ 
ment  used  for  component  test  in  the  de  Havilland  research  laboratory),  then  the  inlet  Mach  number  is 
quite  low  (say  0.  05),  conditions  in  the  pipe  are  substantially  plenum  and  guide  vanes  in  the  nozzle  are 
straight  and  set  normal  to  the  pipe.  In  the  large  model  which  has  been  tested  in  the  NASA  40'  x  80'  wind 
tunnel  (Figure  1),  the  pipe  ini ejt .Mach  number  is  approximately  0.  3  falling  to  zero  at  the  end  so  that 
curved  guide  vanes  must  b e  ed  dingly.  In  the  case  of  the  swept  wing  for  the  large  model,  the 

complete  semi-span  is  fed  by  a  single  pip'e“±rom  root  to  tip  and  is  tapered  so  as  to  maintain  a  constant 
pipe  Mach  number  of  approximately  0.  29.  Thus  the  jet  issues  from  the  swept  nozzle  at  a  constant  angle 
to  form  a  jet  sheet  which  is  in  line  with  the  free  stream.  Under  these  circumstances  the  guide  vanes  are 
curved  and  geometrically  similar  but  do  not  act  as  turning  vanes;  they  merely  form  a  fairing  to  hold  the 
duct/nozzle  assembly  together. 

The  efficiency  of  the  nozzle  has  been  shown  to  depend  upon  its  perimeter /area  ratio  which,  for 
long  thin  nozzles  is  inversely  proportional  to  nozzle  thickness  *t r  and  independent  of  length.  For  a  nozzle 
of  thickness  t  =  0.  25  in. ,  efficiency  is  typically  about  0.95. 

If  the  guide  vanes  are  spaced  reasonably  for  structural  purposes  they  do  not  affect  the  nozzle 
efficiency  to  any  appreciable  extent.  However,  the  disturbance  or  wake  created  by  the  vanes  has  been 
shown  to  increase  the  augmented  thrust  when  operating  as  part  of  a  complete  ejector.  Presumably  these 
disturbances  promote  better  mixing  and  czch  lead  to  improvement  up  to  10%  in  augmentation  ratio  as  com¬ 
pared  to  a  "clean"  nozzle  without  guide  vanes.  This  rather  surprising  result  has  led  to  an  increase  of 
interest  in  segmented  or  piccolo  type  nozzles. 

Simple  piccolo  type  nozzles  have  been  constructed  by  squeezing  a  tube  (Figure  14).  This  results 
in  a  slight  fish-tail  shape  so  that,  at  the  edges,  jets  from  adjacent  nozzles  tend  to  impinge  on  each  other 
and  create  "humps"  in  the  flow.  Again,  this  promotes  greater  mixing  and  leads  to  an  improvement  in  aug¬ 
mentation  as  compared  to  a  "clean"  slot  nozzle.  End  fed  pipes  fitted  with  piccolo  type  nozzles  have  been 
designed  without  undue  loss  as  compared  to  the  vane  type  duct/ nozzle  assembly. 

Noise.  It  has  long  been  maintained  that  the  ejector  flap  provides  a  means  for  noise  attenuation  for  the 
following  reasons: 

a)  The  long  thin  nozzle  changes  the  characteristic  dimension  of  the  jet  thus  shifting  the 
noise  generated  to  higher  frequencies  when  it  is  then  more  easily  attenuated  by  the 
surroundings. 

b)  The  entrainment  action  of  the  ejector  reduces  the  relative  shearing  velocity  between 
the  jet  and  surrounding  air  thus  greatly  reducing  the  fundamental  jet  noise  which  is 
dependent  on  the  jet  shearing  velocity  to  the  eighth  power. 

c)  The  inner  surfaces  of  the  flap  elements  can  be  lined  to  absorb  sound  energy  before 
it  emanates  from  the  exit  of  the  ejector. 

It  is  only  fairly  recently  that  some  specific  tests  have  been  carried  out  to  demonstrate  this; 
for  example  see  reference  6. 

Further  to  this,  research  work  is  in  progress  at  de  Havilland  to  attenuate  noise  at  the  source 
by  changes  to  design  of  the  nozzle  itself.  Figure  15  shows  an  augmentor  model  mounted  on  an  outside  stand 
for  purposes  of  noise  measurements.  Microphones  are  located  at  a  radius  of  25  feet  at  a  height  which  cor¬ 
responds  to  the  centre  line  of  the  jet.  Reductions  in  noise  of  up  to  5  dB  have  been  achieved  by  appropriate 
modifications  to  the  nozzle  as  compared  to  a  plain  slot  nozzle.  This  result  helps  to  reinforce  the  view  that 
noise  generated  by  the  augmentor  flap  can  be  attenuated  so  that  it  need  not  predominate  relative  to  other 
noise  from  the  propulsion  system. 

CHOICE  OF  POWERPLANT 

The  previous  sections  of  the  paper  have  described  directly  or  indirectly  some  of  the  constraints 
placed  upon  the  designer  of  the  airframe  on  account  of  integration  of  the  powerplant  and  wing.  This  section 
deals  with  some  of  the  constraints  on  the  powerplant  itself. 
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The  Requirement.  Firstly,  a  reminder  that  the  following  comments  apply  to  a  transport  type  aircraft 
designed  to  operate  in  and  out  of  a  field  length  of  about  2000  ft  or  less,  having  a  wing  loading  about  75 
lb/sq  ft,  an  aspect  ratio  of  8  to  10  and  requiring  an  installed  thrust  to  weight  ratio  in  the  order  of  0.4  to 
0.5 


Calculations  have  been  shown  that  the  percentage  of  blowing  thrust  to  total  thrust  is  about  35 
to  balance  take-off  and  landing  distances.  The  take-off  distance  considers  failure  of  one  engine  at  rota¬ 
tion  speed  and  the  landing  field  length  is  derived  from  the  landing  distance  using  the  conventional  factor 
of  1.67,  Project  design  studies  have  shown  that  the  ideal  pressure  ratio  for  blowing  is  approximately  2.5. 

Three  possible  powerplant  arrangements  have  been  considered  to  suit  this  requirement, 

(1)  Separate  engines  for  propulsion  and  blowing. 

(2)  A  two  stream  twin  spool  engine  with  relatively  high  by-pass  pressure  ratio  (to 
satisfy  the  requirement  of  duct  sizing). 

If  low  noise  is  a  requirement,  then  cold  to  hot  stream  thrust  is  in  the  ratio  of 
80  :  20  approximately  and  all  the  cold  flow  is  ducted  to  the  wing  where  the  noise 
generated  by  the  fairly  high  pressure  stream  is  attenuated  by  the  augmentor  flap. 

If  low  noise  is  not  a  primary  requirement  (say,  for  military  application),  then, 
in  the  case  of  the  80  :  20  engine  only,  about  half  of  the  by-pass  flow  need  be  ducted 
to  the  wing.  Alternatively  the  engine  may  be  like  the  Rolls-Royce  Spey  with  a  low 
by-pass  ratio  (i,  e.  ,  less  than  one),  but  with  a  substantial  hot  thrust  -  by  percent¬ 
age  about  70. 

(3)  A  three  stream  engine  with  fairly  high  by-pass  ratio  (about  5)  which  generates 
two  by-pass  streams,  one  at  a  low  pressure  ratio  (say  1,  2)  and  a  second  stream 
nt  about  2,5  for  blowing. 

Such  an  engine  having  either  two  or  three  spools  would  provide  low  noise  levels  and  be  suited 
to  civil  STOL  application. 

The  preferred  powerplant  arrangement  has  not  been  clearly  identified  and  might  vary  depend¬ 
ing  on  the  particular  aircraft  requirement. 

Solution  one  tends  to  be  favoured  by  the  engine  manufacturer  but  meets  some  resistance  from 
potential  operators  because  they  prefer  a  single  type  of  engine  for  ease  of  maintenance.  Also,  use  of 
separate  engines  results  in  a  high  installed  thrust  to  weight  ratio  and  therefore  in  higher  operating  and 
powerplant  first  costs. 

Solution  number  two  requires  a  fairly  simple  two- spool  engine  but,  if  low  noise  is  prescribed 
with  this  class  of  engine,  then  it  presents  the  designer  with  the  difficult  task  of  accommodating  a  high  pro¬ 
portion  of  the  thrust  in  the  wing.  Nevertheless  this  solution  seems  to  be  preferred  by  Boeing  and  NASA 
(see  references  6  and  7),  If  low  noise  is  not  specified,  then  the  Spey  type  of  engine  seems  reasonably  well 
suited  to  the  requirement. 

On  the  basis  of  present  knowledge,  de  Havilland  considers  the  three-stream  engine  as  the  best 
solution  for  a  quiet  civil  STOL  airliner  of  the  future,  A  comprehensive  review  of  the  various  options  is  be¬ 
yond  the  scope  of  the  present  paper  and  therefore  the  remainder  of  the  section  will  be  devoted  to  a  discus¬ 
sion  of  the  three  stream  engine. 

For  take-off  there  is  a  need  to  generate  both  blowing  thrust  and  propulsive  thrust  whereas  for 
descent  there  remains  a  need  for  blowing  thrust  only  -  in  fact,  propulsive  thrust  becomes  an  embarrass¬ 
ment  and,  if  present,  it  must  be  "spoiled"  either  by  vectoring  (90°  deflection)  or  by  partial  reverse.  How¬ 
ever,  for  the  baulked  landing  case,  it  is  necessary  to  quickly  regain  the  propulsive  thrust  to  minimize 
loss  of  height  and  complete  the  "go-around".  It  is  quite  obvious  that  separate  powerplants  for  propulsion 
and  for  blowing  will  provide  the  necessary  flexibility,  but  if  this  solution  is  rejected,  then  it  is  desirable 
that  the  single  type  of  powerplant  remaining  should  have  the  capability  of  operating  in  different  modes  so 
as  to  generate  thrust  from  the  various  streams  in  suitable  proportion  for  take-off,  for  cruise  and  for 
landing.  This  implies  an  engine  with  variable  geometry,  that  is,  a  variation  in  such  parameters  as  fan 
blade  pitch,  guide  vane  setting  or  nozzle  area. 

For  landing,  the  engine  is  required  to  operate  as  a  turbo-compressor  with  a  minimum  of  pro¬ 
pulsive  thrust.  For  take-off  there  is  a  requirement  for  both  blowing  air  and  propulsive  thrust  whereas  for 
cruise,  the  primary  requirement  is  for  propulsive  thrust  and  the  blowing  air  should  be  zero  or  small. 
Furthermore,  the  propulsive  thrust  should  be  derived  from  a  fairly  low  pressure  stream  (high  by-pass 
ratio)  in  order  to  reduce  noise  for  take-off  and  to  achieve  low  sfc  for  cruise.  This  represents  a  demanding 
specification  for  the  engine  designer,  because,  in  addition  to  meeting  the  requirement,  every  attempt 
should  be  made  to  achieve  a  substantial  degree  of  commonality  between  the  STOL  blowing  engine  and  other 
variants  of  the  same  engine  for  CTOL  operation. 
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.  It  is  for  the  powerplant  fraternity  to  consider  this  specification  and  to  make  a  judgement  as 
to  practical  feasibility.  As  far  as  the  author  is  concerned,  it  is  appropriate  only  to  hint  of  some  of  the 
possible  solutions  which  have  arisen  in  the  past  few  years  as  a  result  of  collaboration  between 
de  Havilland  Canada  and  Rolls-Royce. 

The  Rolls-Royce  Split-Flow  Spey.  Before  introducing  some  examples  of  a  three  stream  engine  it  will 
be  helpful  to  consider  briefly  the  engine  presently  under  development  for  the  Buffalo/Spey  research  air¬ 
craft.  (Figure  16. )  Designated  the  Spey  801  SF,  it  is  a  version  of  the  engine  in  which  the  by-pass  flow 
has  been  ducted  away  separately  and  not  allowed  to  mix  with  hot  stream  as  in  the  case  of  the  standard 
Spey.  A  Pegasus  type  nozzle  has  been  fitted  to  vector  the  hot  propulsive  thrust.  Figure  17  shows  the 
level  of  thrust  for  the  hot  and  cold  streams  for  an  engine  of  this  general  type  and  what  would  be  the  ef¬ 
fect  of  introducing  variable  geometry,  which  in  this  case  is  a  variation  in  primary  or  hot  nozzle  area. 

It  can  be  seen  that  an  increase  in  nozzle  area  greatly  reduces  the  hot  propulsive  thrust  while  increas¬ 
ing  the  cold  blowing  thrust.  Thus,  by  a  relatively  simple  change,  the  engine  behaves  more  like  a  com¬ 
pressor  unit  and  therefore  becomes  more  suited  to  the  power  demands  for  approach  and  landing. 

Figure  18  shows  a  propoc*»d  pylon  type  installation  for  the  Spey  801  SF  with  separate  off¬ 
takes  from  the  engine  by-pass  ducti'^Vb  lowing  the  wing  and  for  cruise.  Also  shown  in  a  variable 
primary  nozzle  with  target  type  reverter. 

The  Two -Spool  Engine  with  Aft  Fan.  Consideration  has  been  given  to  an  aft-fan  version  of  the  split- 
flow  Spey.  (Figure  19.)  It  could  be  argued  that  this  is,  in  fact,  a  three-spool  engine  and  thereby 
provides  the  required  flexibility  of  operation.  One  option  is  to  locate  a  thrust  reverser/spoiler  ahead 
of  the  fan  with  an  effective  nozzle  area  much  greater  than  the  standard  value.  Thus,  in  this  mode  of 
operation  on  approach,  not  only  could  the  unwanted  thrust  of  the  fan  been  eliminated,  but  cold  blowing 
thrust  could  be  increased. 


The  Three -Spool  Engine  with  Front  Fan.  It  would  seem  that  the  Rolls-Royce  three- spool  engine  (such 
as  the  Trent  or  the  RB-211)  lends  itself  naturally  to  the  requirement  for  three  streams  and  for  variable 
geometry  of  a  simple  nature  which  could  vary  the  relative  strength  of  these  streams  to  suit  the  three 
modes  of  operation  described  previously.  Changes  to  nozzle  area  and  guide  vane  angle  would  be 
appropriate  in  this  case.  (Figure  20.)  Figure  21  shows  an  artist's  impression  of  a  proposed  DHC 
1 50 -passenger  Augmentor- Wing  airliner  based  on  the  front  fan  engine.  The  design  was  prepared  in  res¬ 
ponse  to  the  specification  established  by  Eastern  Airlines. 


The  Two-Spool  Engine  with  Variable-Pitch  Fan,  The  Rolls-Royce  RB  419  engine  represents  a  third 
proposal  for  a  three  stream  engine.  This  engine  is  a  derivative  of  the  RB  410,  which  is  a  two-spool, 
high  by-pass  ratio  design  with  geared  front  fan  (for  low  noise).  The  419  derivative  takes  air  from  the 
intermediate  or  I,  P.  compressor  for  flap  blowing.  During  approach  the  variable  pitch  control  is  used 
to  unload  the  front  fan  and  transfer  power  to  the  I.  P.  compressor  thus  destroying  propulsive  thrust  in 
exchange  for  blowing  thrust.  (Figure  22.)  The  engine  provides  the  necessary  flexibility  to  meet  the 
requirements  for  cruise  since  it  is  possible  to  reduce  or  eliminate  blowing  thrust.  Nevertheless  there 
remain  some  penalties  in  terms  of  sfc  and  engine  weight  as  compared  to  the  simple  high  by-pass  ratio 
engine  such  as  RB  410. 

CONCLUSIONS 


The  paper  has  described  some  areas  of  interface  between  engine  and  airframe  for  an 
augmentor -wing  jet  STOL  transport  aircraft.  Project  studies  based  on  large  scale  wind  tunnel  tests 
have  shown  that  there  are  considerable  benefits  to  be  obtained  in  terms  of  performance  from  the  con¬ 
cept  of  powered-lift.  The  practical  realization  of  these  gains  depends  upon  the  development  of  simple 
and  reliable  design  schemes  for  integration  of  powerplant  and  wing.  It  would  appear  that,  with  the 
Augmentor -Wing  concept,  it  is  possible  to  combine  safety  and  low  noise  with  short  field  performance 
and  thereby  in  these  respects  meet  the  requirements  for  civil  STOL  operation. 
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Figure  2 
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Figure  3 
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SWEPT  WING  MODEL  IN  THE  AMES  40'  X  80’  TUNNEL 


Figure  5 
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^  AUGMENTOg-WING  SECTION 


GEOMETRIC  OPTIMIZATION 
^  CONTOUR  LINES  OF 
AUGMENTATION  LOSS 
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QUASI  2-D  MODEL,  FLAP  ANGLE  40° 


Figure  8 
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Figure  9 


SCHEMATIC  SHOWING  DUCT  AND 
mm  NOZZLE  FOR  AUGMENTOR  FLAP 


BOEING  DESIGN  DE  HAVILLAND  DESIGN 


Figure  10 


DUCTING  ARRANGEMENTS 
^  FOR  TWIN  ENGINE  AIRCRAFT 
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^  DUCTIMG  ARRANGEMENTS 
s  FOR  FOUR  ENGINE  AIRCRAFT 
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INDEPENDENT  DUCTING  WITH  CROSS-OVER 


Figure  12 


DUCT  SYSTEM  PRESSURE  LOSS 


Figure  13 
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Figure  14 
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Figure  15 


ROLLS-ROYCE 
SPEY  M  801  -SF 


Figure  16 


TYPICAL  THRUST  OF  SPLIT-FLOW  ENGINE 


Figure  17 
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RAPID  MIXING  NOZZLES  FOR  V/STOL  APPLICATIONS 
by 

C.M.  Chester®, 

Installation  Aerodynamios  Research  Engineer 
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SUMMARY 

If  the  maximum  potential  of  a  V/STOL  aircraft  is  to  be  achieved  it  must  be  capable  of .  operating 
from  a  variety  of  both  prepared  and  unprepared  sites.  The  U3e  of  high  thrust  to  weight  ratio 
jet  lift  engines  with  convergent  or  annular  nozzles  restricts  this  capability  due  to:  ground 
erosion;  debris  and  hot  gas  recirculation;  and  noise.  Model  and  full  scale  tests  have 
demonstrated  the  benefits  to  be  obtained  from  the  use  of  rapid  mixing  nozzles  with  acceptable 
thrust  loss  and  engine  length  penalties.  The  scope  of  the  investigation  extended  to  an 
examination  of  the  possibilities  of  thrust  vectoring  and  of  the  performance  of  thrust  augmentors 
using  rapid  mixing  nozzles. 

SYMBOLS 

See  Figure  1 

P^  total  pressure  measured  by  a  pitot  tube  mounted  olose  to  the  ground  surface 
static  pressure  measured  by  a  surface  statio  pressure  tapping 
Pj  nozzle  total  pressure 
po  ambient  statio  pressure 
P  -  p  ground  dynamio  pressure  ratio 

PJ-po 

R  radius  from  nozzle  centre  line 
D  diameter  of  oirole  with  total  nozzle  area 
Pj/p^  nozzle  expansion  ratio 
H  nozzle  exit  to  ground  height 
B/j>  non  dimensional  nozzle  height 

W  maadmura  width  of  inter  outlet  fairing  at  outlet  mid  radius 
L  length  from  turbine  exit  plane  to  inter  outlet  maximum  width 

Lt  length  from  turbine  exit  plane  to  nozzle  exit  plane 
typ  Turbine  exit  diameter 

non  dimensional  nozzle  length 

6eq  Semi  angle  of  ciroular  section  convergent  nozzle  equivalent  in  inlet 
area,  exit  area  and  length  to  one  outlet, 

r  radius  of  cirole  with  outlet  exit  area 
o 

r  radius  of  oircle  ciroumeoribing  outlets 

o 

rc /rQ  outlet  spacing  parameter 

02  mean  wall  convergence  angle  for  one  outlet  measured  at  outlet  mid 
radius 

mean  wall  divergence  angle  for  one  outlet  measured  on  outlet  major  axis 

®c 

Thrust  efficiencies  are  expressed  relative  to  an  ideal  one  dimensional  convergent  thrust. 


e  _  Wall  angle  fishtailing  parameter 

v  £  i) 
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1 .  IRTRODUCTION 

The  turbojet  engine  can  be  made  to  offer  a  high  thrust  tonight  ratio  within  a  email 
installed  volume.  Vertically  or  near  vertically  mounted  jet  engines  have  been  used  and  are 
projected  to  provide  direct  lift.  This  lift  can  be  U3ed  on  its  own  to  provide  V.T.O.L, 
capability  or  it  can  be  used  to  augment  a  lift  vector  from  a  propulsion  engine  or  the  winge 
to  provide  V/S.T.O.L,  capability.  In  addition  to  high  noise  level  the  high  temperature  and 
velocity  of  the  jet  efflux  pose  installational  and  operational  problems  through; 

a)  jet  impingement  onto  the  ground  causing  erosion  with  a  subsequent  risk  of  foreign  object 
damage  to  the  engine  compressor  and  airframe 

t)  thermal  damage  to  the  airframe  and  undercarriage 

c)  ingestion  of  hot  gas  by  the  engine  causing  loss  of  thrust, 
reduction  in  handling  margins  and  in  the  limit  engine  surge. 

The  erosion  and  eome  allied  problems  can  be  alleviated  if  the  jet  mixing  process  ie 
accelerated.  The  rapid  mixing  nozzle  achieves  this  by  replacing  the  oonical  convergent  engine 
nozzle  with  a  number  of  smaller  outlets  having  the  same  total  area.  In  tho  absence  of 
interference  between  the  outlets  and  if  the  outlets  are  of  circular  section  the  rate 
of  mixing  is  increased  in  proportion  to  the  square  root  of  the  number  of  outlets 
(reference  1),  A  further  increase  in  the  rate  of  mixing  can  be  achieved  if  the  outlet 
periphery  is  increased  through  the  use  of  non  circular  eection3  (reference  2), 

The  acceleration  of  the  mixing  process  will  tend  to  reduce  the  temperature  of  gas 
impingement  onto  the  airframe.  The  effect  of  rapid  mixing  will  reduce  the  velocity  at  a  given 
streamwise  distance  from  the  nozzle  more  rapidly  than  the  temperature.  Thus  encouraging  the 
dominance  of  oonveotive  forces  over  the  inertial  forces.  The  effect  of  both  of  these  factors 
on  airframe  and  undercarriage  thermal  damage  and  on  hot  gas  recirculation  will  be  strongly 
dependent  on  the  installation  configuration. 

In  practice  nozzle  length  is  at  a  premium.  Thus  the  outlets  are  placed  around  the  turbine 
exit  annulus.  Interference,  which  increases  with  the  number  of  outlets,  then  oocure  between 
the  outlets.  It  reduces  the  rate  of  mixing  on  boundaries  between  and  within  the  outlets. 

In  addition  the  pressure  acting  on  the  base  area  contained  within  and  between  the  outlets 
is  dopressed  causing  a  baee  thrust  loss. 

The  overall  nozzle  diameter  must  also  be  consistent  with  the  dressed  engine  diameter  to 
ensure  that  engine  spacing  can  be  minimised  for  multi  engine  layouts,  A  further  loss  of 
axial  thrust  is  caused  by  the  increased  internal  eurface  area  and  asymmetry  in  the 
individual  outlets. 

Successful  nozzle  aerodynamic  design  lies  in  optimieation  between  reduction  in  ground  eroeion 
through  increased  mixing  and  the  thrust  efficiency  within  the  limitations  imposed  by  nozzle 
length  and  diameter.  The  following  detailed  design  trends  have  been  established  from  a  large 
number  of  both  full  and  model  scale  tests  carried  out  on  a  wide  variety  of  rapid  mixing 
nozzle  typee. 

2.  GROUND  KROSION 

The  ground  surface  structure  (including  both  the  material  and  the  condition),  and  the  jet 
temperature  and  velocity  close  to  the  ground  are  the  factors  likely  to  affect  ground  erosion. 
Dent  in  reference  3  describes  the  test  technique  used  to  meaeure  erosion.  The  main 
parameter  used  is  the  time  between  jet  impingement  onto  the  surface  and  the  onset  of  erosion, 
or  limiting  reeidence  time. 

The  result e  of  tests  carried  out  on  a  wide  variety  of  ground  surfaces  show  this  to  be  a 
critical  factor.  Water  oured  concrete  and  linked  aluminium  traok  way  were  undamaged  by 
multiple  take  off  cycles.  Air  cured  concrete  suffered  surfaoe  flaking.  With  asphalt  the  tar 
bonding  melted  allowing  rapid  erosion  of  the  aggregate.  However  for  versatile  military 
operation  deployment  to  unprepared  gra3e  land  is  desirable.  Thus  the  majority  of  testing  wae 
carried  out  using  consolidated  grae3  typified  by  the  grass  land  at  Hucknall  airfield. 

Consistency  of  a  series  of  full  scale  tests  carried  out  under  summer  (19^2  and  19^5)  and 
winter  (19^5)  conditions,  and  using  the  exhaust  from  an  RB.108,  unreheated  Avon  (740  C)  and 
reheated  Avon  (1000  C),  indicate  that  for  this  consolidated  grass  neither  the  annual 
variation  in  surface  oondition  and  surface  moisture  content,  nor  the  jet  temperature  are 
critical  parameters,  A  possible  explanation  of  this  is  that  the  surface  is  reduced  to  a 
friable  etate  in  an  immeasurably  short  time.  The  onset  of  erosion  being  determined  by  the 
jet  velocity  adjacent  to  the  surfaoe. 

Comparison  between  the  ground  dynamic  pressure  ratio  for  a  full  scale  oonical  convergent 
nozzle  and  a  9  outlet  rapid  mixing  nozzle  ie  shown  on  Figure  2.  A  substantial  reduction 
in  the  ratio  can  be  noted  for  the  rapid  mixing  nozzle.  Thi3  gave  a  marked  increase  in 
limiting  residence  time  (from  lees  than  1  sec  for  the  convergent  nozzle  to  100  3ecs  for  the 
rapid  mixing  nozzle  at  an  expansion  ratio  of  2.0).  The  agreement  between  full  and  a  i  linear 
scale  model  test  is  also  illustrated. 


The  ground  dynamic  pressure  measurement  was  derived  from  surface  statio  pressure  tappings 
and  pitot  tubes  mounted  at  a  fixed  distance  from  the  ground.  The  instruments  were  located 
on  a  radial  line  beneath  the  major  axis  of  one  of  the  outlets.  Use  of  this  technique 
provides  a  reduction  of  dynamio  pressure  close  to  the  nozzle  axis.  This  is  attributed  to  a 
cumulation  of  angular  effects  on  the  instruments,  the  curvature  in  the  flow,  and  a  somewhat 
arbitrary  total  pressure  measurement.  This  measurement  may  lie  in  the  ground  boundary  layer, 
the  turned  under  mixing  layer  from  the  inner  boundaries  of  the  jets,  the  core  region  or  the 
ambient  mixing  region.  Figure  3  diagrammatically  illustrates  the  flow  processes  involved. 

The  measurement  does  not  take  aocount  of  the  circumferential  variation  in  dynamic  pressure 
away  from  the  outlet  major  axis.  Model  testing  showed  that  this  simple  technique  provides 
a  parameter  which  is  a  maximum  at  a  non  dimensional  radius  of  1.5*  This  corresponds 
to  the  region  at  which  erosion  i3  first  observed  and  is  most  rapid. 

Figure  4  illustrates  the  relationship  between  the  ground  dynamic  pressure  ratio  at  non 
dimensional  radius  of  1.5  and  limiting  residence  time.  The  large  scatter  in  the  results 
is  attributed  to  the  simplified  description  of  the  ground  dynamic  pressure  ratio  and  the 
difficulty  in  assessing  the  exact  point  of  the  onset  of  erosion  particularly  at  the  higher 
nozzle  dynamic  pressures.  The  lack  of  a  consistent  trend  with  jet  temperature  supports  the 
hypothesis  that  this  is  not  a  dominant  parameter. 

Assuming  there  to  be  a  causal  relationship  between  the  ground  dynamic  pressure  ratio  and 
ground  e ros ion  then  the  effect  of  rapid  mixing  nozzle  geometry  on  the  ground  dynamic 
pressure  ratio  has  to  be  established.  Cox  and  Abbot  in  reference  4  shew  that  for  a 
convergent  nozzle  the  maximum  dynamic  pressure  at  a  radial  position  away  from  the  nozzle 
axis  in  the  jet  spreading  over  the  ground,  is  a  fixed  proportion  of  jet  exit  dynamic 
pressure  irrespective  of  the  nozzle  non  dimensional  height.  They  also  show  that  close  to  the 
nozzle  axis  the  velocity  is  in  agreement  with  the  velocity  decay  rate  at  the  non  dimensional 
height  reported  by  Squire  (reference  l)  and  others,  Even  allowing  for  the  limitations  in  the 
measuring  technique  the  rapid  mixing  nozzles  do  not  exhibit  this  behaviour,  Figure  5» 

The  decay  rate  is  more  rapid  than  would  be  expected  from  a  convergent  nozzle  of  the  same 
total  area.  At  lower  values  of  non  dimensional  height  it  is  less  rapid  than  would  be 
expected  from  a  convergent  nozzle  equivalent  to  one  outlet  yet  more  rapid  at  higher  values 
of  non  dimensional  height.  The  decay  rate  ie  strongly  non  dimensional  height  dependent. 

This  behaviour  oan  be  ascribed  to  the  number  of  outlets  (affecting  the  core  length),  the 
radius  of  the  circumscribing  circle  (affecting  the  amount  of  jet  boundary  free  to  six  with 
ambient  air),  the  gulley  geometry  between  the  outlets  (affecting  the  extent  of  mixing  on  the 
Jet  boundaries  between  and  within  the  outlets)  and  the  radial  corregations  produced  by  the 
outlets  in  the  flow  over  the  ground.  It  has  not  yet  been  found  possible  to  provide  an ‘exact 
description  of  the  complex  situation  in  terms  of  geometric  parameters.  However  the  use  of  the 
simple  parameter,  inflow  area  ratio,  gives  the  correlation  on  Figure  6.  Although  the  curve 
will  vary  with  non  dimensional  nozzle  height,  the  trend  is  valid  for  all  heights.  The  low 
number  of  outlets  and  the  large  ventilation  inflow  area  occurring  at  high  values  of  airflow 
ratio  give  the  highest  attentuation  of  ground  surface  dynamio  pressure.  Less  attenuation 
oocurs  as  the  inflow  area  ratio  is  decreased  but  at  a  value  of  ,2  about  75$  of  the  possible 
attenuation' is  achieved. 

ISOLATED  NOZZLE  DESI&N  AND  PERFORMANCE 

The  three  factors  affecting  nozzle  performance  are:- 

a)  Pressure  perturbation  at  turbine  exit  plane 

b)  Discharge  coefficient 

c)  Thrust  efficiency.  This  can  in  turn  be  divided  into  base  thrust  loss  and  residual 
or  internal  thrust  loss. 

Theee  faotors  are  affected  by  nozzle  expansion  ratio  and  the  swirl  in  the  flow  at  nozzle 
inlet  (or  turbine  exit).  The  effect  of  inlet  swirl  is  to  decrease  the  discharge  coefficient 
and  thrust  efficiency.  The  effect  on  the  rapid  mixing  nozzles  is  less  marked  than  for  a 
convergent  nozzle  due  to  the  straightening  effect  of  the  inter  outlet  fairings  and  the 
discrete  nature  of  the  outlets.  Comparisons  and  correlations  of  nozzle  performance  are 
presented  at  a  nozzle  expansion  ratio  of  2.0  and  at  an  inlet  swirl  of  10  Qrelative  to  the 
performance  of  a  convergent  nozzle  aj  the  same  expansion  ratio  but  with  0°  swirl.  If  this 
convergent  nozzle  were  subject  to  10  swirl  at  this  condition  it  would  suffer  a  thrust 
decrement  of  1.6$.  Use  of  straightening  vanes  within  the  nozzle  of  course  reduces  this 
decrement . 

The  order  of  the  pressure  perturbation  at  the  turbine  exit  plane  is  equal  to  the  number  of 
outlets.  The  amplitude  is  largely  independent  of  nozzle  expansion  ratio  and  mainly  depends 
on  the  inter  outlet  fairing  width  and  the  separation  between  this  fairing  and  the  turbine 
outlet  plane,  -as  shown  on  Figure  7.  This  factor  has  an  effect  on  the  fatigue  life  of  the 
turbine.  It  is  necessary  to  ensure  that  the  back  pressure  perturbation  does  not  excite 
ary  natural  frequency  in  the  turbine. 

The  effeot  of  swirl  is  to  produce  a  phase  ohange  between  the  pressure  perturbation  at  the 
turbine  outlet  plane  and  the  inter  outlet  fairings.  This  feature  is  also  important  in  the 
alignment  of  the  rapid  mixing  nozzle  outlets  so  that  any  hot  streaks  generated  by  the  combustor 
are  directed  through  the  outlets  rather  than  onto  the  inter  outlet  fairings. 


The  variation  of  nozzle  discharge  coefficient  with  expansion  ratio  affects  the  starting  and 
acceleration  performance  of  an  engine.  The  absolute  level  of  discharge  coefficient  at 
operating  expansion  ratio  affects  engine  matching.  With  the  rapid  mixing  nozzles  the 
variation  with  expansion  ratio  is  less  marked  than  for  a  convergent  nozzle.  Thus  an  engine 
that  will  start  and  accelerate  with  a  convergent  nozzle  will  not  be  adversely  affected  by 
fitment  of  a  rapid  mixing  nozzle.  If  the  expansion  ratio  is  defined  as  the  ratio  of  nozzle 
total  pressure  to  outlet  exit  pressure,  taking  aocount  of  the  variation  of  static  pressure 
around  the  outlet  periphery  caused  by  the  base  depression,  the  absolute  level  of  discharge 
coefficient  is  comparable  to  that  of  an  equivalent  ciroular  section  convergent  nozzle  defined 
by  the  inlet  area,  exit  area  and  length  of  the  outlet. 

The  base  depression  is  another  way  of  expressing  the  efficacy  of  ventilation  to  the  mixing 
region  within  and  between  the  outlets.  However  in  addition  to  the  faotors  already  discussed 
with  respect  to  ground  dynamio  pressure  attenuation  the  distribution  and  amount  of 
base  area  within  and  between  the  outlets  contributes  to  the  base  thrust  loss.  Again  it  has 
not  yet  been  possible  to  determine  an  exact  relationship  between  the  numerous  factors 
affecting  this  complex  situation.  Correlation  has  been  achieved  by  the  use  of  a  simple 
radius  ratio  parameter  Figure  8.  High  values  of  this  parameter  give  low  base  thrust 
loss,  ultimately  at  unity  the  value  is  zero  equivalent  to  a  single  convergent  nozzle.  Low 
values  give  increasing  thrust  loss  as  the  ventilation  of  the  base  is  reduced  by  closer 
spacing  of  smaller  outlets  around  the  nozzle  periphery.  A  reasonable  compromise  appears 
at  a  radius  ratio  of  around  .2  with  a  base  thrust  loss  of  about  1#,  The  residual  axial 
thrust  loss,  or  internal  thrust  loss,  is  dependent  on  the  individual  outlet  design.  It  is 
inherent  in  the  rapid  mixing  nozzles  due  to  the  outlet  asymmetry.  It  is  inoreased  as  the 
outlet  shaping  ie  made  more  asymraetrio  to  increase  the  outlet  periphory  and  to  increase  the 
ventilation  air  inflow  between  the  outlets.  A  simple  description  of  the  outlet 
asymmetry  is  provided  by  the  wall  angle  fishtail  parameter,  Figuro  9. 

The  soatter  of  the  results  indicates  that  this  parameter  requires  supplementing  to  provide 
an  adequate  description  of  the  wall  shaping  for  the  oomplex  outlet  shapes  tested.  High 
values  of  the  wall  angle  parameter  in  general  ocour  with  a  small  number  of  outlets,  low 
values  with  a  large  number  of  outlets.  Thus  it  should  be  noted  that  the  trend  for  the 
internal  loss  is  in  direct  opposition  to  the  trend  for  the  baee  thrust  loss  and  the  ground 
erosion  behaviour. 

At  this  point  it  is  worth  examining  the  performance  of  a  near  optimum  9  outlet  rapid 
mixing  nozzle,  with  attention  paid  to  the  dotailed  design  of  the  outlets. 
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Although  at  first  sight  the  thrust  losses  appear  to  give  a  large  penalty  it  should  be  noted 
that  in  practice  the  alternative  is  unlikely  to  be  a  convergent  nozzle  but  an  annular  nozzle 
of  the  same  length  as  the  rapid  mixing  nozzle.  In  the  latter  oas  the  thrust  loss  penalty 
is  marginal. 

This  however  only  relates  to  an  isolated  installation.  This  is  typified  by  a  stowable  lift 
engine  swung  out  from  a  fuselage  for  use,  when  sufficiently  remote  from  the  fuselage  to  be  out 
of  interference  effects.  The  rapid  jet  decay  induced  by  mixing  can  become  an  embarrassment  if 
the  inflow  is  impeded  by  either  surrounding  aircraft  structure  or  adjaoent  jete.  Figure  10 
illustrates  this.  The  total  thrust  loss  of  an  isolated  nozzle  is  increased  by  a  staggering 
33#  when  it  is  surrounded  on  all  sides.  This  would  be  the  oondition  if  it  were  mounted 
in  an  unventilated  multiple  engine  lift  bay,  or  aircraft  fuselage,  with  side  do oi^  opening 
only  sufficiently  to  allow  aggress  of  the  jet  and  with  adjacent  end  walls  or  jets. 

Reduction  of  this  installation  loss  to  4.5#  can  be  achieved  by  allowing  ventilation  air  to 
pass  through  the  bay  and  around  the  nozzle,  around  the  top  of  the  doors  and  by  opening  the 
doors  as  far  as  possible.  The  need  for  this,  increases  the  number  of  factors  to  be 
oonsidered  in  the  engine  -  nozzle  -  installation  design  compromise  to  include  the  additional 
weight  and  mechanical  complexity  required  for  bay  installations . 

THRUST  AUGMENTATION  POSSIBILITIES 

The  rapidity  of  achieving  mixing  with  ambient  air  may  however  be  used  to  provide  thrust 
augmentation  by  surrounding  the  nozzle  with  an  augmentation  tube.  If  the  inlet  to  the  tube 
is  well  designed  and  the  inflow  to  it  unrestricted  considerable  augmentation  of  the  bare 
nozzle  thrust  can  be  aohieved  at  the  expense  of  weight  and  installed  volume  (or 
meohanical  complexity  if  the  tube  is  made  tolescopio). 


Figure  11  summarises  the  results  of  &  series  of  tests  in  which  the  tube  length,  diameter  and 
inlet  dimensions  were  systematically  varied.  A  volumetric  increase  of  2,5  gives  a  thrust 
gain  of  5%  over  the  basic  nozzle  thus  bettering  the  reference  convergent  nozzle  with  no  inlet 
swirl  and  no  augmentor  tube  by  2$. 

The  use  of  an  augmentor  tube  also  provides  a  surface  for  acoustic  lining. .  Thi3  would  enhance 
the  marginal  noise  attenuation  observed  during  the  full  scale  tests  (a  reduction  of  5dB 
for  a  9  outlet  nozzle  from  154. 5dB  for  a  single  convergent  nozzle  measured  at  a  height  from 
the  ground  of  7  ft,  3  ft  6  inches  bslovr  the  nozzle  and  9  ft  radial  distance  from  nozzle). 

As  thrust  augmentation  relies  on  efficient  mixing  of  the  jet  to  induce  eeeondary  flow,  aohieval 
of  a  high  thrust  augmentation  should  not  greatly  detract  from  the  ground  erosion  performance. 

6.  VECTORING  POSSIBILITIES 

An  alternative  to  the  obvious  approach  of  rotating  the  engine-nozzle  assembly  to  give  thrust 
vectoring  and  hence  accelerative  or  deoelerative  vectors  in  addition  to  lift,  is  to  mount  the 
'  engine  at  a  compound  angle  relative  to  the  aircraft. 

If  the  nozzle  is  mounted-to  the  engine  via  a  wedge  type  elhcrw  a  wide  degree  of  thrust 
vectoring  can  be  achy:-.'.  ■simply  by  rotating  the  elbow.  (Figure  12)  at  the  expense  of  a  high 
single  order  turbine  tail- pressure  and  side  load3,  Model  tests  (Figure  13)  illustrate 
that  the  increased  thrust  loss  for  the  addition  of  the  elbow  is  of  the  order  to  1.5$. 
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THE  PROPULSION  JET  OF  A  VTOL  AIRCRAFT 
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SUMMARY 

The  three  regions  of  a  VTOL  propulsion  jet,  the  free  jet, 
the  wall  jet  and  the  zone  of  separation  of  the  wall  jet 
from  the  ground,  due  to  wind-effects  and  buoyancy  forces 
are  investigated  with  a  three  dimensional  model- jet  with 
critical  nozzle  pressure  ratio  and  temperatures  up  to 
looo°C  above  ambient  at  the  DFVLR  Braunschweig.  Behind 
the  convergent  nozzle  the  jet  accelerates  up  to  supersonic 
velocity  maintaining  in  the  core  nearly  5  nozzle  diameters. 
Because  of  the  lower  turbulence  of  the  jet  with  high  speed 
the  decay  of  the  jet  and  the  three  dimensional  spread  are 
lower  than  those  of  the  jet  with  small  nozzle  velocity. 

At  the  hot  wall  jet  there  is  a  strong  influence  of  the 
nozzle  distances  from  the  ground  on  the  velocity  profiles. 
The  decisive  parameter  to  characterize  the  recirculation 
flow  is  the  radius  of  separation  of  the  wall  jet  from  the 
ground.  The  behaviour  of  the  radius  of  separation  for 
different  jet  parameters  and  several  wind  velocities  is 
represented. 

SYMBOLS 


D  nozzle  diameter 

H  distance  of  the  nozzle  exit  from  the  ground 

h  distance  from  the  ground 

M  mach  number 

m  mass  flow 

R  radius  of  the  wall  jet,  beginning  at  the  stagnation  point 

r  radius  of  the  free  jet,  beginning  at  the  centre  of  the  jet 

R„  c,.  radius  on  which  half  the  value  of  the  axial  velocity  appears 

0,t>umax 

T  absolute  temperature 

U,u  component  of  velocity  in  x-direction 

V  wind  velocity 

Vj  wind  velocity  at  1  m  above  the  ground 

Vz  wind  velocity  at  the  distance  z  from  the  ground 

x  coordinate  in  jet  direction 

z  vertical  coordinate 

G  temperature  minus  ambient  temperature 

p  density 

f  angle 

INDICES 

0  condition  in  the  nozzle  exit 

u,*>  ambient  conditions 

Stau  condition  at  the  stagnation  point 

max  maximum  value  or  value  at  axis 

ges  total  value 
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1;  INTRODUCTION 


The  propulsion  jet  of  a  VTOL-lift-engine  spreads  behind  the  engine  nozzle  as  a  hot 

jet.  With  critical  nozzle  pressure  ratio  the  core  flow  accelerates  up  to  supersonic 

velocity  and  keeps  it  for  about  5  nozzle  diameters  (fig. 3).  Reactions  of  the  ground 

on  the  development  of  the  free  jet  exist  only  up  to  2  nozzle  diameters  above  ground 

referring  to  Gauntner-Livingood-Hrycak  [11]  and  Tani-Komatsu  [26]  .  Impinging  on  the 
ground  the  free  jet  is  deflected  to  the  wall  jet  and  spreads  radially  to  all  direct¬ 
ions.  By  mixing  with  the  surrounding  air  the  wall  jet  increases  its  mass  and  reduces 
its  velocity.  The  static  underpressure  which  exists  just  as  in  the  total  free  jet, 
makes  the  wall  jet  adhere  to  the  ground  against  the  thermic  buoancy  (Coanda  effect). 
Only  when  the  static  underpressure  becomes  weaker  than  the  buoancy,  the  wall  jet 
seperates  from  the  ground.  If  there  is  a  wind  flow  against  the  wall  jet  the  point 
of  separating  will  be  reached  earlier.  The  separated  wall  jet  is  taken  back  to  the 
engine  inlet  by  the  wind  flow  and  the  sinking  effect  of  the  wall  jet.  This  back  flow 
of  hot  air  is  a  dangerous  recirculation  flow,  as  it  causes  operating-troubles  at 
the  engine  and  propulsion  losses.  For  calculating  the  recirculation  flow  the 
mechanism  of  wall  jet  spreading  must  be  known.  According  to  [22]  there  have  been 
published  only  a  f  c- ions  about  hot  wall  jets  up  to  now,  e.g.  Cox-Abbot 
.[7],  Hall-Rogers  [l3j,  Kiggjjjaj-.Kelly-Wainwright  [15]  .  But  they  give  no  data  about 
the  growth  of  mass  flow  of  the- wall  jet  which  is  very  important  for  calculating  the 
recirculation.  Nearly  all  the  fundamental  investigations  deal  with  undercritical 
jets.  But  at  the  lift-engine  the  jet  leaves  the  nozzle  with  supersonic  velocity 
and  has  a  jet  spreading  very  different  from  that  of  the  jet  of  low  velocity. 


That  is  why  there  have  been  made  extensive  investigations  on  a  single  VTOL  propulsion 
jet  with  a  nozzle  temperature  up  to  looo°C  and  a  critical  nozzle  pressure  ratio  at 
the  DFVLR.  We  started  with  free  jet  measurements  without  ground  influence.  Then  we 
investigated  the  wall  jet  and  its-  separation  from  the  ground  due  to  wind  and  the 
secondary  flow  field. 


2.  TEST  SETUP 


The  investigations  of  VTOL-propulsion  jets  have  been  taken  place  on  the  Bodeneffekt- 
Versuchsanlage  of  the  DFVLR  lnstitut  fUr  Luftsuugende  Antriebe  in  Braunschweig, 
which  is  described  in  [8]  .  A  rotary  compressor  served  as  an  air  generator  delivering 
1  kg/s  at  a  maximum  pressure  of  3  atmospheres  absolute.  Through  a  pipe  system  of 
lo  m  length  (113  mm  internal  diameter)  the  air  was  delivered  to  a  combustion  chamber 
and  there  heated  by  combustion  of  JP  1.  The  pipe  for  the  hot  gas  behind  the  combust¬ 
ion  chamber  consisted  of  a  cylindric  pipe  of  2  m  length  (8o  mm  internal  diameter), 
made  of  stainless  steel  with  an  extremely  smooth  surface  and  interchangeable  test- 
nozzles  at  the  exit  so  that  the  free  jet  exhausted  horizontally.  The  passage  from 
the  hot-air-pipe  to  the  nozzle  was  so  smooth  that  the  internal  flow  was  not  disturbed 
in  any  way. 

For  the  free  jet  investigations  five  convergent  nozzles  have  been  used,  each  of  them 
with  a  different  shape.  Three  of  them  had  a  bell-shaped  contraction  area  followed 
by  a  cylindric  exit  with  a  length  of  2,1  or  o  diameter.  Then  there  was  used  a  cone- 
shaped  nozzle  corresponding  to  the  engine  nozzles  of  present  usage  if  not  consider¬ 
ing  the  hub  core.  Further  there  was  an  orifice  with  a  very  short  cylindric  exit 
under  the  investigated  nozzles.  The  exit  diameter  was  5o  mm  ±o,o5  mm  at  each  nozzle. 
The  internal  outlines  ended  sharp  edged  at  the  nozzle  exit.  The  measurements  of  the 
free  jet  nave  been  made  with  a  probe  rake  which  could  be  moved  by  a  remote-controlled 
movable  support  along  the  jet  axis.  On  the  probe  rake  31  pitot  tubes  and  2o  NiCr-Ni 
thermocouples  were  distributed  over  a  width  of  2oo  mm. 

For  the  wall  jet  investigations  the  hot-air-pipe  behind  the  combustion  chamber 
consisted  of  a  steel  pipe  of  1  m  length  and  an  internal  diameter  of  113  mm,  on  the 
end  cf  which  there  was  fastened  a  test  nozzle  with  the  opening  facing  to  the  ground 
(fig. 2).  The  nozzle  diameter  converged  from  8o  mm  to  5o  mm  at  the  exit.  The  nozzle 
had  a  cylindric  exit  of  5o  mm.  A  measurement  of  the  total  head  in  the  nozzle  exit 
area  delivered  a  satisfactory  rectangular  profile  and  made  expect  an  axially  2 
symmetrical  wall  jet.  The  wall  jet  has  been  investigated  on  a  platform  of  12  m  ,  the 
distance  of  which  was  hydraulically  variable  to  the  nozzle.  There  was  a  great  problem 
in  choosing  a  proper  material  for  the  platform  surface.  On  the  one  hand  it  had  to 
be  like  the  concrete  ground  as  the  natural  starting-place  of  VTOL-aircrafts  and  on 
the  other  hand  the  material  had  for  a  longer  time  to  bear  the  enormous  erosion 
effect  due  to  the  hot  jet  with  a  temperature  of  up  to  looo°C  and  its  supersonic 
velocity.  After  many  experiments  we  thought  Eternit-plates  most  appropriate,  25  mm 
thick  with  a  heat-shield  of  Promabest  (silicon-asbestos)  2oo  mm  thick.  We  used  them 
for  all  our  tests.  After  3o  minutes  blowing-time  the  Promabest-plates  have  always 
been  changed.  The  roughness  of  the  platform  surface  was  below  o,3  mm. 

The  wall  jet  measurements  have  been  carried  out  with  a  remote-controlled  movable 
support,  which  could  be  moved  on  rails  beside  the  platform.  After  an  examination 
of  the  axial  symmetry  of  the  wall  jet  we  have  taken  measurements  with  the  probe 
rake  only  in  one  plane  at  right  angle  to  the  pipe  axis.  On  the  probe  rake  of  268  mm 
length  there  were  distributed  2o  pitot  tubes  made  of  V2A-steel  and  2o  thermocouples. 
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The  wind  influence  for  the  investigations  of  the  separation  of  the  wall  jet  has  been 
provided  by  a  blower  producing  a  large  volume  of  a  spinless  wind  flow  by  means  of 
straighteners ,  the  exit  of  the  blower  having  a  rectangular  cross  section  with  a 
width  of  2  m. 

The  visualization  of  the  VTOL-propulsion  jet  was  obtained  by  means  of  a  light-inter¬ 
section-method  (fig. 8).  For  this  purpose  an  incombustible  contrast  powder  was  blown 
in  by  compressed  air  and  gave  white  colour  to  the  propulsion  jet.  In  the  dark  a 
light-plane-projector  with  a  power  of  6ooo  W  lit  an  arbitrary  plane  of  only  a  few 
millimeters  thickness  of  the  whole  flow  field,  so  that  the  flow  in  this  plane  was 
visible  to  an  observer  looking  rectangular  to  it.. The  flow  was  photographed  by  a 
camera  of  high  intensity  and  an  aperture  of  diaphragm  of  l:o,95.  The  exposure  time 
amounted  to  l/15s. 

The  record  of  the  measured  data  was  made  by  means  of  a  digital  data  logger  asking 
the  test. results  with  a  speed  of  5  measuring  points  per  second  and  registering  them 
by  means  of  a  punch.  The  pneumatic  scanner  for  the  probe  rake  worked  only  with  3  Hz 
because  of  the  longer  transient  time. 


3.  THE  FREE  JET 


If  today  you  are  looking  for  facts  about  the  spread  of  the  engine  jet  you  often  must 
refer  to  2o  or  to  years  old  investigations  of  free  jets.  These  older  fundamental 
reports  about  the  spread  of  free  jets  deal  nearly  almost  with  those  of  low  tempera¬ 
ture  and  low  nozzle  exit  velocity.  But  the  jet  of  a  turbo  engine . leaves  the  nozzle 
with  supersonic  velocity  and  high  overtemperature  and  makes  expect  a  jet  spread 
which  is  different  from  that  of  the  incompressible  cold  jet.  Recent  American  reports 
(Laurence  [18]  ,  Higgins-Wainwright  [14]  )  confirm,  that  the  nozzle  mach  number  and 
the  nozzle  temperature  are  important  parameters  for  jet  spread. 

At  the  DFVLR  we  have  made  extensive  fundamental  investigations  with  circular  hot 
free  jets.  Annular  shaped  nozzles  with  a  hub  core  -  corresponding  to  the  realistic 
engine  nozzles  -  have  not  been  investigated,  the  same  applies  to  nozzle  flow  with 
spin.  Yet  Higgins-Wainwright  [lij ]  give  some  facts  that  the  spin  has  very  little 
influence  on  the  decay  of  the  free  jet  on  the  jet  axis.  All  our  investigations  have 
been  made  with  the  same  nozzle  pressure  ratio  Pges^Pco=1  .95.  the  total  temperature 
in  the  nozzle  exit  being  Ho°C  and  55o°C  resp.  above  ambient  temperature .The  measure¬ 
ments  were  taken  just  behind  the  nozzle  exit  up  to  a  distance  of  3o  nozzle  diameters, 
a  range  which  is  especially  interesting  for  VTOL  techniques.  In  the  following  the 
free  jet  results  refer  to  the  bell-shaped  nozzle  with  a  cylindric  exit  of  one 
diameter  length. 

The  velocity  in  the  jet  core  with  critical  nozzle  pressure  ratio  is  higher 
than  sonic  velocity.  Fluctuations  of  the  static  pressure  in  the  range  of  the  first 
five  diameters  behind  the  nozzle  have  been  identified  as  compression-shocks  of  a 
supersonic  flow  by  means  of  a  Schlierenphotograph  (fig. 3).  All  the  investigated 
nozzles  had  a  supersonic  flow  of  mach  l.o2  to  l.o4  in  the  core.  Even  with  exactly 
critical  pressure  ratio  there  was  an  over-expansion  to  supersonic  flow  behind  the 
nozzle,  which  can  be  explained  by  the  sinking-effect  of  the  jet:  Just  near  the  nozzle 
exit  the  static  pressure  of  the  surrounding  is  decreased  for  the  amount  of  the  total 
head  of  the  external  flow.  That  is  why  the  existing  nozzle  pressure  ratio  increases 
to  an  overcritical  value  and  the  over-expansion  behind  the  nozzle  accelerates  the 
flow  to  supersonic  velocity.  In  figure  4  and  5  the  velocities  on  the  axis  ofthe  free 
jet  are  shown.  They  have  been  calculated  from  the  values  which  are  corrected  by  the 
error  of  measurement  of  the  pitot  tubes  due  to  turbulence.  The  influence  of  the  mach 
number  is  described  in  figure  4.  The  smaller  turbulence  of  the  mach-l-jet  causes  the 
smaller  decay  of  the  jet  with  high  speed  in  contrary  to  the  subsonic  free  jets. 

Figure  5  shows  the  influence  of  temperature  on  the  axial  velocity.  Higher  nozzle  tem¬ 
peratures  cause  a  quicker  decay  of  jets. 

For  the  jet  extension  the  value  R0  5umax  a  Pr°Per  dimension,  that  is  the  distance 
from  the  jet  centre  to  that  point  where  you  will  find  half  the  axial  value  of  the 
velocity.  Figure  6  shows  that  the  spread  depends  very  much  on  the  nozzle  mach  number 
as  you  can  take  from  the  results  of  Laurence  [l8] .  The  nozzle  temperatures  have  no 
more  influence  on  the  development  of  the  mach-l-free-jet .  For  this  reason  we  must 
not  assume  a  greater  spread  angle  for  all  of  the  hot  jets  than  for  cold  jets  as 
e.g.  Abramowitch  [2] .  The  only  responsible  parameter  for  spread  is  turbulence.  But 
as  there  have  not  been  any  investigations  of  turbulence  on  hot  jets  with  high  nozzle 
exit  velocity  up  to  now,  it  is  impossible  to  determine  the  error  of  measurement  for 
pitot  tubes  caused  by  turbulence,  to  give  exact  total  head  profiles  and  to  deduct 
laws  for  spread  of  hot  jets. 

For  calculating  the  mass  flow 

2k  R 

m  =  p  f  f  u(r)  dr  df>  (1) 

o  r=o 
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in  a  certain  cross  section  of  free  jets  the  density  and  velocity  and  from  these  a 
partial  mass  flow  are  determined  for  each  measurement  of  the  probe  rake.  The  sum  of 
these  partial  mass  flows  gives  the  total  mass  flow  of  a  cross  section.  Figure  7 
shows  that  in  the  region  behind  the  nozzle  the  growth  of  mass  flow  of  the  hot  jet 
is  very  different  from  that  of  the  cold  jet.  While  the  cold  jet  hardly  grows  in  the 
region  of  3  to  6  nozzle  diameters,  the  hot  jet  absorbs  most  of  the  secondary  air 
just  here.  For  x/D  =  6  the  mass  flow  of  the  cold  jet  is  only  1.3  times  the  mass 
•  flow  at  the  nozzle  while  the  hot  jet  already  has  come  up  to  1.8.  In  this  initial 
region  the  hot  jet  absorbs  nearly  three  times  the  mass  of  the  cold  jet.  Up  to 
x/D  =  25  the  hot  jet  has  the  greater  volume,  but  from  this  point  the  nozzle  tempera¬ 
ture  seems  not  to  have  influence  on  the  growth  of  mass  of  the  free  jet  any  longer, 
the  curves  of  mass  flow  of  the  cold  and  hot  jet  meet  on  the  straight  line 

—  =  o,412  +  o,l44  ^  (2) 

V  ' 

For  the  area  beyond  jo/P  *  5<3T.!i5S"3  determinations  have  not  yet  been  made. 

4 .  THE  WALL  JET 


Corresponding  to  [22]  only  a  few  results  about  hot  wall  jets  have  been  published  up 
to  now,  e.g.  Cox-Abbott  [7],  Hall-Rogers  [13],  Higgins-Kelly-Wainwright  [15],  which 
give  no  data  about  growth  of  mass  of  the  wall  jet  which  is  important  for  calculating 
the  recirculation-flow.  Nearly  all  of  the  fundamental  investigations  of  wall  jets 
deal  with  undercritical  jets.  But  the  jet  of  the  lift-engine  leaves  the  nozzle  with 
supersonic  velocity  and  produces  a  spread  very  different  from  the  jet  of  lower 
velocity . 

The  investigations  of  the  hot  wall  jet  were  made  with  the  jet  impinging  on  the  ground 
in  right  angle.  In  all  our  tests  we  had  a  nozzle  pressure  ratio  pges/p,*,  of  1.95  which 
is  nearly  the  same  as  of  lift-engines  and  corresponds  to  a  nozzle  mach  number  of  one. 
In  the  nozzle  exit  the  total  temperature  amounted  either  to  6o°C,  55°°C  or  looo°C 
over  the  ambient  temperature.  :The  distance  between  the  nozzle  and  the  ground  varied 
from  2  to  lo  nozzle  diameters. The  measurements  in  the  wall  jet  were  made  on  radii 
of  3  to  2o  nozzle  diameters  from  the  jet  stagnation  point. 

If  you  compare  total  heads  for  different  nozzle  distances  H/D  at  a  certain  radius 
in  the  wall  jet  you  will  find  out  that  the  maximum  total  heads  grow  with  increasing 
distance  from  the  ground  up  to  H/D  =  8.  Although  at  3D  nozzle  clearance  from  the 
ground,  the  distance  covered  by  the  jet  up  to  the  measuring  point  at  R/D  =  5  is 
nearly  half  the  way  of  that  at  loD  nozzle  clearance  from  the  ground,  the  maximum 
total  head  of  the  greater  nozzle  clearance  is  for  24 %  higher  than  that  of  the  smaller 
clearance.  This  "reversal  effect"  cannot  be  stated  for  the  temperature  profiles. 

At  the  same  point  of  measuring  narrow  nozzle  distances  cause  higher  temperatures. 

If  you  plot  the  maximum  flow  velocity  against  the  radius,  the  maximum  velocities  in 
the  wall  jet  increase  when  the  nozzle  distance  grows  up  to  8d  (fig. 9).  If  the 
distance  of  the  nozzle  from  the  ground  comes  up  to  loD  the  velocity  keeps  constant 
as  Cox-Abbott  [7]  and  HSlscher-JUnke  [16]  remarked.  The  growth  of  the  wall  jet 
velocity  with  decreasing  nozzle  distance  from  the  ground  may  be  explained  by  the  free 
jet  spreading;  An  engine  jet  accelerates  its  core  flow  up  to  supersonic  velocity 
at  critical  pressure  ratio  (fig. 3).  When  the  supersonic  jet  impinges  on  the  ground, 
the  deflection  to  the  wall  jet  is  combined  with  higher  loss  of  momentum  than  we  can 
find  with  the  subsonic  jet. 

Figure  lo  shows  that  similar  to  the  free  jet  the  wall  jet  decays  faster  with  high 
nozzle  temperature . So  the  maximum  velocity  in  the  wall  jet  amounts  to  24?  of  the 
nozzle  velocity  for  a  distance  of  5  nozzle  diameters  from  the  stagnation  point  at 
an  overtemperature  of  6o°C;  if  the  nozzle  temperature  is  increased  to  55o°C  the 
velocity  decreases  to  183!,  up  to  looo°C  it  falls  to  15?  of  the  original  value. 

For  calculating  the  mass  flow 

m  =  p.2wR-h*u  (3) 

of  the  wall  jet  at  a  certain  radius  from  the  stagnation  point,  density  and  velocity 
and  from  these  a  partial  mass  flow  are  determined  for  each  measuring  point  of  the 
probe  rake.  The  sum  of  these  partial  mass  flows  gives  the  local  total  mass  flow  of 
the  wall  jet.  In  figure  11  the  mass  flow  for  different  values  of  H/D  and  nozzle 
temperatures  are  plotted  against  the  radius,  it  grows  linear  and  depends  very  much 
on  the  nozzle  temperature  and  nozzle  distance. 

The  nozzle  temparature  and  the  distance  of  the  nozzle  from  the  ground  have  very 
strong  influence  on  the  increase  of  the  mass  flow  of  the  wall  jet.  If  normalizing 
the  mass  flow  of  the  wall  jet,  not  with  the  mass  flow  m0  in  the  nozzle  exit  but  with 
the  free  jet  mass  flow  at  the  stagnation  point  mst;au  on  the  ground,  which  can  be 
taken  from  fig. 7,  this  mass  flow  ratio  for  different  temperatures  and  values  of  H/D 
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may  be  described  by  the  linear  equation 

T -  =  o.4  •  §  (4) 

mstau 

for  ground  clearances  H/D25  (fig. 11). 


5.  SEPARATION  OF  THE  WALL  JET  DUE  TO  WIND  INFLUENCE 


The  lengths  covered  by  the  wall  jets  against  wind  flow  have  been  investigated  by  the 
light-intersection-method  with  constant  nozzle  diameters  of  5o  mm  for  different  nozzle 
mach  numbers,  nozzle  temperatures  and  ground  clearances  of  the  nozzle  (fig. 12).  A  wind 
flow  with  a  realistic  velocity  profile  has  been  blown  against  the  wall  jet.  The  velocity 
profile  of  the  wind  near  the  ground  may  be  expressed  by  an  exponential  law 


In  figure  13  measured  velocity  profiles  of  wind  flows  near  the  ground  are  opposed  to 
the  profile  used  in  the  test.  Figure  14  shows  the  radii  of  separation  as  a  function 
of  wind  velocity  for  H/D  =  8  and  critical  nozzle  velocity  for  different  nozzle  tem¬ 
peratures.  The  plotted  wind  velocities  in  the  diagram  are  maximum  velocities  of  the 
velocity  profile  investigated.  The  radius  of  separation  decreases  with  increasing 
wind  velocity.  An  influence  of  the  nozzle  temperature  on  the  point  of  separation 
cannot  be  found  for  wind  velocities  of  more  than  7  m/s.  But  the  nozzle  mach  number 
is  very  important  for  the  radius  of  separation.  With  decreasing  nozzle  pressure  ratio 
the  jet  momentum  also  decreases  and  therefore  the  way  covered  by  the  wall  jet  against 
the  wind  becomes  shorter  (fig. 15). 

The  strong  dependence  of  the  nozzle  distance  from  the  ground  on  the  length  of  separat¬ 
ion  of  the  wall  jet  is  striking  very  much.  The  reduced  wall  jet  momentum  at  small  H/D 
values  (fig. 9)  causes  shorter  lengths  of  separation.  In  figure  16  the  radius  of 
separation  of  H/D  =  3  is  opposed  to  that  of  H/D'=  8. 

Separations  of  t-.he  heated  wall  jet,  caused  only  by  thermic  effects,  as  they  are 
discussed  by  Cox-Abbott  [7] ,  have  not  been  investigated  because  of  technical  difficul¬ 
ties  of  measuring  greater  separation  lengths  and  their  little  practical  importance 
for  the  recirculation  flow. 


6.  THE  SECONDARY  FLOW  FIELD 

The  whole  secondary  flow  field  around  the  VTOL  primary  jet,  which  consists  of  free 
jet,  wall  jet,  and  area  of  separation,  may  be  seen  as  a  potential  flow  field,  as  there 
is  no  friction  on  solid  walls  and  as  the  difference  between  the  jet  temperature  and 
the  ambient  temperature  may  be  neglected  in  a  certain  distance  from  the  stagnation 
point.  If  covering  the  engine  inlet,  the  free  jet  and  the  wall  jet  borders  and  the 
point  of  separation  with  a  proper  source-sink-distribution,  which  is  determined  by 
the  measured  mass  flow  distribution,  the  induced  secondary  flow  field  can  be  cal¬ 
culated  according  to  a  method  described  in  [24] .  The  wind  influence  may  be  represented 
by  simple  superposition  of  velocities.  Figure  17  shows  the  computed  secondary  flow 
field  around  a  single  lift  engine,  once  without  wind  influence  and  once  with  a  wind 
blowing  with  a  velocity  of  lo  m/s.  The  pictures  illustrate  distinctly  that  the  re¬ 
circulation  flow  of  a  single  jet  can  appear  only  with  wind  influence.  Then  indeed 
the  warm  wall  jet  enters  the  engine  inlet  in  a  very  short  time.  Light  intersection 
photographs  of  the  secondary  flow  field  on  the  Bodeneffekt-Versuchsanlage  confirm 
the  calculated  flow  fields. 


7.  RESULTS 

The  behaviour  of  the  wall  jet  of  high  velocity  is  different  from  the  behaviour  of 
the  wall  jet  of  low  velocity.  If  you  intend  to  produce  a  realistic  propulsion  jet  of 
a  lift-engine  only  the  geometrical  proportions  may  be  varied,  nozzle  mach  number  and 
temperature  must  be  kept.  The  results  of  the  investigations  of  axially  symmetrical 
jets  blown  downwards  with  critical  jet  pressure  ratios  are: 

Free  Jet 

1.  The  core  flow  of  the  free  jet  is  a  supersonic  flow  if  using  convergent  nozzles 
with  a  critical  nozzle  pressure  ratio  Pges/pm’ 

2.  The  jet  turbulence  decreases  with  increasing  nozzle  mach  number,  and  the  decay 
of  the  jet  will  be  reduced. 
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3.  The  jet  spread  angle  for  velocity,  total  head,  and  temperature  decreases  with 
increasing  nozzle  mach  number.  In  contrary  to  the  free  jet  with  lower  nozzle 
velocity  the  jet  spread  angle  of  the  mach-l-jet  is  nearly  independent  of  the  jet 
temperature . 

4.  The  hot  jet  enlarges  its  mass  far  more,  than  the  cold  jet  along  the  distance  of 
about  5  nozzle  diameters. 

Wall  Jet 

1,  With  decreasing  distance  of  the  nozzle  from  the  ground  the  maximum  total  heads 
and  the  velocities  in  the  wall  jet  are  reduced. 

2.  The  mass  flow  of  the  wall  jet  grows  little  with  increasing  nozzle  distance  from 
the  ground,  it  grows  very  much  with  the  increase  of  the  nozzle  temperature. 
Normalizing  it  with  the  free  jet  mass  flow  at  the  stagnation  point,  the  increase 
of  mass  flow  may  be  described  by  a  single  straight  line. 

Separation 

1.  The  length  of  separation  of  the  wall  jet  grows  linear  with  decreasing  wind 
velocity. 

2.  The  separation  of  the  wall  jet  due  to  wind  blowing  is  not  dependent  on  the  nozzle 
temperature,  however  the  nozzle  mach  number  has  a  great  influence  on  the  point 

of  separation. 

Secondary  Flow  Field 

1.  The  single  VTOL  propulsion  jet  has  no  recirculation  without  wind-blowing. 
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11(5.1  VTOL  propulsion  jet 


fig. 2  Test  setup 


Fig. 3  Schlierenphotograph  of  the  free 
jet,  just  behind  the  nozzle  exit 
nozzle  pressure  ratio  Pges/P„=l- 


fig.  A  Axial  velocity  distribution  at 
'different  nozzle  mach  numbers 


Fig. 5  Axial  velocity  distribution  at 
different  nozzle  temperatures 
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Pig. 6  Spread  of  the  velocity, 

influence  of  the  nozzle  mach  Fig. 7  Entrainment  of  mass  in  the  free 

-number  and  temperature  jet,  influence  of  the  nozzle 

temperatures 


Pig. 8  Light-intersection  photograph 
of  the  wall  jet 


Entrainment  of  mass  in  the  wall 
jet,  influence  of  nozzle  tempe¬ 
rature  and  H/D 


Fig,12  Light  intersection  photograph  of 
the  wall  jet  with  separation  due 
to  wind-effects 


ig.13  Wind  profile  Fig.  I1)  Radius  of  separation  of  the  wall 

jet,  influence  of  nozzle  tempera 
ture 
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FLOW  ANALYSIS  IN  aXISYHMETHIC  SUBSONIC  INLETS 
OF  SMALL  GAS  TURBINES. 


by 

P.N.  GALLET 

von  Karman  Insti-tute,  RhodB-St-Oenese 
and 

Royal  Military  School,  Brussels 

Belgium . 


TOSMAKf, 


SeiTpliC&ted  aiti symmetric  air  inlets  are.  used  in  small  gas  turbines.  The  flow  at  the  compressor 
entrance  is  therefore  disturbed.  A  streamline  curvature  method  to  calculate  the  flow  in  the  passage  and 
at  the  eeTtipressar  eye  is  presented,  A  new  universal  theoiy  of  ths  discontinuities  of  curvature  is  ap¬ 
plied,  Ai'ditionnsl  annulus  boundary  layer  calculations  can  help  in  ths  analysis  of  a  channel.  Some 
e'sperifteatal  ana  theoretical  results  are  shown,  which  tend  to  confirm  the  validity  of  the  theory. 


tmm. 


Lea  petite®  turbines  A  gaz  utilisent  des  entrees  d'air  assez  compliqudes .  L'dcoulement  A 
1'ehtrAe  au  botpresseur  est  d«  ce  fait  perturbe.  Noub  presentons  une  methode  basde  sur  la  couroure  des 
Ligses  «le  bburant  qui  penriet  de  calculer  les  caracteristiques  de  l’ecoulement  dans  le  passage  et  a 
i'ehtr&a  du  cofnpreaseur,  Une  nouvclle  theorie,  assez  universelle,  bases  sur  les  discontinuity  de  oour- 
burea  eat  appliquee,  Le  Caloul  complementaire  de  la  oouche  limite  annulaire  parfait  1* analyse  tiu  canal. 
Sous  presenters  ^galement  quelquss  resoltats  theoriques  et  experimentaux  qui  confirment  la  validite  de 
Ih  biithode  ■. 


-e  +  -t-  +  -t  +  -fa  +  + 
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NOTATIONS 

amo  velocity  of  sound  at  stagnation  conditions. 

A  coefficient  of  the  velocity  equation, 

b^  curvature  application  length  for  simulating  a  corner. 

B  coefficient  of  the  velocity  equation, 

cf  friction  coefficient. 

CRV  curvature,, 

d  distance. 

D  mass  flow. 

Dc  influence  of  curvature . 

es  auxiliary  length.' 

P  entrainment  function  of  Head. 

G  auxiliary  function  of  Head. 

H  enthalpy . 

momentum  form  factor. 

Head’s  form  factor. 

I*  ”  '  Truckenbrodt 's  form  factor, 
m  meridional  line . 

n  normal  line . 

R  radius . 

Rc  radius  of  curvature . 

Re  Reynolds  number  based  on  reference  length  and  velocity. 

ReB  Reynolds  number  based  on  momentum  thickness . 

Rex  local  Reynolds  number. 

Rq  gas  constant, 

s  trajectory  length. 

T  total  temperature . 

V  velocity . 

x  axial  coordinate . 

ex  angle  of  the  m-line  with  the  axis, 

p  flow  angle . 

specific  heats  ratio. 

6*  displacement  thickness . 

y>  angle  of  a  corner. 

6  angular  coordinate. 

0*  momentum  thickness. 

Vs  camber  correction. 

Vq  blockage  correction. 

f>  density. 

SUBSCRIPTS  . 

A  corrected, 

i  inner, 

m  meridional . 

n  normal . 

r  radial . 

u  tangential . 

x  axial . 


+  +  +  +  +  +  +  +  +  + 
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1 .  INTRODUCTION . 

In  the  last  few  years,  small  gas  turbines  have  been  improved  considerably.  In  these  machines, 
the  role  of  the  centrifugal  compressors  is  increasingly  important.  Its  compactness,  reliability  and 
ease  of  manufacturing  are  some  factors  for  its  success. 

In  many  applications,  the  small  gas  turbines  are  associated  with  a  big  reduction  gearbox 
(fig.1).  This  leads  to  the  use  of  air  inlets  which  are  generally  radial  and  their  shape  can  become 
rather  complicated. 


Flow  analysis  of  these  inlets  is  necessary  to  avoid  a  flow  separation  due  to  an  inadequate 
deceleration  and  to  calculate  correctly  the  inlet  anglss  for  the  blades  of  the  inducer.  It  can,  for 
example,  be  demonstrated,  that  the  inlet  absolute  velocity  can  never  be  uniform  for  a  radial  compressor 
preceded  by  a  radial  inlet. 

For  high  performances  compressors,  where  the  tip  relative  velocities  are  almost  sonic  or 
even  slightly  supersonic,  it  is  absolutely  necessary  to  calculate  with  very  much  accuracy  the  shock  free 
flow  angle. 

In  this  paper,  we  will  first  present  the  basic  flow  equations  leading  to  our  method  of  analy¬ 
sis  .  The  most  important  factor  in  this  method  is  the  curvature  of  the  walls.  We  will  also  present  a  new 
method  for  computing  the  curvatures  of  the  meridional  streamlines  at  any  point  of  the  channel. 

Boundary  layer  calculations  are  introducted.  We  will,  then,  discuss  the  effects  of  the  inlet 
flow  on  the  design  of  the  impeller  and  present  some  experimental  and  theoretical  results. 


2.  BASIC  EQUATIONS  FOR  AXISIKNBTHIC  FLOW. 

We  consider  the  motion  of  the  point  M  in  an  (x,R,0)  coordinate  system  represented  in  fig. 2. 
The  motion  of  H  can  also  be  described  in  an  axisymmetric  orthogonal  system  (m;n)  where  ths  m  lines  are 
streamlines  projected  on  a  meridional  plane  and  the  n  lines,  normal  lines. 


If  we  assume  that  the  flow  is  permanent,  isentropic  and  non  viscous,  the  general  equation  of 
the  flow  is  ;  _ 

VH  =  V  X  (VX  V) 

where VH  denotes  eventualy  enthalpy  gradients. 

Cbnsidering  the  equilibrium  of  the  forces  in  the  (mjn)  system,  the  equations  of  the  flow  can 
be  written  :  '  .  .-js 


6n 


and 
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Rc  is  the  radius  of  curvature  of  the  m  curve  at  the  considered  point.  Vm  is  the  meridional  component  of 
the  velocity  V,  and  Vu  the  tangential  component. 

If  the  initial  values  of  and  R.Vu  are  known  along  a  special  normal  line  n  ,  we  have  s 


-Sh  6H  <5n 

_ _  _ o  _ o 
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Equation  (l)  can  finally  be  written  t 

2.“2+  2.(Vuo.Sg.  _  $S„).  .  o  . 

6n  Rc  R  6n  6n  6n 


(2) 


Equation  (2)  is  a  linear  differential  equation  with  Vm  as  variable.  All  the  coefficients  are 
functions  of  n.  The  solution  of  that  equation  is  : 

0  ~  .dn  nn  R  6(R  .Vu  )  6H  fn  .dn 

2  Jo  Rc  /„  /  o  .  o  o  o'  o \  Jo  Rc  ^ 

*  -(c-Jo  2-(VuoT-~  -&rha  -dno>  <3> 

~  o 


Vm 


The  integrations  are  performed  from  the  inner  contour  to  the  outer  one,  i .e .  from  n 


0  to  n. 


If  n  is  equal  to  zero,  we  are  along  the  inner  wall  and  we  have 
2 

Vm.  =  C. 
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Equation  (3)  can  therefore  been  written  s 
op  ?  P 

Vm  -  A  .  (  Vm  -  B  ) 

.2  -2/"  1  * 

A.  =  e  J  n.=  o 


(4) 


where 


and 


Rc 


B2  =  2 


R  S(R  .Vu  )  6H 
/.,  o  x  o  o'  _ o 

n  =o  R  6n  «Sn 

o  oo 


fn  2 

J  n=o  —  .dn 
Rc 


dn 


If  there  is  no  swirl,  or  a  free  vortex  swirl,  and  no  enthalpy  gradients,  the  term  B  is  equal  to  zeroj 
equation  (3)  is  simpler  and  becomes  : 

•  tn 
Vm  _  J  o  Rc 

Vm.  "  * 

1 

3.  METHOD  OP  SOLUTION. 

3-1.  DETERMINATION  OP  Vm. 


Vm.  is  calculated  by  means  of  the  continuity  equation.  The  mass  flow  passing  through  the 
channel  is  imposed.  The  mass  flow  passing  through  a  passage  section  defined  by  a  normal  line  n  is  equal 
to 


»-/: 


r 


,R,Vm .dn . 


(5) 


The  local  static  density  p  is  calculated  from  the  known  total  conditions  of  the  gas. 

2  2  JL 

p.  p.  .  1  _L=1.  al ±3st  )  ih 

r  Jo1  '  2  2  1 

amo 

amo  i3  the  velocity  of  sound  at  stagnation  conditions  : 
amo 


vTVf 


0  q 


The  correct  value  of  Vm.  is  determined  by  an  iterative  trial  and  error  method. 

A  first  value  of  Vm,  is  assumed.  The  ratio  of  the  local  meridional  velocity  to  Vm.  is  known  by 
equation  (4)>  and  so  a  first  value  of  the  meridional  velocities  is  calculated  along  the  normal  line. 
Integrated  in  equation  (5)*  the  velocities  give  a  mass  flow  wich  is  compared  to  the  actual  one.  Vm^  is 
oorrected  until  the  computed  and  actual  mass  flows  correspond. 

Special  case  has  to  be  taken  when  the  interations  are  handling  velocities  close  to  the  sound 
velocity.  There,  a  large  increase  in  velocity  give  only  a  small  increase  in  mass  flow  and  the  iterations 
could  put  some  local  velocity  higher  than  3ound  speed.  In  this  case,  the  method  is  no  longer  valid,  in 
its  present  form. 


3-2.  ITERATIVE  PROCEDURE. 

The  calculations  are  performed  from  a  first  net  of  meridional  and  normal  lines  (fig. .3).  The 
meridional  lines  are  defined  as  equal  mass  flow  lines.  The  first  net  can  be  obtained  by  a  rheoelectrical 
analogy  or  by  calculations  assuming  that  the  velocities  are  uniform  in  a  section. 


The  velocities  are  computed  for  the  first  net  and  their  integration  show  that  the  first  net  was 
not  an  equal  mass  flow  net.  Tt  is  thus  necessary  to  change  the  position  of  the  points  because  the 
calculations  are  only  valid  if  the  points  of  the  net  are  located  at  the  intersection  of  true  meridional 
streamlines  ana  normal  lines. 


The  correction  An  along  the  normal  line  is  computed  by  interpolation  on  the  velocity  profile. 

The  new  coordinates  are  then  given  by  : 

X.  =  x  -  A n  .sin  tt 
A 

R.  «  R  +  An  .cos  tt 
A 

where  <x  is  the  local  angle  of  the  meridional  line  with  the  axis  of  symmetry.  The  points  along  the  inner 
wall  are  initial  points  and  do  never  change  of  position.  But,  the  points  along  the  upper  wall  are 
changing  and  they  must  always  stay  on  the  upper  wall.  The  new  intersection  of  the  corrected  normal  line 
with  the  outer  wall  is  given  by  the  intersection  of  a  straight  line  perpendicular  to  the  last  meridional 
line  and  a  line  tangent  to  the  walltrough  the  point  of  the  previous  iteration. 

A  new  net  of  meridional  and  normal  lines  is  so  defined.  In  fact,  the  corrections  must  be  small 
enough  to  allow  the  application  of  the  theory.  A  relaxation  factor  multiply  therefore  the  computed 
correction  An  before  defining  the  new  net. 

The  calculations  are  performed  again,  until 1  the  corrections  are  Small  enough,  i.e.  smaller  than 
0,001  mm.  Convergence  of  the  procedure  is  more  or  less  rapid  depending  on  the  value  of  the  relaxation 
factor  (0, 1  to  0,4) . 
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■4.  LIMITING  SWIRLING  FLOW. 

2  2 

It  can  b«  seen  from  equation  (4)  that  if  the  term  B  becomes  greater  than  Vm.  there  is  no 
more  a  real  solution  for  Vm .  It  means  that  the  energy  of  the  flow  is  not  large  enough  ^o  assure  the 
equilibrium  of  the  forces.  Therefore,  any  mass  flow  cannot  be  combined  with  any  swirling  property  of 
the  flow. 


This  phenomenon  cannot  occur  if  the  flow  is  without  rotation,  or  of  the  free  vortex  type.  But, 
in  a  actual  flow,  there  is  always  a  boundary  layer  where  the  flow  does  not  follow  the  same  rules  as  in 
the  main  flow.  In  fact,  purely  free  vortex  flows  do  not  exist.  Therefore,  there  is  also  in  the  free 
vortex  flows  a  minimum  mass  flow  under  wich  unstability  occurs. 

In  the  design  of  an  inlet  for  swirling  flow,  it  is  very  important  to  know  the  unstability 
mass  flow.  Unstability  is  the  cause  of  theoretically  unexpected  separations  of  the  boundary  layer  and 
of  important  back  flows. 

5.  MERIDIONAL  STREAMLINES  CURVATURE. 

The  most  iTBjsorisn t -iv? ter  coming  into  the  equation  is  the  curvature  of  the  meridional  lines. 
In  ref.  (2),  Vavra  uses  a  linear  interpolation  between  the  boundary  values  of  the  curvature  (curvature 
of  the  walls).  He  demonstrates  that  the  error  introduced  is  not  important. 


However,  this  procedure  becomes  unsuitable  when  the  curvatures  of  the  walls  are  discontinuous, 
especially  when  the  contours  are  made  from  straight  lines  and  circular  arc  as  encontered  many  times  in 
practice.  Other  methods  must  be  used  to  determine  the  curvatures  in  the  channel.  The  most  widely  used 
methods  are  best  fit  or  spline  fit  methods  associated  with  smoothing.  But,  these  calculations  are  long 
and  generally  unsuitable  for  automatized  procedure  . 


We  have  developped  a  new  method,  more  in  relation  with  the  physic  meaning  of  the  problem  wich 
is  that  the  curvatures  inside  of  the  channel  are  generated  by  the  curvatures  of  the  walls.  The  method  is 
called  "method  of  the  discontinuities"  beoause  we  oonsider  first  the  effect  of  one  discontinuity  and  then 
the  effect  of  a  contour  having  more  than  one  discontinuity.  If  the  curvature  of  the  wall  is  continuous 
it  can  easily  be  approximated  by  a  large  number  of  small  discontinuities. 

5-1.  EFFECT  OF  ONE  DISCONTINUITY. 


In  rof.(l),  we  demonstrate  that  the  curvature  induced  by  a  discontinuity  (Rc^ jRc^)  at  a  point  P 
(fig.  4)  with  coordinates  (dj  ^  )  is  equal  to  : 


2 

Rc 


Rc 


+  "  nf  }  b  tan 


-1  d 


Ro2'  Tt' 


(6) 


1  Equation  (6)  is  extended  in  a  more  general  case,  where  the  abscissa  of  a  discontinuity  is  m. 
and  a  point  when  the  curvature  has  to  be  calculated  is  given  by  the  abscissa  m  and  the  distance  n  along 
a  normal  lin.  .  So,  the  influence  of  a  discontinuity  of  curvature  (CRV^J  )  can  be  written  ! 


Do  -  CRVi  -  (CRVi_1  -  CRV.)  ^tan"1^)  -  CRV^, 

Do  =  CRV  -  (CRV.  .  -  C 

i  1-1 

uc  -  |  (CRVt  -  CRV._t) 


Do  =  CRV  -  (CRV.  .  -  CRV. )  i.tan-  (— — )  -  CRV. 

i  v  1-1  i  K  'm-rn^  1 


for  m  <  i 
for  m  >  i 
for  m  e  r 


5-2.  EFFECT  OF  SEVERAL  DISCONTINUITIES  j  EFFECT  OF  THE  OTHER  WALL  ; 

thB  additivity  of 

We  will  made  the  assumption  of /the  influences  of  curvature .  Thus 
ties  will  give  at  a  point  which  coordinates  are  (mjn)  a  curvature  equal  to 


CRV 

m,n 


CRV  +  XL,  .  Do(j) 

m,o  i-1,  j 


a  wall  having  j  discontinui- 


where  CRV  is 
m  ,o 


the  curvature  along  the  wall  at  the  root  of  the  consiuered  normal  line. 


Now,  it  is  obvious  that  the  other  wall  has  also  an  influence  on  the  curvature  at  a  point.  Since 
along  a  wall  the  curvature  can  only  have  its  geometrical  value,  it  has  to  be  assumed  that  there  exists  a 
"oonter-ourvature"  generated  by  a  wall  on  the  other,  Pig.  6  presents  the  distribution  of  curvature  along 
a  normal  line  of  a  channel.  The  two  main  influences  can  be  seen  and  the  oonter-ourvatures  too.  The 
resulting  curvature  along  the  line  is  also  shown. 


Actually,  the  linear  substraotion  (with  the  length  of  the  normal)  of  the  overlaying  curvature 
on  the  other  wall  give  the  same  results. 

5-3.  EFFECT  OF  A  CORNER. 


In  many  applications,  not  only  the  curvatures  of  the  walls  are  discontinuous  but  also  the  wall 
itself.  It  was  therefore  interesting  to  include  this  case  in  the  general  theory.  An  approximate  method 
has  been  developped  leading  to  the  following  theory. 
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A  corner  represents  two  infinitely  large  discontinuities  of  curvature,  infinitely  close  one 
to  the  other.  If  we  assume  that  the  distance  between  the  two  discontinuities  is  equal  to  b^  small  but 
finite,  the  presence  of  a  corner  can  be  demonstrated  to  be  equivalent  to  two  discontinuities  whose  value 
is  equal  to  s 

CRV  = 


-2n.sin¥ 


1 


where  is  the  angle  of  the  corner  (fig.  7). 


With  our  method,  the  curvature  can  be  calculated  at  any  point  of  the  channel,  knowing  only  the 
curvature  distribution  along  the  walls.  However,  this  procedure  is  complicated  and  the  automatic  calcu¬ 
lations  can  only  be  performed  with  a  very  large  computer.  Therefore  a  graphic  method  has  also  been 
established  to  determine  an  equivalent  wall  curvature.  The  complete  calculation  is  performed  separately 
along  each  normal  line.  The  composition  of  the  influences  is  made  graphically  and  a  linear  interpolation 
ie  defined  giving  the  same  integral  as  the  actual  "curvature  profile"  along  the  normal  line .  In  this  way 
an  automatic  program  working  with  the  interpolation  of  the  equivalent  will  curvature  can  be  used  on  a 
small  computer. 


6.  THREE  DIMEN310NNAL  PLOW  PICTURE. 


If  there  is  no  rotation  the  flow  is  completely  described  in  a  meridional  plane.  But,  if  the 
flow  is  rotationnal,  it  is  important  to  know  the  effective  length  of  the  trajectory  of  a  fluid  particle. 
And  therefore  we  must  know  the  complete  coordinates  of  a  point  x,R  and  9  . 

Since 


V 


=  Wm 


Vu 


Vu=  R-fr 

,  dR 
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Knowing  x,R  and  6  ,  the  actual  length  of  the  trajectory  is  calculated 

ds 
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It  is  also  interesting  to  define  the  auxiliary  variable  es  so  that 


and 


des 


-f 


2 
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R2.d02 
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dx 


tan  R>x2 
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dR 


The  trajectory  of  a  particle  along  the  walls  can  now  be  represented  in  a  plane  (es;R).  The 
advantage  of  this  representation  is  that  the  curvature  of  the  curve  (esjR)  is  the  curvature  that  feels 
the  boundary  layer  along  the  walls.  The  trajectory  is  longer  than  in  a  meridional  plane  but  the 
curvature  is  less  strong. 


7.  BOUNDARY  LAYER  CALCULATIONS . 


In  the  inlets  channels  the  flow  is  generally  accelerating.  But,  in  complicated  cases,  large 
decelerations  can  occur  locally.  Boundary  layer  calculations  are  therefore  very  usefull . 

Using  the  assumption  of  an  axi symmetric  flow  we  will  calculate  a  two  dimensionnal  axisymmetric 
boundary  layer.  The  length  of  the  trajectory  is  known,  as  well  as  the  local  radius,  ana  by  means  of  the 
curve(esj  R)  the  curvature  that  the  boundary  layer  feels. 


It  is  well  known  that  in  the  axisymmetric  case  the  momentum  equation  combined  with  the  continui 
ty  equation  gives  the  general  buundary  l*/er  equation: 


\  ,^-(V2.Re8) 

V  .R  de 


dV 

ds 


cf 

2 


(7) 


•where  Re®  is  the  Reynolds  number  related  to  tbe  momentum  thickness  Q*, 


J' 


is  the  displacement  thickness 
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aqd  cf  a  skin  friction  coefficient. 

y 

We  will  also  make  use  of  the  momentum  form  faotor  H ^  =  -gj  . 

In  moot  of  the  cases,  the  boundary  layer  ie  very  quickly  turbulsnt.  But  it  ie  necessary  to 
calculate  the  laminar  part  to  locate  the  transition  point  and  to  have  the  initial  values  for  a  turbulent 
boundary  layer  cil  dilation. 

The  calculations  are  performed  for  an  incompreseible  case. 


7-1.  LAMINAR  BOUNDARY-  LAYER. 

The  development  of  the  laminar  boundary  layer  ie  easily  computed  by  tne  method  of  Truckenbrodt 

(ref  .33 

The  momentum  thicknsee  is  caloulated  from  the  following  equations. 

Vs  have  ra  ,  .  1/ 2 

V5-R2.de) 

where  cfl  ie  a  laminar fiir'I-on  •  coefficient  equal  to 

on  - 

\Zitex~ 

V.e 

Rex  ie  the  local  Reynolds  number  defined  as  Rex  *  W®  obtain,  by  Truckenbrodt ' s  theory,  the  local 

value  of  „*5/ 4  y 

h _ 

‘  Ry  •  k 

With  the  local  value  of  ths  auxiliary  variable  ^  defined  as  ?  *  (C  *)  ,  where  k  is  equal  to  6,5  for  an 
accelerating  flow  and  8  for  a  decelerating  flow,  we  find  the  local  value  of  Truckenbrodt 1 e  form  factor  L 

L  -  ln.V  -  i  J ln.V.d|  , 

Truckenbrodt  says  that  there  is  a  (unique  relation  between  L  and  (Fig. 8)  .rnd  so  for  a  given  value  of 

L,  we  find  ^nd  thue  6*, 

In  our  caeea,  the  boundary  layer  ie  mostly  turbulent.  It  ie  thue  necessary  to  determine  the 
zone  of  transition. 

We  will,  therefore,  assume  that  the  transition  ocoure  when  ths  local  Reynolds  number  Rex 
becomes  higher  than  5.10  . 

7-2.  TURBULENT  BOUNDARY-  LAYER . 

The  calculation  of  the  turbulent  boundary  layer  is  performed  by  the  entrainment  method  of 
Head  (ref .4). 


Equation  (7)  is  combined  with  the  entrainment  equation 

f  h  -  R-F  ("*_,•> 


(8) 


layer 


The  main  assumption  of  Head  ie  to  eay  that  the  quantity  of  fluid  entrained  in  the  boundary 
ie  a  function  F  of  hie  form  factor  H^^.  defined  as  . 


Q* 

He  assumes  too  that  hie  form  factor  is  a  unique  function  G  of  H. 


12  * 


and 


In  an  analytical  form  we  have  t 
F  »  0,0306.  (  H  6_6,-  3  r°’S53 

1,535.  (H12  -  0,7)-2’715  +  3,3 


(9) 

(10) 


y«gf  Cref 

If  1  denotes  that  the  variables  are  non-dimennionnallsed,  and  with  Re  ~ - '• -  ,  the 

bound  try  layer  equation  can  be  written 


8_f— 1  .  /Rill  ±  1\  d .  1  ,Re8,  dR'  1 

d^Re  > +  12r^-di-  -?of-7  - 


d?  'Re  '  '  xRe  7 •'  V*  ' ’de'  2 
and  the  auxiliary  entrainment  equation  becomes  : 


d  /Re  Q\  /Re  9  \  d  \  ...  _/»  \  H  *  /  Re  9  \  dR  * 

+  ■  v'-f<h6-5‘)  “if*-*  -(iT^ 

Theee  two  differential  equations  witn  H^  ^*and  Refi/Re  as  unknown® can  be  solved  on  a  computer. 
Equation©  ($)  and  (10)  are  used  as  auxiliary  equations. 

The  turbulent  friction  coefficient  cf  is  estimated  by  the  formula  of  Ludwig  and  Tillman 
cf  -  0,246.  10-°-678-H,2.  Re 8  '°>268. 
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The  effect  of  the  curvature  of  the  wall  ie  given  by  the  radius  of  curvature  Rc  of  the  curve 
(esjR).  That  effect  is  found  principally  in  the  function  F,  by  mean  of  the  formula  suggested  by 
Horton  (ref. 5)* 

F  -  F,  ...  .  v,  fl  +  kb.  --  (H.  2,3)1  _1’38 

curv  (without  curv.)  L  Rc  x  6-5  ’  'J 

kb  is  a  content  equal  to  7  for  a  convex  contour  and  to  -4,5  for  a  concave  one. 

Classical  separation  criterias  can  be  used  to  determine  an  eventual  separation  of  the  boun¬ 
dary  layer-.  Por  exemple,  we  may  consider  that  separation  occurs  when  becomes  higher  than  2,6  or  when 
the  friction  coefficient  cf  becomes  equal  to  zero. 


If  the  boundary  layer  is  thick  enough  it  can  be  usefull  to  calculate  again  the  complete  flow 
in  a  new  channel  defined  by  the  displacement  thickness  added  to  the  original  contours.  It  is  so  poesible 
to  take  into  account  of  the  annulus  boundary  layer  blockage  at  the  compressor  eye. 

8.  CORRECTION  OT  THE  INLET  PLOW  ANGLES . 


It  is  well  known  that,  especially  for  high  speed  compressors,  the  best  efficiency  is  obtained 
for  a  "shock  free"  (in  the  sens  of  hydraulic  ehock)  inlet  flow.  This  condition  is  aleo  called  "zero 
work"  condition  at  the  leading  edge. 


If  the  blade  angles  are  made  without  incidence  regarding  the  relative  flow  in  front  of  the 
wheel,  some  work  at  the  leading  eage  appears  due  to  the  blockage  effect  of  the  blades  that  changes  the 
meridionnal  velocity.  A  large  curvature  of  the  blading  introduces  also  a  work  near  the  leading  edge. 
However,  important  turnings  near  the  leading  edge  are  usually  not  used  in  high  speeclcompressor .  This  is 
to  avoid  or  limit  the  appearance  of  shock  waves  (in  the  fluid  mechanic  sense). 


The  "hydraulic  shock  free"  blade  angle  fV  is  defined  as 

»c 

n>,  =  ft  -  (v  +  v  ). 

I  1c  1  1  '  s  q 

P1  is  the  relative  flow  angle  in  front  of  the  wheel,  is  the  correction  due  to  camber  effects  and  v 
the  correction  due  to  the* blockage .  Pig.  9  shows  a  typical  velocity  triangle  at  leading  edge.  ** 

According  to  Schnell  (ref  .6)  the  influence  of  the  camber  is 

V  *  ^T*1-  •  (  cos  [V  ,ln(2.cos  R>  )  +  P.  ,ein  ft  ')  » 

s  T1.^N  x  Me  x  1  1c  '  1c  »  1c  '  * 

t^  is  the  pitch  of  the  blading  at  the  leading  edge  and  the  radius  of  curvature  of  the  camber  line  . 

The  influence  of  the  blockage  is  calculated  from  the  following  formulas  ,  With  the  "blockage 
factor"  q  defined  as 

th _  2 TT  /  x 

ooa  (3.  N  •  a  ^  "  q' 

1  1  c 

where  th  is  the  tickness  of  the  blading  ,  and  N  the  number  of  blades,  we  find  that 

(1  -  q).  tank 
tanv  =  «  ,  — 7*1°  • 

q  1  +  q.tan|3)o 


In  modern  designs  the  correction  V  is  generally  neglected  because  the  curvature  of  the  bla¬ 
ding  is  inexistant  near  the  leading  edge. 

The  final  value  of  [V  is  obtained  by  a  check  and  trial  procedure  from  the  initial  value  [V  , 

1  1c  *  1 

Many  improvements  of  the  compressors  efficiencies  can  be  obtained  by  the  application  of  this 
theory,  when  the  local  calculated  value  of  the  inlet  velocity  is  considered. 

9.  PRESENTATION  OP  SOME  EXPERIMENTAL  RESULTS. 

The  method  hae  been  checked  in  a  classical  inlet  similar  to  the  one  presented  in  Fig.1  .  The 
non-dimensionalized  velocity  distribution  along  the  shroud  is  shown  in  Pig.  10  and  compared  with  the 
tests.  We  can  see  that  the  design  of  the  inlet  was  not  too  good  because  there  is  a  large  deceleration 
occuring  in  front  of  the  inducer,  A  modified  shape  gived  the  velocity  distribution  represented  in  dotted 
line . 

Pig.  11  showe  the  computed  and  measured  velocity  distributions  in  a  traverse  along  the  radius 
made  some  millimeters  in  front  of  the  inducer.  We  remark  that,  here  too,  we  have  a  good  agreement 
between  the  tests  and  the  calculations. 

Pig.  12  presents  a  typical  cross-over  duct  for  a  radial  compressor.  The  computed  and  measured 
velocities  distributions  are  shown  and  compared  in  Pig. 13.  They  also  agree  quite  well  with  each  other. 
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10.  EXAMPLE  OB'  INLETS  CALCULATIONS  . 

In  Pig.  14  we  have  presented  a  meridional  view  of  a  typical  inlet  channel  and  radial  compressor. 
The  meridional  lines  are  given  in  the  inlet. 

'■*« 

Pig.  15-a  presents  the  velocity  distribution  calculated  along  the  shroud,  rfe  see  also  the 
local  curvature  and  the  displacement  thickness  of  the  boundary  layer.  Pig.  15-h  makes  the  3ame  thing  for 
the  hub.  In  Pig. 16,  we  can  see  the  velocity  distribution  at  the  impeller  eye.  The  velocities  are  very 
much  different  from  the  velocity  computed  for  an  uniform  flow.  The  blade  angles  are  also  calculated  for 
an  impeller  running  at  35°00  RPM.  We  see  that  there  is  a  significant  difference  in  blade  angle  when  our 
calculations  are  used.  An  undesired  incidence  of  5°  can  result  from  a  one-dimensional  design  leading 
to  a  smaller  range  in  mass  flow  for  the  compressor.  In  a  other  way,  the  inlet  blading  varies  less  in 
our  case  and  the  compressor  is  then  easier  to  manufacture. 

?ig.17-a,  -b,  -o,  and  -d  present  a  different  (bad)  inlet,  the  velocity  distribution  along  the 
contours  and  the  velocity  distribution  at  impeller  eye. 

11.  CONCLUSIONS.  —T 

The  method  presented  here  is  not  a  design  method  but  can  help  very  much  to  avoid  errors.  It  is 
also  of  great  help  in  the  design  of  a  radial  cotupresaor  while  our  theory  of  curvatures  show  that  the 
impeller  has  also  an  influence  on  the  velocity  distribution  at  the  eye. 

The  method,  combined  with  a  classical  method  of  analysis  of  a  blading,  can  be  easily  used  to 
study  what  happens  in  an  inlet  with  prewhirl. 

The  boundary  layer  calculations  are  not  very  important  for  most  of  the  inlet  designs,  when  the 
flow  is  continuously  accelerating.  But,  if  the  msthod  is  applied  to  the  analysis  of  axi  symmetric  diffu¬ 
sers  they  become  very  uaefull . 

The  new  method  giving  the  curvatures  in  the  channel  by  the  knowledge  of  the  curvature  of  the 
contour  has  more  physical  meaning  than  a  spline  or  best  fit  method,  and  is  of  general  use.  Por  example, 
this  method  is  now  used  in  tnree-dimensional  analysis  of  rotating  machines  (through-flow  theories). 

As  conclusion,  we  may  say  that  the  correct  design  of  a  good  inlet,  checked  by  a  good  analysis, 
can  greatly  improve  the  range  and  the  efficiencies  of  the  compressors  and  so  of  the  complete  gas  turbine 

+  +  +  +  +  +  +  +  +  + 
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Typical  small  gas 
turbine  inlet. 
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Fig.  4.  Discontinuity  of  curvature. 


Fig.  6.  Distribution  of  the  curvature  effects 
along  a  normal  line. 
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MODEL  FOR  A  RANGE  OF  FORWARD  SPEEDS  AND  ANGLE  OF  ATTACK  SETTINGS 
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SUMMARY 

The  performance  of  a  typical  fan-in-v;ing  model  was  examined  under  representative 
transition  conditions.  The  model,  comprising  a  12-in.  (30,5  cm)  diameter  fan  buried  in 
a  N.A.C.A.  0015  section  wing  with  a  constant  chord  of  40-in.  (1,02  m),  was  tested  at 
various  angles  of  attack  and  air  speeds  in  the  10x20-ft  (3*6  m)  closed  working  section 
of  the  Propulsdi  Wind  ifunneX^at  the  National  Research  Council  of  Canada. 

'  '  ■*&**  ■ 

Tunnel  interference  corrections  were  estimated  by  a  novel  method.  Typical  correc¬ 
tions  were  indicated  for  the  whole  testing  range  which  became  limited  at  very  low  cross- 
flow  ratios  as  a  result  of  uncertainty  in  the  correction  in  angle  of  attack. 

Flow  distortion  due  to  crossflow  occurred  in  both  the  inlet  and  exit  planes.  In  the 
crossflow  ratio  range  zero  to  0.27,  inflow  distortion  was  observed  to  be  velocity  distor¬ 
tion  at  essentially  constant  total  pressure,  whereas  outflow  distortion  appeared  to  be  a 
distortion  of  the  exit  plane  static  pressure  field. 

The  fan  thrust  was  seen  to  fall  off  with  crossflow  ratios  greater  than  0.2  and  ap¬ 
peared  to  be  a  direct  result  of  increasing  distortion.  However,  it  seemed  to  be  insensi¬ 
tive  to  relatively  large  changes  in  angle  of  attack.  Input  power  measurements  indicated 
little  dependence  on  approach  air  speed  or  angle  of  attack. 

Despite  high  levels  of  distortion  in  the  inlet  at  large  crossflow  ratios,  the  fan 
demonstrated  considerable  tolerance  in  operating  under  these  conditions.  This  was 
evidenced  by  the  very  large  flow  redistributions  that  took  place  within  the  fan  stage 
which  almost  completely  attenuated  the  inlet  distortion  at  the  exit  plane. 


a 


LIST  OF  SYMBOLS 

local  swirl  velocity,  component  of  V 
local  axial  velocity,  component  of  V 
fan  diameter 
blade  height 
total  pressure 

total  pressure  of  the  crossflow 

fan  axial  dynamic  pressure  based  on  inlet  mass  averaging 
crossflow  dynamic  pressure,  free  air  equivalent 
tunnel  dynamic  pressure  far  upstream  of  the  model 
total  temperature 
blade  velocity 

local  velocity  in  the  inlet  and  outlet  planes 

fan  axial  velocity  based  on  inlet  mass  averaging 

crossflow  velocity,  free  air  equivalent 

tunnel  velocity,  far  upstream  of  the  model 

fan  mass  flow,  summed  in  the  inlet  plane 

wing  pitch  or  setting  angle 

angle  of  attack 

denotes  change  in  a  quantity 

circumferential  angle 

static  pressure  coefficient:  local  static  pressure  referenced  to  crossflow  static 
pressure  divided  by  crossflow  dynamic  pressure 

loss  coefficient 


crossflow  ratio 
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INTRODUCTION 

The  general  attractiveness  of  lifting  fans  to  serve  as  thrusters  for  V.T.O.L.  air¬ 
craft  has  been  amply  demonstrated  (1).  For  safety  reasons  alone.  It  Is  essential  that 
such  fans  are  capable  of  stable  operation  under  all  powered  forward  flight  conditions. 

Although  a  great  deal  of  experience  exists  with  both  fan  and  compressor  inlet  flow 
distortions,  it  is  usually  associated  with  total  pressure  losses  (2).  In  very  shallow 
installations  where  the  total  axial  length  may  be  only  half  the  fan  diameter  or  less, 
there  is  insufficient  surface  ahead  of  the  fan  for  such  distortions  to  develop,  and  con¬ 
sequently  such  installations  are  less  apt  to  suffer  from  large  amounts  of  total  pressure 
distortion  (3).  The  relatively  short  inlet  region  cannot,  however,  provide  adequate 
guidance  for  the  entering  flow  (4)  and  hence  the  dominant  inflow  problem  is  a  velocity 
distortion,  both  magnitude  and  direction  being  involved. 

This  distortion  is  likely  to  occur  in  V.T.O.L.  lifting  fans  during  transition 
manoeuvres . from  vertical  to  horizontal  flight,  and  vice  versa,  because  the  flow  entering 
the  inlet  plane  is  still  in  the  process  of  turning  as  it  reaches  the  fan. 

The  efflux  jet,  a  direction  essentially  normal  to  the  external  crossflow, 

experiences  a  distortion  static  pressure  field  in  and  around  the  jet. 

The  combined  effect  of  these  two  distortions  imposes  a  fluctuating  load  on  the  rotor 
blading  and  causes  the  fan  performance  to  vary  noticeably  from  the  axisymmetric  case. 

The  experimental  work  reported  herein  represents  part  of  a  study  at  the  National 
Research  Council  of  Canada  on  V.T.O.L.  lifting  fans.  The  data  presented  show  in  detail 
the  inlet  and  outlet  distortions  that  are  associated  viith  representative  transition  con¬ 
ditions.  An  attempt  is  made  to  correlate  these  distortions  with  the  appropriate  perform¬ 
ance  parameters  and  measurements  under  similar  crossflow  conditions, 

EXPERIMENTAL  METHOD 

Test  Model 

The  model,  shown  in  Figures  1  and  2,  comprised  a  constant  40-in.  (1,02  m)  chord  wing 
of  15%  section  thickness  (N.ii'.C.A.  0015)  completely  spanning  the  10x20-ft.  (3*6  m)  N.R.C. 
Propulsion  Tunnel  working  section  at  the  10-ft.  (3m)  elevation,  and  a  12-in.  (30,5  cm) 
diameter  fan  mounted  in  the  wing  plane  at  mid-span  and  35?  of  the  chord.  Six  inch  (15,2 
cm)  high  fences  were  fitted  to  the  wing  ends  10  in.  (25 >4  cm)  away  from  the  tunnel  walls. 


Fig.  1.  Powered  fan-in-wing  model  in  the  NRC  propulsion  wind  tunnel. 


The  main  aerodynamic  specifications  of  the  fan  are  described  in  Reference  5;  it  was  a 
single  stage  fan  designed  for  operation  up  to  18,000  r.p.m.  The  rotor  and  stator  had  18 
and  11  blades,  respectively,  and  the  fan's  axial  length  to  diameter  ratio  was  nominally 
1/4.  The  rotor  was  driven  by  an  air  turbine  powered  shaft  which  passed  through  a  thick 
stator  blade  at  the  starboard  side  of  the  model  and  a  bevel  gear  set  inside  the  hub. 

The  fan  inlet  plane  was  0.50  in.  (1,27  cm)  above  the  wing  symmetry  plane,  and  coincided 
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Pig.  2.  View  of  Inlet  side  of  fan-in-wing  model. 


with  the  beginning  of  the  cylindrical  portion  of  the  outer  shroud.  The  inlet  and  centre- 
body  walls  had  elliptic  profiles  (2:1  ellipse,  with  major  axis  parallel  to  fan  axis). 

The  fan  is  illustrated  schematically 
in  Figure  3. 

Measurements 


Measurements  reported  herein  were 
made  at  test  conditions  of  fan  speeds 
from  6,000  to  13,500  r.p.m.  ,  crossflow 
speeds  from  zero  to  130  ft/sec  (39,6 
m/s),  and  wing  pitch  angles  from  -12.5° 
to  +12.5°. 


Overall  performance  measurements 
comprised  drive  shaft  torque  and  speed, 
total  lift,  and  some  wing  surface  pres¬ 
sures.  Pan  thrust  was  derived  from 
total  lift  and  wing  surface  pressure 
measurements . 

Detailed  aerodynamic  measurements 
were  made  in  an  inlet  plane,  0.75  in. 

(1,90  cm)  forward  of  the  rotor's  leading  edge,  and  in  an  exit  plane,  0.375  in.  (9,50  mm) 
downstream  of  the  stator's  trailing  edge  by  means  of  traversing  pressure  probe  rakes. 

Measurements  in  the  inlet  were  made  at  five  radial  stations;  the  equally  spaced 
probes  extending  to  within  0.25  in.  (6,35  mm)  of  the  annulus  walls.  Traversing  was  done 
circumferentially  at  18°  increments. 

Radial  spacing  of  the  exit' plane  probes  was  identical  to  that  of  the  inlet,  but  a 
circumferential  positioning  of  16.36°  was  selected  for  traverses.  Outlet  measurements 
could  not  be  made  far  enough  downstream  of  the  stator  for  adequate  wake  profile  smoothing 
to  take  place,  lest  the  whole  efflux  stream  become  greatly  changed  by  the  crossflow.  It 
was  therefore  necessary  to  measure  in  a  plane  of  near  proximity  to  the  stator  exit;  but 
in  order  to  maintain  some  reasonable  balance  between  the  number  of  sampling  points  re¬ 
quired  and  the  prime  information  sought,  wake  detail  was  omitted.  The  sampling  stations 
were  carefully  placed  between  the  stator  wakes  so  that  an  indication  of  the  "healthy" 
flow  —  and  thereby  rotor  performance  —  could  be  obtained.  Consequently,  efflux  measure¬ 
ments  were  made  at  every  16.36°  of  circumference.  These  measurements  were  estimated 
to  yield  prime  information  on  distortion  and  overall  trends;  but  it  is  known  that 
appreciably  large  errors  were  introduced  into  the  efflux  parameter  averaging. 

Boundary  layer  measurements  were  not  made  and  so  the  value  of  stream  variables  in 
the  near-wall  region  are  uncertain.  The  mass  flow  was  based  on  inlet  measurements. 

Tunr.el  Interference  Corrections 

Established  conventional  wind  tunnel  correction  methods  are  known  to  be  unreliable 
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Fig.  3.  Diagrammatic  cross  section 
of • fan-in-wing  model. 


for  many  high-lift  configurations,  and  in  spite  of  more  recent  correction  procedures 
fan-in-wing  data  remain  difficult  to  handle.  The  difficulty  arises  because  in  addition 
to  being  a  high-lift  device  a  large  surface  area  is  offered  on  which  the  interference 
can  act.  The  lift  data  and  tunnel  test  conditions  presented  here  have  been  corrected 
to  an  equivalent  free  air  state  by  means  of  a  simple  correction  method  devised  at  the 
National  Research  Council  for  this  type  of  model  (7).  This  method  makes  use  of  measured 
control  pressures  on  the  surface  of  the  wing  away  from  the  source-sink  field  of  the  fan 
and  a  prior  calibration  of  the  same  pressure  orifices  on  the  two-dimensional  wing  (fan 
openings  faired-in)  at  known  tunnel  conditions.  A  more  detailed  account  of  the  applica¬ 
tion  of  the  method  and  the  nature  of  corrections  involved  is  given  in  the  Appendix. 

The  indicated  corrections,  particularly  to  angle  of  attack,  become  uncertain  however 
at  tunnel  speeds  of  less  than  40  ft/sec  (12,2  m/s)  and  crossflow  ratios  less  than  0.1, 
and  so  a  different  technique  was  devised  to  obtain  the  overall  performance  data  at  zero 
forward  speed.  The  efflux  was  ducted  away  from  the  model  across  an  air  gap,  carefully 
optimized  to  avoid  interference. 


PLOW  DISTORTIONS 

The  particular  type  of  distortion  associated  with  shallow-mounted  lifting  fans  can 
be  studied  by  comparing  inlet  and  outlet  flow  fields.  The  examples  offered  are:  two 
crossflow  ratios,  a  nominal  one  of  0.03  and  another  at  0.26,  at  zero  pitch  angle;  and  two 
additional  pitch  angles  of  -12.5°  and  +12.5°  for  nearly  the  same  large  crossflow  ratio. 
The  0.03  crossflow  ratio  data,  representing  an  unavoidable  tunnel  draft  condition,  was 
chosen  as  the  only  available  datum  case  since  zero  crossflow  ratio  data  were  not  avail¬ 
able  directly.  Both  inlet  and  efflux  distributions  are  presented  as  viewed  from  above. 

Inlet  Plane 


The  distribution  of  inlet  total  pressure  in  the  form  of  loss  coefficients  at  the 
above  conditions  are  given  in  Figure  4.  These  distributions  show  that,  except  for 
unmeasured  boundary  layer  losses,  the  inflow  field  is  essentially  loss-free.  The  only 
observed  losses  were  those  associated  with  a  well-defined  but  small  region  on  the  leeward 
side  of  the  centrebody.  Independent  experiments  involving  an  airflow  suction  intake  with 
boundary  layer  control  on  the  outer  wall  demonstrated  the  possibility  of  separated  flow  In 
this  region  (4,8).  The  observed  loss  was  a  result  of  a  natural  tendency  of  the  boundary 
layer  to  thicken  rapidly  in  a  rising  pressure  field  coupled  with  the  de-stabilizing 
effect  of  the  upstream  obstruction  offered  by  a  porous  cluster  of  inlet  instrumentation 
tubes  shown  in  Figure  2.  It  was  the  only  evidence  of  the  more  usual  total  pressure 
distortion  associated  with  long  inlets  and  multi-stage  compressors. 


INLET  PLANE 


TOTAL  PRESSURE  LOSS 
(NON-DIMENSIONAL) 

CROSSFLOW  RATIO  =  003 
V.»  13-1  ft/Me  (4-Gm/wc) 
a  .OO  DEG. 

RPM  =10,000 


INLET  PLANE 


TOTAL  PRESSURE  LOSS  ^ 
(NON-DIMENSIONAL) 

CROSSFLOW  RATIO  =0  26 
\to«l07ft/MC(32Sm/*«c) 
a  •  o-O  DEG 
RPM  =  10,000 


INLET  PLANE 


TOTAL  PRESSURE  LOSS 
(NON-DIMENSIONAL) 

CROSSFLOW  RATIO  *027 
Vn*  115 It/fflC  (35m/ sec) 
a  *  +  123  DEG. 

R  PM  *10,000 


INLET  PLANE 


(NON-DIMENSIONAL) 
CROSSFLOW  RATIO  *0-27 
Vn*IIBft/jec  (36m/«ee) 
a  *  -12-5  OEG. 

RPM  *  10,000 


Fig.  4.  Inlet  total  pressure  loss  distributions. 


The  fan's  proximity  to  the  upper  surface  of  the  wing  evidently  inhibited  the  forma¬ 
tion  of  large  regions  of  flow  separation  that  are  likely  with  long  intake  duct  installa¬ 
tions  exposed  to  the  same  crossflow.  The  fan  achieved  this  condition  presumably  because 
the  rotor  blading  near  the  tips  provided  a  diffusion  rate  more  conducive  for  attached 
flow  than  would  otherwise  have  been  the  case.  Pressure  loss  therefore  did  not  appear  as 
a  prime  distortion  problem  in  the  shallow  lifting  fan  Installation. 

Velocity  distributions  are  presented  In  separate  forms  of  magnitude  and  direction. 
The  direction  of  inlet  velocity  was  resolved  into  swirl  and  meridional  plane  angle  com¬ 
ponents  so  that  the  distortion  could  be  viewed  in  a  co-ordinate  system  natural  to  the 
fan  rotor.  Of  these,  swirl  angle  is  of  prime  importance  because  it  modifies  the  inlet 
air  angle  of  the  rotor  blades  thereby  shifting  the  fan  blade  passage  operating  point. 
This  is  discussed  later.  The  meridional  plane  angle  is  of  less  significance,  it  is  only 
a  measure  of  spanwise  flow  on  the  rotor  blades. 

Figure  5  illustrates  the  associated  contours  of  inlet  velocity  magnitude.  The  0.03 
crossflow  ratio  case  has  the  characteristic  features  of  zero  crossflow,  that  is  ambient 


17-5 


still  air,  with  highest  velocities  near  the  outer  wall  and  velocities  near  the  hub  wall 
generally  larger  than  in  the  Mid-annulus  region.  Such  a  profile  is  typical  of  entrance 
flows,  including  long  intake  ducts  using  airflow  suction.  Generally,  it  is  found  that 
the  velocity  increases  with  decreasing  radius  of  curvature,  as  required  by  free  vortex 
flow.  With  increasing  crossflow  a  second  curvature  effect  became  progressively  more 
significant  giving  rise  to  a  higher  velocity  at  the  front  of  the  annulus  than  at  the 
rear.  This  variation  is  associated  with  the  approach  flow  bending  into  the  inlet.  It  is 
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Fig.  5.  Inlet  velocity  distributions. 


a  characteristic  feature  of  the  crossflow-inlet  flow  velocity  field  which  was  also 
observed  earlier  during  intake  airflow  tests  on  a  suction  model  (8).  A  comparison  of 
the  suction  model  and.  powered  fan  results  (1)  demonstrated  the  similarity  between  these 
experiments  as  a  function  of  crossflow  ratio.  The  noted  velocity  distortion  was, in  fact, 
quite  unlike  that  normally  identified  with  compressor  flows  at  the  inlet  face,  which  is 
purported  to  be  a  flow  field  of  constant  velocity,  but  non-uniform  total  pressure  (2). 

The  general  skewness  of  the  velocity  contours  in  a  counter-rotational  sense  is  direct 
evidence  of  a  feedback  from  the  fan  as  will  be  explained  later.  A  comparison  of  veloc¬ 
ities  at  the  larger  crossflow  ratios  shows  that  the  indicated  changes  in  pitch  angle 
influenced  neither  velocity  magnitude  nor  distribution. 


Figure  6  shows  the  measured  swirl  angle  distribution.  As  expected,  there  was  little 
evidence  of  crossflow  distortion  when  the  crossflow  ratio  was  0.03.  The  average  swirl 
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Fig.  6.  Inlet  swirl  angle  distributions. 

angle,  in  the  direction  of  fan  rotation,  of  two  or  three  degrees  seems  representative  of 
rotor-induced  effects.  The  swirl  distribution  attained  a  distinctive  appearance  with 
increasing  crossflow,  with  counter-clockwise  swirl  on  the  advancing  blade  side  and  clock¬ 
wise  on  the  retreating  blade  side.  Swirl  was  largest  —  swirl  velocity  tending  toward 
the  crossflow  velocity  value  —  at  the  sides  of  the  centrebody  where  a  minimum  of  flow 
guidance  was  available  from  the  walls.  In  fact,  the  radial  variation  of  swirl,  particu¬ 
larly  noticeable  on  the  port  and.  starboard  sides  of  the  annulus,  is  consistent  with  a 
combination  of  residual  velocity  and  secondary  flow  effects  associated  with  flow  in  a 
bend.  The  feedback  effect  of  the  fan  on  the  inlet  flow,  which  under  still  air  conditicns 
appeared  solely  as  the  fairly  uniform  swirl  mentioned,  now  also  manifested  itself  as  a 
skewness  in  the  distribution  in  the  sense  of  fan  rotation.  Port  to  starboard  symmetry 
can  be  approximately  restored  by  removing  the  3°  datum  effect. 

The  effect  of  wing  pitch  angle  on  swirl  distribution  is  also  illustrated  in  Figure  6. 
Here  again  it  was  at  the  sides  of  the  centrebody,  where  least  guidance  was  provided  by  the 
inlet  walls,  that  the  swirl  angle  changed  most.  The  swirl  angle  became  less  as  the  fan 
was  inclined  toward  the  crossflow.  It  should  be  noted  though  that  the  change  in  swirl 


17-6 


angle  was  negligible  In  the  region  of  the  inlet  annulus  forward  and  in  the  lee  of  the 
centred ody . 


Certain  features  of  the  distortion  are 
better  illustrated  by  circumferential  plots 
of  non-dimensional  axial  (Cz/V„)  and  swirl 
(CgAa)  velocities.  Figure'7  depicts  the 
0.26  crossflow  ratio,  zero  pitch  angle  con¬ 
dition.  Three  radial  stations  are  repre¬ 
sented:  near  tip  (83%  of  blade  height,  H), 
mid  ( 50 $  of  H),  and  near  hub  (17%  of  H). 
These  profiles  exhibited  a  definite  wave 
form  with  a  fundamental  wavelength  equal  to 
the  circumference;  but  the  waves  were  not 
centred  on  6=0°,  a  feature  referred  to  above 
as  skewness. 1  The  swirl  velocity  profiles 
were  in  phase  with  one  another;  indicating 
thereby  that  this  component  of  distortion 
was  much  more  a  result  of  crossflow  than  of 
feedback  from  the  fan.  The  axial  velocity 
profiles,  however,  were  noticeably  out  of 
phase  with  each  other,  which  demonstrated  a 
strong  mutual  interaction  between  the  cross- 
flow  and  the  fan  flow.  It  is  seen  from 
Figure  8  that  crossflow  and  pitch  angle 
distorted  the  meridional  plane  angle  by 
only  a  token  amount.  The  dominant  varia¬ 
tion  was  in  a  radial  sense  and  appeared  to 
be  solely  determined  by  sink-flow  effects 
(static  operation)  and  perhaps  the  fan 
design. 

Since  none  of  the  inflow  variables 
demonstrated  very  strong  dependence  on  pitch 
angle  and  hence  wing  angle  of  attack,  within 
the  specified  test  range,  it  is  deduced  that 
the  wing  performs  a  powerful  flow  alignment 
function  and  thereby  shields  the  inlet  almost 
completely  from  angle  of  attack  changes  of 
the  approaching  stream.  This  quality  is 
viewed  as  an  important  advantage  of  the  fan- 
in-wing  configuration  relative  to  other 
V.T.O.L.  lift  schemes.  It  is  the  magnitude 
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Fig.  8.  Inlet  meridional  plane  angle  distributions. 


associated  with  the  shape  of  the  inlet  surfaces  and  inlet  depth, 
of  course,  present  even  under  static  inflow  conditions. 


of  crossflow,  rather 
than  the  direction, 
that  emerges  as  the 
prime  cause  of  inflow 
distortion.  As  cross- 
flow  increases,  pro¬ 
gressively  more  flow 
comes  directly  from 
the  front  of  the  wing 
and  there  results  a 
distortion  in  both 
magnitude  and  direc¬ 
tion  of  the  inlet 
velocity  that  is  con¬ 
sistent  with  stream 
curvature  causing 
agents:  entering  flow 
bending  from  the 
original  direction 
towards  the  axial 
direction  and  local 
contraction  effects 
The  latter  agent  is. 


Outlet  Plane 


Inlet  distributions  alone  are  not  sufficient  to  describe  the  total  distortion  effect 
for,  as  will  be  shown,  the  fan  also  suffers  an  exit  plane  distortion  which  appears  to  be 
largely  independent  of  the  inflow. 

Figure  9  illustrates  how  velocity  changed  across  the  fan  at  a  crossflow  ratio  of 
0.03.  The  dominant  variation  (radial)  persisted  through  the  fan.  At  the  larger  cross- 
flow  ratio  case,  in  Figure  10,  almost  complete  attenuation  of  the  inlet  distortion  took 
place  and  only  remnants  of  the  more  prominent  distortion  features  remained:  higher 
velocity  in  the  front  annulus  sector  than  in  the  rear,  distortion  skewness,  and  the  low 
energy  region  at  the  rear  of  the  centrebody.  A  complete  transition  had  taken  place,  and 
the  dominant  variation  appearing  in  the  efflux  was  a  radial  one,  quite  similar  in  fact. 
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Pig,  9.  Inlet-efflux  comparison:  Pig'.  10.  Inlet-efflux  comparison: 

velocity  distributions  velocity  distributions 

at  0.03  crossflow.  at  0.26  crossflow. 


to  the  low  crossflow  ratio  case.  The  fan  evidently  operated  powerfully  on  the  major 
distortion  problem,  and  so  It  was  not  surprising  to  find  that  the  efflux  velocity  dis¬ 
tribution  was  not  altered  significantly  by  changes  in  the  wing  pitch  angle  setting,  as 
Figure  11  shows. 
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Pig.  11.  Efflux  velocity  comparison: 
distributions  at  0.27  crossflow  and 
pitch  angles  of  +12.5°  and  -12.5°. 
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Fig.  12.  Efflux  total  pressure  ratio  distributions. 


The  fan's  capability  in  dealing  with  the  inlet  distortion  was  also  indicated  by  the 
general  invariance  with  crossflow  and  pitch  change  of  the  total  pressure  distribution 
(since  inlet  total  pressure  distribution  was  reasonably  constant  hence  also  pressure 
ratio  distribution),  see  Figure  12.  The  advancing  rotor  blades,  subjected  to  more  posi¬ 
tive  incidence,  appeared  to  work  a  little  harder  —  as  shown  by  somewhat  larger  pressure 
ratios  on  the  port  side  of  the  efflux  plane.  The  observed  radial  variation  of  total 
pressure  ratio  is  considered  to  be  a  function  of  fan  design  and  is  not  attributed  to 
crossflow  in  any  way. 


As  might  be  expected,  the  efflux  swirl  bears  no  relation¬ 
ship  to  the  inlet  swirl  distribution.  In  fact,  as  Figure  13 
shows,  the  distributions  are  quite  similar  at  both  crossflow 
ratios  and  remarkably  uniform  circumferentially.  Angles  of 
15°  to  20°  are  Indicated  except  near  the  centrebody  and  below 
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Fig.  13.  Efflux  swirl  angle  distributions. 

the  drive  shaft.  Moreover,  it  was  found  that  the  varia¬ 
tion  in  pitch  angle  introduced  no  appreciable  change. 
Swirl  angle,  then,  was  primarily  a  function  of  fan  design 
and  was  not  affected  by  the  external  flow. 


INLET  PLANE 


MERIOIONAL  PLANE  ANGLE  («U 

CROSSFLOW  RATIO  -003 
Vn*  IW  (46  m/»«c) 

0*0-0  DEG 
RPM  *10,000 


EFFLUX  PLANE 


Figure  14  facilitates  a  comparison  of  the  measured 
meridional  plane  angles  in  the  inlet  and  outlet  planes. 
Only  the  0.03  crossflow  ratio  data  are  given  because 
they  are  typical  of  all  test  conditions  encountered. 

The  most  important  feature  here  was  the  degree  of  radial 
flow  redistribution  across  the  fan:  the  inflow  converged 
and  the  efflux  diverged.  The  general  lobular  appearance 
of  the  outlet  distribution  is  associated  with  blade-to- 
blade  flow  variations  and  is  therefore  not  of  prime 
relevance  to  the  distortion  issue. 
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Fig.  I1!.  Inlet-efflux  comparison: 
meridional  plane  angle 
at  0.03  crossflow 
and  zero  pitch  angle. 


By  far  the  most  interesting  and  crossflow-sensitive  variable  in  the  efflux  plane  was 
the  static  pressure;  distributions  in  coefficient  form  (referenced  to  free  stream  static 
pressure  and  normalized  by  average  inlet  dynamic  pressure)  are  depicted  in  Figure  15. 
Generally,  in  the  presence  of  crossflow,  the  distributions  exhibited  negative  pressures 
on  the  starboard  side  (retreating  blades)  and  positive  pressures  in  the  outer  annulus  on 
the  port  side  (advancing  blades).  Pressures  in  the  front  of  the  annulus  were  positive 
and  those  in  the  lee  of  the  efflux  jet,  relative  to  the  crossflow  direction,  exhibited 
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considerable  recovery  —  unlike  that  expected  had  crossflow  separated  fully  at  the  sides 
of  the  efflux  jet.  The  lack  of  side-to-side  symmetry  was  presumed  to  be  associated  with 
efflux  swirl.  This  circumferential  pressure  distribution  suggests  a  fundamental  simi¬ 
larity  between  the  observed  interaction  of  the  crossflow  with  the  swirling  jet  and 
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Pig.  15.  Efflux  static  pressure  distributions. 


potential  streaming  flow  around  a  rotating  cylinder.  The  recovery  in  the  lee  of  the  jet 
is  reasoned  to  be  the  result  of  a  substantially  reduced  wake  and  is  probably  assisted  by 
the  boundary  layer  control  capabilities  of  the  efflux  jet.  A  short  film  showing  a  flow 
visualization  of  these  crossflow  effects  (9)  illustrates  this  region  of  interaction. 

The  overall  level  of  static  pressure  seemed  somewhat  dependent  on  wing  pitch  angle; 
the  +12.5°  distribution  being  generally  more  positive  as  might  be  expected. 

It  is  demonstrated,  therefore,  that  the  static  pressure  field  at  the  exit  of  a 
shallow  lifting  fan  configuration  during  crossflow  is  far  from  being  uniform  and  that  it 
.represents  a  well  defined  crossflow  distortion  in  its  own  right,  i.e.  it  is  independent 
of  the  inlet  distortion  but  dependent  on  the  presence  of  crossflow. 


POWER  REQUIREMENTS 


Input  power  (including  transmission  losses)  computed  from  measured  torque  and  speed 
is  shown  in  Figure  16.  Although  the  data  shown  pertain  to  zero  pitch,  the  lines  drawn 
are  typical  for  the  +12.5°  and  -5°  pitch  con¬ 
ditions  as  well.  Power,  as  is  readily  seen, 
was  independent  of  crossflow  velocity  and  de¬ 
pendent  only  on  fan  speed.  The  implication 
appears  to  be  therefore  that  thrust  losses 
associated  with  high  crossflow  speeds  must 
have  resulted  from  a  falling  efficiency. 
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Fig.  17.  Total  lift  v.  corrected 
forward  speed  at  10,000  r.p.m. 


kpm./csc. 

10000 


CORRECTEO  FORWARD  SPEEO  -  Vn 


40 

mAec 


Fig.  16 .  Input  power  v.  corrected 
forward  speed  (a  =  0°). 


FAN  THRUST 

Total  lift  measurements  for  a  fan  speed  of 
10,000  r.p.m.  and  three  pitch  angles  (-5°,  0°, 
+12.5°)  are  shown  in  Figure  17.  The  existence 
of  two  individual  contributions  are  demonstrated 
here :  fan  thrust  and  a  two-dimensional  wing 
contribution.  The  latter  tends  to  be  relatively 
large  at  high  forward  speed  and  angle  of  attack. 
The  wing,  however,  is  viewed  without  special 
interest;  in  fact,  it  can  be  thought  of  as 
providing  merely  a  support  role:  it  holds  the 
fan  and  ensures  smooth  inlet  flow  typical  of  a 
fan-in-wing  environment.  The  wing  contribution, 
based  on  a  span  of  100  in.  (2,54  m) ,  was  there¬ 
fore  subtracted  from  the  total  measurement  to 
yield  fan  thrust  (a  force  normal  to  the  wing 
plane).  No  attempt  was  made  to  divide  fan 
thrust  into  efflux  thrust  and  induced  lift 
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contributions.  It  Is  hoped,  though  by  no  means  proven,  that  fan  thrust  can  be  treated 
simply  as  an  increment  for  combined  system  lift  involving  wings  other  than  tested  here. 


/ 


CORRECTED  FORWARD  SPEED  ■ 


Figures  l8a,  b,  and  c  illustrate  the 
so-calculated  fan  thrust  as  a  function  of 
crossflow  velocity.  Initially  at  a  low  for¬ 
ward  speed  thrust  was  augmented,  subsequently 
at  higher  speed  after  reaching  a  maximum,  it 
diminished.  The  initial  improvement  over 
datum  thrust  was  accompanied  by  a  markedly 
noticeable  reduction  in  fan  speed  fluctuation. 
Thrust  appeared  to  be  independent  of  angle  of 
attack  within  the  given  range  of  pitch  angle, 
thereby  substantiating  in  a  qualitative  way  a 
similar  tendency  observed  from  the  indepen¬ 
dently  measured  flow  distribution.  Hence  an 
important  simplification  to  performance  test¬ 
ing  may  be  justifiably  introduced,  that  is  to 
say,  the  number  of  test  variables  can  be  reduc¬ 
ed  by  one,  provided  that  the  two-dimensional 
wing  contribution  is  first  removed  from  the 
total  measurement .  As  far  as  overall  fan 
performance  is  concerned,  prime  information 
can  be  obtained  at  only  one  pitch  setting. 

FAN  CHARACTERISTICS 

The  total  pressure  ratio  of  the  fan, 
subject  to  the  previously  mentioned  sources 
of  error,  is  given  as  a  function  of  corrected 
mass  flow  and  crossflow  ratio  in  Figure  19. 

The  influence  of  crossflow  is  clearly  indi¬ 
cated.  The  crossflow  effect  on  the  constant 
speed  performance  of  the  fan  was  somewhat 
similar  to,  but  not  as  simple  as,  varying  the 
back  pressure,  i.e.  increasing  crossflow  gen¬ 
erally  induced  greater  mass  flow  through  the 
fan, as  Figure  20  shows.  The  effect  of  cross- 
flow  on  total  pressure  ratio  was  novel:  at 
low  crossflows  there  appeared  to  be  a  small 
enhancement  while  at  large  crossflows  the 
total  pressure  ratio  fell  off  noticeably.  A 
similar  variation  was  indicated  for  fan  thrust . 


CORRECTED  FORWARD  SPEEO  ' 


Fig.  18. 


Fan  thrust  v.  corrected 
forward  speed. 


This  manifestation  of  distortion  was  un¬ 
expected  in  view  of  the  acquired  experience 
on  the  effects  of  total  pressure  distortion 
on  compressors  and  fans.  In  this  connection 
it  is  held  that  a  reduction  of  flow  is  the 
result  of  an  observed  tendency  of  compressors 
to  operate  with  uniform  inlet  velocity  when 

faced  with  a  circumferential  total  pressure  distortion.  The  shallow  lifting  fan  however 
does  not  appear  to  behave  this  way.  When  exposed  to  crossflow,  it  tends  to  induce  a  more 
uniform  total  pressure  in  the  inlet,  and  while  accepting  and  supporting  a  non-uniform 
inlet  velocity  field,  it  experiences  an  increased  mass  flow. 

It  is  obviously  inadequate  to  explain  this  unusual  performance  in  terms  of  the 
characteristic  of  the  complete  fan  unit.  Since  the  crossflow  caused  a  circumferential 
distortion  around  the  fan,  it  may  be  helpful  to  view  the  fan  as  comprising  a  large  number 

of  small  compressors  working 
in  parallel.  This  concept  is 
already  a  well-established  aid 
In  understanding  the  response 
of  compressor  performance  under 
conditions  of  total  pressure 
distortion.  It  has,  for  ex¬ 
ample,  lead  to  the  theory  that 
spoiled  and  unspoiled  compressor 
sectors  are  like  separate  com¬ 
pressors  operating  on  a  unique 
characteristic,  at  least  away 
from  stall  at  maximum  flow  (2). 
The  shallow  lifting  fan  problem 
may  be  resolved  similarly  by 
examining  the  individual  rotor 
blade  passages  in  the  light  of 
deviations  from  a  standard 
characteristic,  as  indicated 
by  periodic  and  interactive 
effects . 

Fig.  19.  Fan  characteristics. 
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The  prime  crossflow  distortion  in  a  shallow  intake  was  seen  to  be  a  velocity  mal¬ 
distribution  which,  as  was  suggested,  could  be  characterized  by  a  mostly  circumferential 
variation  of  swirl  and  axial  velocity  com¬ 
ponents.  The  swirl  caused  a  swing  ir  rotor 
blade  incidence  which  resulted  in  higher 
axial  velocities  and  pressure  rise  on  the 
advancing  blades,  and  lower  axial  velocities 
and  pressure  rise  on  the  retreating  blades. 

In  addition,  there  was  the  basic  fore-to-aft 
variation  in  axial  velocity  associated  with 
flow  bending  which,  when  combined  with  the 
swirl-induced  axial  velocity  variation  gave 
an  anti-rotational  skewed  velocity  distor¬ 
tion.  In  fact,  the  fan  operated  with  the 
inflow  distortion  as  if  there  existed  a  set 
of  loss-free  inlet  guide  vanes  providing 
different  degrees  of  pre-swirl.  The  fan 
blade  passages  therefore  functioned  with 
differing  characteristic  lines  depending  on 
the  blades'  instantaneous  circumferential 
position,  as  indicated  schematically  in 
Figure  21.  This  inlet  guide  vane  analogy, 
proposed  in  Reference  10,  together  with  the 
parallel  compressor  concept  admits  the  ob¬ 
served  trend  of  increasing  total  pressure 
ratio  with  mass  flow  at  low  crossflow  ratios, 
depending  upon  the  chosen  aerodynamic  design 
of  the  fan.  Acceptance  of  this  theory  is 
however  not  necessary  for  appreciating  that 
it  is  mandatory  to  look  'inside'  the  fan  in 
order  to  ascertain  if  the  crosswind  has  a 
stabilizing  influence  on  the  fan. 

Detailed  consideration  is  a  prerequi¬ 
site  to  the  design  of  a  high-performance 
shallow  lifting  fan  tolerant  of  crossflow 
distortion  with  adequate  surge  margin. 

CONCLUSIONS 

1.  The  crossflow-induced  distortions  in  a 
fan-in-wing  flow  field  comprises  two  parts. 

First,  there  is  a  basic  interaction  between 
the  flow  fields  which  would  be  present  even 
without  the  fan.  Second,  there  is  a  feedback 
effect  of  the  fan  on  this  flow  field,  due 
to  the  fan's  proximity  to  the  external  flow. 

2.  Both  inlet  and  outlet  planes  experienc¬ 
ed  flow  distortion.  In  the  crossflow  ratio 
range  zero  to  0.27  inflow  distortion  was 
observed  to  be  a  non-uniformity  of  velocity 
magnitude  and  direction.  The  flow  field 
appeared  to  be  consistent  with  one  effected 
by  stream  curvature-producing  agents,  viz. 
crossflow  bending  and  contracting,  and 
secondary  flow  effects,  and  was  one  of  essentially  constant  total  pressure.  Outflow 
distortion  was  observed  to  involve  primarily  static  pressure.  The  distribution  of  static 
pressure  around  the  jet  can  be  related  to  that  around  a  rotating  cylinder  in  streaming 
potential  flow. 

3.  The  fan's  feedback  on  the  inlet  flow  was  to  introduce  considerable  skewness  to  the 
velocity  distribution.  Axial  velocities  were  increased  from  their  basic  distortion 
magnitudes  on  the  advancing  blade  side  of  the  fan.  The  fan  also  induced  a  pre-swirl 
that  caused  side-to-side  differences  in  flow  angle. 

4.  Despite  severe  velocity  maldistribution  in  the  inlet  of  the  fan,  substantial  flow 
redistribution  took  place  within  the  fan  stage  and  almost  completely  attenuated  the  inlet 
distortion.  The  fan  imparted  an  almost  uniform  swirl  to  the  efflux. 

5.  Over  the  crossflow  ratio  range  tested  there  was  no  first  order  variation  of  fan 
performance  with  angle  of  attack  —  hence  the  wing  may  be  regarded  as  an  effective  flow 
alignment  device.  Second  order  effects  included  a  small  reduction  of  inlet  swirl  at 
negative  angle  of  attack  and  a  small  increase  in  the  level  of  outlet  static  pressure  at 
positive  angles  of  attack. 

6.  The  changes  in  fan  thrust  and  total  pressure  ratio  with  increasing  crossflow  ratio 
were  gradual,  initially  an  enhancement  and  finally  a  falling-off. 

7.  Fan  input  power  was  found  to  be  invariant  with  crossflow  velocity  and  to  vary  only 
with  fan  speed. 


Vn 


Fig.  20.  Fan  axial  velocity  v.  corrected 
forward  speed  (a  =  0°). 


Fig.  21.  Diagrammatic  representation  of 
variation  in  rotor  blade  passage 
characteristic  with  inlet  swirl 
at  crossflow,  U  =  constant. 
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APPENDIX 

TUNNEL  INTERFERENCE  CORRECTIONS 


It  is  well  known  that  high-lift  models  tend  to  produce  considerable  tunnel  inter¬ 
ference,  particularly  at  low  tunnel  speeds.  The  classical  tunnel  interference  correction 
methods  are  invalid  because  no  account  is  made  for  the  efflux  jet.  More  recently  devel¬ 
oped  interference  rules  are  more  useful  as  guidelines  for  maximum  model  size  and  test 
range,  and  tend  to  relate  to  pure  high-lift  configurations  such  as  isolated  rotors, 
ducted  fans,  etc.,  which  feature  no  or  very  small  external  lifting  surfaces  in  the 
vicinity  of  the  high-lift  element.  Yet  to  neglect  interference  effects  and  to  revert  to 

the  use  of  uncorrected  data  leads 
to  errors  that  are  unacceptably 
large  in  instances  where  the  model 
size  is  not  negligibly  small  rel¬ 
ative  to  the  test  section  dimen¬ 
sions.  Such  was  deemed  to  be  the 
case  for  the  N.R.C.  fan-in-wing 
model.  Consequently,  a  simple 
correction  method  was  devised  at 
N.R.C,  to  give  equivalent  free 
air  conditions  (7),  and  it  appears 
to  give  reasonable  corrections  for 
tunnel  speeds  larger  than  to 
ft/sec  (12,2  m/s)  or  crossflow 
ratios  (simulated  forward  speed 
divided  by  average  fan  axial  vel¬ 
ocity)  greater  thanO.l,  whichever 
is  the  larger  constraint. 

This  method  makes  use  of 
measured  control  pressures  on  the 
surface  of  the  wing  away  from  the 
source-sink  field  of  the  fan  and  a 
prior  calibration  of  the  same 
pressure  orifices  on  the  two- 
dimensional  wing  (fan  openings  faired-in)  at  known  tunnel  conditions.  To  demonstrate  thattbe 
control  pressures  were  free  of  fan  induced  effects,  upper  and  lower  surface  spanwise  pressure 
distributions  at  the  35?  chord  station  for  a  crossflow  ratio  of  0.26  and  a  fan  speed  of 

10,000  r.p.m.  are  shown  in  Figure  22. 


STB'O  POUT 
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SURFACE  DISTANCE  -  FAN  DIAMETERS 

Fig.  22.  Spanwise  surface  pressure  distributions 
at  35?  of  chord. 


Fig.  23.  Tunnel  corrections  for 
zero  wing  pitch  angle. 


The  magnitude  of  the  corrections  for  the 
zero  pitch  angle  case  are  shown  in  Figure  23. 
It  can  be  seen  that  without  the  fan" the  ratio 
of  dynamic  pressures  was  unity  because  datum 
corrections,  in  accord  with  classical  theory, 
were  negligible  for  this  particular  installa¬ 
tion.  Appreciable  corrections  were  indicated 
however  for  the  powered  fan-in-wing  model, 
viz.  qn/q„  =  1.12  for  6000  r.pjn.  and  1.18  for 
12,000  r.p.m.  and  higher.  This  result  seems 
reasonable  since  the  efflux  jet  may  be  regar¬ 
ded  as  a  swept-back  cylinder  which  offers 
solid  blockage.  The  lower  the  cross flow  ratio, 
the  less  sweep-back  there  is,  and  hence  the 
greater  the  approach  air  overspeed  at  the  model. 
The  indicated  angle  of  attack  corrections  are 
more  complex  to  understand.  They  are  believed 
to  be  controlled  by  two  opposing  effects.  At 
low  fan  speeds  or  high  tunnel  speeds,  i.e. 
large  crossflow  ratios,  at  which  the  free  air 
state  is  approached,  the  fan-in-wing  causes 
a  high-lift  condition  that  results  in  an 
effective  positive  angle  of  attack.  As  fan 
speed  is  increased  or  tunnel  speedis  decreased, 
i.e.  low  crossflow  ratios,  progressively  more 
tunnel  constraint  is  felt  and  a  reduction 
of  angle  of  attack  is  effected,  which  in 
sense  is  also  indicated  by  classical  correc¬ 
tion  theory. 
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THE  DESIGN,  DEVELOPMENT,  AND  TESTING  OF  A  SUPERSONIC  TRANSPORT  INTAKE  SYSTEM 

by  E.  Tjonneland 
The  Boeing  Company 
Seattle,  Washington,  USA 


SUMMARY 

The  performance  criteria,  including  engine  airflow  matching  requirements,  of  an  axisymmetric  mixed-compression  intake  for  a 
supersonic  transport  application  are  described  and  related  to  the  selection  of  the  design  features  of  the  intake  variable-geometry 
components.  Viscous  technology  is  applied  to  the  design  and  development  of  the  boundary  layer  control  system  to  account  for 
intake  viscous  interactions  and  to  scale  model  results  to  full-  scale  designs.  Small,  low-angle  bleed  holes  20°  to  the  surface  yield 
high  flow  coefficients.  Hole  diameters  of  approximately  half  the  height  of  the  boundary  layer  displacement  thickness  are  used  to 
improve  the  cleanliness  of  the  supersonic  diffuser  flow  and  to  maximize  pressure  recovery  of  the  bleed  air.  Vortex  valves  are 
incorporated  in  a  fluidic  normal  shock  stability  system  to  allow  operation  at  peak  intake  recovery  and  remain  started  during 
atmospheric  or  engine  transients. 


INTRODUCTION 

A  supersonic  transport  air  intake  system  for  future  commercial  operations  should  be  designed  to  achieve  a  level  of  performance  in 
excess  of  that  achieved  in  supersonic  aircraft  currently  in  service.  A  wide  range  of  operating  conditions,  engine  and  airplane 
interactions,  and  operating  reliability  require  a  careful  balance  of  the  design.  Various  advanced  design  features  were  incorporated 
in  an  SST  air  intake  system  suitable  for  commercial  application  in  a  Mach  2.7  cruise  speed  vehicle.  Improvements  in  the  state  of 
the  art  of  intake  design,  especially  in  the  areas  of  viscous  technology,  intake  stability,  and  intake/engine  airflow  matching,  were 
required  to  determine  the  various  features  of  the  intake.  They  also  greatly  reduced  efforts  during  development  by  providing  better 
predictions  and  correlation  with  experimental  data.  The  major  design  criteria  imposed  on  the  system  are  shown  as  related  to  the 
overall  design,  realizing  that  many  iterations  are  carried  out  before  the  final  set  of  design  features  and  criteria  mutually  agree. 

PERFORMANCE  CONSIDERATIONS 


The  intakes  on  a  supersonic  long-range  transport  aircraft  receive 
early  attention  in  configuration  and  performance  studies.  The 
expected  configuration  problems  for  best  pod  shape,  interfer¬ 
ence  effects,  inflow  conditions,  exhaust  effects,  engine-out 
conditions,  etc.,  are  quickly  recognized.  The  performance 
studies  soon  show  that  the  intake  is  also  responsible  for  a  _ 
significant  cruise  range  penalty.  In  contrast  to  the  intakes  used  £ 
on  long-range  subsonic  aircraft,  the  intakes  of  a  supersonic  $ 
aircraft  have  total  pressure  losses  and  viscous  effects  (resulting  \ 
in  bleed  air  drag)  which  are  very  significant.  Even  with 
optimistic  recovery  and  bleed  estimates,  an  SST  with  a  range  of  - 
3500  miles  has  an  airplane  cruise  range  loss,  resulting  from  o 

intake  total  pressure  losses  and  bleed  drags,  which  is  in  excess  of  < 

12%.  There  are  also  numerous  other  performance  loss  items  o 
during  airplane  off-design  operation.  The  net  effect  is  to  set 
very  high  performance  objectives  in  supersonic  intake  designs, 

These  must  be  based  on  firm  experimental  or  analytic  design 
data  to  prevent  goals  being  set  too  high.  Influence  factors  for 
key  intake  performance  items  are  shown  in  Figure  1.  The 
considerable  effect  on  aircraft  range  of  bleed  drag  (both  the 
amount  of  bleed  and  bleed  air  recovery),  cruise  bypass  drag,  and 
intake  recovery  clearly  show  the  incentive  to  set  high  perform¬ 
ance  goals.  While  weight  trades  are  important,  Figure  1  shows 
that  weight  savings  can  rarely  be  justified  if  they  compromise 
performance. 


FIG.  1  INTAKE  PERFORMANCE  TRADE  FACTORS  FOR  CRUISE 


PERFORMANCE  CRITERIA 


Specific  performance  objectives  of  the  SST  intake  described  in  this  paper  are  shown  in  Figures  2  and  3.  The  steady-state 
performance  levels  of  Figure  2  were  to  be  met  simultaneously,  with  the  intake  providing  inherent  stability  margins  and  tolerances 
to  disturbances.  For  example,  with  the  intake  started  at  Mach  2.65  and  operating  at  a  recovery  of  91%,  the  intake  was  designed  to 
tolerate  a  step  reduction  of  5%  in  engine  corrected  airflow,  without  controller  action,  and  remain  started.  Similarly,  with  the 
intake  operating  on-design  at  Mach  2.65,  a  step  reduction  of  Mach  0.05  was  not  to  cause  an  intake  unstart.  These  criteria  were 
established  from  considerations  of  the  intake  control  system  performance  as  well  as  the  steady-state  operating  characteristics  of 
the  intake.  The  first  criterion  was  met  by  incorporating  vortex  valves  in  the  intake  throat  section  as  an  auxilarily  normal  shock 
stability  system.  The  second  criterion  specifies  the  minimum  allowable  throat  Mach  number  during  on-design,  started  intake 
operation.  With  the  incorporation  of  vortex  valves  in  the  intake  throat  section,  another  design  criterion  is  immediately  established: 
the  intake  throat  station  should  be  fixed  relative  to  the  intake  cowl  throughout  the  started  Mach  number  range.  This  will  allow 
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maximum  intake  performance  to  be  maintained  while  using  the 
vortex  valves  when  dynamically  needed  to  guard  against  intake 
unstarts. 

Another  important  performance  parameter  is  that  of  cowl 
thickness.  To  obtain  a  favorable  interference  between  the  pod 
and  the  wing,  the  intake  cowl  lip  thickness  had  to  be 
minimized.  Structural  requirements  dictated  a  cowl  lip  thick¬ 
ness  angle  of  2.5®.  An  increase  of  1°  would  have  resulted  in  a 
range  loss  in  excess  of  1%.  The  inside  cowl  and  the  centerbody 
cone  angles  determine  the  strength  and  pattern  of  the  internal 
shock  waves.  For  a  2.5°  cowl  thickness  angle,  an  inside  cowl 
angle  of  0®  and  a  centerbody  half-cone  angle  of  1 1®  resulted  in 
the  desired  internal  shock  strength. 
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FIG.  3  INTAKE  SUPPL  Y/ENGINE  DEMAND  AIRFLOW MA TCHING 


In  determining  intake  sizing,  it  was  essential  to  avoid  overboard  bypass  airflows  during  cruise.  The  intake  size  (i.e.,  lip  radius)  was 
chosen  to  match  a  standard-day  engine  cruise  power  demand.  For  maximum  power  demand  on  a  standard  or  cold  day,  engine  rpm 
is  trimmed  back  to  avoid  excessive  supercritical  intake  operation.  On  a  hot  day  with  the  engine  '•perating  at  design  rpm,  the  excess 
intake  airflow  supply  is  discharged  through  the  secondary  nozzle  via  the  secondary  air  system/  The  overall  system  was  matched 
such  that  essentially  no  overboard  bypass  airflow  was  needed  for  intake/engine  airflow  matching  during  normal  climb  and  cruise 
intake  operation. 


INTAKE  DESIGN  AND  OPERATION 

The  following  sections  describe  in  detail  the  variable-geometry  components  of  the  intake,  their  use  in  the  operation  of  the  intake, 
and  the  intake  performance  for  the  various  flight  regimes.  Reference  is  made  to  the  design  objectives  stated  earlier,  including  the 
major  analytical  tools  used  in  determining  the  intake  design.  Ten  major  areas  are  emphasized:  intake  variable  geometry,  intake 
takeoff /lan ding  configurations,  noise  abate  operation,  intake  run  and  bypass  configurations,  buzz  suppression  operation  (including 
subsonic  cmise),  supersonic  diffuser/bleed  system  design,  intake  bleed  drag,  auxiliary  normal  shock  stability  system,  and 
supersonic,  started  mode  performance. 


Intake  Variable  Geometry 

A  schematic  view  of  the  intake  lines  is  shown  in  Figure  4.  The  intake  is  axisymmetric,  with  mixed  external-internal  compression. 
Two  major  geometry  components  are  incorporated  to  obtain  the  necessary  geometry  variations  needed  for  engine  airflow  matching 
at  transonic  speeds  and  for  proper  flow  area  contraction  at  supersonic  speeds. 
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FIG.  4  INTAKE  GEOMETRY 

Throat  Doors/Centerbody-The  flow  area  required  for  transonic  engine  airflow  matching  is  shown  in  Figure  4  as  the  minimum 
flow  area  just  aft  of  the  intake  cowl  lip  station.  This  area  allows  a  flow  Mach  number  of  0.85  at  full  engine  power  and  includes 
allowance  to  pass  the  engine  secondary  air  cooling  flows  as  shown  earlier  in  Figure  3.  To  obtain  the  flow  area  variation  required 
between  the  curves  labeled  “takeoff”  and  “transonic”,  a  set  of  four  cowl  throat  doors  is  used.  These  are  90° segments  of  the  inner 
cowl,  hinged  at  the  forward  end  and  rotated  outward  between  parallel-sided  (90°)  structural  beams  in  the  intake.  For  supersonic 
airflow  matching  the  centerbody  retracts  from  its  fully  extended  position  a  distance  of  1.25  The  intake  internal  flow-area 
variation  provided  by  this  translation  is  shown  in  the  area  progression  curves  of  Figure  4  as  the  area  decrease  between  the  curves 
labeled  “takeoff’  and  “cruise.” 

The  design  translation  schedules  for  these  two  components  are  also  shown  in  Figure  4.  It  should  be  noted  that  during  started 
intake  operation,  the  centerbody  is  modulated  via  a  closed-loop  control  to  maintain  a  throat  Mach  number  of  1.25,  and  the  throat 
doors  are  scheduled  as  a  function  of  centerbody  position^ ). 

Secondary  Air  Valves/Bypass  and  Takeoff  Doors— A  schematic  of  the  secondary  air  valves  and  overboard  bypass  and  takeoff  doors 
is  shown  in  Figure  5.  There  are  eight  butterfly-type  secondary  air  valves,  two  per  90°  segment  in  the  intake  secondary  flow 
channel.  They  are  used  to  regulate  cooling  air  to  the  engine  secondary  nozzle,  to  serve  as  a  fine  control  for  positioning  the  normal 
shock  during  started  intake  operation,  and  to  provide  a  means  of  intake/engine  airflow  matching  during  normal  and  hot-day  cruise 
without  having  to  open  the  overboard  bypass  doors. 

There  are  four  overboard  bypass  doors,  one  per  90°  segment.  These  doors  perform  the  well  known  function  of  spilling  the  large 
amounts  of  intake  excess  airflow  that  occur  during  airplane  descent  and  inoperative  engine  conditions. 

The  bypass  doors  contain  the  secondary  or  bell  mouth-con  toured  takeoff  doors  (see  Figure  5),  as  a  door  within  a  door.  The 
primary  takeoff  doors  are  separately  hinged,  free-floating  inward  to  open  the  auxiliary  flow  passage  to  the  engine.  These  primary 
doors  are  mechanically  linked  to  the  throat  doors.  Ten  percent  throat  door  travel  outward  from  the  cruise  position  forces  the 
primary  takeoff  doors  closed.  During  takeoff,  when  both  primary  and  secondary  takeoff  doors  suck  in,  the  bypass  door  frames 
remain  closed.  At  higher  speeds,  when  intake  internal  pressures  exceed  external  pressures,  the  secondary  takeoff  doors  follow  the 
bypass  door  frames  to  form  the  bypass  doors,  and  the  primary  takeoff  doors  remain  closed. 
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Intake  Takeoff/Landing  Configuration 

The  intake  is  shown  in  the  takeoff/landing  configuration  in  Figure  6.  In  this  configuration  the  centerbody  is  extended,  the  throat 
and  overboard  bypass  doors  are  closed,  and  the  secondary  air  valves  are  open.  The  minimum  duct  flow  area  now  occurs  well  aft  in 
the  intake  as  shown  in  Figure  4.  This  reduces  the  intake  lip  flow  velocities  and  the  resulting  sharp-lip  losses  associated  with 
low-speed  intake  operation.  With  the  throat  doors  in  the  closed  position,  the  auxiliary  takeoff  doors  are  allowed  to  float  free  of 
the  overboard  bypass  door  frames.  The  takeoff  doors  suck  in  as  necessary  to  satisfy  engine  airflow  demands.  Details  of  intake 
low-speed  performance  are  shown  in  Figure  7,  where  model  and  full-scale  test  data  are  compared.  To  achieve  the  low-speed 
recovery  goals  shown  in  this  figure,  a  takeoff  door  size  of  29%  Ayp  is  required.  This  was  determined  by  model  tests  and  analysis 
using  Reference  2,  and  is  based  on  main  intake  duct  and  takeoff  door  passage  Mach  numbers  of  0.5  and  0.7,  respectively.  Detail 
design  restraints  later  compromised  the  full-scale  design  such  that  a  takeoff  door  area  of  only  23%  Ajjp  was  available.  The 
full-scale  recovery  and  distortion  data  shown  in  Figure  7  were  obtained  from  tests  of  the  intake/engine  combination  shown  in 
Figure  8.  Smooth  operation  of  the  free-floating  takeoff  doors  during  unrestricted  engine  throttle  operation  was  observed. 
Crosswind  operation  up  to  35  knots  at  90°showed  no  significant  increase  in  distortion  values.  Takeoff  performance  was  primarily 
a  function  of  the  bellmouth  contours  of  the  aft  wall  of  the  passage.  A  lemniscate-shaped  bellmouth  gave  best  results.  The 
maximum  primary  takeoff  door  angle  is  35°. 

As  the  takeoff  doors  suck  open  to  form  a  bellmouth  contour,  they  also  open  a  passage  to  the  engine  secondary  air  system  (see 
Figure  6).  This  allows  an  opening  through  which  the  engine  primary  nozzle  can  pump  the  required  nozzle-cooling  air. 


SECONDARY 


FIG.  6  TAKEOFF/LANOING  CONFIGURA  VON,  0  <ML<  0.5 
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FIG.  7  INTAKE  LOW-SPEED  PERFORMANCE 


FIG.  8  FULL-SCALE  INTAKE,  ENGINE  LOW-SPEED  TEST 
CONFIGURATION 


The  intake  takeoff  configuration  is  automatically  obtained 
when  the  engine  mode  selector  is  placed  in  the  takeoff/landing 
position.  This,  of  course,  occurs  during  airplane  taxi  and  takeoff 
and  during  descent  when  the  airplane  slows  to  a  Mach  number 
of  approximately.0.5. 

Noise  Abate  Mode 

The  noise  abate  mode  is  an  optional  intake  control  mode  which 
may  be  manually  initiated  by  the  flight  crew  during  intake 
operation  in  the  0.0  to  0.5  Mach  range.  In  this  mode  the 
primary  takeoff  doors  are  held  closed  by  positioning  the  intake 
throat  doors  at  an  intermediate  opening.  The  secondary  takeoff 
doors  remain  free-floating,  and  due  to  aerodynamic  loading, 
they  assume  a  full-open  position.  The  overboard  bypass  door 
frames  are  held  closed,  while  the  secondary  air  valves  remain 


full  open.  A  schematic  of  the  noise  abate  mode  showing  the  throat  and  bypass  door  configurations  is  shot,  t  in  Figure  9.  Holding 
the  primary  takeoff  doors  closed  prevents  compressor  noise  from  radiating  out  these  openings.  Forward  compressor  noise  radiation 
is  significantly  reduced  by  modulating  the  centerbody  to  maintain  an  intake  throat  Mach  number  of  0.85.  The  noise  abate  mode  is 
automatically  disengaged  and  the  takeoff  configuration  engaged  should  high  engine  thrust  operation  (e  g.,  during  airplane 
go-around)  be  required. 


Intake  Run  Configuration 


The  intake  run  configuration  is  used  between  Mach  0.5  and  1.2.  This  configuration  is  automatically  obtained  during  climb  when 
the  pilot  places  the  engine  mode  selector  in  the  run  position  at  approximately  Mach  0.5.  In  this  configuration  the  centerbody  is 
fully  extended,  the  throat  doors  and  secondary  air  valves  are  fully  opened,  and  the  overboard  bypass  doors  are  held  closed.  A 
schematic  of  the  run  configuration  is  shown  in  Figure  10.  No  controller  action  is  used  in  the  run  configuration,  and  the  bypass 
doors  remain  closed  even  when  the  engine  airflow  is  decreased  as  in  airplane  descent.  Thus,  for  low  engine  airflows,  intake/engine 
airflow  matching  is  obtained  via  intake  forespillage.  An  exception  to  this  is  the  Mach  0.85  subsonic  cruise  condition.  To  reduce 
intake  drags  during  subsonic  cruise,  the  buzz  suppression  mode,  which  is  describi  1  in  a  following  section,  is  used. 


FIG.  9  NOISE  ABA  TE  MODE.  M  <  0.5 
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FIG.  10  RUN  CONFIGURATION,  0.5  <M  <1.2 


Figure  3  shows  that  throat  doors  were  used  to  obtain  adequate 
transonic  flow  area.  Other  ways  were  explored  to  solve  this  flow 
matching  problem.  For  design  comparisons,  fixed-cowl  intakes 
(no  throat  doors)  with  translating  centerbodies  only,  were  used. 

The  flow  capacities  of  two  such  intakes  are  shown  in  Figure  1 1 
together  with  the  variable-throat-door,  translating-centerbody 
intake  supply.  A  Boeing  solid-cowl  intake  with  essentially  equal 
centerbody  translation  and  cone  angle,  equal  external  cowl  lip 
angle,  and  constant  throat  area  station  for  started  operation 
provided  12%  less  transonic  flow  than  the  throat  door  intake.  A 
later  design  by  NASA  improved  this  to  8%  less  transonic  flow 
than  a  throat  door  intake,  but  at  a  cost  of  24%  more 
centerbody  translation,  1.5°  higher  external  cowl  angle,  and  a 
nonstationary  throat  station  with  centerbody  translation.  All 
three  intakes  were  designed  to  provide  acceptable  recovery  and 
low  distortion  characteristics,  with  a  minimum  duct  area  Mach 
number  of  0.85.  Earlier  testing  had  shown  that  this  was 
permissible  to  obtain  maximum  lip  area  flow  coefficients,  as 
long  as  a  reasonable  diffusion  process  was  provided. 

Beacuse  the  throat  station  is  constant  with  centerbody  transla¬ 
tion,  which  facilitates  the  incorporation  of  vortex  valves,  the 
Boeing  solid-cowl  design  was  further  analyzed  via  intake/engine 
and  performance/airplane  integration  studies.  For  these  studies 
the  available  engine  rpm  trim  control  loop  was  studied  for  use 
during  transonic  operation  to  reduce  engine  rpm  and  obtain 
intake/engine  airflow  matching.  It  should  be  noted  here  that 
during  climb  at  Mach  numbers  between  0.33  and  0.90,  the 
engine  operates  without  augmentation.  At  Mach  0.9,  full  engine 
augmentation  is  applied  as  the  airplane  approaches  the  transonic 
drag  rise  condition.  On  the  maximum  altitude  placard  on  a  cold 
day,  the  engine  rpm  is  reduced  by  the  normal  engine  control, 
holding  constant  corrected  engine  speeds,  to  an  rpm  close  to  the  lowest  engine  operating  rpm  at  which  afterburner  operation  can 
be  sustained.  This  left  insufficient  rpm  trim  capability  to  use  for  intake/engine  airflow  matching  on  cold-day  flights.  It  would  have 
resulted  in  flight  restrictions  on  cold  days  if  rpm  trim  had  been  chosen  as  a  means  to  achieve  transonic  flow  matching.  On  a 
standard-day  flight,  engine  rpm  trimming  could  have  been  used  to  reduce  engine  airflow  1 2%  to  match  the  Boeing  solid-cowl 
intake  supply  shown  in  Figure  1 1,  but  would  have  reduced  the  normal  rpm  margin  from  augmentor  blowout  by  80%.  Also,  severe 
reduction  in  the  standard-day  transonic  thrust  margins  associated  with  the  engine  rpm  reduction  would  occur.  Thus,  the  Boeing 
solid-cowl  intake  sized  for  cruise  (see  Figure  11)  was  deemed  unfeasible  for  the  engine  being  considered.  Oversizing  the  solid-cowl 
intake  for  cruise  was  considered,  but  drag  penalties  for  cruise  bypass  as  shown  in  Figure  1  ruled  this  out,  especially  since  the 
outboard  intake  was  already  oversized  by  4%  due  to  a  lower  outboard  local  Mach  number  2.61  versus  2.65  for  the  inboard  intake  on 
the  airplane  being  considered.  The  intake  was  designed  for  the  higher  local  inboard  Mach  number  of  2.65  (for  Mach  2.7  cruise).  All 
curves  and  design  data  are  shown  for  this  intake;  the  outboard  intake  was  identical  and  simply  operated  at  a  0.04  lower  local  Mach 
number. 

Data  obtained  from  scale-model  tests  of  the  variable-cowl  intake  operating  in  the  run  configuration  are  shown  in  Figure  12.  Design 
recovery  at  low  engine  face  distortion  levels  was  obtained  for  the  full  range  of  operation  in  this  “uncontrolled”  run  configuration. 
Data  shown  in  Figure  12,  from  Mach  1.2  to  1.6,  are  for  the  intake  operating  in  the  suppression  mode  as  explained  in  a  following 
section.  Figure  13  shows  secondary  air  duct  pressure  recovery  for  Mach  numbers  to  1.2.  The  solid  curve  with  data  points  shows 
that  at  flight  speeds  up  to  Mach  0.5,  in  takeoff  configuration,  the  secondary  air  supply  is  greater  than  required  (even  for  maximum 
augmentation).  From  Mach  0.5  to  0.8  the  secondary  air  supply  is  shown  to  be  adequate  for  engine  operation  at  continuous 
maximum  dry  power.  Maximum  augmentation  operation  is  allowed  above  Mach  0.8  or  well  below  the  speeds  where  augmentation 
is  applied  for  transonic  and  supersonic  acceleration. 
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FIG.  12  EXPERIMENTAL  TRANSONIC 
INTAKE  PERFORMANCE 


Intake  Bypass  Configuration 

The  maximum  overboard  bypass  door  opening  of  45%  Aj^jp  at 
an  angle  of  33°  was  chosen  to  -provide  buzz-free  intake 
operation  (above  Mach  1.3)  with  all  intake  hydraulic  power 
shut  off  and  the  engine  rotor  essentially  stopped  (aerodynamic 
engine  windmill  brake  applied).  During  this  failure  condition, 
aerodynamic  forces  cause  the  centerbody  to  extend  fully  and 
the  throat  doors,  secondary  air  valves,  and  overboard  bypass 
doors  to  open  fully.  The  full-open  throat  doors  provide  a 
smooth  airflow  passage  to  the  overboard  bypass  doors  as  shown 
in  Figure  5.  Figure  14  shows  the  buzz  margins  and  bypass 
corrected  airflows  for  the  intake  bypass  configuration.  For  local 
Mach  numbers  greater  than  2.4,  the  maximum  bypass  door  area 
of  45%  Apjp  is  sufficient  to  maintain  a  started  intake.  For 
Mach  numbers  less  than  2.4,  the  combined  corrected  airflows  of 
the  windmill  braked  engine  and  the  secondary  and  overboard 
bypass  doors  are  not  sufficient  to  start  the  intake,  and  the 
unstarted  normal  shock  spills  excess  airflow  externally.  The  full 
centerbody  extension  of  the  intake  bypass  configuration  locates 
the  centerbody  bleed  scoop  (as  discussed  later)  just  forward  of 
the  intake  cowl  lip.  By  removing  approximately  half  the 
centerbody  boundary  layer  at  this  point,  considerable  normal 
shock  spillage  could  be  obtained  before  the  onset  of  buzz.  This 
reduces  the  maximum  bypass  door  opening  design  requirement 
which,  as  noted  from  Figure  14,  occurs  at  a  local  Mach  of  1.3 
with  an  intake  angle  of  slidcslip  of  3°.  An  angle  of  sideslip  of  5° 
at  Mach  1.3  is  not  used  as  the  maximum  bypass  door  opening 
requirement  because  of  the  low  probability  of  its  occurrence. 

Buzz  Suppression  Operation 

The  buzz  suppression  control  mode  is  manually  initiated  during 
climb  at  approximately  Mach  1.2.  A  generalized  schematic  view 
of  the  buzz  suppression  mode  is  shown  in  Figure  15.  In  this 
mode  the  centerbody  is  fixed  at  an  extended  position  of  90%  of 
full  travel  and  the  throat  doors  are  placed  at  90%  of  the 
full-open  position.  The  slightly  retracted  centerbody  position 
locates  the  centerbody  bleed  scoop  in  the  best  position  relative 
to  the  cowl  lip  for  buzz  suppression.  Boundary  layer  bleed  at 
this  point  allows  stable  operation  with  large  amounts  of  normal 
shock  spillage.  The  slightly  closed  throat  door  position  unports 


1/10-SCALE  MODEL  DATA 


O  TAKEOFF/APPROACH.  WSEC/WENQ  =  0.03 
A  RUN  CONFIGURATION,  WSEC/WENG  =  0.03 
A  RUN  CONFIGURATION,  WgEC/WENG  =  0.066 


FIG.  13  SECONDARY  AIR  RECOVERY  REQUIREMENTS 


FIG.  14  BYPASS  OOOR  SIZING  REQUIREMENTS 
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FIG.  15  SCHEMA  TIC  OF  BUZZ  SUPPRESSION  MODE  INTAKE  OPERA  TION,  1.2<M<  2.9 


the  bleed  exits  in  the  outer  cowl  and  allows  the  cowl  boundary  layer  bleed  system  to  function.  When  the  throat  doors  are  fully 
open,  all  cowl  bleed  exits  are  closed  by  mechanical  valving  action  of  the  doors  to  prevent  loss  of  unnecessary  bleed  below  Mach  1,2 
when  intake  air  supply  is  critical.  This  also  prevents  negative  bleed  (recirculation)  at  low  Mach  numbers  around  0.5  when  duct 
Mach  number  is  higher  than  external  Mach  number. 


In  this  mode  the  secondary  air  valves  and  overboard  bypass  doors  are  modulated  to  maintain  a  duct  Mach  number  of 
approximately  0.7  as  determined  by  a  static-to-total-pressure  ratio  located  at  the  intake  throat  station^  \  For  any  given  local  Mach 
number,  controlling  the  intake  throat  Mach  number  is  essentially  the  same  as  specifying  the  desired  amount  of  external  normal 
shock  spillage.  It  is  interesting  to  note  that  the  intake  throat  Mach  number  is  far  from  being  choked  during  buzz  suppression 
control.  This  is  often  considered  a  requirement  for  buzz-free  operation  of  an  unstarted  internal  compression  intake. 


The  key  performance  parameters  for  the  intake  in  buzz  suppression  operation  are  shown  in  Figure  16.  The  data  show  that  during 


standard-day  climbout  approximately  1.5%  engine  airflow  trim 
1.35.  During  cold-day  operation  continuous  engine  trim  is  used 
between  Mach  1.2  and  1.6.  Figure  17  shows  a  comparison  of 
intake  supply  in  the  run  configuration  with  the  supply  available 
in  the  buzz  suppression  mode  for  the  Mach  1.2  to  1.6  range.  It 
is  noted  that  if  the  run  configuration  is  used  in  this  Mach  range, 
the  standard-day  engine  plus  minimum  secondary  airflow 
needed  for  nozzle  cooling  may  be  supplied  without  engine  rpm 
trimming.  However,  the  run  configuration  does  not  contain 
control  loops,  and  hence  does  not  contain  the  capability  for 
trimming  engine  rpm.  If  the  run  configuration  were  used 
between  Mach  1.2  and  1.6,  cold-day  engine  plus  minimum 
secondary  airflow  demands  would  cause  an  inadvertent  intake 
start  (swallowing  the  normal  shock)  above  Mach  1.2.  Since  the 
bleed  system  is  designed  to  allow  controlled,  started  operation 
only  above  Mach  1.6,  premature  starts  produce  large  increases 
in  distortion  as  the  normal  shock  goes  more  and  more 
supercritical.  Furthermore,  with  descent  engine-power  settings, 
intake  buzz  would  occur  between  Mach  1.2  and  1.6  if  bypass 
doors  remained  closed  as  in  the  run  configuration.  For  these 
reasons,  the  buzz  suppression  control  mode  is  used  between 
Mach  1.2  and  1.6. 

The  throat  Mach/secondary  air  valve/bypass  door  control  loop 
of  the  buzz  suppression  mode  operates  in  the  same  manner  as 
the  normal  shock/secondary  air  valve/bypass  door  control  loop 
of  the  started  mode.  When  engine  airflow  is  increased  as  occurs 
during  cold-day  operation,  the  overboard  bypass  doors  would 
be  closed  and  the  secondary  air  valves  would  close  down  to  the 
minimum  area  needed  to  maintain  secondary  nozzle  cooling.  If 
engine  airflow  demand  is  sufficiently  high,  the  throat  Mach 
number  of  the  buzz  suppression  mode  would  increase  above  its 
design  value,  and  similarily  the  normal  shock  of  the  started 
intake  would  move  downstream  (i.e.,  higher  supercritical)  from 
its  design  position  to  achieve  an  airflow  balance.  This  increase 
above  the  design  values  for  these  variables  would  activate  the 
engine  rpm  trim  control  loop,  and  engine  rpm  is  reduced  until 
the  control  loop  design  values  are  again  satisfied.  The  opposite 
occurs  during  hot-day  conditions  when  the  intake  airflow 
supply  exceeds  the  engine  plus  minimum  secondary  airflow 
demand.  During  this  condition  the  engine  rpm  remains  at  its 
operating  point  and  the  secondary  air  valves  open  as  necessary 
to  achieve  matching.  Figure  1 8  shows  the  corrected  airflow  of 
the  secondary  air  valves  with  valve  displacement.  During 


needed  for  matching  at  Mach  1.2.  This  reduces  to  zero  at  Mach 


LOCAL  MACH  NUMBER.  Mj_ 


FIG .  16  INTA  KE  PERFORMANCE  IN  BUZZ  SUPPRESSION  MODE 
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FIG.  17  COMPARISON  OF  RUN  CONFIGURATION  AND  8UZZ  SUPPRESSION 
MODE  INTAKE  SUPPLY 


controller  action  the  maximum  allowable  steady-state  second¬ 
ary  air  valve  opening  is  0.07  A  yip.  This  position,  shown  as  the 
upper  break  point  in  Figure  18,  is  specified  from  stability 
analyses  of  both  of  the  above  control  loops.  For  extremely  hot 
day  matching,  the  secondary  air  valves  remain  at  0.07  Ajjp  and 
the  overboard  bypass  doors  open  to  spill  excess  air. 

The  buzz  suppression  control  mode  is  also  used  for  two  other 
purposes:  (1)  as  a  mode  which  provides  stable  airflow  with  low 
distortion  level  following  an  inadvertent  unstart  at  Mach 
numbers  greater  than  1 .6,  and  (2)  for  subsonic  cruise. 

Following  inadvertent  intake  unstarts,  a  buzz-free  mode  was 
required  that  would  allow  continued  engine  operation  until  the 
pilot  elected  to  initiate  the  restart  sequence.  Tile  buzz  suppres¬ 
sion  mode  described  provided  the  lowest  engine  face  distortion 
levels  during  the  unstarted  operation.  At  Mach  2.65  the 
distortion  was  only  around  2%.  The  restart  could  also  be 
accomplished  with  the  lowest  distortion  transients^  1 )  when 
restarts  were  initiated  with  the  intake  in  the  buzz  suppression 
configuration. 

During  subsonic  cruise  the  pilot  would  select  the  buzz  suppres¬ 
sion  mode  to  minimize  long-range  subsonic  cruise  drags  by 
trading  the  forespillage  drag  of  the  run  configuration  for  the 
lower  overboard  bypass  door  drag  of  the  buzz  suppression 
mode. 
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Supersonic  Diffuser/Bleed  System  Design 


FIG.  18  SECONDARY  AIR  VALVE  FLOW  CHARACTERISTICS 


The  supersonic  mode  of  operation,  between  Mach  1.6  and  2.7, 
called  the  "started  mode,”  occurs  when  the  normal  shock 
moves  to  a  position  downstream  of  the  intake  throat  at  Mach 
1.6.  The  intake  configuration  for  this  mode  is  shown  in  Figure 

19.  The  throat  Mach  number  is  maintained  constant  at  1.25  by  translation  of  the  centerbody  and  the  throat  doors  as  the  airplane 
Mach  number  changes.  Between  Mach  1.6  and  2.1  both  the  centerbody  and  the  throat  doors  translate  to  maintain  a  constant 
throat  Mach  number  and  to  minimize  movement  of  the  geometric  throat  station.  Above  Mach  2.1,  the  throat  doors  remain  closed 
and  the  throat  Mach  number  is  controlled  to  1.25  by  translation  of  the  centerbody  only.  The  normal  shock  is  maintained  in  a  less 
than  1%  supercritical  position  through  the  use  of  the  secondary  air  valves,  bypass  doors,  vortex  valves,  and  rpm  trim. 


The  design  of  the  supersonic  diffuser  contours  for  the  translating-centerbody  axisymmetric  intake  was  a  complex  procedure 
involving  numerous  iterations.  Key  features  that  influenced  the  contour  selection  were  the  selection  of  a  throat  Mach  number  of 
1.25,  the  fixed  positioning  of  the  throat  with  respect  to  the  cowl  with  centerbody  translation,  and  the  requirement  that  there  be 
no  spillage  or  bypass  from  the  intake  at  cruise. 


FIG.  19  STARTED  MODE,  1.60  <,  Moo<2.90 


The  lip  area  of  the  intake  was  determined  by  the  cruise  standard-day  engine  demand  with  allowances  for  bleed,  leakage,  and 
minimum  secondary  airflow  for  nozzle  cooling.  Experimental  data  had  shown  that  the  throat  blockage  or  boundary  layer 
displacement  effects  could  be  allowed  to  occupy  between  4%  and  5%  of  the  throat  area,  if  this  boundary  layer  was  controlled  to 
“arrive”  at  the  throat  with  full  velocity  profile,  equivalent  to  a  power  law  exponent  of  6  to  7.  The  subsonic  diffuser  including  the 
normal  shock  effects  would  then  be  nonseparating  or  not  pose  undue  restraints  on  the  overall  design.  Since  a  4%  to  5%  boundary 
layer  bleed  was  also  being  predicted  upstream  of  the  throat,  the  throat  area  at  cruise  was  simply  defined  by  the  requirement  of  a 
1.25  throat  Mach  number.  The  maximum  centerbody  diameter  was  defined  by  requirements  at  transonic  Mach  numbers,  when  the 
maximum  diameter  of  the  centerbody  is  at  the  cowl  lip  station.  The  transonic  engine  airflow  demand  then  defines  the  area  to  pass 
the  required  flow,  at  a  chosen  lip  Mach  number  of  0.85.  The  additional  requirement  was  that  there  be  a  continuous  diffusion  of 
the  minimum  flow  area  at  the  cowl  lip,  as  shown  in  Figure  4. 

Within  the  above  constraints,  the  design  of  the  diffuser  contours  involved  an  iteration  to  achieve  an  intake  with  acceptable 
recovery,  distortion,  weight,  and  drag.  Additional  considerations  include  achieving  a  uniform  throat  flow  and  avoiding  strong 
adverse  pressure  gradients  or  shocks  which  would  require  excessive  boundary  layer  control,  cause  restart  problems,  or  give  poor 
tolerance  to  angle-of-attack  operation. 

Uncontrolled  viscous  effects  related  to  boundary  layer  growth  and  interactions  can  cause  performance  degradations  that  may 
seriously  limit  the  effectiveness  of  the  intake.  Intake  performance  is  directly  related  to  the  way  in  which  the  boundary  layer 
develops  through  an  intake.  A  boundary  layer  developing  through  a  strong,  adverse  pressure  gradient  tends  to  thicken  rapidly  and 
has  a  velocity  profile  “less  full”  than  a  boundary  layer  developing  through  a  zero  pressure  gradient.  Interactions  between  the 
boundary  layer  and  shocks  also  cause  the  boundary  layer  thickness  to  change  and  the  velocity  profile  to  become  distorted.  These 
changes  affect  the  inviscid  flow  field,  increase  the  likelihood  of  separation,  and  reduce  intake  recovery.  The  adversOeffects 
associated  with  the  boundary  layer  can  be  partially  eliminated  by  using  a  “bleed”  system  to  control  boundary  layer  development 
through  the  intake. 

General  features  of  the  boundary  layer  bleed  system  are  shown  in  Figure  20.  Cowl  bleed  is  removed  through  three  separate  bleed 
plenums.  Boundary  layer  bleed  from  these  plenums  is  discharged  overboard  through  exit  nozzles  located  along  the  outer  cowl 


CENTERBODY  SUPPORT  TUBE 
(TYPICAL  SECTION! 


FIG.  20  BOUNDARY  LA  YER  BLEED  SYSTEM 
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surface.  The  ccnterbody  bleed  system  consists  of  a  boundary  layer  bleed  scoop,  a  translating  forward  bleed  region,  and  a 
translating  throat  bleed  region.  Centerbody  bleed  is  removed  through  the  centerbody  support  tube,  ducted  to  the  cowl  through  the 
centerbody  support  struts,  and  discharged  overboard  through  nozzles  located  in  the  cowl.  Bleed  from  the  three  centerbody  bleed 
regions  is  ducted  separately  to  the  exit  to  prevent  recirculation  of  high-pressure  bleed  from  one  region  into  a  bleed  plenum  at  a 
lower  pressure.  Separate  ducting  also  reduces  bleed  drag  by  allowing  each  bleed  plenum  to  operate  at  a  maximum  total  pressure 
corresponding  to  the  local  surface  pressure  for  each  region. 

A  unique  feature  of  the  design  is  the  traveling  centerbody  bleed  system,  illustrated  in  Figure  20.  It  is  used  to  optimize  the  location 
of  the  bleed  regions  over  the  range  of  flight  conditions  encountered.  As  the  centerbody  translates  forward,  ports  in  the  centerbody 
support  tube  slide  across  the  bases  of  the  vertical  dividers  which  separate  the  various  centerbody  bleed  plenums.  Bleed  is  removed 
from  a  given  bleed  region  if  a  support  tube  port  is  located  beneath  a  bleed  plenum.  The  locations  on  the  centerbody  where  bleed  is 
being  removed  can  thus  be  scheduled  as  a  function  of  centerbody  translation  through  locating  the  support  tube  ports  and  the 
dividers  between  the  bleed  plenums. 


The  bleed  system  was  designed  through  application  of  an  analytic  procedure  for  the  rapid  and  inexpensive  development  of  a 
system  with  high  performance  within  certain  external  constraints.  The  procedure  is  based  on  years  of  SST  intake  test  experience, 
analyses  that  accurately  predict  the  flow  through  the  supersonic  portion  of  the  diffuser,  empirical  information  on  the  subsonic 
diffuser  performance,  and  empiric;.’  ^formation  on  the  flow  through  and  the  boundary  layer  development  across  a  given  bleed 
region.  J  .*&&&'- 


The  bleed  system  design  procedure  is  briefly  as  follows.  The  intake  inviscid  flow  is  computed  over  the  started  Mach  range  of  the 
intake  with  a  method  of  characteristics  program^.  Plots  of  the  static  pressure  distributions  along  intake  surfaces  as  a  function  of 
freestream  Mach  number  are  prepared,  as  shown  in  Figure  21  for  the  centerbody.  Using  the  inviscid  static  pressure  distributions, 
the  boundary  layer  development  along  intake  surfaces  is  computed^)  over  the  started  Mach  range  of  the  intake.  A  boundary  layer 
velocity  profile  parameter,  usually  the  incompressible  power  law  exponent,  Nj,  which  represents  the  velocity  profile  distortion,  is 
plotted  along  intake  surfaces  as  a  function  of  freestream  Mach  number  over  the  started  Mach  range  of  the  intake,  as  shown  in 
Figure  22,  again  for  the  centerbody. 


FIG.  21  CENTERBODY  SURFACE  PRESSURES 


The  vertical  cross-hatched  bands  in  Figures  21  and  22  depict  regions  of  bleed  holes  on  the  centerbody.  At  cruise  Mach  number 
(zero  aX/Rup)  two  bleed  bands  are  shown  as  throat  bleed  and  one  bleed  band  as  forward  bleed,  plus  the  bleed  scoop  which  is 
allowed  to  bleed  at  all  times.  To  exemplify  the  use  of  these  design  curves  and  to  see  which  bleed  holes  are  flowing,  follow  a 
horizontal  line  across  the  figure,  say  for  Mach  2.3  (aX/ Rjjp  -  0.5).  The  forward  bleed  band  is  indicated  as  not  bleeding  below 
about  Mach  2.35,  i.e.,  the  holes  are  still  there  but  there  is  no  port  in  the  centertube  under  these  holes  when  the  centerbody  is  in 
this  position,  and  hence  bleed  flow  from  these  holes  is  shut  off.  Following  the  horizontal  line  further  a  bleed  band  is  shown  cross 
hatched  as  forward  bleed  region,  which  at  Mach  2.65  was  a  throat  bleed  region.  The  next  band  is  closed  off,  followed  by  two  more 
forward  bleed  bands,  and  one  closed  band,  followed  by  three  throat  bleed  bands.  At  Mach  2.3  there  are  thus  three  open  forward 
bleed  bands,  three  closed  (nonblecding)  bands,  and  three  throat  bleed  regions  being  used  for  centerbody  boundary  layer  control  in 
addition  to  the  bleed  scoop. 


18-12 


FIG.  22  CENTER  BODY  BOUNDARY  LAYER  POWER  LAW  EXPONENTS 


The  plots  of  N|  as  a  function  of  Mach  number  for  a  given  intake  surface  are  used  to  define  regions  where  bleed  is  required  over  the 

started  Mach  range.  A  fully  developed  boundary  layer  (a  boundary  layer  developing  through  zero  pressure  gradient)  has  a  power 

law  exponent  of  seven  or  larger.  A  boundary  layer  that  has  been  distorted  by  an  adverse  pressure  gradient  or  a  shock  will  have  an 

Nj  less  than  seven.  Nj  decreases  to  about  one  as  the  boundary  layer  approaches  separation.  Normally,  boundary  layer  control  is  j 

used  to  prevent  Nj  from  going  below  four.  Experience  has  shown  that  if  the  profile  exponent  is  allowed  to  deteriorate  much  below 

four,  the  boundary  layer  entrains  mass  rapidly,  throat  blockage  (the  displacement  thickness  in  the  intake  throat)  is  high,  and  j 

intake  recovery  and  angle-of-attack  tolerance  are  generally  poor.  ^  j 

The  plots  of  surface  static  pressures  as  a  function  of  Mach  number  are  also  used  to  define  the  possible  bleed  regions  and  the 

maximum  bleed  plenum  pressure  obtainable  without  recirculation  from  other  forward  bleed  holes.  A  number  of  possible  bleed  ] 

configurations  are  examined  with  the  boundary  layer  programs.  Bleed  configurations  (type,  location,  and  amount)  that  appear 

promising  (low  throat  displacement  thicknes.;  and  high  bleed  plenum  pressures  for  a  given  bleed  rate)  and  satisfy  all  intake  external 

constraints  are  selected  for  further  study.  ! 

Bleed  flow  rates,  plenum  pressures,  and  changes  in  the  boundary  layer  properties  across  a  given  bleed  region  are  computed  for  the 
various  bleed  plenums  over  the  started  Mach  range  for  the  systems  selected  for  further  study,  using  bleed  system 
performance^’"’^)  data.  The  boundary  layer  program  is  rerun  over  the  started  Mach  range  using  the  predicted  bleed  flow  rates. 

Improvements  suggested  by  the  initial  runs  are  made  and  the  boundary  layer  and  bleed  plenum  pressures  recomputed  until  an 

acceptable  system  is  defined.  } 

\ 

Cowl  bluntness,  boundary  layer  displacement,  bleed,  and  shock/boundary  layer  interactions  c;  significantly  modify  the  locations  ? 

and  strengths  of  shocks  and  pressure  gradients  predicted  from  an  inviscid  analysis.  An  analysis  procedure^'  that  accounts  for  the 

above  effects  is  used  to  compute  the  inlet  flow  at  cruise  and  at  selected  off-design  Mach  numbers.  The  bleed  system  is  then 

modified,  if  necessary,  to  correct  for  predicted  changes  in  the  location  and  strength  of  shock  interactions  and/or  pressure 

gradients.  | 

r 

Application  of  the  bleed  system  design  procedure  results  in  specification  of  the  location  and  amount  of  bleed,  bleed  plenum 

pressure,  bleed  hole  size,  inclination,  compartmentation,  and  pattern,  as  well  as  a  prediction  for  the  recovery  that  can  be  achieved 

with. the  system  specified.  Application  of  this  procedure  to  a  given  intake  usually  results  in  an  intake  with  good  performance  for 

the  predicted  type,  location,  and  amount  of  bleed.  The  precise  location  and  amount  of  bleed  for  optimum  intake  performance  is 

then  relatively  easy  to  determine  by  experiment.  Adjustments  in  intake  model  scale  bleed  geometry  are  made  using  the  same  tools  : 

to  account  for  different  test  model  Reynolds  numbers  and  construction  (larger  wall  thickness,  etc.). 

The  bleed  system  design  procedure  removes  much  of  the  “black  magic”  from  intake  design  and  can  be  used  to  eliminate  many  of 
the  costly  development  tests  which  have  been  necessary  in  the  past.  It  also  provides  a  basis  for  scaling  small-scale  bleed  test  results 
to  larger  model  scales.  Typically,  the  bleed  required  to  achieve  a  given  level  of  intake  performance  decreases  as  intake  size 
increases.  Data  indicate  that  the  boundary  layer  growth  rate  across  a  bleed  region  increases  as  the  ratio  of  the  diameter  to 
boundary  layer  displacement  thickness  increases,  an  effect  which  has  been  attributed  to  vortex  shedding  from  the  bleed  holes.  As 
illustrated  in  Figure  23,  this  effect  is  usually  a  problem  for  small  models  and  becomes  less  of  a  problem  as  the  size  of  the  model 
increases.  The  bleed  system  design  procedure  accounts  for  this  effect  and  allows  small-scale  intake  bleed  and  recovery  results  to  be 
scaled.  j 
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In  Figure  23  a  bleed  hole  pattern  is  shown  as  it  would  appear  in 
a  typical  bleed  region  (as  indicated  on  the  cowl),  when  each 
model  provided  essentially  the  same  flow  area  through  the  bleed 
holes.  Note  that  with  1/6-scale  (or  larger)  models,  bleed 
patterns  and  hole  size  relative  to  the  boundary  layer  displace¬ 
ment  thickness  compare  reasonably  well,  as  did  the  test  results. 
Comparisons  for  1/18-scale  models  are  poor,  and  significant 
higher  bleed  rates  were  required  on  this  model  to  obtain  equal 
intake  recovery  levels. 

The  bleed  hole  diameter  for  the  full  scale  intake  was  selected  as 
0.080  inches.  This  resulted  in  a  ratio  of  hole  diameter  to 
displacement  thickness  of  0.5  in  the  forward  cowl  bleed  region 
to  around  1.0  in  the  throat  region,  both  on  the  cowl  and 
centerbody.  In  the  forward  bleed  region  on  the  centerbody,  as 
shown  in  Figure  22,  the  ratio  is  also  in  this  range,  about  0.7, 
due  to  the  effect  of  the  bleed  scoop  in  reducing  the  displace¬ 
ment  thickness,  even  with  the  much  longer  distance  over  which 
boundary  layer  bleed  is  generated  on  the  centerbody. 

The  bleed  hole  inclination  to  the  surface  determines  the 
maximum  allowable  plenum  pressure  for  choked  flow  through 
the  bleed  holes.  In  general,  the  maximum  plenum  pressure 
increases  with  decreasing  hole  angle.  An  angle  of  20°  was 
selected  for  the  SST  intake  to  minimize  bleed  drag.  A  1  /6-scale 
model,  which  provided  final  design  information  for  the  full- 
scale  bleed  system,  used  bleed  holes  located  at  40°  to  the 
surface.  Figure  24  illustrates  how  bleed  hole  mass  flow 
coefficient  curves  for  40°  and  20°  holes  were  used  to  transform 
the  1 /6-scale  model  data  to  full-scale  application.  The  curves 
show  clearly  the  large  improvement  in  flow  coefficient  for  the 
20°  holes,  requiring  less  bleed  hole  area.  The  20°  holes  also 
operate  at  higher  plenum  pressures  and  in  all  cases  operate 
closer  to  the  choked  flow  limit  for  the  holes  with  more 
tolerance  to  plenum  pressure  changes  before  the  bleed  rates  are 
significantly  affected. 


■  - - - a  -  20* 

-  a  -  40* _ 

□  1/6  SCALE  MODEL  L/D  a  4.8  TO  5.6 

■  PROTOTYPE  INTAKE  L/D  a  2.2  TD  2.9 


FIG.  24  BOUNDARY  LA  YER  BLEED  HOLE  PERFORM ANCE- 
MODEL  SCALE  VS  FULL  SCALE 
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Intake  Bleed  Drag 

Once  the  individual  bleed  mass  flow  ratios  for  any  flight  condition  have  been  determined,  the  bleed  drags  associated  with 
discharging  this  bleed  overboard  must  be  calculated  and  assessed  against  the  iutake.  The  bleed  drag  calculations  must  include  the 
drag  attributed  to  that  portion  of  the  ram  momentum  for  the  bleed  air  which  cannot  be  recovered  when  the  bleed  is  discharged 
overboard,  plus  the  increase  in  cowl  pressure  drag  caused  by  the  excess  nozzle  exit  pressure  and  the  nozzle  exit  ramp  angle. 

Figure  25  shows  a  cross-section  of  a  typical  boundary  layer  bleed  exit  nozzle  operating  at  Mach  2.65  cruise.  The  nozzle  is  designed 
with  a  convergent-divergent  exit,  which  is  characteristic  of  a  lugh-pressure  bleed  plenum  such  as  that  located  in  the  throat  of  the 
intake.  Lower  pressure  bleed  plenums,  located  ahead  of  the  intake  throat,  are  generally  designed  with  convergent  nozzle  exits,  but 
in  either  case  the  calculations  for  nozzle  momentum  drag  and  for  wave  pressure  drag  on  the  exit  ramp  are  similar. 


FIG.  25  TYPICAL  BLEED  PLENUM  EXIT 


The  momentum  drag  for  each  nozzle  exit  is  found  by  subtracting  the  bleed  exit  momentum  from  the  bleed  ram  momentum  and 
adding  the  excess  nozzle  pressure  force.  The  bleed  nozzle  exit  ramp  pressure  drag  force  along  surface  BCD  of  Figure  25  is  obtained 
from  two  separate  calculations:  one  for  the  ramp  surface  between  points  B  and  C,  and  another  for  the  ramp  surface  between  C  and 
D.  Division  of  the  ramp  length  into  two  surfaces  is  required  because  of  the  variation  in  reference  pressures.  The  reference  pressure 
for  surface  BC  is  freestream  static  pressure,  P| ,  and  that  for  surface  CD  is  the  local  cowl  surface  pressure,  P^l,  since  surface  CD 
replaces  the  original  cowl  surface,  AD. 

The  bleed  drag  calculation  procedure  also  includes  an  accounting  for  the  effects  of  wing  pressure  relief  and  external  cowl  pressure 
distribution  on  the  thrust  performance  of  the  individual  bleed  exits,  as  well  as  a  determination  of  the  base  pressure  drag  on  the 
blunt  trailing  edge  of  the  nozzle  exit. 

Below  the  intake  starting  Mach  number,  some  of  the  intake  bleed  plenums  are  closed  by  mechanical  means  to  increase  the  available 
air'supply  of  the  intake  during  transonic  flight  and  to  reduce  the  possibility  of  bleed  flow  recirculation  between  adjacent  plenums. 
The  cowl  bleeds  are  shut  off  by  moving  the  throat  doors  fully  open  and  the  centerbody  bleeds  are  closed  by  translating  the 
centerbody  fully  forward.  With  bleed  flow  shut  off,  momentum  drag  will  be  zero,  but  any  excess  cowl  pressure  drag  must  be 
accounted  for.  The  drag  induced  by  the  external  surface  flow  into  the  base  region,  created  by  flow  shutoff,  is  also  included  in  the 
total  assessment  of  intake  bleed  drag. 

Calculations  for  the  intake  boundary  layer  bleed  drag  include  the  bleed  drags  from  three  cowl  bleed  plenum  exits  and  three 
centerbody  bleed  plenum  exits.  In  addition,  the  drags  from  the  vortex  valve  control  exit  flow,  as  well  as  any  leakage  from  the 
intake,  are  included  in  the  total  drag  determination.  Figure  26  is  a  composite  curve  showing  the  contribution  of  each  bleed  plenum 
to  the  total  boundary  layer  bleed  drag  as  a  function  of  flight  Mach  number.  In  this  figure,  the  drag  levels  are  expressed  as  a 
percentage  of  supersonic  cruise  airplane  drag.  In  Figure  27  the  bleed  drag  of  each  bleed  plenum  (plus  leakage  and  vortex  valve 
control  flow)  at  supersonic  cruise  is  shown  in  terms  of  supersonic  cruise  range  loss.  At  cruise,  the  total  drag  of  the  four  intake 
bleed  systems  is  equivalent  to  6%  of  the  airplane  range. 

Auxiliary  Normal  Shock  Stability  System 

During  started  supersonic  intake  operation,  a  very  efficient  system  of  oblique  shocks  is  formed,  terminated  by  a  normal  shock 
downstream  of  the  intake’s  geometric  throat.  The  object  of  the  normal  shock  stability  system  is  to  maintain  this  efficient  shock 
system  intact  without  allowing  the  system  to  be  expelled  from  the  intake  (unstart)  if  there  is  some  airflow  disturbance  which 
upsets  the  balance  between  intake  capture  and  discharge  flow,  if  a  disturbance  occurs  which  causes  a  demand  for  more  air  than  is 
being  supplied  by  the  intake,  the  adjustment  mechanism  inherent  within  the  intake  (without  bleed  decrease)  increases  the  Mach 
number  upstream  of  the  normal  shock.  This  increases  the  total  pressure  loss  across  the  normal  shock,  which  in  tum  increases  the 
corrected  weight  flow  supply  to  the  engine.  Similarly,  if  a  disturbance  occurs  which  causes  less  air  to  be  demanded  from  the  intake 
than  is  being  supplied,  the  automatic  adjustment  mechanism  (without  bleed  increase)  decreases  the  Mach  number  upstream  of  the 
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F/G.  27  AIRPLANE  RANGE  LOSS  DUE  TO  INTAKE  DRAG 

normal  shock  movement  toward  the  intake  throat,  thus 
increasing  the  total  pressure  recovery  across  the  normal  shock, 
and  reduces  the  corrected  weight  flow  supply  to  the  engine.  The . 
limit  to  this,  of  course,  would  be  an  intake  unstart. 


Vortex  valves  installed  within  the  intake  cowl  alleviate  intake 
unstarts  and  increase  the  normal  shock  stability  by  bleeding 
excess  air.  The  vortex  valves  operate  when  the  throat  doors  are 
closed  (intake  in  started  mode)  and  are  shut  off  when  the  throat 
doors  are  open.  When  the  throat  doors  are  closed  a  small 
amount  of  high-pressure  airflow  from  the  compressor  face 
(0.4%  of  intake  captured  flow  at  supersonic  cruise)  is  received 
from  the  outer  cowl  ducts  and  is  directed  tangentially  through 
two  converging  noz7.1es  (spaced  1 20°  apart)  into  the  vortex 
chamber  from  the  chamber’s  outer  periphery  (Figure  28).  With 
the  intake  normal  shock  near  critical,  these  nozzles  are  choked, 
and  the  swirl  established  in  the  vortex  chamber  provides  a  back  pressure  at  the  valve’s  throat  bleed  entrance  equal  to  the  throat 
duct  pressure,  preventing  intake  air  from  escaping  through  the  throat  slot. 

When  a  disturbance  occurs  that  forces  the  normal  shock  to  move  toward  critical,  the  shock  travels  across  the  throat  bleed  slot 
raising  the  pressure  in  the  throat  duct  above  the  initial  back  pressure  of  the  vortex  valve  and  reducing  the  swirl  intensity  in  the 
vortex  chamber.  The  rise  in  throat  duct  pressure  and  the  corresponding  reduction  in  swirl  strength  permits  a  large  increase  in 
throat  bleed  flow  (over  5%  of  lip  flow)  as  the  normal  shock  moves  to  critical.  The  throat  duct  plenum  pressure  can  also  be 
increased  by  a  decrease  in  throat  Mach  number,  which  increases  the  internal  cowl  pressures.  By  locating  the  vortex  valve  bleed  slot 
in  the  intake’s  throat  region,  as  shown  in  Figure  28,  the  intake  will  be  able  to  operate  normally  at  a  total  pressure  recovery  level 
just  below  the  maximum  recovery  obtained  in  an  intake  with  no  throat  slot  (less  than  1%  supercritical).  At  the  same  time,  the 
throat  slot/valve  combination  also  helps  to  maintain  an  upstream  Mach  number  tolerance  of  0.05  and  a  subsequent  increase  in 
intake  angle-of-attack  tolerance. 

Supersonic,  Started  Mode  Performance 

Cruise  intake  performance  versus  corrected  engine  airflow  obtained  on  a  1/6-scale  model  of  the  intake  is  shown  in  Figure  29.  A  rise 
in  the  throat  slot  plenum  pressure  occurs  at  a  full-scale  engine  airflow  of  333  lb/sec.  This  pressure  rise  activates  the  vortex  valves, 
and  the  vortex  valve  flow  increases  continuously  as  the  engine  airflow  is  decreased.  As  shown,  the  vortex  valves  provide  a  stability 
margin  of  6.3%  from  an  operating  point  recovery  of  92.4%.  Cowl  static  pressure  profiles  for  the  operating  and  the  critical  points 
are  shown  in  Figure  30.  The  normal  shock  is  located  just  downstream  of  the  throat  slot  at  the  operating  point.  At  critical  the 
normal  shock  has  moved  in  front  of  the  throat  slot,  i.e.,  in  front  of  the  geometric  throat  due  to  the  removal  of  mass  flow  through 
the  slot. 

Figure  31  shows  the  intake  performance  in  the  Mach  number  range  from  2.1  to  2.65.  Both  critical  and  operating  point  (5% 
stability  margin)  performance  levels  are  shown.  The  slightly  degraded  performance  below  Mach  2.4  is  partly  caused  by  the 
centerbody  vortex  generators,  which  are  located  in  front  of  the  intake  throat  in  this  Mach  number  range  due  to  the  translation  of 
the  centerbody. 
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FIG.  26  INTAKE  BLEED  DRAG 


CONCLUSIONS 

The  intake  system  described  was  designed  to  meet  high  overall  performance  levels  with  enhanced  controllability.  Extensive  use  was 
made  of  analytical  tools  which  would  minimize  the  risk  and  effort  involved  in  the  test  verification  and  development  of  the  intake. 
Key  elements  in  the  design  that  allowed  these  basic  objectives  to  be  met  were  the  use  of: 

Engine  rpm  trim  and  nozzle  secondary  cooling  flow  systems  to  eliminate  cruise  bypass  drag  or  intake  oversize  for  engine 
airflow  matching. 
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FIG.  31  INTAKE  PERFORMANCE 
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o  A  fluidic  normal  shock  stability  system  (vortex  valves)  and  good  control  of  supersonic  diffusion/boundary  layer  development 
for  clean  throat  flow  to  give  high  steady-state  stability  margins.  A  -5%  corrected  flow,  ±2.5°angle  of  attack,  and  -0.05  Mach 
number  change  could  be  tolerated  without  controller  action. 

o  Slanted  boundary  layer  bleed  holes,  20’  to  the  surface,  to  give  maximum  bleed  pressure  recovery.  Small  hole  dimensions 
scaled  from  half  to  full  height  of  the  boundary  layer  displacement  thickness  gave  minimum  disturbance  effects  from  the  bleed 
holes  (or  maximum  bleed  removal  effectiveness). 

o  A  boundary  layer  bleed  scoop  on  the  centerbody  (located  at  the  cowl  lip  station  with  centerbody  extended)  to  provide  good 
supersonic  buzz  margins  and  high  transonic  flow  capacity.  Cruise  distortion  of  only  2%  allowed  stable  operation  with  an 
unstarted  intake.  A  transonic  lip  Mach  number  of  0.85  or  higher  was  permitted,  with  the  minimum  flow  area  located  just 
inside  the  cow!  lip. 

o  Cowl  throat  doors  to  provide  geometric  flow  area  variations  (in  addition  to  centerbody  translation)  to  give  unrestricted  flow 
matching  to  an  engine  with  high  transonic  flow  demand,  optimum  flow  area  control  for  intake  restarts,  throat  area  location 
for  transonic  and  supersonic  conditions,  and  bleed  exit  control  (shutting  off  unneccesary  bleed). 
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SUHUARY 

Results  are  presented  from  an  experimental  investigation  on  a  full- 
scale  Concorde  powerplant  in  the  NGTE  5  ft  x  5  ft  free-jet  test  facility 
(Cell  4)  to  investigate  intake/engine  compatibility  at  supersonic  spseds 
undsr  hot L  ^ sad  transient  conditions. 

The  main  aim  of  the  test  programme  was  to  study  the  behaviour  of  the 
powerplant  when  running  under  the  control  of  its  flight  systems,  in  particu¬ 
lar  during  the  transients  that  result  from  the  sudden  application  of  eide- 
elip  or  from  rapid  engine  power  changes. 

Initial  tests  with  the  intake  alone  enabled  detailed  eurveye  to  be 
made  of  the  engine  face  pressure  distribution  and  fluctuation  over  a  wide 
range  of  test  conditions.  The  major  part  of  ths  programme  was  undertaken 
with  an.  Olympus  593  two-spool  turbojet  engine  coupled  to  ths  intake  in  a 
teet  configuration  which  reproduced  the  precise  geometry  of  the  port  outer 
powerplant  of  the  prototype  Concorde  aircraft. 

Results  of  typical  tests  made  during  the  programme  are  presented 
including:  steady-state  surge  margin  determinations  at  supersonic  flight 
epeedj  response  to  rapid  engine  throttle  movements;  effects  of  sideslip; 
operation  at  Mach  numbers  in  excess  of  t.ie  cruise  value,  and  the  influence 
of  atmospheric  temperature  changes. 
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NOTATION 

jet  pips  nozzle  area 

pressure  distortion  parameter  =  ( P ±  -  Piminoo)/*! 

HP  compressor  fourth  stage  static  pressure 
LP  compreesor  fifth  etage  static  pressure 
LP  compressor  sixth  stage  static  preesure 
intaks  tlach  number 
engine  LP  rotor  speed 
engine  HP  rotor  speed 

mean  total  pressure  at  LP  compressor  entry 

minimum  mean  total  pressure  over  a  60  degree  sector  surrounding  the  region  of 
lowest  total  pressure  at  the  engine  face 

LP  compressor  outlet  static  pressure 

HP  compressor  outlet  static  pressure 

mean  dynamic  head  at  LP  compressor  entry 

total  temperature  at  LP  compressor  entry 

eideslip  angle 

intake  ramp  angle 

intake  pressure  recovery 

throat  bleed  pressure  recovery 

dump  door  angle 

pilot's  throttle  lever  angle 

engine  throttle  angls 
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1 .0  INTRODUCTION 

The  development  of  a  supersonic  transport  aircraft  for  use  in  commercial  airline  servioe  requires 
wide  ranging  and  extensive  ground  test  facilities  to  ensure  that  the  necessary  high  standards  of  per¬ 
formance,  reliability  and  safety  can  be  met  and  fully  guaranteed.  In  no  area  is  this  more  important  than 
in  the  field  of  powerpiant  performance  where  a  high  efficiency  at  cruise  conditions  is  essential  to  enable 
an  economio  payload  to  be  achieved.  In  the  case  of  the  Anglo-French  Concorde  project  the  National  Gae 
Turbine  Establishment  has  contributed  to  every  aspect  of  propulsion  development,  and  especially  through 
its  programmes  of  work  on  intakes  and  propelling  nozzles  .at  model  scale  and  by  the  use  of  ite  extensive 
altitude  test  facilitiee  for  tests  involving  full-scale  engines  and  complete  propuleion  systems.  The 
work  described  in  this  Paper  formed  part  of  this  general  programme. 

2.0  THE  AIRCRAFT  POYffiRPLANT 

The  Concorde  is  powered  by  four  Rolls-Royce/SNECRTA  Olympus  593  two-spool  turbojet  engines  mounted 
in  pairs  in  underwing  nacelles.  Each  of  the  four  powerplants  operates  as  an  independent  unit  in  all 
important  respects  and  each  has  its  own  intake,  propelling  nozzle  and  associated  control  gear.  The 
intakes  are  inclined  inwards  towards  the  aircraft  centreline  to  match  the  wing  flow  field  and  the  wing 
boundary  layer  is  diverted  around  the  nacelles  by  a  double  wedge  located  above  each  pair  of  intakes.  Due 
to  the  influence  of  the  wing  the  Mach  number  of  the  air  entering  the  intake  is  slightly  lower  than  that 
at  which  the  aircraft  is  flyingj  the  difference  amounts  to  slightly  under  0,1  Mach  for  the  outboard 
intakes  and  it  ie  this  value  which  is  appropriate  to  the  test  installation  considered  in  this  Paper,  To 
avoid  aerodynamio  interference  between  neighbouring  intakes  the  wall  separating  each  pair  is  extended  a 
short  distance  forward  of  the  outer  side  walls  of  the  nacelle.  This  extension  is  termed  the  "splitter 
plate". 


The  intake  ie  a  multi-shock  external  compression  design  with  a  fixed  geometry  front  wedge,  variable 
second  ramp  and  with  a  variable  aft  spill  ("dump  door")  located  in  the  subsonic  diffuser.  The  boundary 
layer  which  accumulates  on  the  supersonic  compression  surface  is  removed  through  a  bleed  slot  at  the 
throat  and  passes  around  the  engine  to  provide  the  secondary  flow  to  a  dual-stream  propelling  nozzle. 
Comprehensive  reviews  of  the  aerodynamic  factors  governing  the  intake  design  and  the  considerations 
influencing  intake/engine  matching  axe  given  in  Reference  1, 

3.0  THE  TEST  INSTALLATION 

The  teet  installation  in  the  NGTE  supersonic  free- jet  facility  (Cell  4)  simulates  es  closely  es 
possible  the  port  outer  powerpiant  in  the  aircraft,  except  that  special  arrangements  are  made  to  deal 
with  the  intake  bleed  and  dump  door  flows.  A  full  account  of  the  development  and  capability  of  this  test 
facility  ie  given  in  Reference  2  from  which  Figure  1  is  taken. 


PLENUM  CHAMBER  SPHERCAL  SEAL 


Figure  1  NGTE  free- jet  test  facility  (Cell  4) 

Air  is  supplied  to  the  cell  plenum  chamber  at  the  total  pressure  and  temperature  corresponding  to 
the  flight  condition  being  simulated  whilst  the  working  section  is  maintained  at  the  required  altitude 
pressure  by  the  exhauster  plant.  Air  passing  through  the  supersonic  nozzle  is  thus  accelerated  to  the 
required  flight  Mach  number  and  forms  the  free- jet  stream.  The  test  intake  is  mounted  in  the  central  part 
of  the  nozzle  efflux  and  is  subjected  to  the  same  conditions  as  those  experienced  in  free  flight.  The  air 
which  does  not  enter  the  intake  is  captured  by  a  variable  geometry  supersonic  diffuser  within  which  it 
undergoes  an  increase  of  pressure,  thereby  minimising  the  total  power  required  for  exhaust  extraction. 

The  tlach  number  of  the  jet  can  be  varied  while  the  cell  is  in  operation  over  the  range  1 ,8  to  2,3  at  rates 
of  change  representative  of  aircraft  accelerations,  and  the  entire  nozzle  can  be  yawed  to  +4  degrees  to 
simulate  operation  in  sideslip  conditions. 

Setting  up  the  required  test  conditions  has  proved  to  be  relatively  simple,  the  procedure  being  to 
move  the  blowing  nozzle  walls  to  the  position  for  minimum  Mach  number,  adjust  the  intake  ramp  to  the  cor¬ 
responding  angle  and  partly  open  the  dump  door.  The  engine  is  then  lit  and  run  up  to  a  throttle  setting 
intermediate  between  idle  and  cruise  whilst  the  flow  from  the  blowing  nozzle  is  kept  subsonic  by  bleeding 
atmospherio  air  into  the  working  section.  The  inbleed  is  then  closed  and  the  flow  from  the  blowing  nozzle 
caused  to  become  supersonic  by  the  consequent  reduction  of  the  working  section  pressure.  Final  adjust¬ 
ments  are  then  made  to  the  engine  throttle,  intake  ramp  and  dump  door  settings  and  the  spill  diffuser 
adjusted  to  equalize  the  nozzle  outlet  and  working  section  pressures  to  ensure  parallel  shock- free  jet  flow. 
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4.0  TEST  RESULTS 

4.1  INTAKE  TESTS 

The  first  phase  of  the  programme  was  aimed  at  investigating  the  aerodynamic  performance  of  the 
intake  on  its  own  and  at  determining  suitable  control  laws  for  managing  the  intake  during  engine  and  air¬ 
craft  transients.  The  arrangement  for  these  teste  is  shown  in  Figure  2. 


Figure  2  Concords  intake  test  installation 
(Kumbers  identify  locations  of  transient  pressure  transducers  -  see  Figure  4) 

A  "dummy"  engine,  consisting  of  a  parallsl  duct  and  variabls  plug  nozzle,  was  coupled  to  the  intake 
and  this  allowed  the  flow  rate  to  be  changed,  A  72-point  total  pressure  rake  enabled  the  flow  uniformity 
in  the  plane  of  the  engine  inlet  to  be  determinsd.  The  internal  surfaces  of  the  intake  were  provided  with 
numerous  pressure  taps,  most  being  grouped  in  regions  of  specif io  interest  such  as  the  edges  of  the  throat 
bleed  slot,  inside  ths  cowl  lip  and  over  the  supersonic  compression  surfaoes.  Each  of  the  pressure  taps 
was  connected  to  the  Facility  steady-state  data  acquisition  system,  and  about  one-third  were  also  coupled 
to  transient  recording  equipment. 

A  large  amount  of  testing  was  done  to  evaluate  ths  performance  of  the  intake  control  system  in 
terms  of  response  and  stability.  Transisnt  conditions  .vers  induced  by  making  either  step  or  ramp  changes 
in  the  position  of  the  dummy  engine  plug,  and  some  tests  were  mads  with  the  plug  translating  in  simple 
harmonic  motion.  Some  results  from  thsse  tssts  ars  given  in  References  3  and  4« 


M.=  l-90,eDD  =0,62  =  9-5* 


COWL 

/G  =  0*  VO 958 


PSl  1}  >  0  97  I  1  1}  <  0*90 

■  1 11 1.1/ . , . .  1  t .  j 


PEAK  TO  PEAK  AMPLITUDE 
INLEY'tOTAL  PRESSURE 


Figure  3  Effects  of  sideslip  on  sngine  face  pressure  distortion 

Figures  3a  and  3b  show  the  effect  of  positivs  sideslip  (i,s.  ths  airstream  coming  from  the  spiitter 
plate  side)  on  the  steady-state  total  pressure  distribution  measursd  at  the  engine  face  plane.  In  the  no 
sideslip  case,  Figure  3a,  the  distribution  is  symmetrical  and  except  for  small  areas  close  to  the  wall  in 
line  with  the  splitter  plate  and  cowl  lip,  ths  total  pressurs  is  everywhere  greater  than  90  per  cent  of 
the  free-stream  value.  With  +4  degrees  of  sidsslip,  Figurs  3b,  the  flow  is  distorted  laterally  with  a 
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low  pressure  region  close  to  the  duct  wall,  centered  on  the  splitter  plate  side  and  extending  circumferen¬ 
tially  to  affect  areas  in  line  with  the  cowl  and  ramp.  The  distortion  is. reflected  in  a  deterioration  in 
the  steady-state  distribution  factor,  DCS0,  from  -0.079  to  -0,263. 

The  effect  is  shown  in  another  way  in  Figure  3c  which  plots  the  time-averaged  total  pressures 
measured  by  the  individual  pitots  of  each  rake  in  the  outermost  position  but  one,  that  is  at  a  radius 
0.874  that  of  the  duct.  At  this  radius  the  peak  to  peak  "steady-state"  variation  with  zero  sideslip  is 
6.6  per  cent  of  the  mean  total  pressure,  whilst  with  +4  degrees  of  eideslip  it  becomes  12,2  per  cent. 

Figure  3d  shows  the  effect  on  the  amplitude  of  the  fluctuatione  in  wall  static  pressure  measured  at 
Station  1l6,  a  point  a  short  distance  ahead  of  the  engine  face  plane.  The  influence  of  sideslip  is  again 
marked,  with  little  difference  discernible  between  positive  and  negative  sideslip  angles, 
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Figure  4  Intake  presBure  fluctuations 

Figure  4  shows  some  typical  records  of  wall  static  pressure  fluctuations  taken  at  conditions 
generally  similar  to  those  of  Figure  3b  (i.e.  +4  degrees  of  sideslip)  but  with  the  throat  bleed  pressure 
recovery  increased  above  the  level  specified  by  the  flight  standard  oontrol  system,  thus  moving  the 
operating  point  into  the  sub-critical  regime.  Under  these  conditions  non-periodio  fluctuations  occur,  a 
feature  which  is  particularly  marked  at  Station  107  on  the  splitter  plate  surface.  Detailed  investigation 
on  model  scale,  coupled  with  visualisation  tests  on  the  full-scale  intake  using  a  mixture  of  white  pigment 
and  oil  painted  on  the  internal  surfaces,  revealed  that  the  instability  was  due  to  separation  of  the 
boundary  layer  from  the  splitter  wall.  Observations  of  the  surface  pattern  while  the  test  was  in  progress 
showed  that  the  region  of  separated  flow  continually  changed  as  the  fluctuating  shook  system  passed  back 
and  forth  over  it.  From  a  practical  point  of  view  this  regime  is  unimportant  as  the  powerplant  is  con¬ 
trolled  in  such  a  way  that  operation  within  it  is  impossible,  but  it  is  of  considerable  fundamental 
interest  in  that  it  has  been  shown  that  similar  pressure  fluctuatione  can  be  the  direct  cause  of  engine 
surge. 


4.2  intake/engine  TESTS 

Since  all  the  teste  described  in  this  Paper  were  undertaken  as  part  of  the  Concorde  powerplant 
development  programme,  much  of  the  work  was  of  a  semi-empirical  nature.  The  main  emphasis  was  plaoed  on 
establishing  the  optimum  control  laws  for  both  the  engine  and  the  intake  and  on  proving  their  effective¬ 
ness  over  as  wide  a  test  envelope  as  the  Facility  could  achieve. 

The  test  arrangement  was  similar  to  that  shown  in  Figure  2,  with  an  Olympus  593  engine  replaoing 
the  dummy  engine  used  for  the  intake  tests.  The  engine  was  equipped  with  its  standard  reheat  system  and 
variable  area  primary  nozzle,  but  the  eecondary  nozzle  was  not  fitted  ae  it  was  not  necessary  for  thie 
programme.  Conventional  instrumentation  was  used  to  measure  the  normal  engine  parameters:  pressures, 
temperatures,  rotor  speeds,  fuel  flows,  eto.  Variations  in  "steady-etate"  total  pressure  at  the  engine 
face  were  measured  by  35  pitot  tubes  mounted  in  the  inlet  guide  vanes  of  the  LP  compressor, 

Although  the  test  programmes  undertaken  on  individual  engines  were  in  the  main  arranged  to  provide 
answers  to  specific  development  problems,  it  is  possible  to  identify  six  main  types  of  test.  In  the 
following  Sections  each  of  these  will  be  considered  in  turn  and  typical  results  quoted  by  way  of  illustration 
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(A)  MATCHED  INTAKE  TESTS 


The  purpose  of  this  type  of  tsst  is  to  establish  the  engine  running  point  with  the  powerplant 
operating  at  supersonic  cruise  conditions,  one  objective  being  to  compare  the  measured  performance  with 
that  predicted  from  a  ground  level  test  bed  calibration. 

Prom  an  experimental  viewpoint  determination  of  the  engine  airflow  to  the  required  dsgree  of 
precision  presents  a  difficulty  since  in  a  free-jet  test  it  cannot  be  measured  directly  with  an  air -meter 
as  in  a  connected  test  and  the  flow  measuring  instnansntation  that  can  be  accommodated  within  the  engine 
itself  is  normally  inadequate.  A  simple  and  convenient  solution  is  to  use  ths  test  intake  as  an  air¬ 
metering  device  and  this  has  been  done  throughout  the  Concorde  programme  with  excellent  results. 


The  matched  intake  point  was  achieved  by  setting  the  appropriate  intake  ramp  angle  and  dump  door 
opening  and  adjusting  the  engine  speeds  by  altering  the  jet  pipe  nozzle  area  until  the  required  intake 
bleed  pressure  recovery  and  turbine  inlet  temperature  were  obtained.  Since  engine  speed  can  be  determined 
very  accurately,  it  has  proved  possible  to  distinguish  the  effects  on  the  intake/engine  matching  point  of 
quite  minor  changes  to  the  compressor  blading.  It  has  also  enabled  similar  comparisons  to  be  made  between 
engines  built  to  the  same  nominal  standard. 

(b)  engine  throttling  tests 


At  supersonic  flight  speeds  the  Olympus  593  engine  is  controlled  so  that  a  linear  relationship  is 
maintained  between  the  non-dimensional  speeds  of  the  LP  and  HP  rotors  thus; 


NiL/tT  =  a  Ns/yfl  +  b 


where  a  and  b  are  constants. 


Soms  of  the  engines  tested  at  NGTE  were  fitted  with  a  control  system  in  which  b  varied  automatically 
as  a  funotion  of  T1#  This  had  the  effect  of  moving  the  running  line  away  from  the  surge  line  as  Ti  was 
reduced  and  vies  versa.  The  effect  of  this  on  the  performance  of  the  powerplant  is  described  in 
Section  4*2  F.  The  control  system  incorporates  all  the  normal  safeguards  to  prevent  mechanical  over- 
spssding  or  excessive  turbine  inlet  temperature  and  provision  is  also  made  to  avoid  engine  surge  during 
aircraft  sideslip  by  reducing  the  LP  compressor  speed,  a  process  known  as  "Hi  dip". 


If  the  engine  is  throttled  from  cruise  power  when  flying  supersonically  the  nozzle  area  reaches  its 
minimum  value  before  the  flight  idle  throttle  setting  is  reached  and  when  this  occurs  the  control  schedule 
is  changed  to  allow  a  different  rotor  speed  relationship  to  be  established.  This  is  done  by  reducing  the 
value  of  the  constant  'a1  in  Eq  (l). 


Tssts  were  made  to  examine  the  behaviour  of  the  powerplant  when  throttled  from  the  ranched  intake 
point  to  flight  idle  at  conditions  corresponding  to  flight  at  various  Mach  numbers  and  altitudes.  Data 
scans  were  taken  at  a  number  of  steady-state  running  points  on  the  normal  engine  control  line  between  the 
matched  intake  point  and  flight  idle  and  these  were  followed  by  acceleration  and  deceleration  at  various 
rates  up  to  "slam"  movement  of  the  throttle  lever  with  the  intake  and  engins  operating  on  automatic 
control.  Typical  variations  of  LP  and  HP  compressor  speeds,  nozzle  area  and  engine  throttle  angle  occur¬ 
ring  during  a  slam  acceleration  are  shown  in  Figure  5. 
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Figurs  5  Slam  acceleration  test 


(C)  SURGE  MARGIN  TESTS 

A  valuable  feature  of  the  NGTE  free-jet  test- facility  is  that  it  enables  deliberately  provoked 
sngine  surges  to  be  studied  in  a  controlled  manner,  and  monitored  using  extensive  instrumentation,  without 
incurring  any  of  the  hazards  that  would  attend  such  an  investigation  in  flight.  Moreover,  distortions  of 
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the  intake  flow  to  the  engine,  both  steady-state  and  time  varient,  ace  automatically  provided  by  the 
intake  eo  that  exaot  representation  of  flight  conditions  is  achieved. 

All  the  Olympus  593  engines  so  far  run  in  Cell  4  have  been  subjected  to  surge  margin  investigations 
and  in  most  cases  the  tests  have  also  included  an  examination  of  the  effeots  of  aircraft  sideslip.  Results 
from  some  early  tests  at  zero  sideslip  have  already  been  published  (see  for  example  Figure  5  of 
Reference  3)»  but  Figure  6  presents  a  more  comprehensive  set  of  data  with  a  greater  number  of  results  at 
the  lower  end  of  the  engine  speed  range. 
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Figure  6  Surge  and  rough  running  points 

In  thie  low  speed  region  the  engine  could  not  be  surged,  even  with  l!a  reduced  to  the  lowest 
achievable  value  (determined  by  the  minimum  fuel  flow  permitted  by  the  control  system),  but  occasional 
flashes  of  flame  from  the  jet  pipe  were  observed  and  these  indicated  a  condition  of  "rough  running" 
symptomatic  of  partial  compressor  stall  followed  by  recovery.  Figure  7  shows  the  "steady-state"  surge 
points  for  three  different  engines  two  of  which  were  teeted  in  different  build  configurations.  The 
_ surge  points  for  all  five  tests  group  closely  around  a  mean  line. 

It  should  be  noted  that  due  to  a  temporary  shortage  of  plant  exhauster  capacity  at  the  time  the 
tests  illustrated  in  Figure  7  were  made  it  was  not  possible  to  manage  the  intake  in  accordance  with  the 

flight  system  control  laws  over  the  entire  test  range.  In  particular  the  amount  of  forespill  had  to  be 

limited  and  the  exoess  intake  capture  flow  removed  via  the  dump  door.  The  net  effect  was  that  at  the 

viewer  engine  speeds  the  flow  distortion  at  the  engine  face  was  worse  than  would  occur  in  flight.  The 

interaction  of  the  relevant  parameters  is  shown  in  Figure  4  of  .Reference  3  from  which  it  can  be  seen 
that  if  6S  has  to  he  limited  to  13.5  degrees  (the  value  appropriate  to  the  tests  of  Figure  7)  DCSo 
exceeds  -0.6  compared  with  -0,28  achieved  when  the  intake  is  managed  to  its  normal  schedule. 
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Figure  7  Surge  line  determination 
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Figure  0  Engine  and  intake  pressures  during  an  engine  surge 

Figure  8  illustrates  the  transient  variations  of  pressure  experienced  during  a  deliberately 
induced  surge  at  Hach  2  cruise  conditions  initiated  by  progressively  restricting  the  intake  bleed  flow. 

The  first  indication  of  the  onset  of  surge  can  be  seen  as  a  sharp  rise  on  the  trace  of  engine  entry 
pressure,  with  a  similar  rise  of  intake  ramp  void  pressure  evident  some  15  milliseconds  later,  A  study 
of  transient  pressure  signals  at  various  stations  within  the  LP  and  HP  compressors  at  conditions 
immediately  preceding  surge  has  revealed  a  wide  devereity  of  amplitudes  and  frequencies  and  it  is 
evident  that  several  varieties  of  stall  or  surge  phenomena  can  exist  either  separately  or  in  combination. 
Furthermore,  different  builds  of  engine,  or  even  the  same  engine  running  at  different  conditions,  can 
generate  quite  diesimilar  traces.  Some  typical  examples,  obtained  at  various  times  from  several  engines, 
are  shown  in  Figure  9.  The  traces  have  been  classified  into  four  groups;  those  in  each  group  were 
recorded  simultaneously,  but  the  different  groups  were  obtained  during  four  separate  tests.  Traces  1  and 
2  were  recorded  during  surges  initiated  by  increasing  the  nozzle  area,  whilst  traces  3  and  4  were  obtained 
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with  surge  induced  by  applying  eideslip  without  ueing  Up  suppression.  Since  the  Figure  is  intended  to 
illuetrate  comparative  waveforms  only,  it  wae  not  thought  neceseary  to  identify  the  sense  of  the  pres¬ 
sure  changes. 
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In  contrast  to  the  situation  immediately  preoeding  eurge,  the  gross  pressure  changes  occurring  in 
the  intake  during  the  surge  cycle  follow  a  very  consistent  pattern  which  does  not  depend  on  the  method 
by  which  surge  is  induced. 

Method  of  inducing  surge 


Reduoing  throat  bleed  flow 


Driving  engine  to  maximum  nozzle  area  at  low 
throat  bleed  flow 


Applying  sideslip  at  high  throat  bleed  flow 
without  dip  or  tjb  suppression 
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Figure  10  Surge  pulee  repeatability 
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Figurs  10  shows  four  engine  face  static  pressure  traces  obtained  at  Mach  2.0  flight  conditions  with 
the  engine  caused  to  surge  in  different  ways:  by  increasing  the  ramp  angle  at  a  fixed  engine  speed  until 
surge  occurred  due  to  supercritical  operation;  by  progressive  reduction  of  the  throat  bleed  flow;  by 
increasing  the  nozzle  area  at  low  throat  bleed  flow  and  by  the  application  of  sideslip  without  using 
either  If*  dip  of  Mb  suppression.  Ho  significant  differences  in  the  surge  pulse  waveforms  can  be  detected. 

(I))  OPERATION  IN  SIDESLIP 

Tests  with  the  dummy  engine  confirmed  that  the ‘engine  face  distortion  in  sideslip  conditions  could 
be  improved  by  reducing  the  intake  bleed  pressure  recovery  and  allowing  the  intake  to  operate  super- 
critically  (mb  suppression).  The  intake  control  system  incorporates  means  for  doing  this  if  the  aircraft 
sideslip  angls  exceeds  degrees. 

Tests  were  made  to  investigate  the  adequacy  of  the  system,  first  in  steady-state  conditions  at  side¬ 
slip  angles  up  the  the  maximum  achievable  in  the  Cell  (+4  degrees)  and  subsequently  with  sideslip  applied 
at  various  rates  up  to  2  degrees  per  second.  Figurs  11  shows  the  results  of  a  typical  transient  sideslip 
test  to  -4  degrees  at  Mach  2.0  cruise  conditions  with  Mb  suppression  and  N*  dip  control  features  operative. 
Satisfactory  surge-free  operation  was  achieved. 
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Figure  11  Transient  yaw  test 

(E)  aircraft  overspeed  evaluation 

Tests  were  made  to  assess  the  ability  of  the  powerplant  to  function  satisfactorily  at  intake  Mach 
numbers  higher  than  the  normal  cruise  value,  representing  a  transient  aircraft  overspeed.  In  these  tests, 
which  were  made  with  zero  sideslip,  the  intake  Mach  number  was  increased  in  small  increments  until  surge 
occurred,  the  engine  conditions  being  held  constant.  Before  each  increment  the  appropriate  intake  control 
parameters  (62  and  Mb)  were  set  up,  and  the  Mach  number  then  slowly  increased  to  the  new  value.  The 
results  are  shown  in  Figure  12  in  terms  of  the  engine  face  distortion  parameter,  DCfl0. 


(a) 


t  T,.|27*C 
O  T|  -t08°C 
D  T,  »90°C 
«  SURGE 


D=60 


Figure  12  Effecta  of  aircraft  overapeed 
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Figure  12a  shows  the  results  of  three  teste  made  with  the  engine  running  at  its  cruise  throttle  set¬ 
ting  with  inlet  air  temperaturee  of  90°G,  108°C  and  127°0  respectively.  The  HP  rotor  speed  was  the  same 
for  each  test  hut  the  LP  speed  increased  with  inlet  temperature  in  accordance  with  the  engine  control 
sohsdule  described  in  Section  4*2  B.  At  each  temperature  level  there  was  a  consistent  trend  for  DCeo  to 
increase  with  Mach  number,  a  result  in  line  with  intake  test  data,  with  the  highest  values  reached  under 
the  coldest  day  conditions  when  the  intake  was  running  most  supercritical.  Even  though  DC60  varied 
appreciably  over  the  test  range  all  the  surges  occurred  at  approximately  the  same  intake  Mach  number. 

Figure  12b  shows  the  results  of  similar  tests  with  the  engine  running  at  a  partly  throttled  condi¬ 
tion*  Except  for  one  point,  which  is  clearly  a  rogue,  the  highest  values  of  DCeo  were  again  recorded  at 
the  lower  temperature,  but  in  contrast  to  the  other  tests  in  this  series  the  one  made  at  an  inlet  tempera¬ 
ture  of  127°C  showed  an  improvement  in  engine  face  distortion  with  increase  of  intake  Mach  number.  The 
axplanaticn  ie  that  for  this  test  in  addition  to  the  intake  being  scheduled  to  operate  critically  there 
was  a,  small  amount  of  aft  spill  through  the  dump  door,  and  this  latter  feature  is  known  to  contribute 
iignifioantly  to  the  achievement  of  a  good  flow  distribution  at  the  engine  face. 

(F)  "COLD  DAT"  TESTS 

Some  tests  were  undertake  ,  to  examine  the  effects  of  non-etandard  atmospheric  temperature  (i.e. 

Moold  day”  conditions)  on  th*r..:v:  'ation.  of  the  powerplant.  The  standard  cruise  condition  (aircraft 
llaoh  Nc*  2*0$  .air  inlet  temperature  127°C  =  ISA  +  5°c)  was  set  up  as  datum  and  the  inlet  air  temperature 
progressively  lowered  in  eteps  of  approximately  10DC.  Performance  parameters  were  obtained  at  each 

condition. 


Figure  13  Influence  of  inlet  air  temperature  at  Mach  2  cruise 

Figure  13  shows  how  the  intake  bleed  pressure  recovery,  engine  face  distortion  parameter  and  LP 
*©t©r  speed  varied  with  inlet  temperature.  In  the  particular  test  illustrated  the  engine  was  controlled 
to  a  schedule  which  required  the  LP  rotor  speed  to  fall  as  the  air  temperature  was  lowered  whilst  the  HP 
xeter  speed  remained  constant.  It  will  be  seen  that  as  a  consequence  of  the  intake  operating  point  moving 
into  the  supercritical  regime  as  the  air  temperature  was  reduced,  the  bleed  pressure  recovery  decreased 
and  the  engine  face  flow  uniformity  deteriorated. 

Finally  it  is  worth  recording  that  successful  surge-free  excursions  to  +4  degrees  of  sideslip  were 
at  temperatures  of  108°C  and  72° C  ueing  'Hj  suppression  but  without  dip. 

comoDXRE  m ms 

This  Faper  has  attempted  to  summarise  the  highlights  of  an  extensive  test  programme  extending  over 
several  years  and  carried  out  as  a  Joint  undertaking  by  teams  from  several  organisations. 

The  HOTS  Test  Facility  has  enabled  powerplant  performance  to  be  explored  in  advance  of  the  flight 
■test  programme  over  a  wide  range  of  conditions,  including  some  well  outside  the  normal  limits  of  operation 
in  flight.  The  ability  to  determine  surge  margin  by  direct  experiment  has  been  particularly  useful  and 
1th®  extensive  test  programme  undertaken  with  the  intake  and  engine  running  under  automatic  control  has 
provided  a  valuable  background  of  experience  and  has  eetablished  a.  high  degree  of  confidence  in  the 
performance  of  these  systems. 
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An  indication  of  the  magnitude  of  the  test  and  data  analysis  effort  involved  can  be  gained  from  the 
fact  that  more  than  600  hours  of  testing  at  supersonic  flight  conditions  has  now  been  accumulated  during 
whioh  over  two  million  items  of  information  have  been  recorded  from  some  500  data  channels. 

ily  thanks  are  due  to  my  colleagues  at  NGTE,  Rolls-Royce,  and  BAC  on  whose  work  this  Paper  has  been 
baaed.  It  is  impossible  to  mention  every  individual  by  name,  but  I  am  particularly  indebtsd  to 
Mr.  P.  Philpot  of  NGTE  who  has  been  personally  in  charge  of  virtually  every  test  in  Cell  4  and  whose 
efforts  have  contributed  so  much  to  the  success  of  the  programme. 

Thanks  are  also  due  to  the  Ministry  of  Defence  (Aviation  Supply)  for  permission  to  publish  the 
Paper,  The  views  expressed  are  entirely  my  own. 
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SUMMARY 

The  paper  describes  the  development  of  the  Concorde  power  unit,  with  particular 
reference  to  the  problems  encountered  during  flight  testing.  The  extent  to  which  these 
problems  were  predicted  by  altitude  test  cell  experience  and  the  use  of  such  facilities 
in  the  development  of  the  design  is  also  discussed. 


1.  INTRODUCTION 


The  design  of  high  efficiency  supersonic  propulsion  systems  represents  an 
exaoting  task.  Particularly  in  the  case  of  the  supersonic  transport  aeroplane,  in 
whioh  the  balance  is  finely  drawn  between  often  conflicting  requirements,  the  challenge 
is  stimulating,  and  has  occupied  the  attention  of  many  people  on  both  sides  of  the 
Channel  for  several  years. 

Much  has  already  been  published  concerning  the  fundamental  design  philosophy 
and  pre-flight  development  aspects  of  the  Concorde  powerplant  e.g.  Refs.  1  and  2. 

The  primary  objectives  of  the  present  paper  are  to  present  some  of  the  more  interesting 
aspects  of  the  flight  test  experience  so  far.  The  impact  of  this  experience  on  the 
development  of  Prototype  aircraft  powerplant  and  management  techniques,  and  also  on  the 
definition  of  the  Production  aircraft  powerplant,  is  discussed  in  some  detail. 

For  convenience,  flight  experience  is  presented  under  appropriate  topics. 

Where  considered  necessary  to  ease  understanding,  brief  recapitulation  of  design 
aspects  are  included  in  the  interests  of  self  containment,  although  free  reference-Hs 
made  to  previously  published  documentation. 


2.  OVERALL  FCOTSRPLANT  DESCRIPTION 

Although  the  main  design  features  of  the  Concorde  powerplant  have  already  been 
presented  many  times  e.g.  Ref.  1  it  would  be  useful  to  recapitulate  the  major 
features.  (Fig.  1 ) • 

Starting  from  the  front,  the  intake  is  mounted  off  the  wing  with  a  vertical 
separation  calculated  to  eliminate  wing  boundary  layer  ingestion  at  I'g*  conditions  at 
2.CHM.  The  space  between  intake  proper  and  wing  is  filled  by  a  diverter  of  the  original 
prototype  triangular  planform  on  002  and  of  the  compound  sweep  production  design  on 
001.  (see  Fig.  6) . 

The  intake  compression  geometry  is  predominantly  external  compression,  designed 
for  first  shock  on  lip  at  a  local  Mach  nnmber  of  2.1M. 

Xntake  geometry  is  varied  by  means  of  the  moveable  front  compression  surface 
(front  ramp)  and  a  epill  door  mounted  in  the  floor  of  the  main  diffuser  (dump  door). 

One  dominant  feature  of  the  intake  design  is  the  full  width,  large  chord  bleed 
slot  immediately  behind  the  moveable  front  ramp. 

The  bleed  air  is  used  to  ventilate  the  engine  bay  before  being  exhausted  via  the 
dual  stream  secondary  nozzle. 

On  the  Prototype,  there  is  additional  circumferential  bleed  from  the  main 
diffuser  just  ahead  of  the  engine  face.  This  bleed  feeds  the  cabin  air  heat 
exchangers  and  is  then  mixed  and  exhausted  with  the  throat  bleed  air.  On  the 
Production  aircraft  this  air  is  taken  from  a  localised  bleed  on  the  upper  surface  of 
the  diffuser. 


The  Olympue  593  engine  ie  a  twin  spool  design  of  14:1  pressure  ratio.  The  engine 
mass  flow  is  controlled  "by  adjustment  of  the  primary  nozzle  area  which  controls  the  LP  RBI 
(K-j)  by  varying  the  pressure  drop  across  the  LP  turbine.  The  HP  spool  speed  (ly  is 
effectively  a  function  of  fuel  flow  only.  The  exact  relationship  between  the  two  spool 
speeds  and  hence  the  proximity  of  the  engine  operating  point  to  the  surge  line  is  defined 
by  a  law  known  as  the  ,B1  Schedule.  This  ‘E*  Schedule  on  the  prototype  engine  is  a 
variable  function  of  total  temperature.  The  schedule  can  also  be  altered  by  injecting 
appropriate  signals  into  the  control  amplifier.  This  has  an  important  bearing  on  the  M2.0 
operation  of  the  propulsion  system  as  will  be  described  later. 

The  prototype  dual  stream  secondary  nozzle  features  blow- in  1  tertiary  doors1  for 
nozzle  ventilation  at  low  Mach  number  and  high  power,  and  free  floating  secondary  petals 
which  reduce  the  exit  area  in  like  conditions.  At  cruise  Mach  numbers,  the  tertiary 
doors  are  shut  and  the  petals  fully  open. 


3.  PRE-FLIGHT  INTAKE  CONTROL  SYSTEM  DEVELOPMENT 

3. 1  QgSifcr-O.  •  •. 

Over  a  wide  range  of  intake  geometry,  the  flow  conditions  on  the 
Concorde  intake  design  which  give  low  compressor  face  distortion  and 
good  pressure  recovery  are  characterised  by  a  particular  range  of 
pressure  recovery  in  the  throat  bleed  passage. 


In  addition,  for  a  given  Mach  number,  altitude  and  intake  geometry, 
the  throat  bleed  pressure  rises  and  falls  monotonically  as  the  engine 
mass  flow  is  varied,  and  is  directly  affected  by  ramp  and  dump  movement 
at  constant  engine  demand. 


It  ie  therefore  a  natural  choice  for  use  in  the  intake  control 
system.  Conveniently  non-dimensionalised  by  free  stream  total 
pressure,  the  parameter 


_ _ PfB 

Free  stream  total  pressure 


(see  Pig.  2  for  P^,B) 


Becomes  a  very  useful  yardstick  to  define  intake  operating  conditions. 

The  original  Prototype  intake  control  system  (l.C.S.)  described  in 
Ref.  1  was  Based  on  defined  limits  of  this  parameter  tlBUAX*  TJBIHR  which 
were  scheduled  as  a  function  of  Uach  number.  The  necessary  total' 
pressure  and  Uach  number  information  was  supplied  by  the  aircraft  Air  Data 
Computers  (A.D.C.). 

The  function  of  the  l.C.S,  was  simply  to  position  the  ramp  and 
dump  surfaces  so  as  to  prevent  operation  above  vjBUAXi  aud  to  signal 
the  presence  of  TIB  ^  7JBI.IIU  by  means  of  a  warning  light.  On  the 
Prototype  aircraft  a  manual  facility  to  reduce  the  engine  mass  flow  by 
DP  RK  adjustment  was  (and  is)  provided  to  eliminate  this  condition. 

The  primary  spill  surface  is  the  ramp,  which  is  allowed  to  operate 
between  limits  6  2rrpj  and  a  2MAX  which  at  any  given  Uach  number  are  fixed 
by  second  shook  on  lip  and  flow  distortion  limits  respectively.  These 
limits  are  also  scheduled  functions  of  Uach  number. 


In  the  initial  definition  described  in  Ref,  1,  on  attainment  of 
maximum  ramp  angle,  control  was  switched  to  the  dump  door,  with  ramp 
overtravel  available  to  cater  for  engine  shut  down  oases. 

Several  changes  were  made  to  the  system  described  in  Ref,  1  before 
flight  testing  with  l.C.S.  operative  began.  These  are  described  below. 

When  the  full  scale  tests  began  at  Cell  4  H.G.T.E.  Pyestock,  it  Vfas 
evident  that  the  throat  bleed  flow  entered  the  secondary  system  as  a 
discrete  jet,  and  that  the  flow  at  the  proposed  Bjj  measurement  station 
was  not  fully  mixed.  , 

This  was  judged  to  be  unacceptable  from  the  point  of  view  of  intake 
control,  and  another  suitable  parameter  was  sought.  Investigations 
revealed  that  the  static  pressure  in  the  space  above  the  front  ramp  bore 
an  acceptable  relationship  to  Pjg,  and  it  was  decided  to  use  this  pressure 
(PrVS  in  Pie*  2)  as  the  intake  control  pressure  using  the  ratio  PRVs/ReO* 
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2  I.C.S.  Response 

In  parallel  with  the  Cell  4  development  work,  the  theoretical  I.C.S. 
reeponse  characteristics  were  studied  on  an  analogue  simulation  of  the 
c  ompl ete  system. 

This  work  revealed  that  the  proposed  system  had  an  undesirably 
sluggish  response  to  atmospheric  disturbances.  This  was  primarily  due 
to  the  response  of  the  A.D.C,  mechanical  output  which  furnished  Mach 
number  information  to  the  I.C.S. 

In  certain  extreme  casee,  the  phase  lags  introduced  from  this  source 
caused  amplification  of  the  disturbance.  Since  this  amplification  occurred 
at  frequencies  where  sympathetic  engine  response  could  not  be  ruled  out, 
it  was  decided  to  find  a  reference  pressure  source  which  instantaneously 
reflected  changes  in  local  Mach  number  at  the  intake  entry. 

3  I.C.S.  Reference  Pressure 

Several  schemes  for  reference  pressure  sensing  were  examined,  and 
finally  it  was  decided  to  use  the  static  pressure  given  by  a  15°  cone 
mounted  on  the  first  (fixed)  intake  compression  surface.  This  source 
had  the  added  attraction  that  when  used  in  association  with  PrvS  as 
defined  above,  it  was  predicted  to  give  a  good  simulation  of  the  desired 
fJ.BMAX  ~  Mach  number  relationship  without  needing  an  external  source  of 
Mach  number  information. 

The  cone  installation  initially  devised  for  the  Prototype  aircraft 
featured  twin  cones  located  just  forward  of  the  front  ramp  hinge  (aft 
cones)  (Position  'A1  Fig,  2).  Two  cones  per  intake  were  required  for 
systems  monitoring  purposes. 

With  this  arrangement,  the  original  relationship  between  control 
and  reference  pressure  was  reversed  because  whereas  Brs/^oo  is  less  than 
unity,  PrvsAc  is  greater  than  unity.  To  enable  the  original  pressure 
ratio  sensors  to  be  retained,  the  connections  to  the  sensor  casing  and 
bellows  were  reversed  and  the  control  parameter  replaced  by  a  new 
parameter  rg  =  P0/PRys- 

It  was  expected  that  the  value  of  tq  corresponding  to  the  original 
*H.Bl.IAX  law  would  be  independent  of  Mach  number.  However  further  testing 
showed  that  it  was  necessary  to  retain  some  form  of  Mach  scheduling  to 
avoid  intake  buzz  at  low  supersonic  Mach  Numbers.  This  Mach  scheduling 
is  only  required  for  fine  trim,  and  the  rapid  response  to  Mach  changes 
which  caused  rejection  of  the  earlier  system  is  not  required. 

4  Intake/Engine  Compatibility 

It  would  be  difficult  to  over  emphasise  the  role  played  by  the 
tests  on  the  complete  intake/engine/l.C.S.  system  at  Cell  4  in  the 
successful  development  of  the  Prototype  system. 

Apart  from  the  developments  in  Pc  and  Frvs  mentioned  in  the 
previous  sections,  the  facility  has  had  considerable  impact  on  the 
development  of  additions  to  the  basic  control  laws  necessary  to  give 
trouble  free  operation  in  all  cases. 

One  of  the  first  discoveries  was  that  the  concept  of  using  ramp  and 
dump  surfaces  individually  to  give  increasing  spill  was  not  viable.  It 
was  found  that  above  62  MAX,  use  of  the  dump  door  alone  to  provide  the 
extra  spillage  caused  unacceptable  flow  separations  on  the  upper  surface 
of  the  diffuser. 

The  eystem  was  altered  to  provide  a  unique  relationship  between 
ramp  angle  (£3)  an{^  dump  door  (9pp)  deflections  above  £ 2fXAX*  This 
was  so  arranged  that  dump  door  opening  commenced  at  an^  ‘the 

maximum  physical  travel  of  ramp  coincided  with  two  thirds  travel  of 
the  dump.  This  has  been  shown  (Ref,  2)  to  provide  an  optimum 
arrangement  giving  minimum  DC60  for  all  throttle  settings. 

The  most  important  development  from  Cell  4  testing  was  that  of  the 
I.C.S.  sideslip  protection  systems. 
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Intake/Engine  Compatibility  (Cent1  d) 


It  was  found  that  the  compressor  flow  quality  deteriorated 
significantly  in  sideslip  at  hign  1,’ach  number.  A  full  discussion  of 
the  problem  can  be  found  in  Ref.  2.  For  the  purposes  of  the  present 
paporf  it  may  be  noted  that  additional  I.C.5.  laws  were  developed  with 
the  following  functions 


a)  Reduced  VJBUAX  with  increased  aircraft  sideslip  angle  ( /3) 

b)  Reduced  permissible  maximum  ramp  angle  (  £ )  with 
increased  y3 . 

iig.  3  shows  how  the  addition  of  TjBMAX  reduction  keeps  the  intake 
flow  quality  (Distortion  and  flow  unsteadiness)  inside  acceptable  limits. 


A  further  development  was  the  use  of  reduoed  engine  LP  spool  RBI  (lip) 
to  increase  *fche  suxgwSSrgin  in  oases  of  excessive  sideslip.  Fig.  4 
(hows  the  principle  oi  ’tills  device  (termed  Hi  dip)  which  significantly 
increases  the  basic  engine  surge  margin. 


Hi  dip  is  triggered  by  two  signals  I 

a)  Sideslip  angles  greater  than  1.25° 

b)  Asymmetric  rate  of  change  of  HP  compressor  delivery 
pressure  between  corresponding  engines,  port  and  starboard. 

This  second  feature  provides  Hi  dip  on  the  live  engines  in  the 
oase  of  engine  failure. 

On  the  basis  of  the  results  obtained  at  Cell  4>  5°0  RBI  dip  was 
(elected  for  the  Prototype  engines. 

It  should  be  noted  that  an  important  factor  in  the  intake  sideslip 
protection  philosophy  is  the  auto  rudder  function  of  the  aircraft  flight 
control  system.  Peak  sideslip  angles  in  response  to  engine  failure  are 
significantly  reduced  by  rudder  application  automatically  introduced  by 
the  same  signal  as  triggers  H^  dip  in  this  caee. 


4.  rUCHT  TEST  EXPERIENCE 

4.1  Intake  Control  System 

4.1.1  Reference  Pressure  Sensing 

Fig.  5  presents  the  variation  of  ~2j. ?co  (The  ratio  cane 
static/stagnation  pressure)  with  ramp  angle  and  Prvs/Eoo  i 
for  the  aft  cones. 

The  deficiencies  of  the  aft  cones  design  were  found  to  be 

a)  The  cone  reference  signal  proved  extremely 
sensitive  to  variation  of  ramp  angle  due  to 
ramp  ehook  interference 

b)  In  the  illustrated  rapid  throttling  oase,  at 

M  =  1.67,  beyond  a  ramp  angle  of  13.5°  potential 
control  reversal  occurs,  supercritical  intake 
operating  conditions  being  signalled  to  the  X.C.5., 
commanding  reduoed  ramp  angle,  when  in  fact  the 
intake  operation  is  subcritical.  This  is 
indicated  by  the  fact  that  the  Pc/Rrys  ratio  is 
above  the  control  value  of  rg  (0.844  in  this  case) 
although  the  actual  Prvs  is  significantly  sub- 
critical.  The  ramp  angle  command  was  not 
immediately  reversed  in  this  case,  however,  because 
the  system  response  was  dominated  by  the  eng'ne  Hi 
inputs.  However  this  excursion  into  buzz  during  a 
rapid  throttling  transient  emphasises  the  unacceptable 
nature  of  thia  signal  source. 
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1.1  Reference  Pressure  Sensing  (Cont'd) 

Following  this  disappointing  experience,  the  cones  were 
relocated  at  more  forward  positions  on  the  front  wedge,  as  shown 
in  Fig.  2  Position  'B1.  Lateral  cone  separation  in  the  revised 
system  was  only  approximately  3",  hut  in  spite  of  this,  the  cones 
exhibited  significantly  different  adverse  effects  of  incidence  and 
sideslip  in  flight.  The  consequent  continual  spurious  warnings 
of  system  failure  forced  abandonment  of  the  twin  cone  arrangement 
in  favour  of  a  single  cone  installation.  The  chosen  cone 
provided  the  more  acceptable  signal  characteristics.  Cross 
comparison  of  signals  between  paired  intakes  was  used  as  the 
basis  of  a  revised  monitoring  system. 

lig.  6  presents  flight  measurements  from  the  revised 
Prototype  installation  (single,  forward  mounted  cones).  The  data 
are  shown  relative  to  the  predicted  3°  incidence  value. 

Marked  behaviour  differences  in  incidence  variations  are  shown 
between  inboard  and  outboard  intake  cones  and  this  presented 
problems  in  choice  of  I.C.S.  monitoring  threshold. 

Modification  of  the  wing  boundary  layer  diverter  planform  to 
that  appropriate  to  the  Production  aircraft  (Aircraft  001  only) 
effects  considerable  improvement  of  the  inboard  intake  in  terms 
of  incidence  sensitivity  and  agreement  with  prediction.  However, 
no  significant  improvement  can  be  identified  in  relation  to  the 
outboard  intake  oone  signal.  This  reflects  the  dominating 
influence  of  local  flow  conditions  at  the  intake  wedge  leading 
edge.  The  major  factors  may  be  presumed  as  follows  s- 

a) 


b) 


o) 


Ths  inference  from  this  experience  is  that  tests  to  determine 
local  reference  sensing  points  must  be  made  on  the  full  scale 
aircraft,  and  this  ie  programmed  for  future  development  aircraft, 
which  have  slightly  different  geometr  . 

Jig.  7  shows  typioal  flight  measured  intake  operating 
values  on  001  compared  with  the  predicted  TJBjiaX’  Inevitably, 
the  cons  reference  pressure  problems  are  reflected  in  these  data 
and  incidence/sideslip  sensitivity  contributes  to  the  scatter, 
nevertheless,  inboard  intake  operation  closely  approaches  the 
target  condition.  The  outboard  intake  is  shown  to  operate 
supercritically  relative  to  the  target  datum. 

•2  I.C.S,  Responss 

The  external  compression,  large  throat  bleed  intake  design 
selected  for  Concorde  is  characterised  by  a  very  wide  operating 
range  with  smooth  transition  from  supercritioal  to  subcritical 
operation. 

These  characteristics  have  a  significant  effect  on  the  intake 
control  system  response  requirements. 


Wing  boundary  layer  diverter  flow  conditions. 

It  is  known  from  model  data  that  the  Prototype 
diverter  system  remains  unstarted  up  to  Mach 
2.0  henos  thickening  and  causing  partial 
ingestion  of  the  wing  boundary  layer. 

Wing  undersurfaoe  boundary  layer/ shear  layer 
thioksning  as  aircraft  incidence  is  reduced 
(see  later  seotion).  This  thickening  is  known 
to  havs  a  more  pronounced  effect  on  the  outboard 
intake.  The  cone  pressure  could  clearly  be 
affeoted  by  immersion' into  this  thicker  boundary 
layer. 

Incidenoe  variation  of  cross  flow  components 
relative  to  ths  oones. 
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4*1*2  I.C.S.  Response  (Cont'd) 

Rapid  response  is  not  required,  neither  is  there  a  need  for 
special  devices  to  improve  stable  subcritioal  margins  etc. 

On  top  of  this,  the  system  lacks  the  complexities  associated 
with  automatic  restart  -  there  is  no  unstart  in  the  classical 
sense* 

Hence  the  required  intake  control  system  response  charact er¬ 
istics  are  quite  modest.  For  example,  the  Prototype  system  is 
only  required  to  reduce  the  effects  of  transients  up  to  frequencies 
of*lJ  Hz.  The  Production  system  cross-over  frequency  is  boosted 
to  approximately  4  Hz  but  even  so  this  eliminates  the  closed  loop 
stability  problems  associated  with  more  ambitious  designs. 

The  highest  rate- response  requirements  are  set  by  the  engine 
failure  case,  in  which  the  normal  closed  loop  system  is  dominated 
by  the  phe^^ydvance  signal  N-j. 

Typicdx’f light  measured  characteristics  of  the  system  are 
illustrated  in  Figs.  8,  9,  10. 

Fig.  8  illustrates  system  response  in  a  pull  up  and  pushover 
manoeuvre  at  M  =  2.0.  Both  intake  cones  on  Ho.  1  engine  show 
broadly  similar  effects  of  varying  incidenoe.  The  variation  of 
ramp  angle  ( S 2)  and  Prvs  indicates  the  system  response  to  cone 
pressure  disturbances,  P^ys  following  the  outer  (driving)  cone 
signal  very  well. 

The  inboard  (No.  2)  intake  cones  exhibit  differing  forms  of 
signal  variation  with  incidence,  more  particularly  in  the  reduced 
incidence  case  (pushover)  in  which  opposite  signs  of  incremental 
cone  pressure  are  shown.  This  example  is  typical  of  the  phenomenon 
whioh  dictated  revision  of  the  sensing  system  to  a  single  cone  per 
intake  installation.  Once  again  system  response  refleots  the 
signal  distortion  of  the  'driving'  (outer)  cone. 

Fig.  9  illustrates  the  functioning  of  the  sideslip  protection 
devices  during  sideslip  investigation  at  II  =  2.0.  Both  outboard 
and  inboard  intake/engine  combinations  exhibit  similar  correct 

response. 

^ILIP  and  (indicated  by  the  reduction  of  Prvs  and  an 

incidence  in  1^)  are  shown  to  be  triggered  as  sideslip  angle  is 
increased.  The  apparent  'delay*  in  the  achievement  of  the  maximum 
Xjj  change  (^Bdip)  is  due  to  the  hesitation  in  the  application  of 
sideslip,  bearing  in  mind  the  'ramped'  function  of  sideslip  angle 
(Fig.  3).  The  maximum  ramp  angle  (  £  2jr ^  reduction  is  masked  in 
this  particular  example,  but  the  final  supercritical  operating 
state  of  the  intakes  is  achieved  by  dump  door  deflection  (not 
shown)  • 

Fig.  10  presents  data  from  a  simulated  engine  failure  at 
U  «  2.0.  Response  of  the  intake  in  the  case  of  the  'failed'  No,  1 
engine  indicates  the  dominant  influence  of  the  anticipation  signal 
the  ramp  ( $  2)  and  the  dump  door  (Opp)  angles  following  the 
decay  of  engine  LP  RPK  independently  of  Prvs  in  the  initial  phase. 
Following  the  achievement  of  windrailling  RBI,  variation  of  Ppy$ 
and  sympathetic  dump  door  response  is  associated  with  cone  signal 
distortion  due  to  incidence  and  sideslip  variation. 

The  major  point  illustrated  by  the  inboard  intake  is  the 
functioning  of  the  N-jpjp  system  in  response  to  asymmetry  of  engine 
thrust  signalled  from  differential  HP  spool  delivery  pressure. 

NlDip  established  rapidly  following  the  simulated  failure  of 
the  outboard  engine.  The  intake  response  parameters  indicate  the 
consequent  subcritical  excursion. 

Fig.  11  compares  a  typical  flight  measured  response  with 
prediction.  The  source  of  the  prediction  in  this  case  is  a 
sophisticated  analogue  simulation  of  the  complete  powerplant 
developed  at  B.A.C.  Filton.  The  contributions  made  by  this 
simulation  to  the  design  and  development  of  the  intake  control 
eyatem  have  proved  invaluable.  Prior  to  aircraft  flight  with  an 
operational  intake  control  system,  the  simulation  was  set  up 
permanently  to  support  flight  investigations  in  the  event  of 
running  into  unexpected  problems  associated  with  powerplant 
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4*1.2  I.C.S.  Response  (Cant'd) 

dynamios.  The  gratifying  agreement  between  predicted  and 
measured  response  characteristics  illustrated  by  this  particular 
example  adequately  explains  why  the  simulation  has  not  been 
needed  in  support  of  flight  investigations, 

4*2  Intake/Engine  Compatibility 

4.2,1  Ceneral 


The  importance  of  intake/engine  compatibility  in  the  design 
of  supersonic  aircraft  and  the  somewhat  unpredictable  nature  of 
the  problem  leads  to  a  degree  of  preoccupation  on  the  part  of  the 
design  teams,  so  that  the  search  for  potential  problem  areae 
becomes  almost  a  way  of  life. 

In  parallel  with  flight  exploration,  model  investigations 
continued  with  the  primary  objective  of  extending  the  assessment 
of  intake  behaviour  to  operating  regimes  appropriate  to  Production 
aircraft.  Notably,  this  included  systematic  investigation  of  an 
increased  aircraft  incidence  range  compared  with  previous 
investigations,  which  were  limited  to  the  range  typifying  planned 
initial  Prototype  'flight  investigations  with  somewhat  limited 
freedom  of  manoeuvre. 

Before  proceeding  to  discussion  of  flight  test  data,  it  ie 
interesting  to  briefly  summarise  this  model  experience  which  had 
considerable  impact  both  on  the  course  of  Prototype  flight 
investigation  and  subsequent  aircraft  development. 

Low  speed  wind  tunnel  investigations  including  incidences 
compatible  with  zero  *gl  flight  conditions  exposed  potential 
problems  of  outboard  engine  malfunction.  Plow  visualisation 
investigations  at  low  speed  revealed  an  underwing  flow  separation 
vortex  partly  ingested  by  the  outboard  intakes.  Pig.  12  presents 
the  pattern  typifying  these  flow  conditions. 

Fundamental  aerodynamic  reasoning  suggested  aggravation  of 
the  problem  at  supersonic  speeds,  and  led  to  a  systematic 
investigation  at  high  Uaoh  No.  based  on  a  l/l5th  scale  twin  intake 
model  with  fully  representative  wing.  Various  modified  wing 
leading  edge  section  profiles  were  assessed,  leading  to  the  current 
Production  aircraft  definition  (BA18).  The  modified  standard 
features  reduced  forward  camber  and  increased  leading  edge  radius 
compared  with  the  Prototype  (BAl)* 

Fig,  13  illustrates  the  impressive  beneficial  effects  of  the 
revised  wing  leading  edge.  The  influence  of  wing  incidence  and  775 
on  compressor  face  distortion  level  (DC60)  are  shown  for  the 
outboard  intake  under  Mach  2,0  operating  conditions  for  both  standards 
of  leading  edge.  Incidence  for  the  possible  onset  of  surge  (DC60  > 
0,3)  is  shown  to  be  reduoed  by  approximately  l|-°  and  little  problem 
is  indicated  in  preserving  surge  free  engine  operation  down  to  less 
than  zero  *g*  flight  condition  consistent  with  Airworthiness 
Requirements, 

4*2,2  Early  Flight  Operation  with  Fixed  Ceometry 

Although  inevitably  the  problems  of  high  Mach  number  operation 
have  more  glamour,  the  problems  of  obtaining  optimum  performance 
at  low  speed  are  technically  quite  interesting, 

Uith  the  sharp  lipped  intake  design,  it  is  to  be  expected  that 
at  low  speed  flow  separations  at  the  intake  leading  edge  will  cause 
substantial  deteriorations  in  flow  uniformity  and  pressure  recovery 
at  the  engine  face. 

The  classic  solution  to  this  problem  is  to  provide  some  form  of 
auxiliary  intake.  On  Concorde  prototypes,  this  now  takes  the  form 
of  a  dual  hinged  door  in  the  intake  floor  which  doubles  as  an 
auxiliary  intake  at  low  speed  and  a  spill  door  at  high  speed.  For 
the  first  30  or  so  flights  001  was  equipped  with  a  simple  auxiliary 
intake  consisting  of  a  hole  with  fixed  guide  vanes  in  place  of  the 
dump  door.  This  was  installed  because  of  early  fears  concerning  the 
flow  distortion  measured  on  small  scale  models  and  apparently 
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4.2.2  Early  Flight  Operation  with  Fixed  Geometry  (Cont'd) 

associated  with  the  door  design  at  low  forward  speed.  This 
excessive  distortion  was  eventually  traced  to  model  deterioration 
which  was  accepted  as  indicative  of  the  need  at  full  scale  for  a 
high  standard  of  surface  finish  and  sealing  at  the  door  hinge. 

The  doors  were  consequently  installed  and  have  functioned 
excellently  as  shown  hy  Fig.  14. 

It  is  worth  noting  how  quickly  the  DC60  levsl  subsides  to  a 
low  value  and  also  the  slight  but  noticeable  change  in  recovery 
during  rotation. 

4.2.3  Subsonio/Transonio  Flight  Regime 

High  subsonic  exploration  confirmed  light  airframe  buffet 
due  to  an  Intake  oscillation  at  windmilling  mass  flow  which  was 
first  noticsd  on  the  Vulcan  Flying  Test  Bed.  The  consequences  of 
this  osoillation  were  magnified  by  the  particular  Vulcan 
installation,  but  nevertheless,  the  presence  of  this  oscillation 
on  Concorde  has  dictated  a  need  for  provision  of  an  open  loop 
subsonic  spill  door  function  in  the  Production  aircraft  standard 
intake  control  system.  Deflection  of  the  spill  door  has  been 
demonstrated  to  eliminate  the  buffet  which  is  believed  to  be  dus 
to  flow  separation  on  the  intake  cowl. 

Initial  investigation  of  less  than  1.0  'g1  flight  conditions 
at  low  supersonic  speeds  exposed  a  further  intake  instability. 

During  pushover  manoeuvres  at  M  =  1.45  repeatable  intake 
osoillation/engins  rough  running  conditions  were  established  at 
approximately  0.75  'g' .  The  initial  judgement  that  this  confirmed 
the  potential  low  incidence  intake/engine  compatibility  problem 
predicted  by  model  tests  (described  above)  proved  to  be  incorrect. 
Model  tests  (Fig.  15)  showed  discontinuous  variations  of  intake 
pressure  recovery  (■£,)  main  duct  flow  ratio  (  E-))  and  DC60  with 
ramp  angle.  These  effects  are  indicative  of  flow  separation  at  ths 
ramp  hinge.  This  is  shown  to  occur  under  these  particular 
simulated  flight  oonditions  at.  4°  ramp  angle  which  in  fact  is 
consistent  with  a  flow  expansion  around  the  ramp  hinge. 

Clearly,  the  adverse  effects  of  incidence  reduction,  possibly 
aggravated  by  unstarted  wing  boundary  layer  divsrter  flow 
conditions,  are  faotors  which  are  peculiar  to  ths  Prototype 
aircraft  and  which  oould  dominate  the  origin  of  this  flow 
separation.  However,  to  completely  eliminate  any  residual  problem 
in  the  cass  of  servioe  aircraft  (which  has  improved  wing/diverter 
geometry) ,  the  Production  intake  control  system  providss  for 
increased  minimum  ramp  angle  to  7°  minimum  (henoe  eliminating  the 
expansion  at  the  ramp  hinge)  below  a  selected  valus  of  airoraft 
incidence.  This  cver-rides  the  normal  5 2trry  -  Mach  number 
relationship. 

4.2.4  Supersonic  Flight  Regime 

Supersonic  investigations  under  nominally  level  flight  and 
near  Maximum  Continuous  FoYrer  engine  operating  conditions  showed 
no  intake/ engine  compatibility  problem  with  the  intakes  under 
automatic  control.  Transient  changes  of  intake  geometry 
associated  with  the  establishment  of  intake  oontrol  at  ths  switching 
Maoh  number  (l.3U)  also  introduced  no  problems. 

Fig.  16  indicates  levels  of  flow  distortion  measured  in 
specific  flights  in  nominally  level  flight  conditions  up  to  Mach 
2.0.  These  may  be  taken  as  typical  and  are  illustrative  of  the 
excellent  flow  quality  capabilities  of  the  intake.  Ths  associated 
oscillatory  pressure  component  at  the  engine  face  is  less  than  2/ 
of  stagnation  pressure. 
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4*2*4  Supersonic  Flight  Regine  (Cont'd) 

The  model  prediction  of  lew  incidence  problems  demanded  the 
addition  of  systematio  pushover  manoeuvres  to  the  scheduled 
powsrplant  handling  aesessment  programme*  At  Mach  lumbers  in 
excese  of  M  «  1*70  the  problem  became  evident  and  was  demonstrated 
to  be  considerably  aggravated  under  engine  throttled  conditions. 

Fig*  17  presents  the  variation  of  outboard  intake  flow  distortion 
with  aircraft  incidence  for  full  and  partially  throttled  engine 
operating  conditione.  Oscillatory  flow  component  levels  in 
Fl/l>co  terms  (P-j  -  Psf  on  Pig. 2)  and  typical  surge  points  are 
also  indicated.  The  data  clearly  exposes  deteriorating  compressor 
face  flow  quality  with  reduction  of  incidence  and  the  significant 
adveree  impact  of  engine  throttling.  A  by-product  is  the  inferred 
quite  remarkable  tolerance  of  the  Olympus  593  engine  to  flow 
distortion. 

The  adoption  of  quite  restrictive  engine  throttling  limits, 
based  on  the  results  of  these  investigations  enabled  completion 
of  an  impressive  volume  of  flight  testing  without  the  occurrence 
of  inadvertent  surging, 

Ths  Production  aircraft  leading  edge,  shortly  to  he  tested 
on  001,  is  expected  to  eliminate  the  need  for  these  throttling 
restrictions. 

4.3  Intake  Interaction  and  Engine  Surge 

The  twin  intake  arrangement  of  the  Concorde  entrains  problems  of  intake 
interaction  by  virtue  of  ths  mutual  interference  associated  with  suboritioal 
intake  operation.  Clearly,  suboritioal  excursions,  involving  significant 
shook  expulsion,  distort  the  external  shook  system  of  the  neighbouring  intake. 

The  centre  wall  leading  edge  extension  or  1  splitter1  between  paired 
Intakes  is  designed  to  limit  these  adverse  effects  to  major  disturbances,  for 
example,  those  associated  with  high  intensity  engine  surge  (i.e.  near 
Hax.  KHI  engine  operation).  The  splitter  design  was  selected  on  the  baeis 
of  systematic  model  tests  to  provids  freedom  from  significant  interaction 
to  just  beyond  the  buzz  threshold  in  either  intake.  Protection  froO 
interaction  in  the  surge  case  waB  not  a  design  objective,  the  probability  of 
success  in  such  an  endeavour  without  impairing  intake  performance  to  an 
unacceptable  degree  being  problematical.  The  deeign  philosophy  is  that  the 
complete  system  shall  bo  so  designed  as  to  make  the  probability  of  engine 
surge  extremely  remote,  and  that  the  aircraft  characteristics  shall  be  such 
that  no  hazard  results  from  suoh  surges,  even  if  two  engines  should  be 
affected. 

V 

Attempts  to  express  engine  tolerance  of  interaction  effects  in  tangible 
terms,  failed  because  of  the  lack  of  a  definitive  criterion.  The  results  of 
suoh  analysis  provoked  the  simple  conclusion  that  the  confidence  level 
attached  to  the  prediction  of  interaction  malfunctioning  thresholds  was 
extremely  low,  and  that  there  was  no  substitute  for  flight  investigation 
in  this  context. 

The  systematio  flight  investigation  of  low  incidence  and  throttling 
surge  thresholds  consequently  furnished  vital  information  on  surge  interaction. 

Another  aspect  of  surgs  which  gave  cause  for  some  anxiety  was  the 
associated  intake  loading.  In  the  initial  design  and  development  stages  the 
problems  could  be  sub-divided  into  three  categories 

1)  Data  relevant  to  the  'overpressure1  (sometimes  termed  'hammer  shook') 
loading  imposed  on  the  duoting  ahead  of  a  surging  turbojet  engine 
was  hard  to  cons  by. 

2)  The  predicted  pressure  propagation  within  the  intake  under  surge 
conditions,  i.e,  relationship  between  peak  pressure  levels  and 
phasing  in  various  zones  of  the  intake,  was  by  no  means  straight¬ 
forward. 

3)  The  possibility  of  interaction  induced  surge  in  the  adjacent 
engine  introduced  the  problem  of  phasing  and  hence  differential 
pressure  variation  across  the  centre  wall  between  intakes  in 
the  case  of  doubls  surges. 
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4.3  Intake  Interaction  and  Engine  Surge  (Oont'd) 

Systematic  programmes  of  testing  were  set  up  including  usins  a  email 
scale  model  equipped  with  a  surge  simulation  valve,  engine  surge 
investigations  using  the  Vulcan  aircraft  in  subsonic  conditions  and  the 
full  scale  intake/ engine  installation  in  Cell  4 •  These  investigations 
were  supported  by  theroetical  studies  of  pressure  propagation  undertaken 
by  Aerospatiale  (then  Sud  Aviation) . 

These  endeavours  led  to  the  formulation  of  aerodynamic  loading 
information  to  assess  structural  integrity  in  surge.  Bolls  Royce,  for 
example,  exposed  the  dependence  of  duct  peak  surge  pressure  on  the  initial 
overall  compression  ratio.  American  work  in  this  field  confirms  this  type 
of  correlation.  Surge  induced  transient  pressures  measured  on  the  full 
scale  Cell  4  intake  installation  confirmed  the  small  scale  model  results, 
both  showing  measurements  compatible  with  the  results  of  the  theoretical 
approaches. 

Tt*  V’lev.bts  -isracdated  with  interaction  surge  loads  remained,  however, 
and  structural  integrity  was  assessed  on  the  basis  of  unique  application 
of  assumptions  of  worst  phasing  appropriate,  to  each  component. 

The  initial  surge  programme  associated  with  the  low  incidence 
investigations  confirmed  the  assumed  transient  pressure  levels  in  intakes 
subjected  to  'primary1  surges.  Initial  belief  that  loadings  in  the 
interaction  case  were  in  fact  less  rigorous  than  those  in  the  primary 
surge  case  was  based  on  the  reduced  duct  peak  pressure  levels  which  were 
measured  in  the  former.  This,  in  association  with  the  evidence  of 
completion  of  the  surge  programme  with  no  apparent  structural  effeot,  was 
interpreted  as  indicative  of  a  successful  outcome  in  this  potential  problem 
area.  Then  came  flight  122  of  aircraft  001. 

4.4  Intake  Structural  Failure  in  Surge 

During  Flight  122  with  the  aircraft  under  Mach  2.0  conditions  at  an 
altitude  of  49,000  ft.  Ho.  3  engine  surged  following  cancellation  of  reheat. 
Ho.  4  engine  surged  due  to  interaction,  operating  at  Maximum  Continuous 
Power  at  this  time.  Following  7  sees,  of  double  surging,  during  whioh 
continuous  bewildering  warnings  of  intake  control  system  failure  defied 
interpretation  on  the  part  of  the  crew,  engine  Ho.  4  flamed  out.  The 
aircraft  was  decelerated  to  subsonic  speeds.  No.  3  engine  was  relit  at 
1,211,  and  No.  4  relit  but  failed  to  accelerate.  Visual  inspection  of  the 
intakes  (using  the  aircraft  hyperscope)  revealed  the  loss  of  Ho.  4  intake 
forward  ramp  and  heavy  damage  to  the  lower  intake  oowl  lip. 

The  sequence  of  events  surrounding  the  failure  as  indicated  by 
interpretation  of  the  data  given  by  the  airborne  recording  system  and  by 
inspection  of  the  damaged  intake  by  aooidont  investigations  experts  from 
KAE  Famborough,  agreed  in  all  major  respects. 

The  cause  of  surge  of  engine  Ho.  3  results  from  an  error  of  technique 
in  the  cancellation  of  reheat  with  the  obsolescent  standard  of  reheat 
control  amplifier  fitted  to  that  particular  engine.  Engine  overspeed  into 
a  transient  surge  condition  could  happen,  unless  reheat  cancellation  wae 
■undertaken  with  oare.  The  modified  amplifiers  now  fitted  do  not  suffer 
thie  disadvantage. 

The  interaction  surge  of  Ho.  4  engine  was  to  be  expected  but  in  thie 
instance  one  of  the  two  rear  attachments  of  the  forward  ramp  failed, 
freeing  the  ramp  to  oscillate  about  the  front  hinge  and  remaining  rear 
attachment.  Coupled  surge/ramp  response  maintained  a  cyclic  surge 
condition  whioh  resulted  in  progressive  failure  of  the  front  hinge.  The 
final  surge  pulse  (in  a  train  of  approx.  35  pulses)  caused  failure  of  the 
sole  remaining  ramp  attachment  at  the  rear  as  the  ramp  rotated  rapidly 
hinge  edge  downwards  striking  the  lip.  The  ramp  left  the  intake  moving 
forward  and  downwards  rotating  around  the  lip  (hence  severe  lip  damage) , 
finally  leaving  the  aircraft  passing  rearwards  beneath  the  nacelle. 

The  damage  evidence  emphasised  that  the  failure  was  due  to 
exceedance  of  the  design  strength  of  a  component  in  the  ramp  drive 
meohanism  and  there  was  no  question  of  fatigue  or  faulty  materials  being 
involved.  The  source  of  the  phenomenal  load  causing  the  failure  then 
became  the  subject  of  much  debate. 
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4.4  Intake  Structural  Failure  in  Burge  (Cant'd) 

Further  systematic  surge  investigations  were  immediately  planned 
using  aircraft  002,  the  Britisn  Prototype.  For  these  investigations, 
the  ramp  and  drive  mechanism  were  suitably  strengthened  and  stiffened 
and  the  test  enginas  were  equipped  with  speoial  amplifiers  allowing  surge 
to  ha  induced  at  will.  Based  on  destructive  strength  tests  the  modified 
design  possesses  soma  2.25  times  the  strength  of  the  original  design. 
Instrumentation  systems  were  augmented  to  more  precisely  define  pressure 
propagation  over  the  forward  and  rear  ramps  and  the  transient  loading  in 
various  components. 

Model  acale  twin  intake  tests  scheduled  in  support  of  the  full  scale 
exploration  included  investigation  of  flexible  ramp  behaviour  under 
simulated  interaction  surge. 

Fig.  18  shows  examples  from  flight  raoords  made  during  the 
systematic  interaction  surge  investigation.  These  data  are  appropriate 
to  H  =  2.0  flight  conditions  and  show  for  both  intakes  the  time  variation 
of  pressure  on  the  undarside  of  the  forward  ramp  trailing  edge,  the  throat 
bleed  sensor  pressure  P^VS  and  the  wall  static  pressure  in  the  intake  lower 
diffuser  floor  just  forward  of  the  compressor  face  (Pef) . 

Considering  firstly  the  mechanism  of  interaction  surge,  the  first 
surge  of  the  inboard  engine  (Ho.  2)  occurs  following  a  significant  pressure 
reduction  forward  of  the  engina  face,  which  is  believed  to  be  the  primary 
oauee  of  interaction  surge.  Tha  reduced  proesure  arises  from  the  rapidly 
reducing  intake  pressure  recovery  due  to  distortion  of  the  external  shook 
system  by  shook  expulsion  of  the  neighbouring  intake  (primary  surge) .  A 
possible  contributory  factor  to  the  reduced  pressure  is  choking  of  the 
intake  throat  due  to  flow  separation  along  the  splitter  leading  edge.  The 
flow  separation  could  arise  from  orose  flow  at  the  splitter  leading  edge 
associated  with  tha  pressure  gradient  generated  by  shook  expulsion  in  the 
primary  surging  intake.  It  is  interesting  to  speculate  on  the  transient 
compressor  faoa  flow  quality  in  this  event. 

The  first  intaraotion  surge  (Ho.  2  engine)  is  notable  for  its  low 
intensity  at  the  engine  faoa,  the  peak  pressure  merely  achieving  the 
steady  state  initial  level.  However,  a  noticeable  paak  occurs  in  the 
intaka  ramp  void  (space  above  tha  ramps).  Careful  inspection  of  the  toothed 
pressure  variations  reveals  a  local  trough  in  the  underside  ramp  trailing 
edge  pressuxa  coincident  with  this  peak.  However,  although  the  peak 
pressure  levels  aohieved  in  this  ease  are  lower  than  those  appropriate  to 
the  primary  surge  (first  surga  in  intaka  l)  the  downward  load  on  the  front 
romp  is  at  least  as  large.  In  numerous  oases  the  differential  ramp 
loading  has  been  found  to  be  graater  in  the  interaction  than  the  primary 
ease  and  furthermore,  the  largest  ramp  differential  loadings  so  far 
measured  are  associated  with  interaction  surge  oases. 

Two  types  of  interaction  surge  signature  (form  of  compressor  face 
pressure  variation)  are  identifiable  in  investigations  so  far.  The  one  is 
typified  by  the  first  interaction  surge  of  Ho.  2  engine  with  low  absolute 
peak  level  and  low  initial  starting  pressure  and  the  other  has  a  form  more 
olosely  approaching  a  primary  surge,  with  small  reduction  of  initial 
pressure  and  high  achiavad  peak  level.  An  example  of  this  second  typa  is 
the  second  surga  shown  in  the  oase  of  Ho.  2  engine. 

This  second  type  of  interaction  surge  signature  has  associated  large 
peak  pressures  above  and  below  the  ramp.  Inspection  of  the  traces 
indicates  only  moderate  differential  ramp  loading  as  assessed  from  peak 
differences.  However,  a  large  trough  in  the  under  ramp  pressure  almost 
coincident  with  the  peak  ramp  void  pressure  gives  large  differential  ramp 
loading.  Attention  is  drawn  to  the  unusual  second  primary  surge  of  Ho.  1 
engine.  This  effect  is  more  typical  of  interaction  surge,  although  by  no 
means  fully  understood.  Exact  phasing  of  such  peaks  and  trough,  which  in 
the  example  shown  re-establishes  normal  undisturbed  external  ramp  pressure, 
would  in  fact  result  in  tha  initial  design  load  being  approached. 

The  inveetigation  so  far  has  not  succeeded  in  achieving  more  than 
of  tha  load  which  must  have  been  experienced  in  Flight  122.  However, 
although  the  lattar  has  not  been  re-produoed,  the  contributory  elements 
have  been  exposed.  VJe  could  by  no  mean3  olaim  an  understanding  of  the 
phenomena.  Investigations  continue. 
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4*4  Intake  Structural  Failure  in.  Sur^e  (Cont’d) 

Despite  all  these  worries  ebout.the  structural  integrity,  the 
aircraft's  handling  behaviour  hae  been  impeccable.  A  considerable 
amount  of  pre- flight  effort  was  devoted  to  consideration  of  simultaneous 
double  engine  failure,  and  from  this  an  auto  rudder  system  was  adopted 
which  was  triggered  by  asycnnetrio  rapid  variations  of  IIP  compressor 
delivery  pressure. 

The  result  of  this  effort  can  be  seen  in  Pig.  19  which  shows  the 
actual  aircraft  response  to  the  double  engine  surge  on  Flight  122.  A 
bank  angle  change  of  only  2°  coupled  with  1°  sideslip  in  this  severe  case 
at  2.01  is  proof  enough  of  the  efficiency  of  the  protective  systems. 

Installation  of  similar  systems  on  the  production  aircraft  will  ensure 
that  even  if  such  a  severe  case  should  occur  in  service  there  will  he  no 
hazard  to  aircraft  or  occupanta. 

4*5  Performance 

Although  the  technical  problems  associated  with  intake/engine 
compatibility  are  fascinating  they  must  eventually  be  solved,  and  the 
viability  of  a  commercial  supersonic  transport  then  rests  on  the 
achievement  of  performance  claims. 

It  is  therefore  interesting  to  examine  how  the  powerplant  behaviour 
compares  with  predictions  in  this  respect. 

Unfortunately  direct  measurement  of  intake  recovery  cannot  be  shown 
because  of  instrumentation  problems  which  ere  not  yet  resolved.  However 
it  can  be  said  that  by  using  indirect  measurements  it  becomes  obvious  that 
the  recovery  is  not  significantly  different  from  that  measured  on  small 
scale  models  at  full  scale  in  1I.G.T.3S. 

The  analysis  of  engine  and  nozzle  behaviour  is  of  course  in  the  hande 
of  Polls  Royce  (l97l)  ltd.  and  SEEiA.  They  have  kindly  consented  to  allow 
us  to  use  some  of  their  material  eo  that  a  reasonably  complete  performance 
picture  can  be  presented. 

One  of  the  major  concerns  of  the  performance  testing  to  date  has  been 
to  develop  an  acceptable  means  of  'reed  across'  from  Prototype  to  Production 
aircraft.  It  was  decided  that  in  view  of  the  detailed  differences  between 
the  two  aircraft  it  would  not  be  sufficient  to  apply  overall  percentages 
derived  from  prototype  experience  to  the  Production  estimates.  In  fact,  it 
is  necessary  to  subject  each  component  of  the  performance  to  detailed 
scrutiny  so  that  appropriate  adjustments  can  be  made  to  the  Production 
aircraft  component  characteristics. 

For  example  Fig.  20  shows  a  comparison  of  flight  and  brochure  engine 
s.f.o.  (flange  to  flange).  It  is  evident  that  the  egreement  is  excellent. 
However  this  overall  result  conceals  some  interesting  side  effects. 

It  is  found  that  the  engine  measured  mass  flow  and  fuel  flow  at  a 
particular  IT-j  Hj  combination  differ  from  the  values  given  by  the  engine 
brochure.  The  in-flight  mass  flow  is  higher  than  predicted  at  all  speeds, 
but  the  measured  fuel  flow  is  higher  than  predicted  at  subsonic  I-Iach 
numbers  but  lower  than  predicted  at  2.31. 

Uhen  all  these  factors  are  combined,  it  is  found  that  the 
thermodynamic  cycle  of  the  engine  is  unchanged,  but  that  the  'effective' 
spool  speeds  differ  from  the  measured  speed.  The  explanation  is  believed 
to  lie  in  the  effect  of  intake  radial  flow  distortion  on  the  compressor 
characteristics. 

In  practice,  it  means  that  to  get  the  true  performance,  one  must  work 
with  a  modified  It-j  and  measured  fuel  flow  in  order  to  correctly  estimate 
thrust  and  spill  drag. 

The  measured  internal  pressure  distribution  of  the  secondary’  nozzle  is 
compared  with  wind  tunnel  results  in  Fig.  21.  One  minor  difference  arises 
from  the  fact  that  the  aircraft  free  floating  secondary’  petals  are  a  shade 
over-expanded  in  cruise,  as  shown  by  the  difference  between  full  and  dotted 
lines  on  the  figure.  As  a  result  of  this,  the  static  pressure  over  the 
after  part  of  the  nozzle  shroud  diverges  slightly  from  the  tunnel  model 
result. 
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4.5  Performance  (Cont'd) 

Despite  this  minor  discrepancy,  the  overall  nozzle  gross  thrust 
(calculated  from  measured  pressures  on  the  nozzle)  is  in  excellent 
agreement  with  predictions  as  ehown  by  Fig.  22.  From  this  it  is 
conoluded  that  there  is  no  reason  to  modify  the  predicted  cruise 
performance  of  the  production  nozzls. 

On  the  debit  side,  it  was  found  that  the  nacelle  as  a  whole  was 
leaking  badly,  and  it  was  nscessary  to  take  steps  to  establish  how  much 
performance  was  being  lost  from  this  sourcs. 

By  sealing  as  much  of  the  Prototype  nacelle  as  is  physioally 
possible,  and  ground  measurements  of  leakage  rate  before  and  after 
scaling,  ths  assumptions  on  the  exchange  rate  between  loakage  and  thrust  loss 
ars  being  verified. 

Y/hen  this  is  done,  the  Production  aircraft  performance  will  be 
modified  if  necessary,  but  it  is  not  expected  that  significant  changes 
will  arise  from  this  cause  since  most  of  these  leak  sources  do  not  exist 
on  the  Production  aircraft.  For  example  the  Gas  Turbine  Starter  exhaust, 
tertiary  doors  and  reverssr  grilles  have  all  been  eliminated. 

5.  CONCLUSION 


This  presentation  has  attempted  to  show  some  of  the  problems  met  and  overcome. 
Ihioh  work  remains  to  bo  done  of  course,  but  ths  Concorde  designers  are  enormously 
enoouraged  by  their  experience  so  far. 

It  is  now  known  that  a  supersonic  transport  can  be  built  which  is  technically 
sound  and  which  will  meet  the  performance  claime  advanced  many  years  ago. 

The  Judgements  as  to  whether  this  aircraft  is  economically  viable  is  outside  the 
soope  of  this  paper.  BAC/Asrospatiale  believe  emphatically  that  it  is  viable,  and 
look  forward  to  the  day  when  ths  world's  airlines  confirm  this  judgement. 
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H.P.  NON-DIMENSIONAL  SPEED  PERCENT  A 


Fig.  4.  Typical  engine  operating  characteristics  N.G.T.E.  cell  4  ~  cell  mach  number 
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Fig.  5.  Cone  reference  pressure  interference  during  throttling  at  low  mach  number 


INTAKE 


Fig.  6.  Effect  of  incidence  on  forward  cone  pressure  at  M  =  2.0 
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Fig.  10.  Shut  down  of  no.  1  engine 
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Fig,  15.  Intake  boundary  layer  separation  at  M  =  1.6 
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Fig.  16.  Intake  flow  distortion  at  supersonic  speeds 
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Fig.  17.  Typical  surge  events  supersonic  flights  M  >  1.7  no.  1  (outboard)  intake 
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Fig.  1 8.  Intake  pressures  in  surge 
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Fig.  19.  Aircraft  response  to  double  engine 
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Fig.  20.  Comparison  between  flight  and  brochure  SFC 
(flange  to  flange)  Olympus  593-3B  flight  analysis 
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Fig.  21.  Nozzle  internal  pressure 
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CONTROL  CONCEPT  AND  WIND  TUNNEL  TESTING  OF  A  SUPERSONIC  INTAKE  CONTROL  SYSTEM 


by  H.  N,  Larsen  and  R.  G.  Schweikhardt 
The  Boeing  Company 
Seattle,  Washington,  USA 


SUMMARY 


The  design,  development,  and  performance  criteria  ofa  control  system  for  an  axisymmetric  mixed  compression  intake  are 
described.  The  controller  is  independent  of  other  intake  controllers  and  of  airplane  data  systems.  During  started  intake  operation, 
throat  Mach  number  is  controlled  with  a  translating  centcrbody  and  variable  position  cowl  throat  doors;  normal  shock  position  is 
controlled  with  secondary  air  valves  and  overboard  bypass  doors.  These  two  control  loops  use  intake  duct  pressure  ratio  signals  for 
feedback.  The  desired  pressure  ratio  reference  value  is  scheduled  with  centcrbody  position  and  biased  with  intake  controller  error 
signals  to  provide  for  varying  intake  Mach  number  and  angle  of  sideslip.  Using  vortex  valves  as  an  auxiliary  normal  shock  stability 
system,  model  tests  showed  that  the  controller  can  maintain  peak  intake  recovery  while  accommodating  the  required  disturbances. 
Hot-  and  cold-day  engine/intake  airflow  matching  is  automatically  controlled  with  increased  secondary  valve  airflow  or  an  intake- 
activated  engine  rpm  trim  control.  An  external  compression  mode  which  maintains  stable  intake  airflow  with  low  compressor  face 
distortion  provides  for  unstarted  supersonic  intake  operation. 


AfiY  overboard  bypass  door  area 

Alip  intake  lip  area 

A$a  secondary  air  valve  area 

DIST  ?T2  avg '  PT2  min  PT2  avg 

K  controller  gains 

Mp  local  Mach  number 

M-ppj  throat  Mach  number 

N  mechanical  engine  speed 

P-pO  local  total  pressure 

P(;  cowl  static  pressure 

P(3  intake  throat  static  pressure 

Ppj<5  static  pressure  aft  of  normal  shock 
Ptns  intake  throat  total  pressure 

Pp2  compressor  face  total  pressure 

Pyy  vortex  valve  exit  total  pressure 

PRU  pressure  ratio  units 

Rup  intake  lip  radius 

rpm  revolutions  per  minute 

S  La  Place  operature 


NOMENCLATURE 


t 

Ws/e2/«2 

XBY 

XSA 

XTR1M 

^CC 

APC 

APP 

APCB 

ARtd 

axCB 

e 

t 


Subscripts 


time 

corrected  airflow  rate 

overboard  bypass  door  actuator  displacement 

secondary  air  valve  actuator  displacement 

trim  motor  position 

cross  coupling  bias  (PRU) 

half  position  coordination  deadzone 

half  parallel  path  deadzone 

(PCB  max  -  P(_B  min)/PTNS 

throat  door  displacement 

centerbody  displacement 

angle-of-sideslip  bias  (PRU) 

error  signal 

damping  ratio 


actuator  command  position 


INTRODUCTION 


A  control  system  for  an  axisymmetric  intake  suitable  for  supersonic  transport  application  has  been  developed.  The  design  com¬ 
bines  simplicity  and  relative  self  containment  with  the  unique  capability  to  maintain  the  high  intake  performance  necessary  for 
efficient  commercial  supersonic  flight.  The  airplane  which  utilizes  four  intakes  has  a  design  cruise  Mach  number  of  2.7,  the  local 
intake  Mach  numbers  being  2.65  and  2.60  for  the  inboard  and  outboard  intakes,  respectively.  Each  intake  is  provided  with  two 
identical  automatic  control  systems,  each  controller  having  its  own  set  of  sensors,  feedbacks,  and  outputs.  Dual  redundant  two- 
stage  servovalves  and  actuators  are  also  provided  for  each  control  surface.  One  intake  ontrol  system  is  used  for  normal  control, 
and  the  second  is  used  as  a  standby.  Either  system  may  be  manually  selected  for  control  by  the  flight  crew  and,  in  addition,  auto¬ 
matic  transfer  of  control  occurs  between  systems  following  the  detection  of  a  failure  condition,  such  as  failure  to  maintain  the 
correct  intake  takeoff  geometry,  failures  of  either  hydraulic  or  electric  power  for  the  control  system  in  operation,  inadvertent 
intake  unstart,  or  detection  of  intake  buzz. 

Within  each  control  system  are  control  loops  which  use  intake  pressure  ratios  for  feedback.  These  pressure  ratios  (control  signals) 
are  used  by  the  control  system  to  position  the  intake  variable  geometry  components,  which  consist  of  a  translating  centerbody, 
variable  position  cowl  throat  doors,  and  a  bypass  system  comprising  secondary  air  valves  and  overboard  bypass  doors.  The  control 
laws  governing  the  control  system  actions  are  divided  into  several  modes,  sequences,  and  configurations.  Switching  between  these 
various  sets  of  control  laws  is  generally  automatic;  however,  in  some  instances  flight  crew  action  is  utilized  to  reduce  system  hard¬ 
ware.  In  addition  to  the  control  surfaces,  the  intake  incorporates  vortex  valves  at  the  throat  section.  During  mixed  compression 
operation,  these  valves  are  aerodynamically  triggered  to  bleed  airflow  just  aft  of  the  normal  shock  should  the  shock  traverse  for¬ 
ward  into  the  throat  section.  Maximum  vortex  valve  bleed  capacity^)  is  5%  of  the  cruise  engine  airflow  demand.  This  capability 
provides  5%  additional  stability  margin  against  unstarts  due  to  downstream  transient  disturbances.  Figure  1  shows  a  schematic  of 
the  intake  with  the  locations  of  the  control  surfaces  and  vortex  valves. 

This  paper  describes  the  intake  control  system  with  emphasis  on  operation  between  Mach  1 .6  and  2.9.  To  main  tain  high  started  intake 
performance  across  this  Mach  range,  it  is  generally  necessary  to  vary  control  signal  references  with  intake  operating  conditions: 
intake  Mach  number,  angle  of  attack,  and  intake  throat  Mach  number.  To  keep  all  intakes  from  being  dependent  on  an  airplane- 
generated  air  data  Mach  signal  without  the  addition  of  intake  Mach  sensors,  each  intake  control  system  schedules  its  pressure  ratio 
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Figure  1.  Intake  Variable  Geometry,  Vortex  Valves,  and  Control  Signal  Locations 


references  with  centerbody  position.  Thus,  during  started  operation  each  intake  control  system  uses  centerbody  position  as  a  Mach 
meter.  Angle  of  attack  and  intake  throat  Mach  number  information  is  inherent  in  error  signals  within  the  intake  control  system. 
These  error  signals  are  used  to  bias  the  pressure  ratio  references  and  maintain  started  intake  operation  during  Dff-design  conditions. 
Internal  aerodynamic  analyses,  control  system  performance  and  stability  analyses,  and  steady-state  wind  tunnel  test  results  were 
used  in  the  synthesis  of  the  intake  control  system. 

Dynamic  testing  of  the  control  system  was  performed  using  a  1/6-scale  model  (5.28-in.  lip  radius).  Tire  intake  was  fully 
instrumented  with  pressure  taps  and  probes  along  the  cowl,  centerbody,  and  at  the  compressor  face.  Dynamic  instrumentation  in 
two  distinct  response  ranges  was  provided.  Relatively  slow  response  (30  Hz)  pneumatic  lines  and  transducers  were  used  for  control 
signal  sensing.  Flush-mounted  transducers  at  the  compressor  face  provided  dynamic  measurements  (2000  Hz)  of  intake  recovery 
and  distortion.  These  transducers  were  located  on  a  compressor  face  rake  which  consisted  of  eight  equally  spaced  arms  with  five 
probes  per  arm.  Compressor  face  rake  data  from  these  40  transducers  were  tape  recorded,  whereas  data  of  control  system  variables 
were  saved  using  three  strip  chart  recorders  of  eight  channels  each.  A  cold  pipe,  terminated  with  a  variable-area  plug  valve,  was 
fitted  to  the  rear  of  the  intake  to  simulate  engine  weight  flow  changes. 


CONTROL  MODES 


The  positioning  of  the  variable-geometry  components  for  the  intake  control  modes,  sequences,  and  configurations  is  shown  in 
Table  1.  Airplane  takeoff  and  the  large  engine  airflow  requirements  below  Mach  0.5  are  accommodated  by  the  takeoff  configura¬ 
tion.  This  configuration  is  automatically  obtained  when  the  engine  mode  selector  is  placed  in  the  takeoff/landing  position.  Below 
Mach  0.5,  “noise  abate”  is  an  optional  mode  which  may  be  manually  selected  during  low  engine  thrust  operation  such  as  descent 
airport  approach.  The  mode  modulates  the  centerbody  to  maintain  a  near-sonic  throat  to  prevent  the  forward  propagation  of  com¬ 
pressor  noise.  The  noise  abate  mode  is  automatically  disengaged  and  the  takeoff  configuration  engaged  should  high  engine  thrust 
be  demanded.  This  occurs  during  airplane  go-around  and  engine  thrust  reverser  operation.  The  run  configuration  is  a  simple  and 
reliable  method  of  supplying  engine  air  demands  during  subsonic  and  low  supersonic  climb.  This  mode  is  automatically  obtained 
when  the  engine  mode  selector  is  placed  in  the  run  position  at  approximately  Mach  0.5,  Control  is  manually  switched  from  the  run 
configuration  to  the  buzz  suppression  mode  at  approximately  Mach  1 .2.  Buzz  suppression  mode  control  is  maintained  until  the 
flight  crew  starts  the  intake  by  activation  of  the  restart  sequence. 


Between  Mach  1.6  and  2.9,  the  intake  control  system  consists  of  two  modes  and  two  sequences:  a  started  mode,  a  buzz  suppres¬ 
sion  mode,  a  restart  sequence,  and  a  sympathetic  unstart  sequence.  The  started  mode  maintains  mixed  compression  operation  for 
efficient  supersonic  climb  and  cruise.  The  buzz  suppression  mode  maintains  satisfactory  external  compression  operation  in  the 
event  of  an  inadvertent  intake  unstart  or  a  sympathetic  unstart.  The  restart  sequence  transfers  intake  operation  from  the  buzz  sup¬ 
pression  mode  to  the  started  mode.  The  sympathetic  unstart  sequence  unstarts  an  outboard  intake  following  an  inadvertent  unstart 
of  the  other  outboard  intake  combined  with  a  sensed  high  airplane  lateral  acceleration.  Thus,  sympathetic  unstart  is  used  to  reduce 
airplane  yaw  excursions. 
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Table  1.  Intake  Control  System  Summary 


Control  Mode 
Configuration 
or  Sequence 

Mach 

Number 

Range 

Intake  Components 

Centerbody 

Cowl  Throat 
Doors 

Primary  Bypass 
Doors 

Secondary 
Air  Valves 

Takeoff 

Doors 

RPM 

Trim 

Takeoff 

configuration 

Oto  0.5 

Fully 

extended 

Closed 

Closed 

Fully  open 

Unrestricted 

Inactive 

Noise  abate 
mode 

0  to  0.5 

Modulated  for 

Mth  =  0*85 

19%  open 

Closed 

Open 

Closed 

Inactive 

Run 

configuration 

0.5  to  1.2 

Fully 

extended 

Open 

Closed 

Open 

Closed 

Inactive 

Buzz  suppres¬ 
sion  mode 

1.2  to  2.9 

Fixed  at 

AXcb/p  ^ f  15 

Fixed  at 

ARTd/RLIP  =  0.09 

Modulated  to  position  normal 
shock  in  front  of  cowl  lip 

Closed 

Active 

Started  mode 
high  per¬ 
formance 

1.6  to  2.9 

Modulated 

for 

Mth  =  I  *25 

Scheduled 
function  of 
centerbody 
position 

Modulated  to  position  normal 
shock  downstream  of  intake 
throat  (i.e.,  just  aft  of  vortex 
valves) 

Closed 

Active 

Started  mode 
high  stability 

1.6  to  2.9 

Modulated 

for 

Mth  =  i  *3o 

Scheduled 
function  of 
centerbody 
position 

Modulated  to  position  normal 
shock  downstream  of  intake 
throat 

Closed 

Active 

Restart 

sequence 

1.6  to  2.9 

Retracted  at 
maximum  rate 

Fixed  at 

artd/rlip  =  0*0^ 

Modulated  to  position  normal 
shock  downstream  of 
translating  throat 

Closed 

Active 

Sympathetic 

unstart 

sequence 

1.6  to  2.9 

Commanded  to 
AXrp/R-i  rp  =1.15 

Commanded  to 

ARtd/rL1P  ~  0.09 

Commanded  closed 

Closed 

Active 

The  started  mode  uses  two  feedback  control  loops:  one  to  control  intake  throat  Mach  number  utilizing  the  translating  centerbody 
and  variable-position  cowl  throat  doors.  The  second  loop  controls  normal  shock  position  by  modulating  secondary  air  valves  and 
overboard  bypass  doors.  For  transient  off-design  throat  Mach  numbers  a  signal  path  (cross-coupling  function)  is  provided  between 
the  two  loops  to  maintain  started  intake  operation,  Hither  a  high-stability  or  a  high-performance  option  can  be  selected  during 
started  mode  control.  These  options  offer  a  choice  between  a  higher  intake  pressure  recovery  or  a  larger  stability  margin  from 
unstarts  caused  by  upstream  or  downstream  disturbances. 

In  the  buzz  suppression  mode  the  centerbody  and  cowl  throat  doors  are  commanded  to  fixed  positions  and  a  duct  pressure  ratio 
signal  is  used  to  modulate  the  secondary  air  valves  and  primary  bypass  doors  to  maintain  stable  intake  airflow.  The  resulting  nor¬ 
mal  shock  position  is  just  forward  of  the  cowl  lip  and  the  entire  intake  airflow  is  subsonic.  A  pressure  ratio  near  the  cowl  lip  is 
used  as  a  start/unstart  detector.  This  pressure  ratio  is  compared  to  a  reference  to  determine  whether  the  intake  controller  should 
be  in  the  started  or  buzz  suppression  mode.  Sensing  an  unstart,  this  detector  will  cause  the  intake  controller  to  automatically 
engage  the  buzz  suppression  mode.  Sensing  an  intake  start  after  initiation  of  a  restart  sequence  will  activate  the  started  mode. 

The  intake  is  restarted  at  the  most  opportune  time  following  an  unstart  and  the  establishment  of  buzz  suppression  control.  Flight 
crew  action  initiates  the  restart  sequence,  which  consists  of  the  following  control  system  actions: 

1)  The  centerbody  is  retracted  at  maximum  rate  from  the  fixed  buzz  suppression  position  while  the  cowl  throat  doors  remain 
open.  The  intake  throat  position  moves  downstream  from  the  cowl  lip  as  the  centerbody  is  retracted. 

2)  Simultaneous  with  the  centerbody  retraction,  the  buzz  suppression  control  signal  reference  is  decreased  causing  the  primary 
and  secondary  bypass  doors  to  open  and  ingest  the  normal  shock  just  downstream  of  the  intake  throat. 

3)  When  the  moving  normal  shock  crosses  the  start/unstart  detector,  the  control  system  automatically  switches  to  the  started 
mode  control  logic. 

4)  Using  the  cross-coupling  function,  the  intake  geometry  moves  to  the  high-stability  condition  of  the  started  mode. 

Activation  of  the  sympathetic  unstart  sequence  immediately  commands  the  centerbody  and  throat  doors  to  their  buzz  suppression 
positions  and  causes  the  primary  and  secondary  bypass  doors  to  close  and  unstart  the  intake. 

STEADY-STATE  CONTROL  SIGNALS 

The  intake  control  system  design  uses  a  system  of  pneumatic  pressure  taps  and  probes  located  within  the  intake.  Signals  from  these 
sources  are  used  as  the  feedback  parameters  for  control  loop  operation.  To  obtain  the  control  signal  characteristics,  steady-state 
wind  tunnel  measurements  were  made  with  intake  models  operating  over  a  wide  range  of  conditions.  The  results  of  these  tests  were 
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used  to  select  the  control  signal  tap  configurations  and  locations,  to  determine  the  control  signal  references,  and  to  define  the  con¬ 
trol  signal  gain  variation  for  elosed-loop  stability  analyses.  Control  signals  were  sought  which  eouid  utilize  constant  reference 
values,  or  references  which  could  be  scheduled  as  functions  of  parameters  available  within  an  intake  control  system.  This  was 
desired  in  order  to  keep  all  four  intakes  from  being  dependent  upon  an  airplane-generated  signal.  Reference  schedules  use  piece- 
wise  linear  functions  to  reduce  system  complexity  and  Increase  system  reliability.  In  addition,  it  was  desired  to  have  the  signal  slope 
be  uniform  over  a  wide  range  of  operating  conditions  in  order  to  maintain  the  desired  elosed-loop  response  and  to  minimize  prob¬ 
lems  of  closed-loop  stability.  Figure  1  shows  the  final  tap  configurations  and  locations  selected  for  closed-loop  testing. 

The  intake  throat  Mach  number  control  signal  pressure  source,  P^g,  is  obtained  from  a  manifold  of  several  static  pressures  just 
upstream  of  the  intake  throat.  Manifolding  in  this  manner  minimizes  the  adverse  effeets  on  the  P^g  signal  from  intake  oblique 
shocks  which  cross  the  pressure  taps  as  the  centerbody  translates.  The  location  upstream  of  the  throat  helps  to  reduce  the  effects 
of  the  normal  shock  boundary  layer  on  the  P^gsignal.  The  total  pressure  source,  P-pjsjs,  is  derived  from  a  conventional  total  pres¬ 
sure  probe  located  at  the  throat.  The  variation  of  the  intake  throat  Mach  control  signal,  Pcg/Pyi^g,  wit1'  centerbody  position  is 
shown  in  Figure  2  for  several  intake  Mach  numbers.  The  signals  in  the  mid  Mach  number  range  are  relatively  uniform  in  level  and 
slope,  whereas  variations  are  evident  at  the  higher  and  lower  Mach  numbers.  The  decreased  signal  level  at  the  higher  Mach  numbers 
is  associated  with  a  compression  wave  crossing  the  Pyyig  probe,  and  the  increased  level  at  the  lower  Mach  numbers  is  caused  by  the 
movement  of  the  cowl  throat  doors.  A  three-segment  reference  schedule,  as  a  function  of  centerbody  position,  is  readily  adapted 
to  these  characteristics  to  obtain  a  const  cat  'hre.  -  -VT1  -h  number  for  the  entire  operating  Mach  range.  Shown  in  the  plot  are  two 
such  schedules,  one  for  high  perforniav,rv  ai,^ S'.a  high  stability.  Tests  show  that  these  schedules  correspond  to  throat  Mach 
numbers  of  approximately  1 .25  and  1 .30,  respectively.  The  signal  gain  variation  across  the  Mach  range  is  ten  to  one. 


Figure  2.  Started  Mode-Intake  Throat  Mach  Control  Signals  and  Reference  Schedules 

Intake  angle-of-sideslip  operation  results  in  a  nonuniform  throat  Mach  number  distribution,  and  for  sufficiently  high  angles  of  side¬ 
slip,  one  segment  of  the  annular  throat  would  eventually  choke  and  unstart  the  intake  if  the  centerbody  position  is  not  changed. 
To  induce  compensating  centerbody  movement,  the  control  system  selects  the  maximum  reading  from  either  of  two  PCB  mani¬ 
folds  as  the  control  signal.  Because  the  airplane  wing  shields  the  intake  from  flow  angles  normal  to  the  wing  surface,  the  manifolds 
are  located  in  the  intake  sideslip  plane  at  90°and  270°.  Thus,  the  minimum  throat  Mach  number  during  intake  angle  of  sideslip  is 
held  approximately  constant. 

A  manifolded  series  of  static  pressure  taps  located  downstream  of  the  intake  throat  is  used  for  normal  shock  control.  The  average 
signal  from  two  manifolds  at  circumferential  positions  of  0*  and  1 80*  is  ratioed  to  the  throat  total  pressure  to  provide  a  Pns/ptNS 
signal  which  is  relatively  uniform  in  magnitude  and  slope  for  the  started  mode  Mach  number  range.  The  resulting  signals,  which  are 
used  to  modulate  the  primary  and  secondary  bypass  doors,  are  shown  as  a  function  of  full-scale  intake  corrected  airflow  for  several 
Mach  numbers  in  Figure  3.  These  control  signals  were  obtained  with  the  centerbody  at  the  on-design  high-performance  operating 
position  as  given  by  Figure  2.  A  Pjqs/PTNS  re^erencc  schedule  was  sought  which  would  control  the  normal  shock  just  on  the  verge 
of  vortex  valve  bleed  activation  during  high-performance  started  mode  operation.  Sueh  a  schedule  would  maintain  near-peak  pres- 


CONTROL  SIGNAL,  PnS/PTNS 
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Figure  3.  Started  Mode-Normal  Shock  Control  Signals  and  Reference  Schedule  for  H.P.  Option 

sure  recovery  and  approximately  5%  unstart  stability  margin  due  to  the  potential  vortex  valve  bleed.  The  high-performance 
Pfjs/PxNS  0Perat‘n8  line  and  the  associated  intake  recovery  along  this  operating  line  are  also  shown  in  Figure  3.  The  operating  line 
is  determined  by  scheduling  the  Pns^TNS  reference  with  centerbody  position  as  shown  in  Figure  4. 


Figure  4.  Started  Mode-Normal  Shock  Reference  Schedules 


Off-design  centerbody  and  cowl  throat  door  positions,  which  occur  transiently  during  restart  and  upstream  disturbances,  cause  the 
throat  Mach  number  to  change  from  its  design  condition.  The  sensitivity  of  tire  normal  shock  control  signal  to  off-design  throat 
Mach  number  operation  is  shown  in  Figure  5  for  two  intake  local  Mach  numbers.  During  high  throat  Mach  number  operation,  the 
value  of  the  Pjsjs/PtNS  s'8nal  at  intake  unstart  is  below  the  reference  level  established  by  centerbody  position  (Figure  4).  To  avoid 
intake  upstart  the  centerbody  control  loop  error  signal  which  exists  during  this  condition  is  utilized  in  a  cross-coupling  function  to 
bias  the  normal  shock  reference  schedule  down  to  a  level  which  would  maintain  a  started  intake  with  acceptable  performance.  Fig¬ 
ure  6  shows  this  function  as  it  was  implemented  for  closed-loop  testing. 


G  180“) 
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SOLID  SYMBOLS  OENOTES  SIGNAL  VALUE  AT  INTAKE  UNSTART 


FULL-SCALE  CORRECTED  WEIGHT  FLOW,  w/ei/&2  (LB/SEC) 

Figure  5.  Effect  of  "Off-Design  "  Throat  Mach  Number  on  Normal  Shock  Control  Signals 


THROAT  MACH  CONTROL  LOOP  ERROR  SIGNAL, CPcs  (PRUI 

Figure  6.  Normal  Shock  Reference  Schedule  Bias 
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The  control  signals  of  Figure  7  indicate  the  need  for  an  additional  bias  when  the  intake  is  operating  at  angle  of  sideslip.  Again,  the 
control  signal  level  at  unstart  is  below  the  scheduled  reference,  and  this  would  cause  the  overboard  and  secondary  doors  to  induce 
an  unstart.  The  angle-of-sideslip  signal  required  as  an  input  to  this  bias  is  provided  by  the  difference  of  the  two  intake  throat  Mach 
control  signals,  Pcb/pTNS-  F'Eure  8  shows  the  sensitivity  of  this  parameter  to  angle  of  sideslip.  Using  this  input  parameter,  the 
function  of  Figure  9  provides  the  necessary  bias.  The  observed  data  spread  of  Figure  8  requires  a  compromise  selection  for  the 
function.  This  schedule  will  maintain  a  started  intake  up  to  5*  intake  angle  of  sideslip.  Intake  sideslip  is  expected  to  remain  within 
2*  during  90%  of  all  flight  above  Mach  1 .6. 


FULL-SCALE  CORRECTED  WEK3HT  FLOW,  W  f§J/62  (LB/SEC) 


Figure  7.  Effect  of  Intake  Angle  of  Sideslip  on  Normal  Shock  Control  Signals 


INTAKE  ANGLE  OF  SIDESLIP,  ft  (DEGREES) 

Figure  8.  Intake  Angle  of  Sideslip  Indicator 
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INTAKE  ANGLE  OF  SIDESLIP  INDICATOR,  AFtB  /PTNS  AVG 


Figure  9.  Normal  Shock  Reference  Bias  An,  for  Intake  Angle  of  Sideslip  Operation 


I 

' 


The  start/unstart  signal  is  the  ratio  of  a  static  pressure,  P^,  located  between  the  throat  and  the  cowl  lip  and  the  throat  total  pres¬ 
sure,  P-j-NS-  The  static  pressure  used  is  the  maximum  of  two  static  taps  located  at  circumferential  positions  of  90'  and  270'  (Figure 
2).  The  value  of  this  pressure  ratio  is  shown  for  many  started  and  unstarted  intake  operating  conditions  in  Figure  1 0.  Also  shown 
in  Figure  10  are  the  start/unstart  reference  schedules.  If  the  intake  controller  is  in  the  started  mode  and  an  unstart  signal  is 
received,  the  buzz  suppression  mode  is  activated  and  the  start/unstart  reference  schedule  is  decreased  to  a  very  low  value  (see  the 
dashed  line  in  Figure  10),  This  is  done  by  the  system  logic  to  “lock  in”  the  buzz  suppression  mo-e.  Thus,  intake  buzz  or  rapid 
engine  airflow  fluctuations  which  yield  lower  max^TNS  signals  than  the  solid  line  reference  shown  in  Figure  10  cannot -cause 
the  intake  controller  to  switch  to  the  started  mode.  The  start/unstart  reference  schedule  is  reset  to  the  solid  line  shown  in  Figure 
10  upon  activation  of  the  restart  sequence. 

Stable  unstarted  intake  operation  and  low  compressor  face  distortion  are  provided  with  the  buzz  suppression  mode.  Using  the 
existing  P^s  and  PTNS  taP  locations,  the  Pnj/Ptns  buzz  suPPression  control  signals  for  Mach  2.65  and  2.10  are  shown  in  Figure 
1 1.  These  data  indicate  that  intake  airflow  may  be  stabilized  at  several  centerbody  and  throat  door  positions.  The  centerbody  and 
throat  door  positions  of  the  buzz  suppression  mode  (see  Table  1)  were  chosen  because  of  the  low  compressor  face  distortion 
associated  with  unstarted,  unchoked  throat  intake  operation.  For  the  fixed  centerbody  and  throat  door  positions  of  the  buzz 
suppression  mode,  the  compressor  face  distortion  and  corrected  airflow  supply  of  the  intake  are  shown  for  several  values  of  the 
Pfjs/Ptns  control  signal  in  Figure  1 2,  The  chosen  reference  value  of  0.75  provides  low  distortion  with  airflow  sufficient  to  meet 
engine  demands.  The  Pns/Pjns  reference  for  the  buzz  suppression  mode  is  shown  as  a  function  of  centerbody  position  in  Figure 
13.  A  constant  reference  value  may  be  used,  but  a  sloped  reference  will  help  suppress  buzz  following  an  intake  unstart.  Also  shown 
in  Figure  1 3  is  the  Pns^TNS  reference  used  during  the  restart  sequence.  The  level  of  this  reference  should  be  low  enough  to  start 
the  intake  before  the  centerbody  retracts  beyond  the  starting  area  ratio  of  the  intake.  The  centerbody  is  retracted  during  the 
restart  sequence  to  obtain  a  lower  throat  Mach  number  immediately  following  an  intake  start.  This  decreases  the  normal  shock 
Mach  number  and  the  associated  compressor  face  distortion. 


CONTROL  SIGNAL,  P£  'PTNS 


(PNS  ,PTNS>REF 
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CONTROL  SYSTEM  DESCRIPTION 


The  function  block  diagram  of  the  control  system  used  during  intake  operation  at  Mach  numbers  greater  than  1.2  is  shown  in  Fig¬ 
ure  14.  This  consists  of  the  started  and  buzz  suppression  modes  and  the  restart  and  sympathetic  unstart  sequences.  Started  mode 
operation,  the  normal  control  mode  above  Mach  1.6,  modulates  the  centerbody  to  control  the  throat  Mach  number  as  measured 
by  ^CB  max^TNS*  T^e  difference  between  the  control  signal  and  the  reference  schedule  is  amplified  by  a  nonlinear  gain,  K^g 
and  a  proportional  plus  integral  operator  is  used  to  obtain  an  actuator  position  command,  (X^g)c-  A  hydraulic  servocontrol  loop 
is  used  to  position  the* centerbody.  The  gains  and  time  constants  used  in  the  centerbody  controller  are  shown  in  Table  2.  The  vari¬ 
able  position  cowl  throat  doors  are  scheduled  with  centerbody  position  as  shown  in  Figure  15a.  The  nonlinear  gain,  K^g,  shown 


Figure  14.  Intake  Control  System 
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'  The  feedback  gain  during  centerbody  controller  operation  is  the  composite  of  the  aerodynamic  signal  gain  minus  the  reference 
schedule  gain.  The  nonzero  slopes  of  the  PcB^TNS  reference  schedule  as  a  function  of  centerbody  position  provide  additional 
negative  feedback  for  the  control  loop.  The  variation  of  the  composite  feedback  gain  is  expected  to  be  approximately  5: 1 .  A  pos¬ 
ition  loop  for  centerbody  actuation  is  used  primarily  to  obtain  overall  control-loop  accuracy  (i.e.,  the  servovalve  null  shift  is  elimi¬ 
nated  in  the  error  analysis).  A  theoretical  autonomous  limit  cycle  analysis  of  this  control  loop  yielded  negligible  throat  Mach  num¬ 
ber  variations. 

The  secondary  air  valves  and  overboard  bypass  doors  control  the  normal  shock  position  as  measured  by  the  P^s^TNS  contr°l 
signal  in  the  started  inode.  The  forward  loop  gain,  is  linear,  and  a  lead-lag  compensation  filter  in  addition  to  a  proportional 
plus  integral  operator  is  used  to  obtain  the  secondary  air  valve  actuator  position  command,  (Xg^C*  The  overboard  bypass  door 
actuator  position  command  (Xgy)c  a*so  uses  a  proportional  plus  integral  operator,  with  the  input  signal  being  Xg^  minus  a  con¬ 
stant  (BPR)  plus  the  parallel  path  output,  f(Kpp).  For  small  error  signals,  ePjsjg.  the  normal  shock  control  is  of  the  follow-up 
type. 

That  is,  overboard  bypass  door  rate  is  dependent  on  secondary  air  valve  position.  For  large  error  signals,  the  control  used  is  of  the 
follow-up  plus  parallel  type  where  both  surfaces  respond  directly  to  the  error  signal.  The  gains  and  time  constants  used  in  this  loop 
are  given  in  Table  3.  The  normal  sh^r.Keontrol  loop  was  designed  from  a  theoretical  performance  and  stability  analysis  which 
included  several  items:  (1)  an  au  V  m\s  limit  cycle  analysis  yielded  results  indicating  the  need  for  a  trimmer  door  (secondary  air 
valve)  to  reduce  normal  shock  and are  recovery  oscillations,  (2)  stability  analyses  indicated  the  need  to  keep  the  overboard 
bypass  door  gain  Kpy  low,  (3)  performance  studies  showed  the  need  for  an  overboard  bypass  door  kicker  (or  parallel  path)  circuit 
to  maintain  a  started  intake  during  normal  engine  decelerations,  (4)  control  signal  data  for  normal  operation,  angle  of  attack,  and 
restart  indicated  the  loop  would  have  to  be  stable  for  control  signal  gain  variations  of  approximately  10: 1 ,  and  (5)  aerodynamic 
nacelle  drag  studies  showed  the  obvious  need  to  keep  the  overboard  bypass  doors  closed  during  normal  and  hot-day  cruise. 

The  values  for  the  parallel  path  circuit  deadzone,  App,  and  gain,  Kpp,  were  chosen  to  maintain  a  started  intake  when  the  disturb¬ 
ance  is  an  engine  airflow  deceleration  from  maximum  augmented  operation  to  idle.  The  control  concept  for  the  parallel  path  cir¬ 
cuit  was  determined  using  a  discrete  disturbance  (i.e.,  an  engine  deceleration)  which  can  be  approximated  by  a  ramp  function.  If  ' 
Kpp  is  too  large,  the  bypass  doors  will  oscillate  during  this  transient  and  the  intake  can  unstart. 


Table  3.  Bypass  System  Control-Loop  Design 


Parameter 

Symbol 

Engineering  Units 

Overall  loop  gain  for  Aja 

Ky 

sec'* 

Secondary  valve  gain 

ksa 

l(ASA/Aup)/sec)/PRU 

Compensation  time  constants 

Tl 

sec 

t3 

sec 

Secondary  valve  controller  time  constants 

t2 

sec 

t4 

sec 

Break  point  reference 

BPR 

0.070  ASA/Aup 

Overall  loop  gain  for  Agy 

ka 

-2 

sec 

Overboard  bypass  door  controller  gain 

kby 

[ABY/ALip)/sec]/(ASA/ALjp) 

Overboard  bypass  door  controller  time 

TS 

sec 

constants 

T6 

sec 

Parallel  path  gain 

Kpp 

sec 

Parallel  path  deadzone 

App 

(ASa/aUP)/*c 

The  variable-geometry  components  of  the  intake  are  positioned  with  hydraulic  actuators  controlled  with  closed-loop  servo  sys¬ 
tems.  The  position  coordination  (PC)  circuits  (Figure  14)  used  as  feedback  on  the  centerbody,  secondary  air  valve,  and  bypass 
door  position  command  integrators  prevent  the  integrators  from  demanding  rates  in  excess  of  actuator  capability.  A  general  PC 
circuit  is  shown  in  Figure  1 6,  where  Ap^  is  set  to  a  voltage  20%  greater  than  the  error  voltage  associated  with  maximum  actuator 
rate.  The  gain,  Kp^,  is  high.  Thus,  if  the  actuator  is  traveling  at  maximum  rate,  the  electronic  integrator  is  prevented  from  “over- 
integrating”  the  command  position. 

The  engine  RPM  trim  loop,  shown  in  Figure  1 7,  is  used  for  cold-day  engine/intake  airflow  matching;  this  loop  was  not  simulated 
for  the  1 /6-scale  test.  During  cold-day  operation,  when  engine  weight  flow  increases,  the  overboard  bypass  doors  will  be  fully 
closed  and  the  secondary  air  valves  will  close  to  the  minimum  cooling  schedule  (see  Figure  18).  If  the  day  is  sufficiently  cold,  the 
engine  will  pull  the  normal  shock  downstream,  lowering  the  intake  recovery  to  achieve  a  corrected  airflow  match.  When  the  result¬ 
ing  normal  shock  error  signal,  ePjqg,  becomes  greater  than  -0.04  PRU,  the  RPM  trim  motor  will  integrate  down  to  lower  the  engine 
airflow  demand  and  decrease  the  magnitude  of  the  error  signal.  The  -0.04  level  of  error  signal  was  chosen  to  keep  the  normal  shock 
from  moving  far  downstream  and  causing  high  distortion.  The  minimum  cooling  schedule  provides  the  minimum  airflow  level 
needed  to  cool  the  secondary  nozzle.  The  secondary  air  valves  are  prevented  from  closing  below  this  schedule  by  using  a  high-gain 
feedback,  around  the  secondary  air  valve  position  command  integrator  (Figure  14). 
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Figure  16.  Generalized  PC  Circuit 
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Figure  17.  Engine  Trim  Control 


Figure  18.  Secondary  Air  Valve  Minimum  Cooling  Schedule  - 


The  secondary  air  valves  and  overboard  bypass  doors  are  controlled  during  the  buzz  suppression  mode  with  the  same  loop  as  the 
started  mode.  A  control  loop  gain  change  was  not  necessary  because  the  buzz  suppression  control  signal  gains  were  compatible 
with  the  started  mode  gains.  The  buzz  suppression  control  signal  gains  were  relatively  invariant  with  intake  freestream  conditions. 


Time  Scaling  the  Test  Controller 

A  comparison  of  the  relative  sizes  of  the  full-scale  intake  and  the  1 /6-scale  intake  model  and  flow  sting  is  shown  in  Figure  19.  The 
long  flow  sting  used  to  obtain  an  accurate  calibration  of  airflow  on  the  1 /6-scale  intake  significantly  affects  the  duct  dynamics 
(i.e.,  transfer  function)  between  the  secondary  air  valves  (and  bypass  doors)  and  the  normal  shock  position.  Using  a  small- 
perturbation  mathematical  model,1 a  comparison  of  the  theoretical  duct  dynamics  during  started  intake  operation  is  given  in 
Figure  20.  These  characteristics  are  similar  for  unstarted  intake  operation.  The  comparison  shows  that  for  frequencies  less  than  40 
rad/sec  the  1 /6-scale  intake  as  installed  is  slower  than  the  full-scale  intake.  The  pneumatic  lines  and  sensors  used  on  the  1 /6-scale 
model  were  faster  than  those  expected  to  be  used  with  the  full-scale  model;  therefore,  the  combined  theoretical  frequency 
response  of  duct,  line,  and  sensor  was  found  to  be  approximately  the  same  for  both  models  in  tlus  frequency  range.  Since  the  full- 
scale  bypass  door  (normal  shock)  control  loop  was  designed  to  have  a  maximum  closed-loop  frequency  response  of  approximately 
30  rad/sec  for  the  highest  expected  control  signal  gain,  the  1  /6-scale  bypass  door  controller  was  tested  in  real  time  relative  to  the 
full-scale  bypass  door  controller.  The  aerodynamic  response  of  throat  Mach  number  to  centerbody  movement  during  started 
intake  operation  is  essentially  negligible  for  both  models.  Thus,  the  centerbody  control  loop  was  also  tested  in  real  time. 
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Test  Model  Geometry 

Simulating  tile  dynamics  of  the  full-scale  intake  and  controller  with  the  test  model  is  accomplished  using  the  full-scale  normalized 
gains  and  maximum  rates.  This  is  easily  done  for  centerbody  control  since  both  full-  and  I  /6-scale  intakes  have  centerbody  trans¬ 
lations  that  are  integral  with  actuator  strokes.  The  maximum  centerbody  extension  is  1.25  Ryp  in.  Similarly,  the  openings  versus 
actuator  strokes  of  the  throat  doors  and  secondary  air  valves  of  the  1 /6-scale  model  closely  approximate  those  of  the  full-scale 
intake.  The  throat  door  opening  versus  actuator  stroke  of  the  model  is  essentially  linear  with  actuator  stroke  and  has  a  maximum 
displacement,  (AR/R[jp)inax,  of  0.09  units  as  measured  at  an  axial  location  of  1.83  R[jpin.  (i.c.,  the  throat  station)  aft  of  the 
intake  cowl  lip,  The  normalized  displacement  of  the  secondary  air  valves  for  the  model  is  shown  in  Figure  21.  Also  shown  in  Fig¬ 
ure  20  is  the  normalized  bypass  door  opening  with  actuator  stroke  for  the  model.  Since  the  full-scale  design  incorporates  a  non-  j 

linear  bypass  door  opening  with  actuator  stroke  that  can  be  closely  approximated  with  a  logarithmic  function,  the  bypass  door 
controller  gain,  Kgy»  lor  the  1  /6-scale  model  is  scheduled  with  actuator  position  as  shown  in  Figure  22.  Thus,  this  function  is  used 

on  the  I  /6-scale  controller  to  simulate  full-scale  bypass  door  dynamics.  ] 

1 
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CONTROLLED  INTAKE  TIME  HISTORIES 

The  1 /6-scale  intake  including  controller  was  wind  tunnel  tested  between  Mach  1.6  and  2.9.  Analog  computers  simulated  the  con¬ 
troller.  The  responses  of  the  controlled  intake  were  measured  during  simulated  airplane,  engine,  and  environmental  transient 
disturbances. 

Plug  Transients  (Engine  Airflow  Disturbances) 

The  intake  throat  Mach  number  is  not  affected  by  engine  airflow  disturbances  in  the  started  mode;  hence,  plug  transients  provide  a 
means  of  assessing  secondary  air  valve/bypass  door  control  loop  stability  and  performance.  Maintaining  a  started  intake  during  a 
2-sec  engine  throttle  chop  from  maximum  augmentation  to  idle  is  the  minimum  performance  requirement  of  this  loop.  The  engine 
corrected  airflow  deceleration  rate  and  magnitude  of  change  at  Mach  2.65  for  this  disturbance  are  70  lbm/sec^  for  a  change  of  20 
lbn)/see.  At  Mach  2.1  these  values  are  1 05  lbm/sec^  for  a  change  of  50  lbm/sec. 

Time  histories  in  Figure  23a  at  Mach  2.65  in  the  high-performance  option  of  the  started  mode  show  ramp  plug  transients  with  a 
fixed  magnitude  of  change  of  37  lbm/sec  and  increasing  deceleration  rates.  The  intake  remained  started  for  a  deceleration  rate  of 
60  Ib^/sec^  but  unstarted  for  a  deceleration  rate  of  80  lbm/sec^.  The  controller  gains  for  this  run  were  the  design  values  listed  in 
Table  3.  Since  this  run  was  apnroximn 8%  more  severe  in  magnitude  of  change  than  the  requirement,  the  control  loop  should 
meet  the  above  performan«^^*4ircv’-;2*li:'  Mach  2.65  without  difficulty.  Ramp  plug  transients  with  a  magnitude  of  change  of  55 
lbm/sec  and  increasing  deceleration  rai-ivv-ere  input  at  Mach  2.1.  With  the  design  control  loop  gains  in  effect,  the  intake  remained 
started  for  deceleration  rates  up  to  210  Ibm/sec^.  The  improved  performance  at  this  lower  Mach  number  is  due  to  higher  control 
signal  gain,  9(Pns/Ptns)/3(A/Ajjp)!  The  time  history  for  this  run  is  shown  in  Figure  23b.  The  above  plug  transients  that  did 
not  unstart  the  intake  were  generally  accompanied  by  negligible  changes  in  engine  face  distortion  and  pressure  recovery. 

Maeh  Transients 

Two  types  of  Mach  transients  were  simulated  to  determine  the  feasibility  of  using  the  centerbody  position  to  schedule  eontrol 
signal  reference  values  and  to  evaluate  the  response  of  the  eenterbody  to  upstream  disturbances  during  the  started  mode.  A  rela¬ 
tively  slow  Mach  number  variation  from  2.65  to  1 .9  with  the  plug  concurrently  opened  to  simulate  increasing  engine  airflow  was 
used  to  demonstrate  the  validity  of  scheduling  the  reference  values  with  centerbody  position.  The  centerbody  extended  with 
decreasing  Mach  number  in  response  to  varying  PcB^TNS  s*8na^  and  reference  schedule  changes.  The  scheduled  references, 
Pcb/PtNS  an^  ^NS^TNS’  ma*ntained  the  pressure  recovery  greater  than  90%  during  the  entire  transient. 

Mach  ramps  with  faster  rates  but  small -magnitudes  of  change  were  u-ed  to  evaluate  dynamic  centerbody  response  and  stability 
characteristics.  A  series  of  such  ramps  with  changes  between  Mach  2.60  and  2.50  and  rates  up  to  0.8  Mach/sec  are  shown  in  Figure 
24.  The  eontrol  system  kept  the  intake  started  for  transients  up  to  0.8  Mach/sec;  design  requirements  specify  0.6  Mach/sec  for  a 
Mach  change  of  0.1.  The  nonlinear  gain,  K^g,  utilized  in  the  loop  gave  quite  rapid  centerbody  response  in  the  extend  direction  as 
compared  to  the  retract  direction,  but  the  overshoot  is  small.  The  test  thus  confirmed  the  dynamic  advantages  of  the  nonlinear 
gain,  as  well  as  the  stability  of  the  centerbody  control  loop.  During  these  transients  the  secondary  air  valves  and  bypass  doors 
responded  to  the  Pjqs/PxNS  s*8nal  and  reference  changes,  and  these  responses  also  indicate  excellent  stability. 

It  should  be  noted  that  when  the  Mach  number  increases,  the  secondary  air  valves  and  overboard  bypass  doors  start  in  what 
appears  to  be  the  wrong  direction  by  opening,  and  then  as  the  centerbody  retracts,  they  close.  There  are  two  reasons  for  this  initial 
response:  (1)  the  ramp  local  Mach  number  increase  causes  the  intake  throat  Mach  number  to  increase  transiently,  and  this  activates 
the  cross-coupling,  Aq-,  circuit  to  drive  the  bypass  system  open,  and  (2)  the  transient  increase  in  throat  Mach  results  in  an 
increased  shock  Mach  with  an  associated  lower  recovery,  which  drives  the  normal  shock  into  the  vortex  valves,  and  the  vortex  valve 
bleed  increases  the  P^S^TNS  contr°I  signal,  which  also  helps  drive  the  bypass  system  open.  The  combination  of  these  two  events 
prevents  an  intake  unstart.  Vortex  valve  bleed  is  also  used  during  decreasing  Mach  ramps.  When  local  Mach  is  decreased  the  intake 
throat  Mach  number  is  decreased  but  the  corrected  airflow  supply  of  the  intake  is  increased.  Since  the  engine  corrected  airflow 
demand  is  constant  (i.e.,  plug  position  is  fixed),  the  normal  shock  moves  forward  into  the  vortex  valve  to  establish  an  intake  dif¬ 
fuser  airflow  balance.  The  vortex  valve  bleed  again  causes  the  bypass  system  to  open  and  the  normal  shock  just  aft  of  the  valve  is 
quickly  stabilized. 

Angle-of-Sideslip  Transients 

The  intake  was  subjected  to  both  slow  and  fast  angle-of-sideslip  changes  while  operating  in  the  high-performance  option  of  the 
started  mode.  Figure  25  shows  the  intake  operation  at  Mach  2.6  as  the  intake  angle  of  sideslip  was  varied  slowly  from  +5*  to  -5°. 
The  eenterbody  extended  as  a  result  of  controlling  the  P^g  max^TNS  s^na^  anc*  the  intake  remained  started  over  the  test  range; 
however,  at  a  5*  angle  of  sideslip  the  pressure  recovery  dropped  to  57%.  and  the  distortion  level  was  23%.  Since  probability  esti¬ 
mates  indicate  that  the  intake  is  not  expeeted  to  see  local  angles  of  incidence  greater  than  2  at  high  Mach  numbers,  the  perform¬ 
ance  during  the  brief  stop  at  -3*  is  more  significant.  Here  the  recovery  was  75%  and  the  distortion  only  10%. 

The  intake  was  subjected  to  fast  3°  angle-of-sideslip  ramps  at  increasing  rates  to  demonstrate  dynamic  angle-of-sideslip  capability. 
The  time  histories  of  Figure  26  show  no  unstarts  at  the  maximum  rate  of  3  deg/sec.  The  recovery  varied  between  69%  and  87% 
and  the  distortion  between  6%  and  1 2%.  Notice  that  as  the  angle  of  sideslip  is  approaching  zero  from  either  minus  or  plus  3*,  the 
cross-coupling  function,  provides  a  bias  to  lower  the  Pjqs^TNS  reference  as  the  magnitude  of  the  A^  bias  is  decreasing  to 
zero.  This  is  because  the  slower  retract  capability  of  the  centerbody  allows  the  throat  Mach  number  to  become  greater  than  1 .25 
and  the  cross-coupling  bias  is  activated.  This  bias  is  necessary  to  prevent  the  secondary  air  valves  and  bypass  doors  from  closing  and 
unstarting  the  intake. 
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Restart,  System  Unstart,  and  Buzz  Suppression 

The  time  histories  of  a  restart  sequence  followed  by  the  activation  of  the  high-stability  started  mode,  and  a  sympathetic  unstart 
sequence  followed  by  activation  of  the  buzz  suppression  mode  at  Mach  2.65  are  shown  in  Figure  27.  The  (Pns^TNS^REF  str*P 
chart  recording  shown  in  this  figure  indicates  the  mode  of  controller  operation.  The  time  history  begins  with  the  control  system  in 
the  buzz  suppression  mode.  Initiation  of  the  restart  sequence  causes  the  centerbody  to  retract  and  the  bypass  system  to  open. 
When  the  Pc/PjN S  control  signal  indicates  that  the  intake  has  started,  the  controller  automatically  switches  to  the  high-stability 
option  of  the  started  mode.  The  throat  doors  are  commanded  to  close  via  the  schedule  of  throat  door  position  with  centerbody 
position  (see  Figure  15).  The  controller  moves  the  intake  to  the  high-stability  operating  point  using  the  cross-coupling  function, 
Ace  The  distortion  during  the  shock  swallowing  transient  is  quite  high,  with  a  peak  at  about  30%  following  initiation  of  the 
started  mode. 

The  intake  was  then  unstarted  by  selecting  the  sympathetic  unstart  sequence.  The  sequence,  which  sets  the  Pjsjg/PxNS  reference  to 
1 .0  PRU,  unstarted  the  intake  within  0.4  sec  and  caused  a  buzz  condition.  To  suppress  this  condition,  a  buzz  detector  circuit  was 
implemented  in  addition  to  the  scheduled  Pns/PtNS  re^erence  f°r  the  buzz  suppressor  mode.  The  buzz  detector  circuit  is  a 
dynamic  device  that  detects  an  oscillation  in  the  P^s/PxNS  s^nal  between  frequencies  of  7  and  14  Hz  (the  expected  intake  buzz 
frequency  range)  and  has  an  output  proportional  to  the  magnitude  of  the  input  oscillation.' Moreover,  the  output  increases  quite 
rapidly  with  the  onset  of  buzz,  but  decays  to  zero  more  slowly  with  the  suppressing  of  buzz.  The  output  of  this  device  is  shown  in 
Figure  27. 

Figure  28  shows  a  restart  sequence  at  Mach  2.1.  After  starting,  the  centerbody  overshoots  the  design  position  because  the  throat 
doors  are  open.  As  the  throat  doors  close,  centerbody  motion  reverses,  and  the  centerbody  extends  to  the  design  position  as  deter¬ 
mined  by  the  high-stability  P^g/Pj^greference  and  control  signal.  In  this  restart  case,  the  high-performance  option  was  selected 
about  5  sec  after  the  start,  and  the  recovery  increased  from  approximately  88%  to  90.5%.  Figure  29  shows  a  restart  sequence  at 
Mach  2.65  with  the  intake  at  a  -2*  angle  of  sideslip.  The  restart  sequence  is  successful  despite  considerably  turbulent  control 
signals. 


CONCLUSIONS 

The  control  system  described  is  designed  to  meet  the  following  basic  objectives: 

1 )  be  accurate  to  maintain  peak  intake  performance 

2)  be  relatively  self-contained  for  reliability 

3)  contain  self-generated  information  of  intake  local  sideslip  and  Mach  gradients  to  maintain  a  started  intake  during  these  local¬ 
ized  disturbances 

o 

4)  contain  sufficient  transient  performance  to  meet  expected  atmospheric  and  engine  disturbances 

The  accuracy  and  self-containment  of  the  control  system  are  maintained  by  scheduling  the  intake  pressure  ratio  references  with 
centerbody  position  and  biasing  these  references  with  controller  error  signals  for  intake  sideslip  and  off-design  throat  Mach  number 
conditions.  Controlling  to  near-peak  intake  recovery  while  maintaining  a  started  intake  during  atmospheric  and  engine  disturbances 
is  obtained  using  vortex  valves  as  an  auxiliary  normal  shock  stability  system. 

The  intake  control  system  design  requires  a  minimum  of  flight  crew  action  and  monitoring.  This  is  provided  by  using  dual  redun¬ 
dant  automatic  control  systems  on  each  intake.  A  manual  backup  control  system  was  deemed  unfeasible  because  of  the  difficulty 
and  complexity  of  displaying  information  with  sufficient  accuracy  to  allow  for  manual  operation  even  close  to  peak  recovery. 

Thus  a  second  automatic  control  channel,  with  only  minor  inode  selection  required  of  the  pilot,  was  deemed  necessary  to  ensure 
continued  high  intake  performance  following  an  in-flight  malfunction. 
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Exhaust  nozzle  drag  is  often  a  significant  part  of 
total  airplane  drag  but,  unfortunately,  accurate  techniques  for 
predicting  nozzle  internal/external  flow  interactions  are  not 
yet  known.  For  example,  the  viscous  mixing,  or  entrainment,  of 
surrounding  flow  created  by  high  velocity  exhaust  jets  has  a 
definite  effect  on  external  drag;  however,  at  the  present,  this 
phenomenon  cannot  be  calculated.  The  same  holds  true  for  other 
effects,  such  as  jet  plume  shape,  nozzle  contour,  free-stream 
Mach  number,  etc.  To  aid  nozzle  analysis  in  areas  where  analyti¬ 
cal  methods  are  lacking,  the  Convair  Aerospace  Division  of 
General  Dynamics  recently  conducted  a  wind-tunnel  program  to 
investigate  and  measure  the  external  drag  characteristics  of 
several  nozzles  at  both  on-  and  off-design  exhaust  conditions. 

This  study  involves  nozzles  of  the  centerbody  plug,  the  con¬ 
vergent,  and  the  convergent-divergent  types.  In  addition, 
flow-through-nacelle  nozzles  and  solid-wall  jet  plume  simulators, 
each  used  frequently  in  airplane  model  tests,  were  included  in 
the  program.  The  data  from  these  subsonic  tests  were  substan¬ 
tiated  by  comparison  with  National  Aeronautics  and  Space  Adminis¬ 
tration  data  in  the  cases  where  model  configurations  were  similar. 
Results  of  the  General  Dynamics  tests  show  large  changes  in 
external  drag  with  variations  in  exhaust  flow,  and  describe  the 
behavior  of  jet  plume  shape  and  entrainment  effects.  The  results 
also  provide  insight  into  methods  for  simulating  exhaust  flow 
effects  on  airplane  models  which  do  not  incorporate  high-pressure 
exhaust  flow. 


SYMBOLS 


■=  cross-sectional  area 
=  nozzle  expansion  ratio 
=  boattail  drag  coefficient,  ( qA^) 
=  boattail  pressure  drag  coefficient, 

/  P-Po\ 

=  pressure  coefficient,  \  q0  / 

=  diameter 
=  length 

=  boattail  fineness  ratio 


=  freestream  Mach  number 
=  nozzle  pressure  ratio,  Ptq/Pq 
=  total  pressure 
-  static  pressure 
~  dynamic  pressure,  % 

*»  distance 


CpdA 
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SYMBOLS  (Cont'd) 


V 

a 

P 

p 

b 


velocity 

solid-wall  extension  angle,  angle  between  solid- 
extension  exterior  and  axial  direction 

boattail  chordal  angle,  angle  between  axial 
direction  and  line  connecting  the  boattail 
tangency  point  at  dj,,  with  the  boattail  trailing 
edge 

nozzle  internal  convergence  angle 
nozzle  internal  divergence  angle 
gas  densiiy'h'^^ 

SUBSCRIPTS 


boattail  base 


®  =  nozzle  exhaust  station 

m  =  maximum 

o  =  free-stream 


T  =  total 

©  »  nozzle  internal  throat  station 


INTRODUCTION 

In  less  than  70  years,  aviation  has  progressed  from  aircraft  with  maximum 
speeds  comparable  to  that  of  an  automobile  to  present-day  aircraft  capable  of  flight 
measured  in  multiples  of  the  speed  of  sound.  Along  with  growth  in  airplane  size  and 
speed,  advances  in  technology  have  also  made  it  possible  to  attain  more  aircraft  per¬ 
formance  for  the  same  amount  of  expended  fuel.  Part  of  the  efforts  to  continue  this 
trend  is  the  work  being  done  to  extend  knowledge  concerning  airframe/propulsion  system 
integration  (Reference  1) .  A  considerable  portion  of  this  effort  is  aimed  at  examining 
in  detail  the  manner  in  which  jet  engine  inlets  and  nozzles  interact  with  external  flow 
fields  and  the  resulting  effects  on  system  performance. 

In  this  paper,  the  effects  that  nozzle  exhaust  flows  have  on  surrounding 
flow  fields  are  examined.  Specifically,  emphasis  is  placed  on  the  flow  fields  en¬ 
veloping  the  exhaust-nozzle  exterior,  which,  in  terms  of  performance,  creates  "boattail 
drag"  forces. 


PROBLEM  STATEMENT 

Sketches  of  various  types  of  nozzles  with  the  nomenclature  to  be  used  are 
presented  in  Figure  1.  The  nozzles  shown  are  representative  of  non-afterburbing  engine 
operation  during  subsonic  flight.  This  condition  corresponds  to  a  maximum  amount  of 
boattail  aft-facing  projected  area  as  compared  to  afterburning,  in  which  the  nozzle 
exhaust  opens  and  the  exterior  approaches  a  cylindrical  shape. 

Because  of  geometrical  differences,  each  nozzle  type  produces  its  own 
characteristic  plume  shape.  And,  of  course,  jet  plumes  change  during  flight  as  changes 
occur  in  nozzle  pressure  ratio  (exhaust  jet  total  pressure  divided  by  free-stream  static 
pressure)  . 


Related  to  these  circumstances  is  the  situation  that  results  during  scale 
model  testing  when,  for  one  reason  or  another,  the  model  is  not  provided  with  engine 
pressure- ratio  exhaust  jets.  In  such  instances,  a  hollow  "flow-through"  nacelle,  such 
as  shown  in  Figure  2,  often  takes  the  place  of  the  propulsion  system  and,  sometimes, 
a  tubular  sleeve  is  attached  to  the  nozzle  in  an  effort  to  simulate  a  plume  (Reference 
2).  A  plug-type  engine  nozzle  and  its  corresponding  airplane  force-model  nozzle  are 
shown.  .Both  have  identical  external  boattails,  but  there  are  two  important  differences 
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between  these  nozzles.  First,  the  force-model  nozzle  centerbody  plug  is  smaller  than 
that  of  the  engine  plug  in  order  to  allow  enough  flow  to  pass  through  the  nacelle  for 
proper  inlet  mass-flow  setting.  The  force-model  plug  is  usually  truncated  at  the  exit 
to  ease  measurement  of  its  drag  force,  which  is  subsequently  subtracted  from  the  overall 
airplane  force  data.  Second,  because  the  nozzle  pressure  ratio  of  force-model  nozzles 
is  determined  by  free- stream  Mach  number  and  flow- through-nacelle  duct  losses,  force- 
model  nozzles  always  "operate"  at  much  lower  pressure  ratios  than  engine  nozzles. 
Similarly,  the  force-model  counterpart  of  a  non-plug  engine  nozzle  has  a  larger  throat 
area  and  lower  pressure  ratios;  hence,  the  boattail  shape  for  these  two  nozzles  becomes 
different.  In  any  case,  applying  jet-plume  simulation  to  scale  models  presents  a 
formidable  problem,  one  that  requires  detailed  attention. 

The  above  situations  lead  to  the  following  questions: 

1.  With  the  realization  that  during  subsonic  flight  an  engine 
exhe.a'rfSpjlume  has  the  potential  of  propogating  flow-field 
dist.v'fc  .'•ices  both  upstream  and  downstream  of  the  nozzle 
exit,  how  strong  is  this  effect  on,  for  example,  nozzle 
boattail  drag,  and,  if  these  effects  are  significant,  what 
factors  cause  them  to  occur? 

2.  How  can  knowledge  concerning  jet-interference  effects 
be  applied  to  airplane  scale  models  that  do  not  incor¬ 
porate  engine-pressure-ratio  exhaust  flow? 


METHOD  OF  APPROACH 


Fully  answering  the  above  questions  is  difficult  since  there  obviously  are 
an  infinite  number  of  possible  airplane/engine-nozzle  combinations,  each  with  its  own 
characteristic  performance.  Nevertheless,  worthwhile  descriptions  of  jet  interference 
effects  and  trends  can  be  derived  to  some  extent  by  examining  specific  cases.  With 
this  in  mind,  a  series  of  isolated  nozzles  were  wind-tunnel-tested  to  examine  jet  effects 
on  boattail  drag.  Note  that,  in  this  instance,  attention  is  focused  primarily  on  the 
jet  effects  rather  than  on  the  resulting  absolute  drag  levels.  This  distinction  is 
important  because  the  drag  levels  of  nozzles  installed  in  an  aircraft,  as  opposed  to 
the  same  nozzles  isolated,  will  depend  on,  in  addition  to  jet  effects,  the  flow-field 
interference  produced  by  surrounding  structure. 


TYPICAL  ENGINE  EXHAUST  NOZZLES 


•CONVERGENT 

TYPE 


•  CONVERGENT- 
DIVERGENT 
TYPE 


NOMENCLATURE: 


NOZZLE  CONNECT  STATION  (NCS) 


©  =  NOZZLE  THROAT 
©  =  NOZZLE  EXHAUST  PLANE 


•  — NOZZLE  EXPANSION  RATIO 

A© 

•  j8  =  BOATTAIL  CHORDAL  ANGLE 

•  L/dNCS=  NOZZLE  FINENESS  RATIO 

•  %=  NOZZLE  PRESSURE  RATIO  (N PR) 
Po 
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-  Figure  2  - 


Nozzle  testing  was  performed  in  a  continuous -flow  wind  tunnel  having  a  j 

subsonic  free-jet  test  section.  A  schematic  of  the  tunnel  is  presented  in  Figure  3.  A  I  / 
steam-ejector  system  pulls  outside  air  into  a  12-foot -wide  bellmountK inlet  from  which  !/ 

the  air  then  flows  through  a  9-1/4-inch-wide  square  channel.  This  channel  terminates  I 

inside  a  large  plenum  chamber,  and  it  is  here  that  a  subsonic  free-jet  test  section  is 
formed.  At  a  Mach  number  of  .85,  the  Reynolds  number  per  foot  in  this  section  is 
4  x  106.  A  nozzle  forebody  support  pipe  extends  through  the  center  of  the  test  section 
and  serves  to  deliver  pressurized  exhaust  flow.  The  nozzle  flow  is  not  heated,  thus 
its  total  temperature  is  ambient.  Measurements  show  that  the  external  flow  on  the,  pipe 
at  the  nozzle  connect  station  has  a  "turbulent  boundary  layer  with  a  thickness  approxi-  1 

mately  17  percent  that  of  the  pipe  diameter.  An  aft -fuselage  nozzle  installation  would  ,  | 

involve  boundary- layer  heights  ijpat  this  value,  whereas  a  podded-nacelle  nozzle  installs-  \'\ 

t£on  would  normally  involve  less  boundary- layer  growth.  All  the  configurations  have  A 

circular-arc  boattails  tangent  at  the  nozzle -connect  station  (maximum  diameter).  The  U 

forebody  support  pipe  is  cylindrical  and  attaches  at  this  station.  All  the  nozzles 
are  axisymmetric  and  have  identical  maximum  diameters. 

A  problem  that  frequently  arises  in  nozzle  analysis  involves  the  generalized 
use  of  published  subsonic  boattail  drag  data,  the  majority  of  which  concerns  purely 
convergent  nozzles  (minimum  internal  flow  area  located  at  the  nozzle  exit  plane) .  With 
the  advent  of  higher-pressure-ratio  engines,  published  data  may  not  be  directly  appli¬ 
cable  to  nozzle  concepts  that  incorporate  slight  amounts  of  internal  flow  expansion 
during  subsonic  flight.  If  the  nozzle  expansion  ratio  is  greater  than  unity,  then 
changes  in  internal  flow  conditions  occurring  downstream  of  the  nozzle  throat  create 
external  exhaust  plumes  unlike  those  of  convergent  nozzles.  In  turn,  boattail  flow  can 
possibly  be  altered  by  such  changes  in  exhaust  jet  conditions.  The  issue  is  then 
whether,  for  a  given  boattail  shape,  changes  in  internal  expansion  ratio  significantly 
affect  external  drag.  To  help  resolve  this  question,  the  convergent  and  convergent- 
divergent  nozzles  shown  in  Figure  4  were  tested. 

As  stated  earlier,  emphasis  is  placed  on  examining  jet  exhaust  effects  on 
boattail  drag.  Therefore,  comparisons  of  the  nozzles  in  Figure  4  are  made  on  the  basis 
of  varying  the  exhaust  flow  conditions  while  retaining  the  identical  nozzle  exterior. 

This  approach  is  different  from  the  methods  used  to  choose  the  optimum  nozzle  for  a 
given  thrust-class  engine  (particular  throat  area) ,  wherein  boattail  shapes  change 
when  comparing  one  nozzle  type  with  another. 
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It  is  important  to  note  that  _  FiquTB  3  - 

although  the  important  criterion  for 

rating  nozzle  performance  is  thrust-minus-  FREE' JET  WIND  TUNNEL 

drag  level,  thrust  levels  were  not  measur-  , ,  t" 

ed  in  these  tests  --  in  fact,  they  are  not 
needed  to  accomplish  the  objectives  of 
this  study.  Therefore,  these  results  are, 
intended  as  an  aid  in  understanding  jet 
exhaust/external-flow  interference  rather 
than  as  a  rating  of  the  performance  of 
one  nozzle  type  versus  another. 

Boattail  drag  in  these  tests 
was  determined  by  integrating  pressure/ 
projected-area  distributions  along  the 
boattail  surface.  The  pressure  data  come 
from  several  rows  of  static  pressure 
orifices  located  along  the  length  of  the 
nozzle  exterior.  These  drag  values  are 
thereby  termed  boattail  "pressure"  drag.  Predictions  of  the  boattail  friction  drag  are 
subsequently  presented. 

Model  internal  instrumentation  were  total-pressure  tubes  for  determining 
nozzle  pressure  ratio.  Diagrams  showing  the  location  of  the  various  instrumentation 
are  presented  in  Figure  5. 


RESULTS  AND  ANALYSIS 

Some  of  the  boattail  pressure  distributions  measured  during  the  tests  are 
shown  in  Figure  6.  Note  the  flow  expansion  around  the  nozzle/forebody  juncture  and 
then  the  rapid  flow  recompression  near  the  nozzle  trailing  edge.  This  speed-up/slow- 
down  flow  pattern  is  characteristic  of  boattails  and  can  be  attributed  to  the  positive 
and  negative  centrifugal  forces  imposed  upon  the  flow  as  it  envelopes  the  nozzle.  It 
is  evident  from  these  pressure  measurements  that  exhaust  jets  can  cause  significant 
flow-field  disturbances  upstream  of  the  nozzle  exit.  In  fact,  the  measurements  show 
that  these  disturbances  can  be  felt  over  the  entire  nozzle  exterior. 

-  Figure  4  - 


NOZZLE  MODEL  GEOMETRY  . 

•  CENTERBODY  PLUG  TYPE 

•  CONVERGENT  TYPE 
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Summing ,  or 

integrating,  the  boattail 
pressure-area  distribution 
provides  the  nozzle  pres¬ 
sure  drags  presented  in 
Figure  7.  Nozzle  pressure 
ratio  and  exhaust  flow  di- 
rect‘ion(flow  along  tapered 
centerbody  plug  as  opposed 
to  axial  exhaust  flow)  are 
each  seen  as  important 
elements  affecting  nozzle 
drag  levels.  The  drag 
coefficients  shown  are 
referenced  to  nozzle  maxi¬ 
mum  cross-sectional  area. 


NOZZLE  MODELS 


-  Figure  5 


MODEL  INSTRUMENTATION 

EXTERNAL  PRESSURE 
INSTALLATION 


INTERNAL  PRESSURE 
INSTRUMENTATION 


NOZZLE 

CONNECT  STATION- 


(?)  THROUGH  (7) 


26  STATIC  PRESSURE  TAPS 
ALONG  4  ROWS  90°  APART 


3  TOTAL  PRESSURE 
,  TUBES  120“  APART 


INSTRUMENTATION 
SAME  AS  ABOVE 


To  get  a  : ■ —  \1/ 

better  understanding  of  the  is  static  pressure  taps 

factors  which  create  jet  _ along  3  rows  90“  apart _ 

interference  effects,  a 

rough  attempt  was  made  to  separate  the  jet  plume  shape  effects  from  the  jet  plume  entrain¬ 
ment  effects.  The  shape  of  the  jet  plume  can  be  thought  to  produce  flow  blockage  about 
which  the  external  flow  must  "navigate".  A  further  complication  is  that  jet  engine  ex¬ 
haust  velocity  is  greater  than  that  of  the  surrounding  flow.  This  velocity  differential 
results  in  flow  entrainment,  or  "pulling",  of  the  external  flow.  This  effect  is  brought 
about  by  the  mixing  along  the  jet-plume/external-flow  interface.  As  a  result,  external 
flow  is  speeded  up  adjacent  to  the  jet,  and  this  disturbance  can  alter  boattail  flow  fields. 

The  approach  for  simulating  plume  shape  effects  was  that  of  using  isentropic 
flow  relationships  at  specific  nozzle  pressure  ratios  to  describe  an  approximate 
(inviscid)  plume  shape.  As  shown  in  Figure  8,  a  nozzle  was  tested  three  ways:  (1)  with 
the  jet  off,  (2)  with  a  solid  body  simulating  a  plume  shape,  and  (3)  with  the  true  ex¬ 
haust  flow.  The  difference  in  boattail  drag  between  the  jet-off  situation  and  the  situ¬ 
ation  with  the  solid-body  plume  simulator  is  denoted  as- the  jet-plume  shape  effect, 
whereas  the  difference  in  drag  between  jet-on  and  the  solid-body  plume  is  denoted  as  the 

-  Figure  6  - 
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jet  entrainment  effect.  Because 
of  the  extrapolation  involved, 
the  curves  in  Figure  8  are  meant 
to  depict  a  qualitative  rather 
than  a  precise  quantitative  des¬ 
cription.  Jet  entrainment  is 
shown  to  begin  its  effect  on 
boattail  drag  at  a  jet  velocity 
•approximating  free-stream  velocity 
and  then  to  gain  in  strength  with 
increasing  pressure  ratio.  As 
suggested  earlier,  this  effect  is 
detrimental  since  jet  entrain¬ 
ment  creates  an  induced  speed-up 
of  boattail  flow,  which  lowers 
boattail  pressures.  In  contrast, 
the  jet  plume-shape  effect  is 
shown  as  beneficial  since  it  acts 
to  move  boattail  flow  stream¬ 
lines  away  from  the  centerline, 
thereby  causing  stronger  flow  re¬ 
compression  on  the  boattail  sur¬ 
face  as  compared  to  jet-off  condi¬ 
tions.  The  jet  plume  is  unable 
to  "billow  out"  beyond  the  exit 
area  until  a  sonic  exhaust  is 
established;  thus,  the  plume-shape 
effect  is  assumed  to  be  virtually 
constant  from  a  jet  velocity 
equal  to  free-stream  to  a  just- 
choked  exit  (NPR~2)  .  As  nozzle 
pressure  ratio  is  increased  past 
the  just-choked  condition,  the 
plume  expands  and  its  effect  on 
drag  becomes  more  pronounced  by 
causing  further  displacement  of 
boattail  flow  streamlines.  The 


BOATTAIL  PRESSURE  DRAG 
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COMPONENTS  OF  JET  EFFECTS  . 
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-  Figure  9  - 


net,  combined  effect  of  jet 
entrainment  and  plume  shape  shown 
in  Figure  8  results  in  the  same 
general  trends  for  both  the  plug 
and  convergent  nozzles. 


The  larger  levels  of 
drag  with  the  conical  plug  nozzle 
compared  to  the  convergent  nozzle 
seen  in  Figure  7  can  then  be  ex¬ 
plained  by  differences  in  plume 
shape.  The  plug-nozzle  plume 
causes  boattail  flow  to  be  turned 
axially  downstream  of  the  boattail 
surface,  whereas  the  convergent- 
nozzle  plume  forces  an  earlier  re¬ 
compression  at  the  boattail  end. 

As  a  result,  boattail  pressures 
with  the  conical  plug  remain 
relatively  low  while  further  ex¬ 
ternal  flow  re-compression  occurs 
downstream,  adjacent  to  the  plug 
flow.  For  this  reason,  plug  noz¬ 
zles  are  often  said  to  have 
"aerodynamic  boattails". 


The  effects  of  nozzle 
expansion  ratio  on  the  drag  of  a 
particular  boattail  shape  are 
shown  in  Figure  9.  Also  included 
in  the  tests  was  a  configuration 
in  which  the  half-angle  approach 
to  the  throat  of  a  convergent 
nozzle  (unity  expansion  ratio)  was  changed  from  0  to  16  degrees.  The  results  show  that 
this  change  has  a  noticeable  effect  on  drag  at  unchoked,  subsonic,  exhaust  flow  (nozzle 
pressure  ratios  less  than  approximately  2),  but  this  change  has  only  a  very  slight  effect 
during  choked-flow  operation.  Evidently  the  sonic  throat  tends  to  hamper  these  internal 
upstream  geometry  changes  from  propagating  a  strong  effect  into  the  external  plume. 
However,  this  result  probably  does  not  adequately  describe  nozzles  with  quite  large  con¬ 
vergence  half -angles  in  which  vena  contracta  effects  become  more  prominent.  Adding 
internal  expansion  downstream  of  the  throat  to  form  a  convergent-divergent  passage  re¬ 
sults  in  more  boattail  drag,  at  the  identical  nozzle  pressure  ratios,  as  compared  to 
the  same  boattail  with  purely  convergent  flow.  This  trend  is  not  unexpected,  since  the 
boattail  effectively  "sees"  a  narrower  exhaust  plume,  compared  to  a  convergent  nozzle, 
if  a  portion  of  the  plume  expansion  is  internal.  These  results  suggest  that  drag  data 
pertaining  to  a  desired  boattail  shape  but  obtained  with  unity  expansion  ratio  should 
be  corrected  for  application  to  convergent -divergent  nozzles  by  (1)  correlating  data 
on  the  basis  of  exhaust-static-to-f reestream-static  pressure  ratios  in  order  to  account 
for  plume  shape,  and  (2)  adding  an  additional  entrainment  increment  to  the  data  to 
account  for  differences  in  plume  velocity. 

It  can  be  gathered  from  remarks  up  to  now  that  force-model,  flow-through- 
nacelle  nozzles  probably  affect  boattail  flow  fields  quite  differently  than  do  their 
engine-nozzle  counterparts.  Indeed,  the  drag  data  shown  in  Figure  10  illustrate  this 
fact.  Also  shown  in  Figure  10  are  means  whereby  jet  effects  can  be  simulated  to  an 
extent  on  a  force-model  nozzle  by  adding  hollow-sleeve  extensions.  Notice  that  a  coni¬ 
cal  rather  than  a  cylindrical  tube  shape  more  closely  simulates  the  effects  of  fully- 
expanded  convergent  nozzle  flow.  This  result  can  be  attributed  to  the  flow-entrainment 
properties  of  the  jet.  In  other  words,  because  of  mixing,  the  effective  shape  of  the 
jet  plume  is  narrower  than  that  which  would  be  predicted  on  an  inviscid  basis. 

However,  in  practical  terms,  solid-body  jet  simulators  have  rather  limited  \ 
applications  since  angle  of  attack  effects,  installation  effects,  and  forces  incurred 
on  the  simulator  itself  can  inhibit  or  restrict  their  actual  use.  In  any  event,  the 
basic  point  remains  that  airplane  force  data  obtained  with  flow-through-nacelle  nozzles 
can  require  significant  corrections  to  account  for  true  jet  effects. 

One  of  the  convergent  nozzle  configurations  is  similar  to  a  nozzle  tested 
at  the  National  Aeronautics  and  Space  Administration's  Langley  Research  Center  in  their 
16-foot  transonic  wind  tunnel.  Therefore,  a  comparison  of  the  General  Dynamics  data 
with  the  NASA  data  (Reference  3)  was  made.  The  results,  shown  in  Figure  11,  are  in 
good  agreement  both  in  level  and  trend.  Although  the  General  Dynamics'  free-jet  tunnel 
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is  rather  small,  the  data  from  these  boattail  drag  tests  appear  to  be  valid,  A  co 
parison  of  NASA  data  with  other  drag  data  obtained  in  this  free- jet  tunnel  is  founa  in 
References  4  and  5. 

-  Figure  10  - 
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'  EXTENDING  THE  RESULTS 

At  this  point  it  is  worthwhile  to  theorize  or  postulate  somewhat  beyond  the 
specific  conclusions  resulting  from  the  preceding  test  data.  For  example,  there  is  a 
question  in  airplane  model  testing  concerning  the  consequent  effects  on  drag  brought 
about  by  the  simulation  of  exhaust  jets  with  cold  rather  than  hot  flow.  Cold-flow 
(ambient  temperature) jets  are  often  used  in  tests  since  they  lend  considerably  less 
complication  and  expense  to  model  construction  and  operation.  By  adjustment  of  nozzle 
pressure  ratio,  the  portion  of  the  plume  near  the  boattail  can  be  kept  a  particular 
shape  for  either  hot  or  cold  flow;  however,  once  this  matching  of  shape  has  been  accom¬ 
plished  with  cold  flow,  there  still  remains  a  mis-match  in  jet  entrainment,  since  the 
momentum  differential  between  the  jet  flow  and  the  free-stream  is  unlike  that  which 
occurs  with  hot  flow.  In  other  words,  adjustments  in  nozzle  pressure  ratio  can  force 
cold  flow  to  simulate  either  the  plume  shape  or  the  entrainment  of  a  hot  jet,  but  not 
both  simultaneously.  Plume  shape  is  usually  the  predominant  of  the  too;  therefore,  the 
normal  test  procedure  involving  cold  jets  is  to  concentrate  on  simulating  as  closely 
as  possible  the  shape  of  the  true  jet  exhaust.  One  must  then  judge  or  predict  the 
significance  of  the  resulting  entrainment  mis-match  on  airplane  forces. 

Past  tests  (Reference  4)  indicate  that,  for  isolated  nozzles  operating  at 
or  near  design  conditions,  the  part  of  the  jet  plume  from  the  nozzle  exhaust  plane  to 
no  more  than  one  to  two  nozzle  diameters  downstream  is  the  portion  of  the  plume  that 
primarily  affects  boattail  flow.  Thus,  it  is  within  this  initial  region  where  jet 
entrainment  differences  must  occur  if  boattail  drag  is  to  be  noticeably  altered.  On 
the  other  hand,  any  airplane  structure  near  downstream  portions  of  the  jet  will  be 
subjected  to  much  larger  effects  due  to  jet  entrainment  since,  by  then,  more  mixing  of 
the  jet  flow  has  had  a  chance  to  occur.  Data  and  Schlieren  photographs  in  Reference  6 
show  very  slight  changes  for  hot  versus  cold  jet  flow  within  this  initial  length  of  the 
plume  (one  to  two  nozzle  diameters) ,  but  do  show  large  changes  in  the  flow  field  farther 
downstream  because  of  the  different  mixing  (momentum)  characteristics  of  cold  as  opposed 
to  hot  flow. 


Therefore,  it  would  seem  that  whether  hot  exhaust  flow  is  actually  needed 
in  airplane  model  testing  really  depends  upon  the  particular  nozzle  location  on  the 
airplane.  For  example,  the  least  consequences  of  using  cold- jet  flow  probably  occur 
if  the  nozzle  plume  does  not  flow  adjacent  to  any  airplane  structure  such  as  in  an  aft- 
fuselage  engine  location;  the  opposite  would  be  the  case  in  an  underwing  or  side-fuse¬ 
lage  installation.  An  exception  might  be  an  aft-fuselage  nozzle  located  in  a  highly 
separated  flow  region  such  as  aft  of  a  blunt  base.  The  entrainment  effects  for  this 
situation  are  radically  multiplied  because  of  the  larger  momentum  differential  between 
the  low-velocity  separated  flow  and  the  jet.  As  a  result,  proper  jet  temperature 
simulation  can  gain  importance  for  this  case. 

Variations  in  boattail  fineness  ratio  (length  divided  by  diameter)  have 
strong  effects  on  external  drag.  Rapid  changes  in  pressure  drag  and  friction  drag  occur 
if  the  boattail  surface  is  made  either  shorter  or  longer.  Of  course,  the  total  of  the 
two  drags,  pressure  plus  friction,  is  the  important  drag  level  to  consider.  The  curves 
in  Figure  12,  constructed  by  correlating  data  from  several  sources,  show  changes  in 
drag  with  fineness  ratio.  Since  many  extrapolations  and  simplifying  assumptions  were 
used  in  developing  these  curves,  they  are  intended  as  rough  predictions,  or  indications, 
of  fineness-ratio  effects.  Friction  drag  was  calculated  by  use  of  wall-friction  formulas 
and,  as  would  be  expected,  continually  increases  in  magnitude  with  increases  in  boattail 
length.  In  proceeding  from  a  fineness  ratio  of  0  (blunt  base)  to  larger  fineness  ratios, 
pressure  drag  decreases  continuously  as  a  result  of  increased  boattail  flow  attachment. 
The  major  attachment  phase  occurs  at  a  fineness  ratio  of  approximately  1.  The  total 
drag  (pressure  plus  friction)  appears  to  minimize  near  a  fineness  ratio  of  2,  whereas 
further  increases  in  boattail  length  produce  an  increase  in  drag- due  to  friction. 

These  drag  curves  pertain  to  isolated  nozzles  attached  to  cylindrical  forebodies;  how¬ 
ever,  airplane  nacelles  having  larger  cross-sections  upstream  of  the  nozzle  ("upstream 
boat tail ing" ) ,  as  well  as  the  presence  of  the  fuselage,  wings,  etc.,  can  significantly 
change  these  drag  levels. 

As  was  stated  earlier,  thrust-minus-drag  is  the  important  nozzle  performance 
criterion;  therefore,  fineness  ratio  must  also  involve  tradeoffs  in  weight  and  in  nozzle 
internal  performance.  It  is  also  important  to  note  in  Figure  12  that  increases  in  nozzle 
pressure  ratio  appear  to  cause  an  increase  in  external  drag  at  low  fineness  ratios 
(separated  boattail  flow),  but  that  the  opposite  is  true  at  high  fineness  ratios 
(attached  boattail  flow) .  Apparently  jet  entrainment  effects  are  considerably  amplified 
near  separated- flow  regions,  whereas  plume  shape  is  a  more  important,  factor  for  after¬ 
bodies  with  generally  attached  flow. 


ESTIMATED  EFFECTS  OF  BOATTAIL  FINENESS  RATIO 

(CORRELATION  INCLUDING  DATA  FROM  REFERENCES  4,  5,  7,  8,  9,  10) 
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CONCLUSIONS 

For  the  configurations  tested,  it  is  found  that: 

1.  Nozzle  external  drag  is  a  strong  function  of  exhaust  jet 
conditions.  The  flow  field  disturbances  created  by  the 
presence  of  exhaust  jets  can  be  described  as  being  due 
to  a  combination  of  plume  shape  and  plume  mixing,  or 
entrainment.  These  properties  affect  boattail  flow 
fields  differently  at  each  nozzle  pressure  ratio  and 
for  each  nozzle  type. 

2.  Because  of  their  exceedingly  low  pressure  ratios,  airplane 
model  flow-through-nacelle  nozzles  have  external  drag 
levels  unlike  those  of  their  engine  nozzle  counterparts. 

This  simulation  error  can  be  lessened  to  a  limited  extent 
by  adding  hollow-sleeve  extensions  to  the  nozzles.  These 
extensions,  cu vjffcmie  simulators,  should  have  contours  with 
an  "effective’' ■''.ndiiaiie  shape  in  which  jet  entrainment  has  also 
been  accounted  ror. 

3.  External  drag,  for  a  given  boattail  shape,  is  measurably 
affected  by  changes  in  internal  expansion  ratio.  This 
effect  occurs  at  low  expansion  ratios  common  to  many  con¬ 
vergent-divergent  nozzles  during  subsonic  flight.  At  a 
constant  nozzle  pressure  ratio  and  boattail  shape,  the 
trend  is  that  of  increases  in  external  drag  with  increases 
in  internal  expansion  ratio.  Therefore,  drag  data  for 
purely  convergent  nozzles  are  not  directly  applicable, 

at  identical  nozzle  pressure  ratios,  to  the  same  boattails 
having  internal  plume  expansion. 
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SUMMARY 

An  analysis  is  presented  of  supersonic  boattail  pressure  drag  measurements  in  the  presence  of 
single  or  twin  propulsive  jets.  Using  theoretical  inviscid  pressure  distributions  as  a  datum,  the  decrease 
in  boattail  pressure  drag  coefficient  with  increasing  nozzle  pressure  ratio  is  shown  to  be  a  function  of 
the  difference  between  the  measured  base  pressure  coefficient  and  a  reference  base  pressure  coefficient 
which  i6  theoretically  just  high  enough  to  cause  separation  of  the  boattail  terminal  shock  wave.  The  boat- 
tail  shapes  considered  sire  shown  to  fall  into  two  groups  one  of  which  experiences  a  much  stronger  influence 
of  the  propulsive  jet  than  does  the  other.  Correlations  of  measured  base  pressure  coefficient  in  the 
presence  of  a  propulsive  jet  are  also  presented  for  convergent  and  con-di  nozzles. 

An  example  of  the  use  of  the  analysis  is  given  in  which  the  installed  performance  of  a  convergent 
nozzle  is  compared  with  that  of  a  con-di  nozzle. 

1 .  INTRODUCTION 

It  has  long  been  recognised  that  the  presence  of  propulsive  jets  issuing  from  the  base  of  a  body  can 
have  a  considerable  effect  on  the  external  flow  over  the  boattsil  and  in  the  base  region.  These  inter¬ 
ferences  can  give  rise  to  large  changes  in  external  drag  which,  at  sufficiently  high  values  of  jet  total 
pressure  ratio,  can  be  favourable  relative  to  jet-off  or  inviscid  conditions. 

Over  the  years,  a  vast  amount  of  experimental  data  on  the  effects  of  a  propulsive  jet  on  boattail  drag 
has  been  accumulated  and  the  high  subsonic  aspects  of  thsss  phenomena  have  received  some  attention,  e.g. 
Reference  1.  From  the  performance  engineer's  viewpoint  no  similar  analysis  seems  to  be  available  for 
supersonic  speeds. 

In  this  nots,  simple  correlations  are  made  of  ths  sffscts  of  single  and  twin  propulsive  jets  on  the 
boattail  pressure  drag  and  base  pressure  of  afterbodies  of  mainly  parabolic  or  conical  shape.  A  range  of 
Mach  numbers  from  1.4  to  2.4  is  covered  together  with  various  types  of  propelling  nozzle. 


Mach  Number  j  '! 

total  pressure  {  ; 

static  pressure 

boattail  pressure  drag  coefficient  based  on  maximum  cross  sectional  area  j 

pressure  coefficient 

I 

diameter 

axial  distance  from  start  of  boattail 

cross  sectional  area  .  j 

maximum  boattail  angle  i 

nozzle  exhaust  angle  (+  v.s.  diverging) 
drag  force  on  boattail  and  base  annulus 
nozzle  exit  gross  thrust  force 

free  stream 

position  of  maximum  afterbody  diamster  j 

base 

convergent  nozzls 

jet  exit  i 

jet  throat 

theoreticsl  inviscid  conditions  at  end  of  boattail 

theoretical  critical  base  valus  for  onsst  of  separation  of  terminal  shock  wave 
theoretical  inviscid  valus 
asymptotic  drag  value 

3.  DESCRIPTION  OF  THE  PHENOMENA  AND  PRELIMINARY  ANALYSIS 

Some  typical  jet  effects  on  boattail  and  base  flow  are  taken  from  Reference  2  and  are  shown  in  Figure  1. 

The  model  afterbody  has  a  parabolic  form  with  a  final  boattail  angls  of  approximately  12  degrees.  A  single 
variable  plug  nozzle  wss  fitted  which  gave  either  a  convergent  nozzle  or  a  con-di  nozzle  of  area  ratio  1.45* 

A  ekstch  of  ths  model  is  shown  in  Figure  1(a). 

Figure  1(b)  shows  the  measured  effects  of  jet  total  pressure  ratio  on  the  boattail  pressure  drag 
cosfficient  at  M^=  2.0.  The  convergent  nozzle  exhibits  a  rapid  decrease  in  boattail  pressure  drag  beyond 
a  total  pressure  ratio  of  about  5  whereas,  the  con-di  nozzle  shows  no  such  effect  up  to  pressure  ratios  of  15* 

Figure  1(c)  shows  ths  corresponding  effects  on  base  pressure  coefficient.  Both  nozzles  show  a  minimum 
base  pressure  which  corresponds  to  ths  choking  pressure  ratio  for  ths  convergent  nozzle  and  to  the  design 
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pressure  ratio  (Hj/pb  =  5*9)  for  the  con-di  nozzle*  At  pressure  ratios  above  these  minima  the  convergent 
nozzle  shows  a  more  rapid  pressurisation  of  the  base  region  and  the  base  pressure  coefficient  is 

typically  0,10  to  0,15  higher  than  the  con-di  nozzle  values  at  the  same  engine  operating  condition.  At 
pressure  ratios  greater  than  5  the  convergent  nozzle  installation  hae  a  thrust  force  on  the  base  annulus 
which,  when  taken  in  conjunction  with  the  reduced  boattail  wave  drag,  will  offset  some  of  the  gross  thrust 
augmentation  due  to  the  con-di  nozzle.  This  point  will  be  discussed  in  Section  6.  The  measured  change 
in  boattail  pressure  drag  coefficient  is  about  5,035  over  the  range  of  pressure  ratios  investigated.  This 
drag  change  corresponds  to  about  7  percent  of  the  total  zero  lift  drag  coefficient  based  on  fuselage  maxi¬ 
mum  cross  sectional  area  for  typical  supersonic  military  aircraft. 

The  aerodynamic  effects  of  jet  induced  interference  on  boattail  flow  can  be  illustrated  by  static 
pressure  distributions  measured  along  the  boattail  as  shown  in  Figure  1(d)  for  the  convergent  nozzle 
model  of  Reference  2.  In  this  Figure,  the  static  pressure  coefficient  is  plotted  against  boattail  cross 
sectional  area  for  different  values  of  jet  total  pressure  ratio  so  that  pressure  drag  changes  can  be  easily 
seen. 


An  inviscid  theoretical  calculate the  boattail  pressure  distribution  for  this  model  by  the  method 
of  Reference  3  is  also  shown  in  Figui'r^Ojfd )  and  this  highlights  the  changes  in  pressure  drag  due  both  to 
the  jet  and  to  viscous  effects. 

For'  low  jet  total  pressure  ratios,  the  measured  boattail  pressure  level  is  higher  than  the  inviscid 
estimate  by  an  amount  which  can  only  be  a  function  of  boundary  layer  displacement  effects  and  interference 
from  the  model  forebody  or  support  system.  At  minimum  base  pressure  (nozzle  choking  pressure  ratio)  the 
base  pressure  is  lower  than  the  boattail  pressure  measured  at  the  static  hole  closest  to  the  base.  Thus 
the  boattail  flow  is  'insulated*  from  the  base  flow  by  a  weak  expansion  centred  at  the  base  lip.  As  the 
nozzle  pressure  ratio  rises,  the  base  region  is  pressurised  by  the  expanding  jet  boundary  and  a  condition 
ie  reached  when  the  base  expansion  fan  changee  into  a  weak  compression  fan.  When  this  obtains  the 
relatively  high  base  pressure  can  feed  forward  on  to  the  boattail  through  the  inner  subsonic  regions  of 
the  boattail  boundary  layer  and  thus  the  boattail  pressure  level  close  to  the  base  is  increased,  (H7  = 

4,0  and  5,3  on  figure  1(d)),  However,  referring  to  Figure  1(b),  no  appreciable  reduction  in  boat-  ^°° 
tail  pressure  drag  has  accrued  thus  far. 

As  the  nozzle  pressure  ratio  is  further  increased,  the  base  pressure  continues  to  rise  until  the  weak 
compression  fan  has  strengthened  to  include  one  or  more  shock  waves  of  finite  strength.  In  this  condition 
quite  substantial  over-pressures  can  feed  forward  on  to  the  boattail  via  the  boundary  layer  and  the  boat- 
tail  pressure  drag  reduces  dramatically ( H _/  >  8  on  Figure  1(d)),  At  successively  higher  nozzle  pressure 
ratios  the  boattail  terminal  shock  wave  begine  to  move  forward  along  the  boattail  leaving  a 

separated  region  behind  it  and  the  rate  of  change  of  base  pressure  with  nozzle  pressure  ratio  begins  to 
decrease  (Figure  1(c))  on  account  of  the  increased  region  of  separated  flow  but  the  boattail  pressure  drag 
continues  to  reduce  steadily  (Figure  1(b)), 

Figure  1(e)  shows  the  method  of  analysis  which  forms  the  basis  of  the  present  correlation  of  jet 
induced  boattail  pressure  drag  changee.  The  data  of  Figures  1(b)  and  1(c)  is  replotted  in  the  form  of 
boattail  pressure  drag  coefficient  versus  base  pressure  coefficient  0  In  this  form  the  results 
from  both  nozzles  become  coincident  ”  (including  the  jet  off  values)  as  P  far  as  the  data  goes.  A 
complete  correlation  between  the  two  nozzles  cannot  be  claimed  because  of  the  restricted  range  of  the 
con-di  nozzle  measurements  in  these  variables. 


However,  because  of  the  partial  data  collapse  a  hypothesis  is  advanced  which  is  tested  by  further 
analysis  in  Section  4.  That  is,  for  a  given  afterbody  at  a  given  Mach  Number,  the  boattail  pressure 
drag  is  determined  only  by  the  base  pressure  as  a  first  approximation.  Hence  such  variables  as  nozzle 
geometry,  pressure  ratio  and  secondary  flow  ratio  which  strongly  influence  base  pressure,  may  be  expected 
to  have  only  second  order  effects  on  the  relationship.  This  form  of  analysis  if  valid,  should 


expedite  the  correlation  of  jet  induced 


Df)  pb 


boattail  pressure  drag  changes  because  the  independent 


variables  are  reduced  to  base  pressure,  Mach  Number  and  boattail  geometry.  The  question  of  base  pressure 
determination  is  left  open  for  the  present  and  will  be  diecuseed  in  Section  5* 


At  low  values  of  base  pressure,  the  data  of  Figure  1(e)  tend  towards  an  asymptotic  value  of  boattail 
pressure  drag  denoted  by  C  and  which  lies  below  the  inviscid  boattail  drag  coefficient  CQ  calculated 
by  the  method  of  Reference  3.  The  departure  of  the  convergent  nozzle  drag  data  from  the  p 
asymptotic  value  as  base  pressure  increases  must  in  some  way  be  related  to  the  rise  in  static  pressure  in 
the  base  region  which  is  required  to  separate  the  terminal  shock  wave.  From  theoretical  calculations, 
the  inviscid  pressure  coefficient  at  the  end  of  the  boattail,  the  inviscid  terminal  Mach  Number 

can  be  found.  Assuming  that  the  terminal  shock  wave  occurs  at  1  this  Mach  number,  the  static  pressure 
rise  required  to  separate  this  shock  wave  can  be  computed  from  Mager's  correlation  of  shock  induced 
separation  data  given  in  Figure  3  of  Reference  4,  Thus  a  critical  base  pressure,  0  ,  can  be  found  which 

is  calculable  for  all  configurations.  Figure  1(e)  indicates  that  the  value  of  C  p  thus  calculated 

for  the  afterbody  of  Reference  2  corresponds  quite  well  with  the  departure  of  ^  the  convergent  nozzle 
drag  data  from  the  asymptotic  level.  It  is  likely  that  in  actuality  the  terminal  shock  wave  does  not 
begin  to  separate  the  boattail  boundary  layer  until  C  has  been  exceeded  by  some  margin  but  this  does 
not  prevent  this  parameter  from  being  used  as  a  corr-*3  c  elation  variable. 


The  analysis  of  this  typical  data  suggests  that  the  effects  of  jet  induced  boattail  pressure  drag 
changes  might  be  correlated  approximately  for  other  test  data  by  shifting  the  origin  of  Figure  1(e)  to 


the  point  (C 


pbc’ 


CDpA3^* 


In  passing,  it  may  be  noted  that  Figure  1(e)  suggests  that  the  con-di  nozzle  drag  measurements  shown 
in  Figure  1(b)  did  not  show  any  significant  change  with  nozzle  pressure  ratio  simply  because  the  critical 
base  pressure  C  was  not  reached  in  the  tests. 
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4.  CORRELATION  OF  FURTHER  BOATTAIL  DRAG  DATA 

To  substantiate  the  hypothesis  of  the  previous  section,  test  data  from  References  5  to  15  was  examined. 
Details  of  the  model  geometries  and  flow  conditions  are  shown  in  Table  1.  It  can  be  seen  that  a  wide 
variety  of  afterbody  shapes  and  nozzle  typee  were  included  as  were  the  effects  of  secondary  flow  in 
References  6,  10,  11  and  13.  Host  of  the  data  is  from  UACA  sources  of  about  15  to  20  years  ago  but  recent 
B.A.C.  (References  13  and  15)  and  R.A.E.  (Reference  14)  results  are  included.  With  the  exception  of 
Reference  15  which  had  a  twin  jet  afterbody,  the  data  refers  to  single  jet  models. 

The  reference  inviscid  calculations  for  each  afterbody  were  obtained  either  by  the  method  of  character¬ 
istics  or  by  Van  Dyke's  second  order  method  (Reference  3)  where  presented  in  the  original  data  sources. 

The  results  of  the  analysis  are  shown  in  Figures  2(a)  and  2(b).  In  each  figure  it  appears  that,  to  a 
reasonable  degree  of  approximation,  the  departure  of  the  measured  boat tail  pressure  drag  CD~  from  the 
asymptotic  value  C  .  c  is  a  function  of  C  ,  ~  C  ,  on^y*  thus  confirmin6  the  hypothesis  ofpSection  3. 

The  effects  of  variations  of  free  streanr  **  Mach  number,  nozzle  and  afterbody  geometry,  nozzle 

pressure  ratio  and  secondary  flow  ratio  are  included.  In  the  interests  of  legibility  only  about  half 
of  the  points  analysed  are  shown  in  Figure  2(a)  but  it  can  be  seen  in  both  Figures  that  the  data  points 
are  withinAC-^  =  -  0.01  of  the  lines.  This  scatter  corresponds  to  about  -  2  percent  of  typical 

military  aircraft  supersonic  drag. 

The  data  of  Figure  2(a)  (References  2,  5  to  9»  11  to  14)  shows  a  much  more  powerful  effect  of  a  prop¬ 
ulsive  jet  on  boattail  pressure  drag  than  does  the  data  of  Figure  2(b)  (References  10  and  15)  and  the 
difference  in  behaviour  can  be  related  qualitatively  to  the  corresponding  inviscid  flow  fields.  The 
afterbody  shapes  included  in  Figure  2(a)  are  mairiLy  parabolic  or  conical  and  thus  exhibit  monotonic  inviscid 
pressure  distributions  of  which  that  shown  in  Figure  1(d)  is  typical.  In  theee  cases  the  terminal  shock 
is  able  to  move  freely  forward  along  the  boattail  as  the  base  pressure  increases  and  the  increasing 
boattail  pressure  level  acts  over  an  increasing  projected  area.  Thus  the  parabolic  nature  of  Figure  2(a) 
can  be  anticipated  for  this  type  of  shape. 

The  radius  distribution  of  the  single  jet  model  of  Reference  10  and  the  equivalent  radius  distri¬ 
bution  of  the  twin  jet  model  of  Reference  15  are  similar  to  each  other  and  have  different  characteristics 
to  the  other  boattail  shapes.  The  first  85/-'  to  90 %  by  length  of  these  two  radius  distributions  is  almost 
linear  with  a  slope  of  about  5  degrees.  The  remaining  10  to  15  percent  consists  of  a  rapid  near -parabolic 
contraction  to  a  final  boattail  angle  of  about  25  degrees.  Figure  2(c)  shows  a  sketch  of  the  boattail 
shape  for  the  model  of  Reference  10.  The  corresponding  irviscid  calculations  show  that  a  considerable 
flow  expansion  exists  over  the  rear  parts  of  these  shapes  (see  Figure  2(d)).  Examination  of  measured 
boattail  pressure  distributions  in  Reference  10  indicated  that  the  rapid  flow  expansion  was  limiting  the 
forward  movement  of  the  terminal  shock  wave  at  increasing  nozzle  pressure  ratios.  Thus,  although 
successively  higher  pressures  were  acting  on  the  rear  portion  of  the  model  the  projected  area  over  which 
they  were  acting  was  increasing  at  a  relatively  low  rate.  A  similar  phenomenon  probably  existed  on  the 
twin  jet  model  of  Reference  15  since  the  character  of  the  overall  pressure  distribution  ie  largely  deter¬ 
mined  by  the  equivalent  volume  distribution. 

The  data  of  Figure  2(a)  is  therefore  characteristic  of  ‘smooth*  idealised  boattails,  the  term  smooth 
being  used  in  the  sense  of  smooth  continuous  slopes  and  curvatures  and  the  data  of  Figure  2(b)  is  probably 
more  characteristic  of  'non  smooth1  or  more  practical  afterbody  shapes. 


Clearly,  these  ’non  smooth'  boattails  exhibit  comparatively  high  values  of  pressure  drag  in  the  presence 
of  a  propulsive  jet  at  supersonic  speeds  since  the  basic  inviscid  pressure  drag  is  likely  to  be  relatively 
high,  on  account  of  the  high  degree  of  final  boat tailing  and  the  jet  induced  drag  alleviation  is  compara¬ 
tively  small.  Severe  final  boattailing  can  arise  from  the  realities  of  aircraft  layout  where  it  ie  often 
necessary  to  fit  a  very  large,  strong  frame  around  the  engine  or  jet  pipe  to  carry  the  tailplane  and  its 
actuating  mechanism.  The  problem  is  more  acute  on  twin  jet  installations  in  which  the  fuselage  volume 
between  the  engines  is  being  faired  out  at  the  same  time. 


Figures  2(a)  and  2(b)  suggest  that  for  the  class  of  ‘smooth*  boattails  the  jet  induced  boattail  drag 
reduction  begins  when 


C  =i*C  . 
pb  pbc 


0.06 


and  rather  later  for  'non  smooth'  boattails  at 


C  , 

pb  pbc 


0.01 


Finally,  comparison  of  theoretical  boattail  pressure  drag  coefficients  with  the  asymptotic  measured 
values  indicated  that 


CD/>AS  -  V”0*0075  (1  -P/G  (DtX3)) 

with  most  of  the  data  lying  about  the  mean  line  within  a  tolerance  band  of  A(L  =  i  0.0050.  These  drag 
differences  are  partly  due  to  boundary  layer  effects  and  partly  due  to  the  influence  of  the  model  fore¬ 
bodies  and  support  hardware,  none  of  which  was  accounted  for  in  the  theoretical  calculations. 

5.  CORRELATION  OF  BASS  PRESSURE  COEFFICIENT 

In  order  to  utilize  the  data  of  Figures  2(a)  and  2(b),  an  estimate  of  the  jet-on  base  pressure  co¬ 
efficient  is  required.  Analytic  estimation  of  this  quantity  is  usually  rather  tedious  and  a  simple 
correlation  of  experimental  data  is  generally  preferable  from  the  performance  analyst's  viewpoint. 
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By  a  trial  and  error  inspection  of  the  measured  data  of  the  various  references,  Figures  3(a)  and 
3(h)  have  been  prepared.  Figure  3(a)  is  a  correlation  of  the  difference  between  the  measured  jet-on 
base  pressure  coefficient,  G  ,  and  the  inviscid  theoretical  pressure  coefficient  at  the  end  of  the  boat- 
tail,  G  .  for  choked,  p  coplanar  convergent  nozzles.  The  ordinate  is,  in  fact,  proportional  to 
(Pb  -  and  the  abscissa  can  be  regarded  as  a  reduced  nozzle  total  pressure  ratio  which  depends  upon 

a  nozzle  and  boattail  geometry.  Figure  3(b)  shows  the  corresponding  analyeis  for  underexpanded 
con-di  nozzles,  i.e.  running  at  above  the  design  expansion  pressure  ratio.  The  effects  of  secondary  flow 
ratio'  are  not  included  in  Figure  3  but  nozzle  pressure  ratios  of  up  to  about  20  have  been  correlated  for 
each  type  of  nozzle. 

Figure  3  shows  that  for  low  values  of  the  reduced  nozzle  total  pressure  ratio,  convergent  nozzles 
produce  a  greater  degree  of  base  pressurisation  than  do  con-di  nozzles  and  at  higher  reduced  pressure 
ratios  the  two  mean  curves  appear  to  become  coincident. 

Clearly,  these  base  pressure  correlations  are  not  universal  since  meaningful  predictions  are  not 
obtained  from  the  Figures  for  an  axial  exit  nozzle  in  a  cylindrical  boattail  (€  =  0,  0).  The  Figure 

should  not  be  used  outside  the  geometry  ranges  of  Table  1* 

The  range  of  jet  to  free  stream  total  temperature  ratio  for  the  data  considered  was  from  1.0  to  2.6 
and  within  this  relatively  small  range  no  significant  effects  on  base  pressure  were  observed. 

6.  EXAMPLE  CALCULATION 

The  preceding  correlations  of  jet  induced  boattail  drag  changes  and  base  pressures  have  been  used  to 
compare  the  installed  performances  of  a  convergent  and  a  con-di  nozzle  in  related  parabolic  boattails. 
Sketches  of  the  installations  and  relevant  geometrical  details  are  shown  in  Figure  4(a).  The  con-di 
nozzle  installation  is  formed  by  extending  the  convergent  nozzle  boattail  downstream  by  one  throat  dia¬ 
meter  and  then  shifting  the  parabolic  contour  to  pass  through  the  resulting  base  area.  The  con-di  nozzle 
has  a  design  pressure  ratio  of  8  which  correeponds  to  an  area  ratio  of  1.7  and  a  fully  expanded  jet  Mach 
number  of  2.0.  The  throat  and  maximum  areas  of  the  two  installations  are  identical  and  are  supposed  to 
be  matched  to  a  typical  modern  reheated  turbofan  which  has  operating  pressure  ratios  of  approximately  8 
and  10  at  Mach  numbers  of  1.6  and  2.0  respectively.  The  con-di  nozzle  is  therefore  operating  at  its 
design  pressure  ratio  at  =1.6  and  at  lip  =  2,  the  nozzle  is  underexpanded  so  that  the  jet  Mach  number 
and  .the  free  stream  Mach  numbers  are  equal. 


The  nozzles  are  oorapared  in  terms  of  a  gross  thrust  efficiency  defined  by 


*Q  -  D 
XG  COH 


where  is  nozzle  exit  gross  thrust  and  D  includes  both  the  boattail  and  base  annulus  pressure  drags. 


Figure  4(b)  shows  that  Hw=  1.6,  the  6  percent  uninstalled  gross  thrust  advantage  possessed  by  the 
con-di  nozzle  relative  to  the  convergent  nozzle  on  the  operating  line  is  reduced  to  less  than  2  percent 
when  the  different  levels  of  jet  on  afterbody  drag  are  accounted  for*  If  the  con-di  nozzle  was  replaced 
by  an  ejector  nozzle  of  the  same  design  pressure  ratio,  the  comparative  performance  of  the  sophisticated 
nozzle  would  be  worse  on  account  of  the  momentum  drag  of  the  secondary  flow.  The  net  force  on  the  boat- 
tail  plus  base  annulus  changes  from  a  drag  to  a  thrust  at  jet  preesure  ratios  of  approximately  and 
22.5  for  the  convergent  and  con-di  nozzles  respectively.  However  at  =  2.0  where  the  con-di  nozzle  is 
appreciably  under expanded ,  the  installed  efficiency  of  the  con-di  nozzle  is  some  7  percent  better  than 
that  of  the  convergent  nozzle.  This  difference  is  only  slightly  less  than  the  uninstalled  gross  thrust 
advantage.  The  efficiency  of  the  con-di  nozzle  installation  on  the  engine  operating  line  is  increased 
by  about  2.5  percent  between  Mach  numbers  of  1.6  and  2.0  whereas  the  efficiency  of  the  convergent  nozzle 
installation  is  reduced  by  almost  the  same  amount.  This  is  mainly  due  to  the  different  effects  of  Mach 
number  and  jet  pressure  ratio  on  the  drags  of  the  two  boattails  on  the  opera, ing  line  as  shown  in  Figure 
4(c).  The  dotted  lines  in  Figure  4(c)  indicate  extrapolation  to  the  asymptotic  drag  value  C  ~  and  the 
calculation  suggests  that  the  effects  of  jet  flow  on  boattail  pressure  drag  are  likely  to  be^  more 
significant  at  say  Mws  1.6  than  at  Hw=  2.0  especially  for  convergent  nozzles. 


Hie  results  of  the  example  calculation  raise  two  important  points.  Firstly,  are  sophisticated 
nozzles,  which  rely  mainly  on  thruet  augmentation  either  by  geometric  or  aerodynamic  means,  a  better 
overall  proposition  than  the  simple  convergent  nozzle,  which  can  experience  a  large  amount  of  favourable 
jet  interference?  Secondly,  experimental  comparieons  between  simple  and  sophisticated  nozzles  could  be 
misleading  if  the  nozzles  are  mounted  in  afterbodies  which  are  not  comparable  from  an  aircraft  layout 
viewpoint.  For  example,  if  various  nozzles  are  being  matched  to  a  given  engine  in  a  given  aircraft,  the 
ratio  d^d^  should  be  the  same  for  each  of  the  nozzle  installations  being  compared,  but  the  ratio  d^/d 
and~theA  boattail  anglep  should  be  matched  to  each  nozzle.  Such  a  test  technique  would  be  more  ra 

costly  but  more  representative  than  fitting  a  number  of  different  nozzles  into  a  common  afterbody. 


7.  CONCLUDING  REMARKS 


It  has  been  shown  that  jet  induced  boattail  pressure  drag  alleviation  at  supersonic  speeds  can  be 
related  to  the  difference  between  the  measured  base  pressure  coefficient  C  ,  and  a  critical  base  pressure 
coefficient  C  ,  •  This  critical  value  is  theoretically  just  high  enough  p  to  separate  the  boattail 
terminal  p  shock  wave  which  is  assumed  to  occur  at  the  inviscid  Mach  number  at  the  end  of  the 

boattail.  The  use  of  base  pressure  as  a  correlation  variable  eliminates  to  first  order  the  independent 
effects  of  nozzle  geometry,  nozzle  pressure  ratio  and  secondary  flow  ratio. 

Idealised  conical  or  parabolic  boattails  exhibit  much  larger  jet  induced  pressure  drag  reductions 
than  do  more  practical  shapes  which  may  involve  a  high  degree  of  boattniling  in  the  region  close  to  the  base. 
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Convergent  nozzles  in  general  experience  larger  jet  induced  effects  than  con-di  nozzles  which  in 
some  flight  conditions  can  offset  a  large  proportion  of  the  thrust  gain  of  the  con-di  nozzle. 

8 .  REFERENCES 


1.  H.  McDonald 
P.F.  Hughes 


2.  D.P.  Hearth 
G.C.  Gorton 


3.  M.D.  Van  Dyke 

4.  A.  Mager 


5.  G.W.  Englert 
D.J.  Vargo 
R.W.  Cubbison 

6,  G.C.  Gorton 


7*  D.J.  Vargo 
G.W.  Englert 

8,  L.E.  Baughman 
F.D.  Kochendorfer 

9.  R.M.  0* Donnell 
R.  W.  McDearman 


10.  A.S.  Valerino 
R.A.  Yeager 


11.  J.L.  Klann 
R.G.  Huff 


A  Correlation  of  High  Subsonic  Afterbody  Drag  in  the  Presence  of  a 
Propulsive  Jet  or  Support  Sting. 

J.  Aircr.  Vol.2  No.3  May-June  19^5*  pp*  202-207* 

Investigation  of  Thrust  and  Drag  Characteristics  of  a  Plug-Type  Exhaust 
Nozzle. 

NACA  RM  E53L16  December,  1953. 

First  and  Second  Order  Theory  of  Supersonic  Flow  past  Bodies  of  Revolution. 
J.  Aeronaut.  Sci.  Vol  18  No.3  March  1951  PP  161-178. 

Transformation  of  the  Compressible  Turbulent  Boundary  Layer. 

J.  Aeronaut.  Sci.  Vol. 25  No .5  May  1953,  pp  305-31 1. 

Effect  of  Jet  Nozzle  Expansion  Ratio  on  Drag  of  Parabolic  Afterbodies. 

NACA  RM  E54  B12  February,  1954. 


Pumping  and  Drag  Characteristics  of  an  Aircraft  Ejector  at  Subsonic  and 
Supersonic  Speeds. 

NACA  RM  E54D06  March  1954. 

Effect  of  Nozzle  Contour  on  Drag  of  Parabolic  Afterbodies, 

NACA  RM  E5 4D02  March  1954. 

Jet  Effects  on  Base  Pressures  of  Conical  Afterbodies  at  Mach  1.91  and  3*12. 
NACA  RM  E57E06  May  1957* 

Experimental  Investigation  of  Effects  of  Primary  Jet  Flow  and  Secondary 
Flow  through  a  Zero-length  Ejector  on  Base  and  Boattail  Pressures  of  a 
Body  of  Revolution  at  Free  Stream  Mach  Numbers  of  1.62,  1.93»  2.4l. 

NACA  RM  L54I22  September  1954. 

External  Stream  Effects  on  Gross  Thrust  and  Pumping  Characteristics  of 
Ejectors  Operating  at  Off  Design  Mach  Numbers. 

NACA  RM  E56C14  March  1956. 

Characteristics  of  Five  Ejector  Configurations  at  Free  Stream  Mach  Numbers 
from  0  to  2.0. 

NASA  TM  X-23  August  1959* 


12.  C.  Pel 

A.  Rustmeyer 


Investigation  of  Turbojet  Exhaust  -  Interference  Drag. 
U.A.C.  Research  Report  R-o8oi-12  November  1955* 


13*  C.  Davenport 
A.  Watson 

14.  J.  Reid 

15.  Unpublished 


Axisyrametric  Afterbody  Tests. 

B.A.C.  Warton  Report  AX/VG/5  February  1966 

R.A.E.  Farnborough  Wind  Tunnel  Results. 
Private  Communication  April  1971* 

B.A.C.  Warton  Wind  Tunnel  Results. 


REFERENCE  BOATTAIL 

NUMBER  TYPE 


PARABOLIC 


PARABOLIC 


CON  PLUG 
CON-DI  PLUG 


€  (DEG) 


1.6, 2.0 
1.6, 2.0 


1.6, 2.0 


PARABOLIC 


PARABOLIC 


CONICAL 


CIRC.  ARC 


1.6, 2.0 


1.91 


1.62,1.93,2.41 


PARABOLIC- 

CONICAL- 

PABABOLIC 


CONICAL- 

CONICAL 


CONICAL 


PARABOLIC 


PARABOLIC 


TWIN  JET  AFTERBODY  MODEL 


0.52  TO 
0.73 


1.35 

-2.9 

1.5, 1.8, 2.0 

2.90 

-4.0 

2.09 

-8.8 

1.69  TO 
3.24 

-  VE 

1.5, 1.8, 2.0 

1.00 

-15.0 

1.50 

1.00 

0 

1.42 

1.00 

0 

2.00 

1.00 

0 

1.00 

0 

1.00 

0 

1.00 

0 

TABLE  1. 

SUMMARY  OF  EXPERIMENTAL  DATA  USED 
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Figure  1(d)  Typical  Effects  of  Nozzle  Pressure  Ratio  on  Boattail  Static  Pressure 
Distribution, 


Mq,  =  2.0.  Data  from  Reference  2.  Convergent  Nozzle 

OHj/p^  =  1.8  <J  Hj/p^  =  8.1  A  Hj/pw  =  18.8 

>  5.3  k  l4.8 

—  —  —  Inviscid  Theory  from  Reference  3.  '• 

Solid  Symbols  indicate  Base  Pressure  Measurements. 
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Figure  1(e)  Analysis  of  Typical  Propulsive  Jet  Effects  on  Afterbody  Drag, 
Woo  =2.0.  Data  from  Reference  2. 

©  Convergent  Nozzle. DCon-Di  Nozzle. 


Figure  3(b)  Base  Pressure  Coefficient  at  Supersonic  Speeds  for  Under- expanded  ConVDi  Nozzles 
M„  =  1.6  to  2.0.  For  Symbols,  see  Table  1.  Coplanar  Nozzles,  No  Secondary  Flow 
Hr/^-Design  Pressure  Ratio.  - - Mean  Line  from  Figure  3(a)* 
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Figure  4(a)  Installation  of  Convergent  and  Con-Di  Nozzles 
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Figure  4(b)  Gross  Thrust  Efficiency 

A  Uninstalled  Envelope  of  Possible  Gon-Di  Nozzles#  V  Uninstalled  Example  Con-Di  Nozzle 
O  Example  Con-Di  Nozzle  Design  Point.  Q  Installed  Example  Con-Di  Nozzle. 

O  Installed  Example  Convergent  Nozzle 
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Figure  4(c)  Boattail  Pressure  Drag 


O  Installed  Convergent  Nozzle. 


□  Installed  Con-Di  Nozzle 
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SUMMARY 

The  difficulty  of  achieving,  at'.  ,  -.ti'  inlet  performance  and  stability  and  avoiding  engine  com¬ 
pressor  stalls  at  supersonic  led  the  NASA  Flight  Research  Center  to  investigate  the 

pressure  phenomena  in  the  inlets  or 'several  supersonic  aircraft.  Results  of  recent  tests  with  the 
F-111A  airplane  are  presented  showing  the  inlet  steady-state  and  dynamic  performance,  The  inlet 
total  pressure  distortion  that  causes  compressor  stall  is  discussed,  and  the  requirement  for  high 
response  instrumentation  is  demonstrated.  A  duct  resonance  encountered  at  Mach  numbers  near 
2.0  is  analyzed  and  shown  to  be  due  to  a  normal  shock  oscillation  at  the  duct  fundamental  frequency. 
Various  statistical  parameters  are  used  in  the  analysis.  Another  resonance,  in  the  engine  fan  duct, 
is  shown  to  be  a  possible  cause  of  reduced  engine  stall  margin  in  afterburning  operation.  Plans  for 
a  comprehensive  inlet  study  of  the  YF-12  airplane  are  discussed  including  flight  tests  and  full-scale, 
1/3-scale,  and  1/12-scale  wind-tunnel  tests. 


SYMBOLS 


Kj)  Pratt  &  Whitney  distortion  factor  (see  page  24-5) 
M  Mach  number 

W2 

—  mass  flow  ratio,  — 

n^o  wM 

Ni  fan  speed,  rpm 

p  static  pressure,  kN/m2 

pt  total  pressure,  kN/m2 

Tj  total  temperature,  °K 

Tu  turbulence  factor  (see  page  24-5) 

t  time,  sec 

w  airflow,  kg/  sec 

Y 

“  ratio  of  distance,  X,  between  inlet  cowl  lip 
and  spike  tip  to  inlet  cowi  radius,  R, 

84.56  cm 


a  angle  of  attack,  deg 

A  inc  rement 

6t2  ratio  of  average  compressor  face  total  pressure  to 
“  <■;  sea-level  standard  pressure 
9C  inlet  second  cone  angle,  deg 

8t„  ratio  of  local  total  temperature  to  sea-level 
standard  temperature 

Subscripts: 

av  average 

rms  root  mean  square 

«  free  stream 

2  compressor  face 

2.6  fan  discharge 

3  low  pressure  compressor  discharge 

4  high  pressure  compressor  discharge 


INTRODUCTION 

Aircraft  that  have  air-breathing  propulsion  systems  and  fly  at  transonic  and  supersonio  speeds  have  the  problem 
of  achieving  adequate  Inlet  pressure  recovery  for  efficient  operation  of  the  propulsion  system  without  producing  un¬ 
desirable  conditions  suoh  as  flow  distortion  and  fluctuations  which  can  often  lead  to  compressor  stalls  and  inlet  un¬ 
starts.  A  better  understanding  of  these  inlet  conditions  is  needed  to  improve  techniques  for  designing  inlets  on  future 
aircraft.  However,  such  complex  flows  are  difficult  to  predict  theoretically  and  to  duplicate  accurately  in  ground 
facilities.  Therefore  the  NASA  Flight  Research  Center  at  Edwards,  California,  has  a  continuing  program  to  measure 
steady-state  and  dynamic  conditions  within  jet  engine  inlets  in  full-scale  flight. 


This  program  was  started  on  the  XB-70  airplane  and  later  extended  to  two  F-111A  airplanes.  Results  of  the 
XB-70  tests  are  presented  in  references  1  and  2.  Reference  1  also  describes  the  instrumentation  used  in  the  later 
F-111A  tests.  Initial  results  from  the  F-111A  flight  tests  are  presented  in  reference  3,  and  additional  data  together 
with  an  analysis  which  conclusively  shows  the  need  for  high  response  instrumentation  in  relating  inlet  flow  distortion 
to  the  occurrence  of  engine  compressor  stall  are  given  in  reference  4. 

In  the  first  F-111A  airplane,  steady-state  and  dynamic  pressure  rakes  were  alternated  at  the  compressor  face 
and  intermixed  throughout  the  inlet  duct.  In  a  later  series  of  tests  on  a  second  airplane,  the  dynamic  and  steady- 
state  pressure  measurements  at  the  compressor  face  were  both  increased  from  20  to  40  by  using  rakes  which  per¬ 
mitted  each  sensor  to  measure  absolute  pressure  levels  as  well  as  dynamic  fluctuations.  Propulsion  system  data 
were  recorded  in  flight  maneuvers  at  Mach  numbers  up  to  2.2  and  at  altitudes  up  to  15,000  meters  for  various  power 
settings  and  inlet  geometry  conditions. 

This  paper  presents  results  from  both  F-111A  flight  programs  with  emphasis  on  the  dynamic  flow  conditions 
within  the  inlet  and  fan  ducts.  Plans  and  preparations  for  the  extension  of  these  propulsion  system  studies  to  another 
type  of  inlet  and  to  a  Mach  number  of  3  using  a  YF-12  airplane  are  also  described. 

DESCRIPTION  OF  F-111A  AIRPLANE 

The  F-111A  airplane  is  a  current  multimission  tactical  fighter  with  variable  sweep  wings.  With  the  wings  in  the 
forward  position,  the  airplane  is  capable  of  short  takeoff  and  landing  and  efficient  subsonic  cruise.  With  the  wings 
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swept,  the  airplane  is  designed  for  supersonic  dash 
capability  at  sea  level  and  Mach  2.5  at  altitude. 

The  two  F-111A  airplanes  used  in  the  NASA 
tests  were  both  early  models,  numbers  6  and  12 
(fig.  1).  The  only  significant  differences  between 
the  airplanes  for  these  tests  were  in  the  inlet,  as 
discussed  later. 


Figure  l.  Photograph  of  the  two  F-l  11 A  test  airplanes. 


/r  Blow-in-door 
U  ejector 
nozzle 


TF30  afterburning 
turbofan  engine 


Propulsion  System 

The  left  propulsion  system  of  the  F-111A  air¬ 
plane  is  shown  in  figure  2.  Thrust  is  provided  by 
two  TF30  afterburning  turbofan  engines  mounted  in 
the  aft  fuselage.  The  engines  are  equipped  with 
blow-in-door  ejector  nozzles  that  admit  external 
air  at  low  speeds  to  control  nozzle  expansion.  Air 
is  supplied  to  the  engine  by  an  inlet  mounted  under 
the  wing  glove  followed  by  a  short  subsonic  diffuser. 

Engine.—  The  TF30-P-1  engine  has  approximately 
80, 000  newtons  of  thrust  and  a  nominal  bypass  ratio 
of  1.0.  Figure  3  is  a  schematic  view  of  the  engine. 

A  three-stage  fan  and  a  six-stage  low  pressure  com¬ 
pressor  is  driven  by  a  three-stage  turbine  at  Nj 

speed.  A  seven-stage  high  pressure  compressor  is 
driven  by  a  separate  turbine.  Bated  airflow  is 
110  kilograms  per  second  and  overall  compression 
ratio  is  17  to  1.  A  five-zone  afterburner  is  located 
in  the  combined  fan  and  core  streams.  The  engines 
tested  were  equipped  with  sixth-stage  bleeds  to  in¬ 
crease  the  distortion  tolerance  of  the  compressor. 
These  bleeds  were  usually  opened  for  Mach  numbers 
above  1. 8.  The  engines  tested  in  the  two  airplanes 
were  essentially  identical.  More  information  on  the 
engine  is  included  in  references  4  and  5. 


Inlet.-  The  air  inlet  shown  in  figures  4  and  5 
is  a  variable-geometry  external-compression  type 
and  Is  approximately  a  90°  segment  of  a  double 
eone  axisymmetrlc  inlet.  Inlet  geometiy  c"n  be 
varied  by  translating  the  compression  spike  fore  and  aft  and  by  varying  the  second  conicai  ramp  (cone)  angie  from 
10.5°  to  24°.  The  first  conical  ramp  is  fixed  at  12.5°. 


i  ge 

external  compression'' 
inlet 


Figure  2.  F-111A  left  propulsion  system. 

^  Low-pressure  compressor 
^High-pressure  compressor 
Fan.  \  r  Combustor  Ejector 

(M.  3)X3)\xTurbine  Afterb(jmer  \  nozzle 


Figure  3.  TF30  afterburning  lurbofan  engine  and 
appropriate  station  designations. 


At  low  speeds  the  spike  is  forward  and  the  cone  is  collapsed,  as  shown  in  figure  4.  At  high  supersonic  speeds, 
the  spike  is  aft  and  the  cone  is  fully  expanded.  This  configuration  is  shown  in  figure  5.  Positions  of  the  spike  and 
cone  are  normally  controlled  by  an  automatic  inlet  control  system,  described  in  reference  6.  The  left  inlet  geometry 
could  be  manually  positioned  by  the  pilot  to  any  desired  position  on  both  test  airplanes. 

Two  different  cowl  lip  configurations  were  tested.  A  sharp  lip  cowl  (fig.  4)  was  tested  on  both  airplanes.  A 
cowl  with  a  blunted  lip  (fig.  5)  was  flown  on  airplane  number  6  for  several  flights.  This  cowl,  in  addition  to  the  more 
rounded  lip,  was  drooped  and  cut  back  5  centimeters  over  the  inboard  part  and  had  a  slightly  larger  capture  area. 


Figure  4.  Photograph  and  two-view  drawing  of  the  F-111A  Figure  5.  Photograph  and  two-view  drawing  of  the  F-l  1 1A 

inlet  with  sharp  lip  cowl  installed ,  spike  full  forward,  and  inlet  with  blunt  lip  cowl  installed ,  spike  full  aft,  and  cone 

cone  fully  collapsed.  fully  expanded. 

'  Subsonic  diffuser.  -  The  inlet  subsonic  diffuser  (fig.  2)  turns  inboard  and  changes  in  shape  from  a  one-quarter 
circle  near  the  inlet  to  a  circular  shape  at  the  compressor  face  in  a  relatively  short  length.  The  cross-sectional  area 
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F-UIA  number  12,  sharp  lip  cowl 
F-111A  number  6,  blunt  lip  cowl 
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Figure  6.  Inlet  duct  area  distribution  for  F-IIIA 
number  6  and  number  12. 


distributions  for  both  airplanes  are  shown  in  figure  6.  It 
can  be  seen  that  the  latter  configuration  (airplane  number  12) 
diffuses  the  air  more  gradually  in  the  middle  part  of  the 
duct.  Vortex  generators  (fig.  7)  are  installed  to  minimize 
separation  in  the  duct  and  to  improve  the  pressure  distri¬ 
bution  at  the  compressor  face. 

■  Boundary-layer  removal  system.— The  F-111A  inlet 
incorporates  several  regions  of  boundary-layer  removal 
to  prevent  low  energy  air  from  entering  the  inlet.  Fuse¬ 
lage,  splitter  plate,  and  wing  glove  bleed  scoops  are  shown 
in  figure  4  and  porous  bleed  on  the  second  cone  surface  in 
figure  5. 


INSTRUMENTATION 

Figure  7  shows  the  location  of  pressure  measurements 
In  the  left  inlet  of  the  F-111A  airplane.  Table  1  describes 
the  number  of  measurements,  their  sampling  rates,  and 
their  frequency  responses  for  the  airplanes.  Miniature 


Figure  7.  Inlet  and  compressor  face  pressure  instrumentation. 


table  l.-  number  of  measurements,  sampung  rate,  and  frequency  transducers  were  located  in  the  two  cone 

response  OF  pressures  in  the  f-iua  inlet  rakes,  the  shock  position  probe,  the  duct 

rakes,  and  the  diagonally  oriented  com¬ 
pressor  face  rakes  to  provide  high  fre- 
quenc'  response.  Conventional  probes 
connected  by  tubes  to  remotely  located 
transducers  were  used  for  the  cowl  lip 
rakes,  the  horizontal  and  vertically 
oriented  compressor  face  rakes,  and  in¬ 
ternal  engine  instrumentation.  The  tube 
lengths  limited  flat  frequency  response 
to  about  50  hertz.  Details  of  the  instru¬ 
mentation  on  airplane  number  6  are  in¬ 
cluded  in  references  1  and  3  through  6. 
Differential  pressure  transducers  were 
used  for  all  measurements  except  the 
internal  engine  measurements.  Some  of 
the  techniques  used  to  obtain  the  dynamic 
pressure  measurements  are  described  in 
reference  7. 


The  miniature  transducers  gave  good 
values  for  dynamic  pressure  but  were 
subject  to  large  zero  shifts  due  to  temperature  changes,  and  their  steady-state  values  were  not  reliable.  Eight  high 
response  compressor  face  rakes  were  flown  in  airplane  number  12.  These  were  a  special  type  with  in-flight  nulling 
capability  to  determine  the  transducer  zero,  as  often  as  desired,  so  that  steady -state  as  well  as  dynamic  values 
could  be  obtained.  Details  of  the  rake  design  are  presented  in  reference  7.  Figure  8  is  a  photograph  showing  the 
rake  installation  at  the  engine  compressor  face.  A  schematic  view  of  this  rake  is  shown  in  figure  9.  Figure  10 
shows  an  example  of  the  rake  zero  checks  made  on  two  compressor  face  total  pressures  before  and  after  a  compressor 
stall. 


Location  of  pressures 

Number  of 
measurements 

Samples 
per  second 

Frequency 
response,  Hz 

F-lllA 
no.  6 

F-lllA 
no.  12 

Cone  rake: 

Total  pressure 

8 

— 

400 

200 

Static  pressure 

2 

— 

400 

200 

Cowl  Up: 

Total  pressure 

12 

— 

200 

100* 

Static  pressure 

4 

— 

200 

100* 

Shock  position  probe 

6 

— 

200 

100* 

Inlet  duct: 

Total  pressure 

4 

— 

200 

100 

Static  pressure 

4 

— 

200 

100 

Compressor  face: 

Total  pressure,  low  response 

20 

— 

50 

10 

Total  pressure,  high  response 

20 

40 

400 

200 

Compressor  face: 

Total  pressure 

2 

2 

Analog 

1000 

Static  pressure 

16 

4 

200 

100* 

Fan  duct  total  pressure 

8 

— 

200 

100* 

Low  compressor  discharge  static  pressure 

1 

1 

200 

100* 

High  compressor  discharge  static  pressure 

1 

1 

200 

100* 

•Parameter  filtered  at  40  hertz  prior  to  digitizing;  amplitude  uncertain  above  40  hertz. 
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Figure  8.  Photograph  of  the  TF30 
engine  showing  the  compressor 
face  rakes  with  in-flight  nulling 
capability. 

The  need  for  the  zero  cheeks 


Figure  9.  High  response  compressor 
face  rake  with  in-flight  nulling  capa¬ 
bility. 


5  10  15  20 

Time,  sec 


Figure  10.  Compressor  face  rake  pres¬ 
sure  zeros  before  and  after  a  stall. 


can  be  seen  in  figure  11,  which  shows  the  traces  of  2  compressor  face  rake  pres¬ 
sures  over  a  3-minute  period  of  flight. 


During  this  period,  the  airplane  decelerated 
from  =1.9  to  1. 2  and  accelerated  back 

to  M00=  1.5.  Six  rake  zeros  were  taken 

during  this  time.  The  dashed  line  is  faired 
through  the  zeros  for  each  pressure.  The 
in-flight  zeros  are  well  above  the  zero  value 
that  occurred  on  the  ground  calibration. 

Zeros  for  the  6:00  rake  pressure  shift  back 
toward  smaller  errors  with  the  decreasing 
temperature,  but  the  10:30  rake  pressure 
zero  increases  with  decreasing  temperature. 
Also,  the  shifts  are  not  consistent  functions 
of  temperature,  but  lag  or  lead  unpredictably. 
These  inconsistencies  made  it  impossible  to 
compensate  for  zero  shifts  by  measuring  the 
rake  temperature  near  the  transducer. 

Frequency  response  of  the  inlet  pres¬ 
sures  was  determined,  and  results  are  shown 
in  reference  1.  The  nulling  compressor  face 
rake  acoustic  response  is  flat  to  400  hertz 
and  usable,  with  reasonable  corrections,  to 
1000  hertz. 

Additional  instrumentation,  described  in 

Figure  11.  Time  history  ofF-lllA  compressor  face  rake  pressures  reference  6,  was  used  to  determine  total 

showing  zero  shifts  with  temperature  during  supersonic  flight.  temperature,  engine  airflow,  airplane  Mach 

number,  altitude,  angle  of  attack,  inlet  spike  and  cone  position,  and  the  value  of  the  reference  pressure  supplied  to  the 
differential  transducers. 


DATA  RECORDING 

Output  signals  from  the  transducers  were  digitized  by  pulse  code  modulation  (PCM)  systems  and  recorded  on  mag¬ 
netic  tape.  Two  PCM  systems  were  used,  each  with  77  channels  sampled  200  times  per  second.  The  compressor  face 
pressures  were  sampled  400  times  per  second  by  using  two  channels  for  each  pressure,  thus  allowing  frequency  analysis 
to  be  extended  from  100  hertz  to  200  hertz.  All  compressor  face  pressure  signals  were  filtered  electrically  prior  to 
digitizing,  to  remove  high  frequencies,  with  cutoff  starting  at  200  hertz.  Two  of  the  compressor  face  pressures  were 
also  recorded  on  a  wide-band  frequency  modulation  (FM)  system  to  permit  analog  analysis  to  much  higher  frequencies. 
These  two  channels  were  filtered,  with  cutoff  starting  at  1000  hertz,  prior  to  recording. 

Outputs  of  the  PCM  and  FM  systems  were  recorded  on  an  onboard  tape  recorder.  Part  of  the  data  was  also  tele¬ 
metered  to  the  ground  to  permit  real  time  data  monitoring  and  analysis. 

DATA  REDUCTION 

Flight  tapes  containing  the  digital  data  were  processed  using  a  digital  computer.  Voltage  monitor  corrections  and 
zero  corrections  were  incorporated,  and  calibrations  were  applied.  Output  data  were  available  in  the  form  of  parameter 
listings,  calculated  performance  time  histories,  time  history  plots,  and  cross  plots.  The  digital  data  were  statistically 
analyzed  by  a  digital  compute  r  program. 

Analog  pressure  data  and  digital  pressure  data  converted  to  analog  data  were  processed  by  using  a  hybrid  spectrum 
analyzer.  In  some  instances,  this  system  was  used  for  real  time  analysis  of  pressures  during  flights. 

DATA  ANALYSIS 

Several  parameters  are  used  in  this  paper  to  describe  and  analyze  the  pressure  fluctuations  observed  in  the  inlets. 

Instantaneous  Parameters 

A  parameter  which  can  be  calculated  with  one  sample  of  data  from  each  pressure  may  be  said  to  be  "instantaneous, " 
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within  the  limitation  of  the  sampling  rate  of  400  per  second. 

Pressure  recovery.  -  The  compressor  face  average  total  pressure  recovery  is  calculated  by  averaging  the  probe 
values  and  dividing  by  the  free-stream  total  pressure. 

Distortion  factor,  Kd-~  A  distortion  parameter  derived  by  Pratt  &  Whitney  for  the  TF30  engine  is  the  Kd  param¬ 
eter.  It  considers  the  circumferential  extent  of  distortion  and  weighs  distortion  near  the  engine  hub  more  heavily  than 
at  the  tip.  The  Kd  parameter  is  defined  as  follows: 


Kd 


m) 


where 


= 

Vp  / 

Ptav 


a  particular  ring  of  total  pressure  probes 


Pta 


-Ptn 


Ptav 

average  pressure  per  ring 


X  100,  in  percent,  for  a  particular  ring 


minimum  pressure  per  ring 


ur 
6  r 


outer  diameter  of  duct 
diameter  of  a  particular  ring 

circumferential  extent  of  largest  single  pressure  depression 
below  p^a  ,  in  degrees,  for  a  particular  ring  (see  adjacent 

sketch) 

number  of  measurement  rings 

Statistical  Parameters 


Computation  of  statistical  parameters  such  as  those  discussed  below  requires  a  considerable  amount  of  data.  These 
parameters  are  described  briefly  here:  more  rigorous  definitions  are  presented  in  reference  8. 

Turbulence  factor,  Tu-_  The  dynamic  activity  of  a  fluctuating  pressure  is  indicated  by  the  turbulence  parameter, 
Tu,  defined  as  the  root  mean  square  total  pressure  level  divided  by  the  average  total  pressure. 

Ptrms 

Tu=P^~ 

^av 

Power  spectral  density,  PSD.- A  useful  parameter  for  detecting  predominant  frequencies  in  a  fluctuating  pressure 
.is  the  power  spectral  density  parameter,  PSD.  It  is  also  useful  in  comparing  data  from  separate  sources,  such  as 
flight  data  to  wind-tunnel  data  or  ground  facility  data.  The  square  root  of  the  area  under  the  PSD  curve  is  equal  to  the 
turbulence  factor. 


Coherence.-  The  coherence  function  provides  a  measure  of  the  extent  to  which  the  pressure  fluctuations  at  two 
probes  arise  in  common  sources,  that  is,  the  linear  interdependence  of  the  two  pressures,  at  a  specific  frequency. 
Coherence  ranges  from  0  (no  interdependence)  to  1.  0  (perfect  interdependence).  Coherence  values  less  than  0.2 
generally  indicate  no  significant  interdependence. 

Phase  angle.  —  The  phase  angle  function  provides  an  Indication  of  the  time  delay  between  the  two  pressures  as  a 
function  of  frequency.  For  example,  two  pressures  with  a  common  frequency  are  180°  out  of  phase  if  at  an  instant  of 
time  one  pressure  is  at  a  maximum  while  another  pressure  is  at  a  minimum. 

Calculation  of  statistical  parameters.  -  The  statistical  parameters  were  calculated  from  the  digital  data  by  using  a 
fast  Fourier  transform  digital  program.  Input  data  were  detrended  prior  to  analysis  to  remove  any  very  low  frequencies. 
A  total  of  2048  data  points  (5.12  seconds)  was  used  for  the  400  samples  per  second  compressor  face  pressure  data, 
with  an  equivalent  filter  bandwidth  of  2  cycles.  A  total  of  1024  data  points  (5.12  seconds)  was  used  for  the  cowl  lip  rake, 
shock  position  probe,  duct  total  and  static  pressures,  and  engine  pressures,  all  of  which  were  sampled  200  times  per 
second.  The  statistical  parameters  were  valid  for  frequencies  up  to  one-half  of  the  sampling  rate  (ref.  8);  however, 
some  of  the  pressures  were  filtered  to  less  than  one-half  of  the  sampling  rate  because  of  the  probe  resonant  frequencies. 

Power  spectral  densities  calculated  from  the  analog  recording  system  were  extended  to  1000  hertz,  even  though  the 
probe  response  was  not  flat  beyond  about  400  hertz.  Eight  seconds  of  data  were  used  with  an  equivalent  two-cycle  band¬ 
width  filter. 


Duct  Resonance  Analysis 

The  formula  for  the  resonant  frequency  of  a  pipe  open  at  one  end  is  given  in  reference  9  by 

*i  =  2(1  +  0. 82a) 

where 

fj  first  fundamental  frequency  of  the  pipe 

c  speed  of  sound,  m/sec 
l  pipe  length,  m 
a  average  pipe  radius,  m 

If  the  flow  velocity  in  the  pipe  is  not  small,  the  following  correction  can  be  made: 

fi  =  fid  -  Mdav2) 
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where 

fj  first  fundamental  frequency  corrected  for  flow 
Mdav  average  Mach  number  of  the  flow 

The  quantity  Mdav  was  determined  by  calculating  the  Mach  number  at  several  duct  stations  using  the  known  engine  air¬ 
flow  and  the  duct  area  distribution,  and  averaging  the  results.  Substituting  for  the  speed  of  sound,  this  becomes 

Tt 


For  the  F-111A  inlet  duct 


fj  *  20.4 


Jl  4  0. 


2Mda  2  , 

°av  (1-Md  2> 


2(1  +  0. 62a) 
l  =  4m,  a  -  0.4m 


,  (1-Mdav) 

i[  =  2.38  \{Tt 


For  the  engine  fan  duct  resonance 


t 

<  *  *  *■; 


Vl  +  0.2Mdav2 


1=2, 74m,  a  =  0, 3m 

_ _ _  2, 

fi'=3.4Vrf- 


(1  -  Mflav  ) 


1/6-scale  wind  tunnel,  6400=2.20, 
0c =24°,  a  =5°  (ref.  10) 
Flight,  F-ULA  number  6, 


'  Vl  +0.2Mdav2 

RESULTS  AND  DISCUSSION 
Steady -State  Performance 

The  steady-state  performance  of  the  inlet  is  shown  in  terms  of  the  inlet  total  pressure  recovery  and  distortion 
factor,  as  a  function  of  mass-flow  ratio  and  angle  of  attack,  for  a  Mach  number  of  about  2. 15.  Wind-tunnel  data  from 

a  l/6-scale  model  (ref.  10)  are  also  shown  for  comparison.  As  shown 
in  figure  12,  the  flight  recovery  data  are  relatively  insensitive  in  the  sub- 
.  critical  region  to  mass  flow  ratio  and  are  slightly  lower  than  the  wind- 
tunnel  results.  The  inlet  becomes  unstable  at  a  mass  flow  ratio  of  about 
0.80,  as  predicted  by  the  wind-tunnel  results.  An  inlet  duct  resonance 
discussed  in  a  later  section  occurs  between  m/mo  =  0.89  and  0.94. 

The  operating  point,  m/m0  of  0.97,  is  above  the  resonance  mass  flow 

and  appears  to  represent  slightly  supercritical  operation.  The  lower 
mass  flow  and  recovery  are  probably  due  to  fuselage  boundary-layer 
ingestion  which  did  not  occur  in  tho  wind-tunnel  tests.  The  Kp>  distortion 

factor  increases  rapidly  with  increasing  mass  flow  ratio  except  for  mass 
flow  ratios  near  the  stability  limit.  Values  of  Kd  at  the  operating  point 
are  near  the  stall  value,  as  will  be  discussed  in  the  compressor  stall  sec¬ 
tion.  Data  obtained  at  a  slightly  lower  Mach  number  are  shown  in  figure  13 
as  a  function  of  angle  of  attack.  Both  recovery  and  distortion  increase  as 
angle  of  attack  increases  from  2°  to  6°.  Further  increases  in  angle  of 
attack  have  only  a  small  effect  on  recovery  and  distortion.  A  single  wind- 
tunnel  data  point  at  a  =  5. 5°  agrees  well  with  the  flight  data. 
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Figure  12.  Effect  of  mass  flow  ratio  on 
inlet  recovery  and  distortion. 


Using  the  manual  inlet  control  system,  the  left  inlet  could  be  operated 
at  off-schedule  positions  of  the  inlet  spike  and  cone.  Variations  in  inlet 
recovery,  distortion,  and  turbulence  factor  as  a  function  of  inlet  spike  and 
cone  position  are  reported  in  reference  6  for  F-111A  number  6.  A  typical  example  is  shown  in  figure  14  at  a  Mach 
number  of  1. 60.  Recovery,  distortion  factor,  and  turbulence  factor  are  plotted  as  functions  of  spike  position  with  the 
cone  fixed  and  as  functions  of  the  cone  angle  with  the  spike  fixed.  The  automatically  scheduled  positions  are  nearly 
optimum  at  this  flight  condition.  Moving  the  spike  aft  has  only  a  small  effect,  but  moving  the  spike  forward  increases 
the  turbulence  factor  and  Kq  and  results  in  compressor  stall.  The  cone  can  be  fully  retracted,  but  Kp>  and  turbulence 
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Figure  13.  Effect  of  angle  of  attack  on  inlet  recovery 
and  distortion. 


Figure  14.  Effect  of  spike  and  cone  position  on  inlet 
performance  at  Mach  1.60. 


24-7 


rise  to  near  the  stall  level.  Expanding  the  cone  decreases  recovery  and  increases  turbulence  and  distortion  and  causes 
a  compressor  stall. 

Dynamic  Analysis 


Compressor  stall  analysis.- The  occurrence  of  TF30  engine  compressor  stalls  in  the  F-111A  airplanes  could  not 
be  satisfactorily  correlated  with  inlet  conditions  until  dynamic  pressure  measurements  were  made  at  the  engine  com¬ 
pressor  face  (ref.  4).  Four  of  the  eight  compressor  face  rakes  tested  in  F-111A  number  6  were  low  response  types 
and  were  used  to  obtain  low  response  inlet  recoveiy  and  distortion.  A  typical  time  history  of  the  inlet  distortion  leading 
to  compressor  stall  is  shown  in  figure  15.  At  the  time  the  stall  was  initiated,  the  low  response  distortion  calculated 
at  50  samples  per  second  was  slowly  decreasing  with  no  indication  of  the  approaching  stall.  The  other  four  compressor 

face  rakes,  using  the  high  response  miniature  transducers 
and  picking  up  the  high  frequency  pressure  fluctuations,  were 
used  to  calculate  the  same  distortion  factor  at  400  samples 
per  second.  A  peak  occurs  about  15  milliseconds  prior  to  the 
stall.  As  explained  in  reference  4,  15  milliseconds  is  the 
time  required  for  the  distortion  to  reach  the  high  pressure 
compressor  stages  in  which  the  flow  breakdown  occurs  and 
for  the  resulting  hammershock  to  propagate  back  to  the  com¬ 
pressor  face.  The  time  interval  agrees  well  with  intervals 
obtained  in  ground  facility  tests  of  a  TF30  engine  at  the  NASA 
Lewis  Research  Center  (ref.  11).  The  average  levels  of  the 
two  distortion  factors  are  about  the  same,  but  the  dynamic 
pressure  fluctuations  cause  the  high  response  Kq  to  vary 
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Figure  15.  High  and  lou)  response  distortion  factor 
for  a  compressor  stall  at  Much  1.60. 


by  ±50  percent.  The  peak  in  the  Kyj  that  caused  the  stall 
lasted  only  a  few  milliseconds. 


Thie  peak  in  distortion  factor  15  milliseconds  prior  to  a  compressor  stall  occurred  in  each  of  the  25  stalls  analyzed 
from  F-111A  number  6.  However,  in  some  instances,  this  peak  was  not  as  high  as  other  peaks  during  a  previous  data 
run.  This  was  attributed  mainly  to  the  use  of  only  four  high  response  rakes.  Reference  12  shows  that  five  or  more 
rakes  are  desirable.  F-lllA  number  12  tests  with  eight  high  response  rakes  yielded  more  consistent  distortion  peaks 
prior  to  stall.  Because  of  their  in-flight  nulling  capability,  the  absolute  level  of  each  pressure,  and,  hence,  the  overall 
distortion  factor  levels  were  more  accurate.  Figure  16  compares  the  distortion  factors  for  a  stall  using  all  eight  rakes, 
only  the  diagonal  rakes,  and  only  the  vertical  and  horizontal  rakee  for  the  same  set  of  data.  The  eight  rake  Kp  value 


at  the  time  of  stall  initiation  is  higher  than  any  previous  peaks,  but  the  Kp  value  calculated  from  the  horizontal  and 

vertical  rakes  is  lower  than  many  previous  peaks  and  is  therefore  not  a  good  indication  of  the  stall.  The  diagonal  rakes 
give  almost  as  good  an  indication  as  all  eight  rakes  because,  in  this  instance,  the  lowest  total  pressure  and  the  highest 
turbulence  is  in  the  region  surveyed  by  the  7:30  rake. 


Instantaneous  total  pressure  maps  were  made  from  the  F-lllA  number  12  40-probe  data.  A  series  of  six  maps 
taken  in  23  milliseconds  is  shown  in  figure  17  for  the  compressor  stall  data  of  figure  16.  The  first  two  maps  were 
taken  prior  to  the  stall  initiation.  Map  3  shows  the  high  distortion  that  caused  the  stall  with  the  Kp  value  of  1367.  Maps 

4  and  5  were  taken  while  the  stall  was  developing  in  the  compressor,  and  in  map  6  the  high  pressure  hammershock  wave 
appeared  in  the  middle  of  the  compressor  face. 

Stall  initiated 


Kn  =  1174 


KD  =  1085 


t  =  0.565  sec 
Kd  =  1367 


Hammershock 


Figure  17.  Instantaneous  compressor  face  maps  for  a  stall  at 
Mach  2.0.  Numbers  indicate  total  pressure  recovery,  percent. 


Figure  16.  Effect  of  the  number  of  rakes  on  the  distortion 
factor.  Kg),  fora  stall  at  M^=  2.0. 

A  buildup  in  the  distortion  is  evident  in  maps  1,  2,  and  3  as  the  low  pressure  (dark)  area  moved  toward  the  hub  and 
enlarged  and  the  high  pressure  area  increased  in  size.  The  high  distortion  lasted  only  3  milliseconds  (about  l/2 
rotor  revolution)  and  in  the  next  sample,  map  4,  the  distortion  was  considerably  lower.  The  appearance  of  tire  hammer¬ 
shock  near  the  hub  is  consistent  with  the  occurrence  of  the  stall  in  the  compressor  stages  and  not  in  the  fan. 

Studies  of  the  pressure  fluctuations  that  occur  in  the  inlet  flow  just  prior  to  stall  often  reveal  an  out-of-phase  relation¬ 
ship.  This  is  shown  ina  "drift"  type  of  stall  (fig.  18),  with  the  1:30  rake  pressures  all  rising  and  the  7:30  rake  pres¬ 
sures  all  dropping  at  the  same  time.  Although  no  particularly  high  or  low  pressure  peaks  occurred,  the  out-of-phase 
effect  raised  the  distortion  factor  to  a  predominant  peak  and  caused  a  compressor  stall. 
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The  K;d  values  at  stall  are  summarized  in  figure  19  as  a  function  of  corrected  engine  airflow.  Most  of  the  data 
points  are  from  F-111A  number  6,  but  a  few  points  from  F-111A  number  12  are  shown  and  agree  well  with  the  F-111A 
number  6  data.  Values  of  Kj)  at  stall  increase  with  corrected  engine  airflow.  The  sixth  stage  bleeds  increase  the  Kj} 
values  at  stall  about  200.  Stalls  encountered  without  afterburning  showed  an  additional  Kj}  margin  of  about  150. 


Figure  18.  Pressure  traces  on  opposite  sides  of  the  Figure  19.  Summary  of  instantaneous  distortion  factor,  Kj-^,  values  causing 

compressor  face  and  distortion  factor ,  tip,  for  a  stall  stall  for  F-I  1 1A  number  6  and  number  12.  All  data  adjusted  to  Reynolds 

at  M0O  =  2.1 7.  num ber  index  ofl. 0. 

In  the  previous  discussion,  only  the  distortion  parameter,  Kj),  was  presented;  however,  several  other  distortion 


parameters  were  also  used.  Some  of  these  were  discussed  in  reference  4.  The  Pratt  &  Whitney  parameter  and  the 
Rolls  Royce  DC  (0)  parameter  have  also  been  used  for  the  F-111A  number  12  data.  Evaluation  of  these  parameters  is 
continuing. 


The  "instantaneous"  distortion  type  of  analysis  is  ideally  suited  to  flight -test  analysis  of  stalls,  because  only  a  few 
seconds  of  data  leading  up  to  the  stall  must  be  analyzed.  In  ground  facility  tests,  many  hours  of  test  time  are  accumu¬ 
lated  and  it  becomes  prohibitively  expensive  to  calculate  instantaneous  distortion  factors  for  all  the  data.  Reference  13 
discusses  statistical  techniques  for  predicting  the  maximum  distortion  and  relates  it  to  the  measured  instantaneous  dis¬ 
tortion.  Data  from  ground  facility  tests  using  actual  engines  may  be  analyzed  by  using  the  instantaneous  distortion  tech¬ 
nique.  Reference  14  presents  results  of  wind-tunnel  and  altitude  facility  tests  of  a  variety  of  engines,  in  addition  to  the 
flight  data  shown  here. 

Inlet  duct  resonance.  -  A  resonant  mode  of  the  inlet  duct  has  been  observed  in  the  inlet  pressure  data  rK  certain 
flight  conditions.  The  resonance  was  first  detected  in  PSD  plots  of  compressor  face  total  pressures,  for  example,  fig¬ 
ure  20,  which  shows  a  PSD  of  four  compressor  face  pressures  from  F-111A  number  6  at  M  =  2.0.  The  resonant  fre¬ 
quency  of  27  hertz  is  evident  on  these  probes,  and  a  harmonic  at  54  hertz  can  also  be  seen.  Pressure  traces  for  these 
same  four  probes  are  presented  in  figure  21.  The  10:30  and  1:30  rakes  have  an  obvious  27  hertz  fluctuation.  The 
4:30  and  7:30  rake  pressures  show  veiy  little  evidence  of  the  resonance,  and  the  power  spectral  densities  of  figure  20 


Figure  20.  PSD’s  of  four  compressor  face  total  pressures 
during  duct  resonance  at  -2.0. 


Time,  sec 


Figure  21.  Time  history  of  compressor  face  total  pressures  during 
duct  resonance  at  SI  w  -2.0. 


are  required  to  detect  its  presence.  Coherence  plots  showing  the  degree  of  interdependence  between  two  pressures  are 
presented  in  figure  22.  The  10:30  rake  pressure  is  compared  to  the  4:30,  7:30,  and  1:30  rake  pressures,  and  the  co¬ 
herence  is  highest  for  the  1:30  pressure.  Phase  angle  plots  between  five  pressures  on  the  1:30  and  10:30  rakes  are 
shown  in  figure  23.  At  the  27  hertz  resonance,  phase  angles  of  about  180°  are  seen,  whereas  at  other  frequencies, 
phase  angles  are  random.  This  180°  phase  angle  can  also  be  seen  in  figure  21  between  the  1:30  and  10:30  rake  pressure 
traces. 


The  magnitude  of  these  fluctuations  and  the  out-of-phase  condition  suggested  that  the  compressor  face  distortion 
might  be  strongly  affected  by  the  resonance.  The  distortion  factor  was  calculated  for  the  data  shown  in  the  previous  fig¬ 
ures,  and  the  27  hertz  fluctuation  is  obvious  in  figure  24.  The  peak  Kp>  values  are  almost  high  enough  to  cause  a  com¬ 
pressor  stall.  An  instantaneous  map  taken  at  the  high  Kq  value  shows  a  very  high  recovery  region  at  the  1-.30  rake 
and  a  very  low  recovery  region  at  the  10:30  rake.  This  contrasts  with  the  normal  map  at  the  lower  K]> 

This  duct  resonance  was  usually  observed  at  Mach  numbers  between  1.  8  and  2. 1.  Its  occurrence,  strength,  and 
frequency  were  found  to  be  functions  of  the  inlet  geometry  position,  engine  airflow,  and  free-stream  Mach  number. 
Intensity  of  the  resonance  was  plotted  qualitatively  on  a  plot  of  spike  position  versus  cone  angle  (fig,  25).  A  region  of 
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Figure  22.  Coherence  between  10:30  rake 
pressure  and  three  other  pressures  during 
duct  resonance  at  =  2.0.  . 

Automatic  inlet  schedule  Resonance  intensity 

— - F-U1A  number  6  o  None  e  Moderate 

- F-111A  number  12  o  Low  •  High 

Fully  24 
expanded,,,. 


ec. 
deg 

/ 

i'o 

r* 

1.95  1.85  1.  75 
X/R 

Figure  25.  Effect  of  spike  and  cone  position  t 
the  intensity  of  resonance. 


Figure  23,'Phasc  angle  between  1:30  rake 
and  10:30  rake  pressures  during  duct 
resonance ,  =2.0. 


Figure  24.  Distortion  factor.  Kg,  and 
instantaneous  compressor  face  maps 
during  duct  resonance  at  M  =2.  0 
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the  strongest  resonance  existed  at  a  particular  combination  of  spike  and 
cone  settings.  The  inlet  control  system  automatically  set  the  spike  and 
cone  in  this  region  between  Mach  1. 9  and  2. 05  on  F-111A  number  6  as 
indicated;  however,  with  the  manual  inlet  control  system,  the  pilot 
could  set  the  inlet  geometry  to  off-schedule  positions.  The  F-111A 
number  12  automatic  schedule  positioned  the  spike  farther  aft,  and 
only  weak  resonance  was  encountered  in  the  automatic  mode.  The  spike 
position  for  strongest  resonance  places  the  inlet  minimum  area  slightly 
inside  the  cowl  lip  (figs.  5  and  6)  particularly  with  the  blunt  lip  cowl, 
whereas  the  cone  position  results  in  an  inlet  throat  Mach  number  of 
about  1. 0.  This  situation  might  permit  the  inlet  terminal  shock  wave  to 
oscillate  between  the  normal  external  position  and  an  abnormal  internal 
position. 

Power  spectral  density  plots  for  the  cowl  lip  rake  total  pressures, 
cowl  lip  rake  static  pressures,  inlet  duct  total  and  static  pressures, 
and  shock  position  probe  static  pressures  are  presented  in  figures  26(a) 
to  (d),  respectively.  These  plots  show  evidence  of  the  resonant  fre¬ 
quency  everywhere  except  on  the  cowl  lip  total  pressures  on  the  inboard 
side  of  the  inlet.  The  resonance  is  extremely  strong  at  the  upper  part 
of  the  inlet  near  the  cone  surface.  A  rake  located  in  this  -rea  shows  a 


(a)  Cowl  lip  total  pressures. 
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(b)  Cowl  lip  static  pressures. 
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(d)  Inlet  duct  total  and  static  pressures. 
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(c)  Shock  position  probe  static 
pressures. 

predominant  separation  and  reattachment  cycle,  as  seen  in  figure  27,  which 
shows  the  rake  total  pressure  and  the  static  pressure  at  the  rake  base.  The 
distortion  factor  from  figure  24  is  repeated,  and  the  direct  effect  can  be 
easily  seen  at  the  compressor  face  with  the  slight  delay  due  to  the  duct 
transport  time.  The  highest  Kj)  peaks  follow  the  lowest  inlet  rake  pres- 
sure  levels. 

These  results  suggest  that  the  normal  shock  wave  oscillation  occurs  as 
shown  in  figure  28,  The  shock  wave  is  inside  and  nearly  stable  at  the  lower 
part  of  the  inlet  and  jumps  from  the  internal  to  the  external  position  at  the 
top.  The  shock  wave  moving  forward  separates  the  boundary  layer  on  the 
cone,  causing  the  extreme  fluctuations  seen  in  figure  27  near  the  cone  sur¬ 
face.  This  separation  generates  additional  oblique  shock  waves  upstream 
of  the  normal  shock,  which  momentarily  result  in  high  pressure  recovery 
near  the  upper  cowl  lip.  This  combination  of  low  energy  separated  flow  in¬ 
board  and  high  energy  air  outboard  then  flows  down  the  duct  and  causes  the 
As  this  is  happening,  the  shock  wave  returns  to 


Figure  26.  Power  spectral  density  plots  of  inlet 
pressures  during  duct  resonance  at  A/^  -  2.0. 

low  and  high  recovery  areas  seen  at  the  compressor  face  in  figure  24. 
the  internal  position.  Numerous  phase  angle  and  coherence  plots  and  studies  of  time  histories  that  are  not  shown  sub¬ 
stantiate  this  explanation. 
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Figure  27.  Comparison  of  inlet  cowl  lip  rake  total  and  Figure  28.  Sketch  of  the  inlet  showing  the  normal  shock  wave  in 

static  pressures  with  compressor  face  distortion  factor,  the  external  and  internal  position. 

jFCjp,  during  duct  resonance  at  M  ^  2.0  > 

The  precise  frequency  of  this  cyL*  v^igoverned  by  the  static  pressure  pulse  generated  by  the  movement  of  the 
normal  shock  wave.  The  duct  acts  as  an  open  pipe  and,  at  or  slightly  inside  the  compressor  face,  the  wave  is  reflected 
back  to  initiate  another  shock  movement.  A  simple  formula  for  a  pipe  open  at  one  end  corrected  for  flow  effects  was 
described  earlier  and  approximately  predicts  the  observed  resonance  frequencies  and  their  variation  with  engine  airflow 
(duct  Mach  number)  and  free-stream  Mach  number  (total  temperature). 

Figure  29  shows  the  frequency  predicted  by  this  formula  as  a 
function  of  the  average  duct  Mach  number  for  a  total  temperature 
representative  of  Mach  numbers  of  about  1.  8  to  2. 1.  Data  poiuts 
shown  are  the  measured  frequencies  from  F-111A  number  6  and  agree 
well  with  the  calculated  frequencies.  Data  from  F-111A  number  12 
are  also  shown  and  are  consistently  higher  in  frequency  and  lower  In 
average  duct  Mach  number  than  those  for  the  number  6  airplane  be¬ 
cause  of  the  different  duct  area  distribution  (fig.  6). 

The  resonance  disappears  from  digital  power  spectral  densities 
at  airplane  Mach  Lumbers  below  about  1.8,  probably  because  the 
normal  shock  wave  is  stably  positioned  outside  the  duct.  However, 
very  weak  resonant  fluctuations  can  be  seen  in  the  analog  power 
spectral  densities  in  certain  regions  of  the  compressor  face  where 
random  fluctuations  are  very  small,  at  lower  supersonic  and  even  sub¬ 
sonic  Mach  numbers. 


Mdav,  average  duct  Mach  number 


Figure  29.  Comparison  of  measured  resonant 
frequency  to  theoretical  open  pipe  frequency. 

F~111A  inlet  duct ;  -  1.8  to  2.1. 

shock  is  stable  outside  the  inlet  (subcritical  operation) 
ciently  unstable  to  sustain  the  resonance. 


At  Mach  numbers  between  2. 1  and  2.3,  the  resonance  is  not 
seen  except  at  reduced  mass  flow  ratio  (fig.  12).  At  the  higher  mass 
flow  operating  point,  the  normal  shock  appears  to  be  inside  the  inlet 
(supercritical);  and  at  lower  mass  flows  (below  0.89  m/mo), 

Only  in  the  0. 89  to  0. 94  m/m0  range  is  the  shock  wave  suifi- 


Rotor  Speed  Harmonics 

Other  discrete  frequencies  detected  in  the  compressor  face  total  pressures  are  the  rotor  speed  frequencies  and  their 
harmonics.  These  frequencies  are  generated  by  shock  waves  from  the  blade  tips  operating  at  supersonic  speeds  and 
result  in  the  multiple  pure  tone  noise  discussed  in  reference  15.  The  low  pressure  compressor  frequency  is  typically 
150  hertz  and  was  detected  in  digital  power  spectral  densities.  Analog  power  spectral  densities  of  pressures  filtered 

above  1000  hertz  showed  the  150  hertz  peak 
and  many  more  peaks  due  to  the  high  pres¬ 
sure  compressor  rotor  speed  and  harmonics 
of  both  rotor  speeds.  An  example  is  shown 
in  figure  30.  The  most  predominant  peaks 
in  these  data  and  In  most  other  data  are 
the  fundamental  and  the  fourth  and  fifth  har¬ 
monics  of  the  Nj  speed.  Peaks  at  400  and 
800  hertz  are  due  to  the  400  hertz  power 
supply  frequency  in  the  airplane.  When  the 
fan  tip  speed  was  subsonic,  these  frequencies 
were  not  evident. 
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Figure  30.  Analog  PSD  of  a  compressor  face  total  pressure  showing 
various  peaks  due  to  duct  resonance,  rotor  speeds,  and  power  supply. 


Fan  Duct  Resonance 


A  resonance  detected  in  the  fan  duct  and 
engine  is  believed  to  be  due  to  a  fan  duct  oscil¬ 
lation  at  a  frequency  of  about  50  hertz.  The  instrumentation  in  the  engine  was  not  designed  for  high  response;  however, 
the  sampling  rate  is  sufficient  for  valid  power  spectral  densities  to  100  hertz.  Probe  resonance  and  data  filtering  make 
amplitude  response  uncertain  above  40  hertz,  but  the  predominant  50  hertz  resonance  is  believed  to  be  valid.  Power 
spectral  densities  showing  the  eight  fan  duct  total  pressures  and  the  low  and  high  pressure  compressor  discharge  static 
pressures  are  shown  in  figure  31.  Figure  31(a)  shows  data  for  a  Mach  number  of  2. 04  with  partial  afterburning  of  the 
left  engine.  The  spike  at  50  hertz  is  evident  in  all  the  pressures.  Figure  31(b)  shows  power  spectral  densities  for  the 
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same  pressures  at  Ma=  2. 08  with  the  afterburner  not  lit,  and  there  is  a  complete  absence  of  any  predominant  fre¬ 
quencies  up  to  the  maximum  value  of  100  hertz,  A  third  PSD  is  shown  in  figure  31(c)  at  M^  =  2. 15  with  maximum 
afterburning.  It  shows  a  definite  resonance  at  50  hertz,  but  the  resonance  is  not  on  all  probes  and  is  of  much  less 
magnitude  than  that  for  the  partial  afterburning  condition  in  figure  31(a). 

Pressure 

- p(  (fan  duct  rakes) 

----- P4‘ 

- p3 


(a)  Partial  afterburning,  ill,  =  2.04.  (b)  Nonafterburning,  =  2.08.  M  Maximum  afterburning,  M„  =2.15. 

Figure  31.  PSD  of  fan  duct  and  engine  pressures. 


The  fact  that  the  resonance  appears  in  the  low  and  high  pressure  compressor  as  well  as  in  the  fan  duct  indicates 
that  the  pressure  fluctuation  is  propagating  through  the  fan  stages  into  the  compressor.  This  may  explain  the  observed 
decrease  in  engine  compressor  stall  margin  with  the  afterburner  lit,  shown  in  figure  19.  The  relationship  between  the 
fan  duct  resonance  and  the  afterburner  operation  suggests  that  a  combustion  instability  is  involved.  The  afterburning 
flame  front  may  oscillate  and  generate  pressure  pulses  which  propagate  back  up  the  fan  duct  and  reflect  off  the  fan  stages. 


Although  there  are  many  modes  of  combustion  instability,  the  most  common  is  probably  the  longitudinal  mode. 

Using  the  distance  from  the  fan  discharge  to  the  afterburner  flameholder,  and  a  fan  duct  Mach  number  of  0.4,  the  same 
organ  pipe  equation  used  in  the  inlet  duct  estimates  a  fan  duct  frequency  of  53  hertz,  which  is  sufficiently  close  to  the 
observed  frequency  of  50  to  suggest  that  it  may  be  the  mode  causing  the  fluctuation.  Phase  angles  between  the  10:00 
and  2:00  fan  duct  pressures  at  50  hertz  are  near  0°  which  also  suggests  a  longitudinal  mode.  Reference  1G  discusses 
afterburner  instabilities  and  analytical  techniques  for  predicting  the  frequencies  and  amplitudes. 

FUTURE  PROGRAMS 

to  apply  generally  the  information  obtained  on  the  nature  of  inlet 
dynamics  to  future  aircraft,  several  different  types  of  inlets 
need  to  be  studied.  The  F-111A  tests  are  now  complete,  and 
preparations  are  being  made  to  conduct  a  comparable  program  on 
a  YF-12  airplane.  This  airplane  (fig.  32)  will  permit  the  study 
of  an  axisymmetric,  mixed  compression  type  of  inlet.  Such  an 
inlet  presents  new  problem  areas  not  encountered  with  the  ex¬ 
ternal  compression  F-111A  inlets.  Included  are  inlet  unstarts 
and  the  effect  of  bypass  flows  on  airplane  aerodynamics.  The 
large  unsymmetrical  drag  resulting  from  one  inlet  unstarting 
while  at  cruise  speeds  near  Mach  3  can  cause  severe  handling 
problems  and  possibly  complete  loss  of  control. 

Like  most  mixed  or  internal  compression  inlets  the  YF-12  inlet  requires  air  to  be  bypassed  ahead  of  the  compressor 
at  some  speed  and  power  conditions  in  orde  r  to  maintain  the  terminal  shock  at  the  proper  position.  Preliminary  flight 
studies  in  which  tufts  were  photographed  with  a  motion  picture  camera  mounted  in  the  fuselage  showed  that  the  bleed  and 
bypass  flows  from  the  nacelle  caused  a  large  separated  area  in  the  wing-nacelle  juncture  region  and  pulsating  flow  along 
the  surface  of  the  nacelle.  These  flow  effects  are  illustrated  in  figure  33,  which  was  taken  from  reference  7.  One- 
twelfth-scale  model  tests  In  a  wind  tunnel  at  the  Ames  Research  Center  showed  that  bypassing  37  percent  of  the  intake 
air,  a  realistic  value  for  some  flight  conditions,  causes  an  increase  in  the  overall  airplane  drag  by  an  amount  nearly 
equal  to  the  zero-lift  drag. 


To  acquire  the  depth  of  understanding  necessary 


Figure  32.  Photograph  of  the  YF-12  airplane. 


A  schematic  view  of  the  inlet  showing  the  location  of  the  various  sensors  is  shown  in  figure  34.  Measurements  at 
the  tip  of  the  centerbody  will  indicate  the  total  pressure  and  direction  of  the  airstream  reaching  the  inlet.  Static  pres¬ 
sure  orifices  will  show  the  location  of  the  terminal  shock,  even  when  the  inlet  is  unstarted,  and  enough  of  these  sensors 
will  be  of  the  high  response  type  that  shock  oscillations  can  be  measured.  There  will  be  three  internal  boundary-layer 
rakes,  one  close  to  the  throat  and  two  farther  downstream.  These  boundary -layer  probes  will  be  connected  to  dynamic 
pressure  transducers  so  that  rapid  variation  and  oscillations  of  the  boundary-layer  pressures  can  be  measured.  Al¬ 
together,  50  to  70  dynamic  pressure  measurements  will  be  made  in  the  inlet. 


Bleed  and  bypass  flows  will  also  be  measured  in  flight.  To  make  such  measurements  without  an  excessive  amount 
of  instrumentation,  tests  will  be  run  on  a  full-scale  inlet  in  the  10- by  10-foot  wind  tunnel  at  the  NASA  Lewis  Research 
Center  to  define  and  calibrate  the  duct  flow  probes.  The  wind-tunnel  tests  will  also  give  an  indication  of  leakage  flow 
through  various  Joints  and  cracks.  Sealing  small  cracks  is  extremely  difficult  because  of  the  temperatures  encountered 
by  the  inlet,  and  the  leakage  flow  is  believed  to  be  significant. 

The  flight-measured  performance  of  the  YF-12  inlet  will  be  correlated  with  data  from  the  full-scale  inlet  in  the 
Lewis  10-  by  10-foot  wind  tunnel  and  with  data  on  1/3-scale  and  l/12-scale  models  tested  at  the  NASA  Ames  Research 
Center.  Thus  it  should  be  possible  to  get  an  indication  whether  differences  are  due  to  scale  effects  or  to  basic 
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differences  between  wind-tunnel  and  flight  testing. 
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Figure  33.  Flow  patterns  on  nacelle  of  YF-12  airplane  as  deter¬ 
mined  from  tuft  studies.  Mach  1.5,  forward  bypass  open. 

CONCLUDING  REMARKS 


Figure  34.  Instrumentation  for  YF-12  tests. 


The  steady-state  and  dynamic  pressure  phenomena  in  the  inlets  of  two  F-111A  airplanes  were  investigated.  A 
new  pressure  survey  rake  incorporating  miniature  transducers  and  a  slide  valve  to  permit  in-flight  zero  checks  was 
used  at  the  compressor  face  and  was  found  to  yield  excellent  steady-state  and  dynamic  pressure  data,  Analysis  of  the 
high  response  pressure  data  showed  the  cause  of  compressor  stalls  to  be  high  levels  of  instantaneous  distortion  lasting 
for  times  as  short  as  3  milliseconds.  In  many  instances,  the  distortion  causing  the  stall  was  due  to  an  out-of-phase 
situation  in  total  pressures  on  opposite  sides  of  the  compressor  face.  An  inlet  duct  resonance  at  Mach  numbers  above 
1.8  was  analyzed  by  using  time  history  and  statistical  parameters  and  was  found  to  result  from  a  normal  shock  oscil¬ 
lation  at  the  duct  fundamental  frequency.  Another  resonance  in  the  fan  duct  of  the  engine  during  afterburning  operation 
may  have  affected  the  compressor  stall  margin.  Plans  for  studies  of  the  inlets  of  the  YF-12  interceptor  include  flight 
tests  and  comparison  with  full-scale,  1/3-scale  and  l/12-scale  wind-tunnel  tests. 
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This  paper  reports  selected  results  from  several  investigations  of  engine  air  inlet  design  and  nerfor- 
mance.  Several  possible  vehicle  configurations  are  presented  and  discussed  to  point  out  inherent 
advantages  and  disadvantages  in  terms  of  airframe-inlet  integration  and  mission  accomplishment.  Impor¬ 
tant  features  of  the  forebody  and  forebody/wing  configurations  are  presented  together  -with  wind  tunnel 
test  data  comparing  the  inlet  flow  fields  of  these  models.  The  paper  describes  techniques  used  to 
design  air  inlets  for  the  airframe  flow  fields.  It  also  describes  the  instrumentation  employed  to 
document  inlet  performance.  Air  inlet  performance  and  duct  flow  distortion  from  wind  tunnel  tests  of 
different  model  designs  are  compared  to  show  the  effects  of  aircraft  geometry,  air  inlet  design,  and 
maneuver  condition  over  the  0.6  to  2.5  Mach  Number  range.  The  paper  also  summarizes  basic  conclusions 
reached  during  these  research  efforts  concerning  the  effects  of  model  scale  on  air  inlet  flow. 
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INTRODUCTION 


The  performance  and  stability  of  aircraft  turbine  engine  propulsion  systems  is,  in  .part,  dependent 
upon  the  design  of  the  engine  air  inlet  and  the  manner  in  which  it  is  integrated  with  the  aircraft.  In 
the  case  of  a  highly  maneuverable  supersonic  fighter  or  interceptor  aircraft,  this  dependency  becomes 
critical.  Operation  of  these  types  of  aircraft  over  a  broad  matrix  of  Mach  Number,  altitude,  engine 
power  setting,  and  aircraft  maneuver  condition  demands  that  the  inlet  efficiently  diffuse  a  great  vari¬ 
ety  of  distorted  airflows.  If  missiles,  gun  ports,  or  other  protuberances  are  located  ahead  of  the 
inlet,  the  degree  of  flow  distortion  at  the  face  of  the  inlet  can  be  substantially  increased. 

A  concerted  effort  has  been  made  over  the  past  several  years  to  investigate  these  problems  and 
establish  a  better  understanding  of  the  factors  which  influence  supersonic  air  inlet  performance.  This 
paper  draws  information  from  several  investigations  in  order  to  suggest  a  supplement  to  existing  design 
philosophy  as  applied  to  supersonic  external  compression  inlets  and  their  integration  with  flight  ve¬ 
hicles.  Separate  investigations  involving  airframe-inlet  integration,  inlet  development,  and  subsonic 
diffuser  development,  have  generated  a  wealth  of  theoretical  and  empirical  information  which  has  shed 
light  on  various  aspects  of  the  inlet  design  problem.  The  investigations  considered  here  have  concen¬ 
trated  on  the  problem  of  inlet  total  pressure  recovery  performance  and  inlet-engine  compatibility. 

Design  practices  employed  have  attempted  to  avoid  high  drag  configurations,  but  no  measurement  has  been 
made  of  inlet  drag  increments. 

One  investigation  in  particular,  Project  Tailoi'-Mate ,  has  embraced  nearly  the  entire  spectrum  of 
inlet  development  problems  in  a  rather  comprehensive  investigation;  consequently,  the  results  of  that 
work  will  form  the  primary  thesis  of  this  paper  with  the  results  of  other  programs  being  brought  in  to 
emphasize  or  expand  particular  points  of  interest.  Inlet  flow  fields  and  subsequent  inlet  performance 
of  side-mounted  and  wing-shielded  configurations  will  be  compared  primarily  at  Mach  2.2. 

FOREBODY  FHM  FIELDS:  BASIC  DESIGN  CONSIDERATIONS 

The  first  point  of  interest  in  the  development  of  air  inlets  for  highly  maneuverable  supersonic 
aircraft  is  the  flow  field  in  which  the  inlet  is  to  be  immersed.  Extreme  flight  maneuver  conditions 
create  a  wide  variety  of  flow  conditions  around  an  aircraft  in  terms  of  local  flow  angularity,  total 
pressure,  and  Mach  Number.  Since  inlets  must  operate  efficiently  in  these  environments,  the  fuselage 
flow  fields  must  be  sufficiently  well  defined  at  all  aircraft  operating  conditions  to  enable  realistic 
inlet  design  requirements  and  test  conditions  to  be  established.  In  preliminary  aircraft  design,  inlet 
placement  and  basic  airframe  configuration  must  be  determined  simulataneously.  If  the  inlet  is  to  be 
shielded  by  the  wing  or  fuselage,  it  is  normally  possible  to  employ  an  inlet  which  performs  well  only  at 
relatively  low  incident  flow  angles.  Conversely,  inlets  placed  in  the  free  stream  or  other  regions  of 
high  flow  angularity,  Mach  Number  gradient,  and/or  pressure  distortion  must  be  designed  to  operate  sat¬ 
isfactorily  throughout  at  least  the  same  envelope  which  the  aircraft  can  experience. 

The  Project  Tailor-Mate  investigation  was  initiated  with  a  mission  analysis  for  supersonic  tactical 
fighter  aircraft  to  determine  basic  mission  Mach  Number  and  maneuver  requirements.  A  matrix  of  designs 
was  reduced  to  eight  candidate  designs  for  which  actual  mission  performance  was  determined.  Finally, 
four  aircraft  configurations  (Figure  1)  including  examples  of  side-mounted  inlets  (A-l,  A-2),  fuselage- 
shielded  inlets  (A-3),  and  wing-shielded  inlets  (B-3/B-4)  were  selected  for  l/4-scale  forebody  model 
fabrication  and  wind  tunnel  testing.  The  test  program  defined  fuselage  static  pressure  distributions, 
boundary  layer  development,  and  invisoid  flow  fields  at  proposed  inlet  stations. 

FOREBCDY  FLCW  FIFTHS:  SIDE-MOUNTED  INLETS 

Local  angle-of-attack  (  CC  L)  and  sideslip  i)  mappings  of  side-mounted  inlet  flow  fields 
(Figure  2)  at  aircraft  angle s-of -attack  equal  to  0°  and  15°  reveal  rather  large  local OC^  gradients 
with  the  average  value  of  CCj,  near  the  aircraft  angle-of-attack,  C(o.  The  C(p  gradient  noted  at 
0(o  —  0°  on  the  A-l  and  A-2  models  is  primarily  due  to  the  presence  of  a  rather  prominent  aircraft 
canopy.  Negative  values  of  OCp,  in  the  lower  outboard  corner  of  the  flow  field  apparently  originated 
far  upstream  by  the  canopy  windshield,  and  the  positive  QCp  in  the  upper  inboard  portion  of  the  field 
is  the  result  of  local  flow  expansion  over  the  aft  end  of  the  canopy.  At  OCo  =  15°  this  canopy  effect 
is  overshadowed,  for  the  most  part,  by  a  fuselage  effect  in  which  flow  in  the  lower  portion  of  the  field 
is  expanding  inboard  and  upward  over  the  aft  part  of  the  fuselage.  It  is  further  noted  that  the  lower 
inboard  corner  of  the  inlet  flow  field  exhibits  rather  large  values  of  ^3  j.  due  to  the  outwash  of  flow 
from  the  bottom  of  the  fuselage. 

In  comparing  the  two  side-mounted  inlet  fuselage  shapes  from  the  Tailor-Mate  program,  it  is  seen 
that  the  forebody  flow  fields  are  quite  similar,  but  that  the  more  rounded  underbody  (A-2)  produces 
somewhat  lower  sideslip  angularity  in  the  flow  field  adjacent  to  the  fuselage. 

Large  differences  in  fuselage  cross-section  shape  produce  more  substantial  variations  in  the  forebody 
flow  fields  ahead  of  side-mounted  inlets.  Examples  of  these  variations  can  be  illustrated  by  results 
from  an  Airframe-Inlet  Interaction  Investigation  (Figure  3),  In  this  program,  many  different  aircraft 
configurations  were  represented  by  a  series  of  1/12-scale  aircraft  forebody  models  with  provisions  for 
variations  in  nose  droop,  fuselage  cross-section,  canopy  shape,  and  wing  geometry.  Measurements  obtained 
during  transonic  and  supersonic  wind  tunnel  testing  were  similar  to  those  outlined  in  the  Tailor-Mate 
test  description. 
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The  large  difference  between  flow  fields  measured  in  the  Tailor-Mate  program  and  flow  fields  measured 
in  the  Airframe-Inlet  Interaction  Investigation  are  due  to  a  combination  of  major  geometric  differences 
including  forebody  camber,  fuselage  cross-section,  aspect  ratio,  and  canopy  design.  Additional  compari- 
tive  analysis  will  be  required  to  completely  understand  the  differences  between  the  two  sets  of  experi¬ 
mental  flow  fields,  but  in  both  cases  the  more  gently  rounded  fuselage  underbody  produces  more  uniform 
flow  fields  at  high  aircraft  angles-of-attack. 

FOREBODY  FLCM  FTET.nS:  SHIELDED  INLETS 

In  the  Airframe-Inlet  Interaction  Investigation,  flow  surveys  were  also  taken  further  aft  under  a 
top-mounted  wing.  Although  this  type  of  wing  offers  inlet  shielding  at  high  0C0,  flow  field  interaction 
problems  arise  when  flow  washes  from  under  the  fuselage  upward  toward  the  inlet  region  (Figure  A).  It 
has  been  concluded  for  this  type  of  wing-shielded  inlet  configuration  that  it  is  preferable  to  design  an 
approximately  rectangular  shaped  fuselage  with  rounded  comers  in  order  to  provide  the  least  distorted 
inlet  flow  field  during  flight  maneuvers.  Rounded  fuselages  appear  to  give  rise  to  heavy  vortex  action 
at  the  wing-fuselage  junction  at  high  angle-of-attack.  On  the  other  hand,  the  rectangular  body  tends 
to  channel  the  flow  somewhat,  resulting  in  more  uniform  flow  adjacent  to  the  fuselage. 

The  integration  problem  associated  with  shielded  inlets  is  simplified  considerably  in  the  Tailor— 

Mate  low  wing  configurations.  In  this  case  the  wing-shielded  and  forebody-shielded  inlet  flow  fields 
experience  little  change  in  local  angle-of-attack  up  to  0C0  —  15°,  but  increasingly  larger  values  of 
sideslip  are  generated  at  the  higher  OCo  (Figure  5a).  Comparing  the  average  flow  field  properties  of 
the  wing-shielded  and  side-mounted  inlet  configurations  from  Project  Tailor-Mate  (Figure  5b)  indicates 
the  considerable  degree  of  protection  offered  by  wing  shielding. 

INLET  PERFORMANCE  i  BASIC  DESIGN  CONSIDERATIONS 

The  next  important  design  consideration  is  that  of  the  supersonic  inlet  itself.  Taking  an  example 
from  the  l/12-scale  Airframe-Inlet  Interaction  Investigation,  it  is  seen  that  a  very  simple  side-mounted 
two-dimensional  inlet  operating  somewhat  off  design  at  Mo  =  2.2  responded  quite  differently  to  flow 
fields  generated  by  four  different  fuselage  shapes  (Figure  6).  In  this  case  the  average  flow  field 
angle-of-attack  was  slightly  negative,  resulting  in  significantly  lower  inlet  performance  than  in  the 
isolated  inlet  test  case. 

Much  more  detailed  inlet  performance  tests  were  conducted  in  the  larger  scale  Project  Tailor-Mate 
program.  Two  side-mounted  and  two  shielded  external  compression  inlets  (Figure  7)  were  "tailored"  for 
the  flow  fields  defined  by  the  forebody  test  program.  Wind  tunnel  models  of  these  inlets  had  provisions 
for  variation  in  inlet  compression  surface  arrangement,  cowl  shape,  sideplate  shape,  boundary  layer 
bleed,  and  subsonic  diffuser  length.  Instrumentation  used  to  document  inlet  performance  (Figure  8) 
included  static  pressure  measurements  throughout  the  inlet  and  diffuser  and  total  pressure  rak„s  near 
the  cowl  lip,  in  the  diffuser,  and  at  the  simulated  compressor  face.  All  of  the  compressor  face  in¬ 
strumentation  and  some  of  the  inlet  static  pressures  incorporated  high  response  transducers. 

It  is  beyond  the  scope  of  this  paper  to  cover  all  of  the  inlet  design  information  generated  in  this 
effort.  There  are,  however,  a  few  basic  points  which  have  emerged  from  the  Tailor-Mate  program  -  sup¬ 
plemented  by  Information  from  other  investigations  -  which  are  worthy  of  note  for  future  design  practices. 

INLET  PERFORMANCE:  EFFECT  OF  WINO-SHTFLPTND 

First  it  is  useful  to  compare  the  general  reaction  of  the  different  inlet  systems  to  the  simulated 
flight  environment  (Figure  9).  The  effect  of  inlet  shielding  is  readily  seen  in  this  comparison,  the 
more  severe  problems  being  encountered  with  the  side-mounted  axisymmetric  inlet.  Judging  from  the 
angle-of-attack  data  alone,  the  wing-shielded  two-dimensional  (2-D)  inlet  appears  the  best  choice  for 
Mach  2.2  airframe  propulsion  compatibility.  However,  a  more  accurate  coi  Datibllity  assessment  can  be 
made  by  making  use  of  a  screening  process  developed  during  analysis  of  the  Tailor-Mate  data.  This 
method  of  screening  makes  use  of  a  plot  of  time-averaged  inlet  flow  distortion  (a  typical  engine  man¬ 
ufacturer's  parameter)  versus  compressor  face  flow  turbulence  for  all  inlet  test  points.  Definition 
of  the  region  of  distortion  and  turbulence  levels  for  which  stable  engine  operation  can  be  assured  has 
been  the  result  of  this  effort.  Some  of  the  oCo,  ySo  "compatibility  envelopes",  for  the  individual 
inlet  installations  (Figure  10)  indicate  that  adverse  sideslip  generally  has  a  much  more  unfavorable 
effect  on  the  shielded  2-D  inlet.  The  shielded  axisymmetric  inlet,  therefore,  is  found  to  offer  the 
best  performance  potential  due  to  its  relatively  high  pressure  recovery  and  low  flow  distortion 
throughout  the  entire  flight  maneuver  envelope.  Shielding  by  the  wing  produces  high  pressure  recovery 
at  high  angles-qf-attack  for  both  inlets,  but  the  axisymmetric  cowls  are  much  less  sensitive  to  the 
resulting  sideslip  flow  than  the  2-D  inlet  sideplates. 

INLET  PERFORMANCE:  EFFECT  OF  FOREBODY  SHAPE' 

The  importance  of  careful  integration  of  the  inlet  and  fuselage  can  be  illustrated  by  a  test  from 
the  Tailor-Mate  program,  in  which  the  2-D  side-mounted  inlet,  A-l,  was  tested  on  both  the  A-l  and  A-2 
forebodies.  Making  use  of  the  screening  process  mentioned  earlier,  the  envelope  of  distortion  index 
versus  turbulence  has  been  plotted  for  each  of  these  Installations  and  compared  with  the  region  of 
assured  compatibility  (Figure  11).  In  terms  of  propulsion  system  compatibility,  flow  fields  generated 
by  the  more  rounded  fusleage  underbody  (A-2)  were  found  to  be  substantially  better  than  the  other  (A-l). 

It  is  difficult  to  identify  the  exact  reason  for  this  difference,  but  the  A-2  fuselage  with  the  more 
rounded  contour  exhibited  lower  values  of  local  flow  outwash  (see  again  Figure  2)  at  high  C<o,  reducing 
the  tendency  toward  flow  separation  on  the  inboard  inlet  sideplate  during  maneuvering  flight.  At  the 
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very  least,  this  comparison  of  inlet  compatibility  for  two  slightly  different  flow  fields  illustrates 
the  potential  sensitivity  of  integration  problems  and  one  possible  avenue  for  improving  inlet  flow 
distortion  characteristics  in  supersonic  maneuvering  flight. 

I  TOT  PERFOrafANCE:  EFFECT  OF  FOREBODY  FLOW  FIELD  DISTORTION 

A  recent  supersonic  inlet  investigation  can  also  be  used  to  improve  understanding  of  the  effect  of 
fuselage  or  wing  flow  field  distortion  on  inlet  performance.  In  this  program  -  Supersonic  Inlet  Develop¬ 
ment  -  a  2-D  external  compression  inlet  and  a  half-axi symmetric  external  compression  inlet  were  designed 
and  wind  tunnel  tested  in  approximately  l/S-scale  (Figure  12).  Instrumentation  in  the  inlets  included 
static  pressure  distributions  through  the  inlet  and  duct,  a  movable  total  pressure  throat  rake  to  assess 
flow  entering  the  subsonic  diffuser,  and  total  pressure  rakes  at  the  simulated  compressor  face. 

This  program  was  split  into  two  phases  with  the  first  phase  devoted  to  isolated  inlet  performance/ 
compatibility  wind  tunnel  tests  and  the  second  phase  exploring  the  sensitivity  of  the  inlets  to  arti¬ 
ficially  generated  flow  field  distortion.  The  flow  field  distortion  was  created  in  the  wind  tunnel  by 
means  of  a  large  variable  angle-of-attack  wedge  incorporating  an  expansion  comer  on  its  lower  surface 
(Figure  13).  ,  This  wedge  spanned  the  wind  tunnel  ahead  of  the  inlet  and  its  variable  angle-of-attack 
feature  was  used  to  generate  a  well  defined  gradient  of  Mach  Number  and  flow  angularity  at  the  face  of 
the  inlet. 

Both  inlets  were  tested  in  this  environment,  but  the  2-D  inlet  was  also  tested  in  the  inverted 
position  (Figure  14).  In  the  case  of  the  upright  2-D  inlet,  very  little  effect  of  the  distorted  flow 
field  was  observed  because  the  inlet  shock  system  had  been  oriented  in  such  a  way  that  there  was  very 
little  Mach  Number  or  flow  angularity  gradient  across  the  initial  oblique  shock  wave.  This  had  the 
effect  of  placing  the  inlet  in  a  flow  field  which  it  Msawu  as  nearly  uniform.  On  the  other  hand  the 
flow  field  intercepted  by  the  half  axisymmetric  inlet  initial  shock  wave  varied  from  nearly  uniform  at 
the  lower  part  of  the  inlet  to  highly  distorted  along  the  upper  surface  of  the  shock  sheet.  By  testing 
the  2-D  inlet  in  the  inverted  position,  a  large  gradient  in  Mach  Number,  flow  angularity,  and  pressure 
was  imposed  on  the  initial  inlet  shock  sheet.  As  expected,  increased  flow  distortion  across  the  ini¬ 
tial  shock  resulted  in  decreased  pressure  recovery  performance  and  increased  compressor  face  flow 
distortion. 

These  tests  have  pointed  out  the  importance  of  definition  of  flow  distortion  actually  reaching  the 
inlet  face  in  supersonic  flow.  In  the  case  of  the  Project  Tailor-Mate  flow  field  definition  program, 
the  distortion  of  fuselage  flow  fields  does  not  vary  significantly  with  axial  distance)  therefore,  it 
has  been  concluded  that  the  measured  invicid  flow  fields  give  an  accurate  description  of  the  flow 
distortion  in  which  the  inlets  have  been  tested. 

INLET  PERFORMANCE;  EFFECT  OF  SUBSONIC  DIFFUSER  DESIGN 

Under  the  project  Tailor-Mate  investigation,  very  little  work  has  actually  been  done  on  the  develop¬ 
ment  of  subsonic  diffusers.  Part  of  the  reason  for  this  lack  of  emphasis  is  the  existance  of  a  wide 
variety  of  subsonic  diffuser  information  from  a  Subsonic  Diffuser  Development  investigation  which  has 
explored  pertinent  diffuser  problems.  In  this  particular  diffuser  investigation,  great  care  has  been 
taken  to  establish  realistic  duct  entrance  flow  profiles.  This  has  been  accomplished  by  providing  a 
flow  generating  device  ahead  of  the  diffuser  (Figure  15)  which  by  means  of  trips,  bleed  flow  variations 
and  throat  inserts  provides  realistic  subsonic  and  supersonic  flight  inlet  throat  flow  conditions  in¬ 
cluding  shock  wave-boundary  layer  interaction  effects.  The  flow  profiles  are  defined  by  steady  state 
and  dynamic  total  pressure  rake  instrumentation  at  both  the  diffuser  entrance  and  the  simulated  compressor 
face.  A  wide  variety  of  diffuser  shapes  with  static  pressure  distribution  instrumentation  has  been 
tested  with  several  different  entrance  flow  conditions.  As  with  the  other  programs  mentioned,  a  great 
deal  of  useful  information  has  been  gathered,  but  a  few  results  of  the  test  s  e  particularly  applicable 
to  the  problems  of  supersonic  maneuvering  flight  (Figure  16). 

Analysis  of  the  subsonic  diffuser  data  shows  clearly  that  the  large  levels  of  flow  distortion  and 
turbulence  normally  associated  with  the  interaction  of  throat  boundary  layer  and  terminal  shock  wave  at 
highOCo  can  be  reduced  significantly  by  means  of  throat  bleed  flow.  In  one  case  in  particular 
(Figure  16a)  the  levels  of  distortion  and  turbulence  associated  with  a  uniformly  thick  throat  boundary 
layer  profile  were  several  times  higher  than  the  levels  obtained  with  a  profile  which  has  been  thinned 
by  considerable  throat  bleed. 

Long  diffusers  provide  good  inlet  performance  conditions  over  a  wide  range  of  inlet  throat  conditions 
whereas  the  equivalent  performance  in  a  short  diffuser  is  contingent  upon  uniform  flow  and  a  thin  bound¬ 
ary  layer  at  the  inlet  throat  (Figure  16b),  The  effect  of  duct  length  has  also  been  shown  in  Project 
Tailor-Mate  by  te  sting  the  A-l  inlet/A-1  fore body  combination  with  a  simple  extension  to  the  subsonic 
diffuser  (increasing  duct  length  by  approximately  40^).  This  duct  extension  results  in  an  even  more 
remarkable  improvement  in  inlet/engine  compatibility  (Figure  17)  than  the  adjustment  of  fuselage  contour. 

The  use  of  vortex  generators,  in  cases  where  flow  would  otherwise  separate,  can  improve  performance 
when  located  upstream  of  the  separation  point  (Figure  l6c). 

These  results  illustrate  the  fact  that  carefully  designed  diffusers  result  in  lower  levels  of  flow 
turbulence,  pressure  loss,  and  flow  distortion.  The  Subsonic  Diffuser  Development  work,  coupled  with  the 
Tailor-Mate  program  results,  indicates  that  the  more  exposed  inlets  such  as  the  side-mounted  configura¬ 
tions  would  normally  be  longer  and  require  low  diffusion  rates  in  order  to  achieve  acceptable  performance 
in  maneuvering  flight.  Conversely,  shielded  inlets  can  produce  more  uniform  diffuser  entrance  conditions 
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which,  in  turn,  allow  the  effective  use  of  much  shorter  ducts,  perhaps  making  use  of  vortex  generators 
in  regions  of  high  turning. 

INLET  PERFORMANCE:  EFFECT  OF  MODEL  SCALE 

The  Project  Tailor-Mate  program  has  explored  only  wind  tunnel  test  models  in  l/4-scale,  but  another 
investigation  conducted  during  the  same  time  period  (Wind  Tunnel/Flight  Test  Correlation)  compares 
results  of  inlet  wind  tunnel  test  models  in  approximately  1/8  and  1/4-scale  with  flight  test  results  of 
the  RA-5C  aircraft  inlet  (Figure  18).  The  RA-5C  incorporates  two-dimensional,  horizontal  ramp,  external 
compression  inlets.  The  objective  of  this  investigation  has  been  to  determine  the  relationship  of  model 
scale  to  the  measured  performance  of  supersonic  inlets  for  typical  fighter  aircraft.  Complete  and  ex¬ 
haustive  analysis  results  are  not  yet  available,  but  some  interesting  comparisons  of  inlet  performance 
can  be  made  and  are  well  worth  a  brief  examination. 

The  comparison  of  total  pressure  recovery  at  Mo  =  1.8  (Figure  19a)  indicates  very  little  difference 
between  the  three  sets  of  test  results  fromcCo  =  2°  to  C(o  =  11°,  but  the  pressure  recovery  results  of 
the  two  scaled  models  begin  to  diverge  above  Ofo  =  14°.  This  difference  is  thought  to  be  due  to  the 
failure  to  duplicate  an  external  underbody  fairing  on  the  l/4-scale  model.  Comparison  of  the  circum¬ 
ferential  inlet  flow  distortion  values  of  the  three  scale  models  again  shows  minor  differences  among 
the  model  sizes  (Figure  19b).  In  terms  of  average  RMS  levels  of  turbulence,  (Figure  19c),  the  similar¬ 
ity  of  scaled  inlet  performance  is  also  seen. 

On  the  other  hand,  when  maps  of  compressor  face  total  pressure  are  examined  at  Mo  =  1.8  -  even  for 
very  small  CCfl  -  it  can  be  seen  that  there  are  some  significant  differences  in  the  characteristics  of 
the  inlet  flow  between  the  various  scales.  One  representative  example  at  Mo  —  1.8  (Figure  20)  shows 
that  the  zone  of  maximum  total  pressure  is  not  at  the  same  position  in  the  .125  scale  as  in  the  .228 
scale  and  flight  test.  This  difference  is  not  sufficient  to  become  obvious  in  the  average  total  pressure 
recovery  or  average  turbulence  levels.  Repetition  of  this  circumstance  at  other  flight  conditions  has 
led  to  the  conclusion  that  very  close  approximation  of  full  scale  compreesor  face  flow  distortion  should 
not  be  relied  upon  in  inlet  model  sizes  much  below  l/4-scale  when  testing  supersonically  with  unit 
Reynold's  Numbers  in  the  range  of  one  to  two  million  per  foot. 

The  differences  observed  between  1/8  and  l/4-scale  test  results  are  felt  to  be  a  combination  of 
Reynold's  Number  and  scale  effects.  In  order  to  allow  for  increased  boundary  layer  thickness  on  the 
scaled  model  fuselages,  the  inlet  diverter  height  has  been  increased  accordingly.  This  alteration 
coupled  with  other  Reynold's  Number  effects  has  placed  the  inlet  in  a  slightly  different  flow  field 
which  (as  is  seen  from  the  project  Tailor-Mate  data)  can  easily  result  in  inlet  flow  variations.  Also, 
thicker  boundary  layers  on  the  inlet  side  walls,  coupled  with  the  small  scale  inlet  size,  results  in 
an  altered  throat  shock  wave-boundary  layer  interaction  and  subsequent  altered  responses  of  the  viscous 
layer  to  adverse  pressure  gradients  in  the  subsonic  diffuser. 

INLET  PERFORMANCE:  EFFECT  OF  REINOID'S  NUMBER 

From  the  foregoing  considerations,  it  is  reasonable  to  expect  some  change  in  inlet  performance  and 
flow  distortion  with  changes  in  test  Reynold's  Number.  It  has  been  anticipated  in  the  past  that  the 
higher  Reynold's  Numbers  associated  with  full  scale  flight  operation  tend  to  result  in  thinner  fuselage 
and  inlet  boundary  layers,  reduced  viscous  interaction  problems, and,  consequently,  lower  inlet  flow 
distortion.  This  hypothesis  has  been  verified  in  part  by  the  results  of  both  Project  Tailor-Mate  and 
RA-5C  Wind  Tunnel/Flight  Test  Correlation  programs  which  indicate  that  (at  engine  match  points)  total 
pressure  recovery  tends  to  increase  slightly  with  Reynold's  Number  while  flow  distortion  and  SMS  levels 
of  duct  turbulence  tend  to  decrease. 

A  brief  exploration  of  Reynold's  Number  variations  in  the  Tailor-Mate  p.  •'gram  and  comparison  with 
other  work  suggests  that  inlet  flow  conditions  generally  improve  with  increasing  Reynold's  Number  when 
inlet  and  engine  are  well  matched,  but  there  is  a  tendency  toward  higher  inlet  turbulence  with  increased 
inlet  mass  flow  (Figure  21).  It  is  considered  encouraging  that  the  most  recent  data  trends  are  con¬ 
sistently  continuous  over  the  range  of  Reynold's  Numbers  and  scale  sizes  tested.  Judging  from  work  done 
under  Project  Tailor-Mate,  it  must  be  considered  advisable  to  carry  out  supersonic  inlet  development 
tests  at  unit  Reynold's  Numbers  greater  than  two  million  per  foot. 

CONCLUSIONS : 

Several  conclusions  have  been  drawn  from  recent  investigations  of  inlet  designs  for  high  maneuverable 
supersonic  fighter  aircraft. 

1.  There  is  no  "best"  engine  air  inlet  design  for  this  class  of  aircraft.  However,  a  great  deal 

of  care  must  be  taken  to  determine  aircraft  maneuver  requirements  from  mission  analysis.  The  subsequent 
airframe/inlet  design  development  must  be  accomplished  with  sufficient  care  to  assure  that  the  super¬ 
sonic  inlet  can  efficiently  diffuse  captured  mass  flow,  and  that  the  subsonic  diffuser  design  is  compat¬ 
ible  with  inlet  throat  flow  profiles  at  all  Maoh  Number  and  maneuver  conditions. 

2.  Fuselage  forebody  design  can  have  a  significant  effect  on  side-mounted  inlet  performance.  Its 
shape  should  be  considered  one  of  the  variables  during  inlet  development. 
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3.  Wing-shielding  can  provide  inlets  with  significant  protection  from  local  angle-of-attack,  but 
greater  sideslip  flow  angularity  is  associated  with  low  wing  installations  and  viscous  interaction 
problems  must  be  solved  in  high  wing  installations. 

k.  Artificial  techniques  of  simulating  distorted  aircraft  forbody  flow  fields  can  be  used  in  inlet 
tests  to  derive,  in  a  qualitive  sense,  the  response  of  inlet  designs  to  installed  maneuvering  flight. 

5.  Increased  subsonic  diffuser  length  may  be  employed  effectively  to  achieve  substantial  reductions 
in  compressor  face  levels  of  flow  distortion  and  turbulence. 

6.  Relatively  small  scale  tests  (1/8  to  l/lO)  nay  be  used  to  determine  inlet  average  pressure 
recovery  and  compressor  face  turbulence  in  supersonic  flight;  but  in  order  to  be  reasonably  certain  of 
duplicating  basic  compressor  face  flow  patterns,  larger  scale  models  (possibly  1/3  to  l/6)  are  recom¬ 
mended  along  with  minimum  unit  Reynold's  Numbers  of  approximately  two  million  per  foot. 

7.  Inlet  flow  distortion  and  turbulence  are  somewhat  sensitive  to  Reynold's  Number,  but  recent 
studies  show  no  indication  of  sharp  changes  in  sensitivity  from  model  to  full  scale. 
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PROJECT  TAILOR -MATE:  CONFIGURATIONS  CHOSEN  FOR  FOREBODY  TESTS 

FIG.  1. 


CONFIGURATION  A -2  M  =2.2,  Of  -  0°,  Q  =0°  M  =2.2,  a  -  15°  &  =  0° 

0  0  ~  0  0  0  '  0 

•DENOTES  POINT  IN  CONE-  a.=  LOCAL  ANGLE-OF-ATTACK 

PROBE  SURVEY  MATRIX  j£  j-=  LOCAL  ANGLE-OF-SI DESLI P 

PROJECT  TAILOR-MATE:  FOREBODY  FLOW  FIELD  ANGULARITY  AT  M  =2.2  FOR 

SIDE- MOUNTED  INLETS,  a  =  0°  i5°  0 

o  >  u  ■  ■ 


FIG.  2 
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AIRFRAME- INLET  INTERACTION:  EFFECT  OF  FUSELAGE  SHAPE  ON  FLOW  FIELD 
ANGULARITY  AT  M0=2.2,  OC  -15°  FOR  UNSHIELDED  SIDE-MOUNTED  INLETS 

0  FIG.  3 


AIRFRAME -INLET  INTERACTION:  EFFECT  OF  FUSELAGE  SHAPE  ON  FLOW  FIELD 
ANGULARITY  AT  M -2.2,0c  =15°  FOR  WING-SHIELDED  SIDE-MOUNTED  INLETS 

0  0  r  i  r*  a 
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CONFIGURATION  A-3 


CONFIGURATION  B-3/B-4 

•DENOTES  POINT  IN  CONE- 
PROBE  SURVEY  MATRIX 


LOCAL  ANGLE-OF=ATTACK 
LOCAL  ANGLE-OF-S I  DESLIP 


PROJECT  TAILOR-MATE:  FOREBODY  FLOWFIELD  ANGULARITY  AT  M  '2.2  FOR 
FOREBODY-AND  WING -SHIELDED  INLETS,  <*=0°,  15° 


-4  0  4  8 

AIRPLANE  ANGLE-OF-ATTACK,  e(  DEGREES 


CONFIGURATION  A-l 


wier 


CONFIGURATION  B-4 


nr/n/n/m 


PROJECT  TAILOR-MATE:  COMPARISON  OF  AVERAGE  FLOW  FIELD  PROPERTIES  FjG  5b 


M  -2.2,  CX  =0°,  ft  =0° 
0  0  '  0 


FUSELAGE 

1 

2 


SYMBOL 


a 

o 

o 

V 


AIRFRAME -INLET  INTERACTION:  COMPARISON  OF  INLET  PERFORMANCE 

FIG. 


STATION  0  IS  FREE  STREAM 

PROJECT  TAILOR-MATE:  COMPARISON  OF  INLET  DESIGNS 


FIG.  7 


PROJECT  TAILOR-MATE:  TYPICAL  INLET  INSTRUMENTATION 


FIG.  8 


ANGLE  OF  ATTACK,  CX  (DEG)  ANGLE  OF  ATTACK,  OMDEG) 

NOTE:  REF.  CONDITION  IS  M0*2. 2,  OCQ-0°  FOR  A-l  INLET 

PROJECT  TAILOR-MATE:  COMPARISON  OF  INLET  PERFORMANCE  VARIATIONS  IN 
MANEUVERING  FLIGHT 
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MQ*2.2  M0-1.6 


-  A-l 

- A -2 

- B-3 

.  B-4 

NOTE:  ENVELOPES  ARE  FOR 
LEFT-HAND  INLET. 

POSITIVE  INDICATES 
NOSE  LEFT  CONDITION 

8  4  0  -4  -8  8  4  0  -4  -8 

ANGLE-OF-SI DESLIP,  £  ,  DEGREES 
,  "o 

PROJECT  TAILOR-MATE:  FLIGHT  MANEUVER  COMPATIBILITY  ENVELOPES 

FIG.  10 


PROJECT  TAILOR-MATE:  EFFECT  OF  FOREBODY  CONTOUR  ON  INLET/ 
ENGINE  COMPATIBILITY,  M  *2.2  FIG.  11 
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TWO-DIMENSIONAL  INLET  MODEL  THROAT  RAKE 


SUPERSONIC  INLET  DEVELOPMENT:  EXTERNAL  COMPRESSION  INLET 
MODELS  “  FIG.  12 


SUPERSONIC  INLET  DEVELOPMENT:  INLET  FLOW  FIELD  GENERATOR 
CONCEPT  FIG.  13 
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NOTE:  REF.  CONDITION  IS  M0=2.2,  OC0=  0  FOR 
THE  2-D  INLET  (  UPRIGHT) 


SUPERSONIC  INLET  DEVELOPMENT:  EFFECT  OF  FLOW  DISTORTION  UPSTREAM  OF 
INLET,  QC0  =  0  FIG.  14 


FLOW  DISTORTION,  FLOW  DISTORTION, 
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ANGLE-OF-ATTACK,  0^,  DEGREES 


16 


T 


-4  0  4  8  12  16  20 

ANGLE-OF-ATTACK,  (X  ,  DEGREES 


PRESSURE  RECOVERY  COMPARISON -19a 


CIRCUMFERENTIAL  DISTORTION 
PARAMETER  COMPARISON  -  19b 


.08 


04 

0 


i! 

FULL  SC 
•0.228  S 
•0.125  S 

ALE  A/C 

:ale  mo 
:ale  mo 

FLIGHT 

DEL 

DEL  / 

-  — 

-4°  0  4  8  12 


ANGLE-OF-ATTACK,  (XQ,  DEGREES 
TURBULENCE  COMPARISON  -  19c 


NOTE:  REF.  CONDITION 

IS  M  -1.8,*/  -  0 
o  o 

FOR  THE  .228  SCALE 
INLET 
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WIND  TUNNEL/FLIGHT  TEST  CORELATION:  INLET  PERFORMANCE  COMPARISON 

FIG.  19 


FULL  SCALE 

FLIGHT  .228  SCALE  .125  SCALE 


WIND  TUNNEL/FLIGHT  TEST  CORRELATION:  COMPARISON  OF  COMPRESSOR 
FACE  TOTAL  PRESSURE  MAPS  FIG.  20 


LESS 

SUPERCRITICAL 


_ I _ i _ I _ _ _ I - 1 - L 

1  2  3  ,  4 

UNIT  REYNOLD'S  NUMBER,  Re/L  X  10 


TAILOR  -  MATE  (1/4  SCALE) 

PROPULSION  SYSTEM  FLOW 
STABILITY  (1/3  SCALE) 


- 1/8  SCALE  MODEL  'N 

. .  1/4  SCALE  MODEL  .  > 

- FULL  SCALE  FLIGHT/ 


WIND  TUNNEL 
FLIGHT  TEST 
CORRELATION 
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SUMMARY 


The  destabiiizing  factors  considered  in  compatibility  analysis  are  reviewed,  instrumentation  and  test 
techniques  are  discussed,  and  examples  of  compatibility  data  are  given  for  a  propulsion  system  consisting  of  a  super¬ 
sonic  Inlet  and  a  turbofan  engine.  Tbe  primary  destabilizing  factor,  inlet  distortion,  is  measured  with  high  response 
Instrumentation  capable  of  describing  complex  time-variant  distortion  patterns.  The  maximum-time  variant  dis¬ 
tortions,  determined  from  model  inlet  tests,  are  simulated  during  component  and  engine  testing  to  define  both  loss  in 
stall  margin  with  distortion  and  the  attenuation  of  distortion  as  it  passes  through  the  engine.  The  losses  in  stail 
margin  due  to  engine  causes,  such  as  throttle  transients,  control  tolerances  and  component  interactions,  are  analyzed 
by  dynamic  simulations  to  identify  potential  system  problems  prior  to  system  testing.  Attention  is  focused  on  poten¬ 
tial  problems  by  compatibility  audits  that  show  the  allocation  of  stail  margin  between  destabiiizing  influences  and 
Identify  areas  where  component  improvement  is  needed. 


INTRODUCTION 

Improvements  in  propulsion  system  performance  have  been  achieved  by  extending  operating  limits,  such 
as  turbine  temperature  and  compressor  pressure  ratio,  and  by  keeping  component  efficiencies  close  to  peak  levels 
with  more  use  of  variable  geometry.  Use  of  variable  geometry  results  in  components  that  are  held  close  to  limits 
over  the  entire  operating  range,  whereas  they  used  to  have  a  single  critical  design  point  and  wide  margin  for  most 
operating  conditions.  At  the  same  time,  aircraft  altitudes  and  speeds  have  been  Increasing,  and  military  aircraft  arc 
required  to  operate  over  an  expanded  range  of  angles  of  attack  and  sideslip.  Aii  these  factors  increase  tbc  difficulty 
of  successful  propulsion  system  integration  to  achieve  iniet-engine  compatibility. 

Inlet-engine  compatibility  Is  the  required  propulsion  system  operation  when  the  pilot  moves  the  controls. 
Any  combination  of  power  lever  transients  and  aircraft  maneuvers  must  result  in  all  components  remaining  within 
operating  limits.  In  particular,  flow  breakdown  in  the  compression  system  (surge)  must  be  avoided  by  maintaining 
stability  margin  at  all  times. 

Solving  iniet-engine  compatibility  problems  during  flight  testing  is  both  expensive  and  time  consuming. 

A  propulsion  system  designer's  objective  Is,  therefore,  to  identify  and  fix  potential  problems  before  flight.  This 
objective  places  increased  emphasis  on  compatibility  analysis,  modeling,  and  testing,  with  a  resultant  analytical  inte¬ 
gration  of  propulsion  system  components  before  they  are  assembled  for  flight  test. 

Compatibility  analysis  starts  during  preliminary  design  with  trade  studies  between  compatibility, per¬ 
formance  and  weight.  These  studies  result  In  features,  such  as  those  shown  on  figure  1,  specifically  included  in  the 
engine  to  improve  compatibility. 


Figure  1.  Design  For  Stability 
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A  key  decision  during  these  trade  studies  Is  the  stall  margin  allocated  to  destabilizing  influences.  The 
engine  stability  margin,  which  must  be  maintained  at  all  times,  can  be  conveniently  represented  on  a  compressor 
map  by  the  residual  stall  margin  after  all  Influences  that  lower  the  surge  line  and  raise  the  operating  line  have  been 
accounted  for  (figure  2).  Stall  margin  is  defined  as  the  difference  between  the  undistorted  surge  line  and  the  steady- 
state  operating  line  at  constant  flow,  expressed  as  a  percentage  of  the  undistorted  surge  line. 


Residual  St 
Margin 

ability _ 

Control  Transients 
Component  Interactions! 
In-Phase  Pressure. 
Oscillations  { 

Control  Tolerances  I 
Rematch  Due  to  Inlet 
Distortion  and 
Reynolds  Number 


70  80  90  100  110 

ENGINE  AIRFLOW  -  % 

Figure  2.  Many  Factors  Influence  Stability  Margin 


The  purpose  of  this  paper  is  to  review  the  principai  factors  affecting  inlet-engine  compatibility  and  the 
latest  analysis  and  test  techniques  used  during  the  time  interval  between  engine  cycle  selection  and  first  flight. 


DISCUSSION 

Airflow  matching  between  the  engine's  flow  requirements  and  the  inlet  supply  changes  the  pressure  field 
at  the  inlet-engine  interface,  which  in  turn,  affects  inlet  compression  system  stability.  Airflow  matching  is  relatively 
easy  for  subsonic  aircraft,  because  rounded  inlet  lips  provide  a  large,  stable  flow  range,  and  because  engine  cor¬ 
rected  airflow  varies  little  between  takeoff,  climb,  and  cruise.  Flow  matching  is  complex  for  supersonic  aircraft, 
because  both  the  engine  and  the  inlet  must  operate  over  a  larger  flow  range.  Also,  the  flow  characteristics  are 
functions  of  different  variabies  that  do  not  have  the  same  trends;  the  inlet  airflow  Is  a  function  of  Mach  number,  angle 
of  attack,  angie  of  sideslip,  and  the  bleed  fiow  required  to  stabilize  the  shock  syste  \,  while  engine  airflow  demand  is 
.a  function  of  engine  inlet  temperature,  power  lever  position  and,  to  a  minor  extent,  inlet  distortion  level.  Low  air¬ 
flow  demand  by  the  engine  can  force  an  external  compression  inlet  Into  buzz  and  an  internal  compression  iniet  to  un¬ 
start;  both  of  these  undesirable  operating  modes  can  cause  surge.  High  airflow  demand  causes  high  distortion,  which 
can  again  cause  surge.  The  inlet  and  engine  control  systems  must,  therefore,  maintain  the  airflow  match  in  an 
acceptable  corridor.  Control  schedules  are  selected  to  provide,  margin  between  the  iow-flow  side  of  this  corridor 
and  inlet  instability.  The  airflow  used  for  stability  analysis  is  at  the  high-flow  side  of  this  matching  corridor,  because 
the  high  inlet  distortion  associated  with  high  flow  gives  the  worst  conditions  for  flow  stability. 


Inlet  pressure  distortion  has  a  marked  effect  on  the  compression  system  surge  boundary.  In  addition  to 
inlet-airflow  matching,  distortion  at  the  inlet-engine  interface  is  a  function  of  the  shape  of  the  aircraft  forward  of  the 
inlet,  angles  of  attack  and  sideslip,  and  aircraft  speed.  It  is  also  a  strong  function  of  time  because  of  turbulence  pro¬ 
duced  by  interactions  between  the  aircraft  fiow  field,  the  boundary  layer,  and  the  inlet  compression  system.  The  time- 
variant  nature  of  typical  supersonic  iniet  distortion  is  illustrated  in  figure  3,  which  shows  a  25%  change  in  distortion 
level  over  a  period  of  4  milliseconds.  The  maximum  time-variant  distortion  is  used  in  stability  analysis  (e.g. ,  25.4% 
A  P/P  a  would  be  the  level  used  from  the  data  shown  in  figure  3). 


High  response  instrumentation  is  required  at  the  engine-inlet  Interface  to  measure  distortion.  This  require¬ 
ment  is  illustrated  by  figure  4,  which  shows  Inlet  pressure  contours  measured  by  both  iow  and  high  response  instru¬ 
mentation  during  a  test  where  distortion  was  simulated  by  a  turbulence  generator.  The  high  response  probes  measured 
more  than  five  times  the  distortion  of  the  low  response  probes.  This  testing  established  that  a  minimum  of  40  total 
pressure  probes  with  a  frequency  response  of  1000  Hz  are  required  for  fuli-scale  distortion  testing.  Reference  1 
describes  scale  effects  on  model  Inlet  data  that  require  a  frequency  response  inversely  proportional  to  the  model  scale 
(e.g. ,  6000  Hz  response  required  for  a  1/6  scale  model). 


oJj  e-Tim*  y-.-'ant  Distortion  AP/PD- 


.  _ 

20  30 

TIME  •  millisec 

Figure  3.  Time-Variant  Distortion  From  A  Supersonic  Inlet  Model 


Low  Response 
Instrumentation 
3%  AP/Pa 


High  Response 
Instrumentation 
15%  AP/Po 


Figure  4.  High  Response  Instrumentation  Is  Required  To  Measure  Time-Variant  Distortion 


Maximum  time-variant  distortion  was  shown  to  be  the  surge-inducing  event  during  research  reported  in 
Reference  2.  Furthermore,  simulation  of  maximum  time-variant  distortion  by  inlet  screens  will  also  cause  surge 
(figure  5),  The  testing  of  reference  2  showed  that  pi'essure  data  should  be  filtered  to  match  the  compressor  stability 
response.  Digital  data  can  be  filtered  by  averaging  pressures  over  a  time  period  corresponding  to  1/3  of  a  revolu¬ 
tion.  Equivalent  analog  filtering  uses  a  third-order,  linear-phase,  low-pass  filter  that  has  3  db  attenuation  at  a 
frequency  corresponding  to  rotor  speed.  When  scale  model  inlet  data  are  being  processed,  the  filter  cut-off  fre¬ 
quency  is  increased  Inversely  proportional  to  the  model  scale. 


Distortion  Level  15%  AP/Pa 


Distortion  Level  16%  AP/Pa 


Surge  Induced  Surge  Induced 

by  Time  Variant  by  Inlet  Screen 

Distortion 


Figure  5.  Simulation  Of  Maximum  Time-Variant  Distortion  By  Inlet  Screens  Reproduces  A  Surge 
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Inlet  distortion  data  are  generated  during  1/6  seals  model  inlet  testing  at  the  rate  of  20,000,000  patterns 
per  hour  for  a  test  period  which  may  be  several  weeks  long*  however,  the  data  points  of  interest  are  Included  in  the 
relatively  brief  periods  of  maximum  time-variant  distortion.  Ths  cost  of  analyzing  all  these  data  by  normal  digital 
techniques  is  prohibitive.  Consequently,  McDonnell  Aircraft  Company  has  designed  an  analog  computer  (Reference  3) 
to  identify  the  points  of  peak  distortion  during  model  inlet  testing.  This  computer  records  the  maximum  time-variant 
distortion  for  each  run  and  the  point  in  time  at  which  it  occurs.  Digital  data  reduction  is  used  in  the  neighborhood  of 
points  of  peak  distortion  to  provide  a  more  accurate  answer.  Figure  6  shows  that  this  analog  computer  correctly 
identifies  the  point  of  maximum  distortion  and  gives  peak  values  within  10%  of  the  digital  data. 


o 


Figure  6.  An  Analog  Computer  Is  Used  To 
Identify  Points  Of  Peak  Distortion 
During  Inlet  Testing 


Inlet  temperature  distortion  can  occur  from  ingestion  of  hot  gas  from  armament  firing  or  re-ingestion  of 
exhaust  gas.  Whils  pressure  distortion  is  always  present  to  some  degree,  temperature  distortion  at  the  engine  inlet 
is  infrequent  and  oan  usually  be  anticipated;  consequently,  special  control  action  can  be  taken  to  minimize  ths  effect. 
Downstream  compressors  are  subjected  to  temperature  distortion  created  by  upstrsam  compressors.  Fortunately 
this  effect  is  small  compared  to  other  destabilizing  influences.  Data  showing  the  effects  of  temperature  distortion  on 
compressor  stability  are  given  in  Reference  4. 

Distortion  factors  describe  an  inlet  distortion  pattern  by  a  number  propo  tional  to  stall  margin  loss.  They 
must  account  for  pattern  intensity,  shape,  and  extent  for  all  patterns  which  can  be  produced  by  the  inlet.  A  distortion 
factor  system  with  these  elements  has  been  used  to  translate  complax  and  radial  patterns  into  equivalent  circumferential 
patterns,  so  that  pattern  severity  can  be  compared.  The  unit  of  distortion  used  in  this  paper  (AP/Pa)is  the  intensity 
of  a  180  degree  square  wave  pattern  that  will  produce  the  sams  loss  in  stall  margin  as  the  pattern  under  consideration. 

Loss  in  stall  margin  with  distortion.  Analytical  tools  for  predicting  the  loss  in  stall  margin  with  inlet 
distortion  arc  in  ths  early  stages  of  development  and  have  limited  success.  Consequently,  component  surge  tests  with 
and  without  distortion  are  required  to  deflns  the  effect  of  distortion  on  compressor  stability  (figure  7).  The  data  for 
one  value  of  corrected  airflow  and  several  inlet  patterns  are  correlated  by  the  distortion  factor  AP/Po  in  figure  8. 

The  slope  of  the  correlation  in  figure  8  is  called  the  sensitivity  to  distortion.  Both  the  sensitivity  of  the  compressor 
and  its  undistorted  stall  margin  are  necessary  to  define  stability. 

Distortion  attenuation  by  upstream  components  improves  the  operating  environment  and  stability  of  down¬ 
stream  components,  Maldistributed  flow  causes  a  performance  loss  in  each  compression  stage  that  is  exposed  to 
distortion.  It  is  important,  therefore,  to  attenuate  distortion  early  in  the  compression  system,  so  that  latsr  stages 
may  be  designed  for  high  performance.  Figure  9  shows  attenuation  of  a  180  degree  circumferential  squars  wave  inlet 
pattern  as  it  passes  through  a  low  hub-tip  ratio  fan.  Almost  all  of  the  inlet  distortion  is  removed  by  the  fan  tip, 
whereas  substantial  distortion  still  persists  at  the  root  discharge.  Changing  the  square  wave  inlet  distortion  to  the 
sine  wave  exit  distortion  at  the  root  results  in  a  pattern  which  causes  lower  stall  margin  loss,  even  though  the  intensity 
is  only  slightly  reduced.  The  root  therefore  shows  distortion  attenuation  that  is  higher  than  would  be  inferred  from  a 
comparison  which  only  considered  the  change  in  intensity. 
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Figure  10  shows  that  data  points  taken  with  tip  radial  distortion  are  scattered  evenly  about  the  discharge 
profile  without  distortion.  This  complete  attenuation  of  radial  distortion  is  typical  of  most  fans.  Figure  11  shows  the 
complete  attenuation  of  hub- radial  distortion.  Here  again  the  data  points  at  the  discharge  with  distortion  are  scattered 
evenly  about  the  discharge  profile  determined  without  distortion.  A  compressor  downstream  of  this  fan  must  be 
designed  to  accept  the  radial  flow  pattern  generated  by  the  fan  in  addition  to  the  residual  component  of  the  inlet 
circumferential  pattern.  Consequently,  "undistorted"  compressor  testing  is  carried  out  with  this  radial  pattern. 
Distorted  testing  has  the  circumferential  distortion  screen  being  tested  superimposed  on  the  normal  radial  pattern 
produced  by  the  fan. 


Distortion  simulation  during  early  component  and  engine  testing  is  accomplished  by  simple  square  wave 
circumferential  and  radial  screens.  Testing  with  simple  patterns  is  relatively  inexpensive  and  enables  distortion  to  be 
tracked  through  the  component  to  Identify  problem  areas  in  stage  matching  and  distortion  attenuation.  An  important 
measurement  is  the  temperature  distortion  produced  at  the  discharge  of  a  fan  as  a  by-product  of  inlet  pressure  distortion 
attenuation.  This  temperature  distortion  causes  loss  In  stall  margin  on  the  compressor  following  the  fan. 

Testing  with  simple  distortion  patterns  defines  the  distortion  factor  that  is  used  to  sift  iniet  data  and  define 
a  set  of  the  worst  time-variant  patterns.  These  patterns  are  then  simulated  by  complex  inlet  screens  to  check  the 
superposition  of  radial  and  circumferential  distortion.  Changes  in  the  formulation  of  the  distortion  factor  may  be 
required  to  correlate  this  new  test  data. 
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After  components  have  been  developed  by  screen  testing  to  approach  compatibility  goals,  testing  Is  carried 
out  with  a  turbulence  generator  or  preferably  an  inlet  simulator  to  check  the  correspondence  between  time-variant 
distortion  and  simulation  of  maximum  time-variant  distortion  by  inlet  screens.  Both  a  turbulence  generator  and  an 
inlet  simulator  produce  time-variant  distortion  by  setting  up  a  shook  system.  The  difference  Is  that  the  turbulence 
generator  is  designed  to  produce  a  given  range  of  turbulence  levels,  while  an  inlet  simulator  Is  designed  to  set  up  the 
same  type  of  shock  system,  flow  passages,  and  bleeds  as  a  specific  inlet  and  thoreby  reproduce  tbe  flow  field  at  the  en¬ 
trance  to  the  engine  in  as  realistic  a  manner  as  possible. 

Reynolds  number  effects  can  cause  a  loss  in  stall  margin  as  large  as  the  loss  due  to  Inlet  distortion  for 
aircraft  which  operate  over  a  wide  Reynolds  number  range.  Testing  to  define  the  effect  of  Reynolds  number  on 
stability  should  be  accomplished  in  the  early  stages  of  an  engine  development  program,  because  the  results  can  have 
a  significant  effect  on  the  stall  margin  required  to  meet  compatibility  goals.  Reynolds  number  effects  may  also 
require  control  system  revision  to  obtain  the  best  compromise  between  performance  and  compatibility  over  the  flight 
envelope. 


The  loss  of  stall  margin  due  to  time-variant  distortion,  temperature  distortion,  and  Reynolds  number  has 
been  discussed.  The  primary  effect  of  these  destabilizing  factors  is  to  lower  the  surge  line.  Loss  of  stall  margin  is 
also  caused  by  steady-state  and  transient  effects  which  raise  the  operating  line.  The  transient  operating  line  depends 
on  the  interaction  of  components  in  the  --£wlsion  system  that  are  not  operated  together  until  late  in  the  development 
program.  Consequently,  several  levrhwVi  dynamic  simulation  are  used  to  predict  system  operation  and  thereby  obtain 
early  knowledge  of  potential  problems.  se  simulations  are  discussed  below  in  conjunction  wltb  destabilizing 
phenomena  which  raise  the  operating  line. 

Power  lever  transients  are  analyzed  by  an  engine  and  control  digital  dynamic  simulation  (Reference  S) 
to  give  a  transient  compressor  operating  line  such  as  that  shown  in  figure  12.  The  Increase  in  fuel  flow  required  to 
accelerate  from  idle  raises  the  operating  line  toward  the  surge  line,  the  maximum  loss  In  stall  margin  being  set  by 
acceleration  requirements.  Conversely,  a  deceleration  causes  a  drop  in  operating  line  with  oonsequent  increased 
stability  margin. 


Figure  12,  Power  Lever  Transients  Analyzed  By  Engine  And  Control  Dynamic  Simulation 


This  engine  and  control  simulation  represents  the  entire  engine  from  the  fan  through  the  nozzle  with  the 
Interaction  of  all  engine  control  systems.  It  is  used  for  generating  control  schedules,  studying  engine  transients, 
and  evaluating  methods  of  controlling  around  stability  problems  (e. g. ,  control  reset  to  accommodate  gas  ingestion 
disturbances  caused  by  armament  firing). 

Component  interactions  are  analyzed  by  a  dynamic  simulation  which  Is  correlated  with  the  latest  component 
and  engine  test  data.  In  the  majority  of  cases,  interaction  effects  are  predicted,  and  corrective  action  Is  taken  before 
testing.  Occasionally  dynamic  simulations  do  not  contain  sufficiently  detailed  knowledge  to  predict  a  problem.  An 
example  of  a  recent  instance  where  dynamic  simulation  was  used  for  diagnosis  rather  than  prediction  occurred  during 
testing  of  a  mixed-flow  turbofan  engine  when  interaction  occurred  between  the  augmentor  control  system,  augmentor, 
and  compression  system.  Pressure  perturbations  that  destabilized  both  the  fan  and  compressor  were  observed 
during  sequential  ignition  of  portions  of  an  augmentor  burner  system.  Additional  Instrumentation  clearly  showed  a 
problem  area.  A  more  detailed  dyn&mtc  simulation  of  tbe  fuel  system  and  augmentor  was  then  used  to  isolate  the  cause 
of  the  problem  In  the  augmentor  fuel  system  and  to  define  both  an  interim  solution  to  complete  the  planned  test  program 
and  a  long-range  solution  for  the  production  component. 
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In-phase  pressure  oscillations.  If  the  pressures  measured  at  the  engine-inlet  interface  are  uniform  in 
space  (no  distortion)  but  variable  with  time,  there  will  be  a  loss  in  stability  that  is  not  accounted  for  by  the  distortion 
factor.  This  type  of  time-variant  inlet  data  is  called  "In-phase  oscillation. "  The  typical  in-phase  oscillations  shown 
in  figure  13  are  small  and  do  not  have  much  effect  on  engine  stability.  A  control  system  failure  in  the  engine  or  the 
inlet,  however,  may  create  an  airflow  mismatch  that  forces  the  inlet  into  a  buzz  region.  In  this  event  pressure  oscilla¬ 
tions  on  the  order  of  30%  can  occur. 


10 


20 

TIME  -  millisec 


30 


Figure  13.  Typical  In- Phase  Oscillations  From  Supersonic  Inlet  Data 


Tbe  large  loss  in  stall  margin  caused  by  inlet  buzz  has  been  estimated  from  an  engine  and  control  simulation 
and  Is  shown  by  the  solid  line  in  figure  14.  This  simulation  had  a  frequency  response  limited  to  10  Hz,  because  the 
volumes  represented  in  the  simulation  had  been  lumped  together  to  reduce  operating  cost.  The  conditions  determined 
from  the  engine  and  control  simulation  at  the  inlet  of  the  fan,  the  fan  discharge,  and  the  compressor  discharge  were 
input  as  boundary  conditions  to  a  fan  and  compressor  stage-by-stage  simulation  (Reference  6)  which  has  an  order  of 
magnitude  better  frequency  response  than  the  engine  and  control  simulation.  The  fan  and  compressor  simulation 
showed  a  greater  loss  in  surge  margin  as  shown  by  the  dashed  line  in  figure  14.  This  difference  between  the  results  of 
two  simulations  illustrates  the  need  for  several  levels  of  dynamic  simulation  to  analyze  the  propulsion  system  fully. 


Figure  14.  Fan  Response  To  High  Amplitude  In-Phase  Oscillations 

Fan  and  compressor  simulations  are  also  used  to  evaluate  component  interactions  by  varying  the  amplitude 
of  ln-phase  oscillations  at  a  given  frequency  until  instability  occurs.  In  the  exampl  shown  in  figure  15,  the  compressor 
generates  system  instability  at  low  disturbance  frequencies  and  stabilizes  the  fan  at  high  frequencies. 


Figure  15.  Amplitude-Frequency  Stability  Plot  -  Interactions  Modify  Stability  Limits 
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Control  tolerance  and  sensor  errors  cause  movement  of  the  operating  line  and  can  also  change  the  surge 
line,  if  they  cause  variable  geometry  to  deviate  from  the  scheduled  setting.  The  effect  of  tolerances  and  sensor  errors 
on  stability  is  normally  studied  using  the  steady-state  mode  of  the  engine  and  control  dynamic  simulation,  because  this 
simulation  is  required  to  have  a  complete  description  of  both  the  control  and  the  engine  components.  The  most  adverse 
movement  of  the  operating  point  for  stability  is  caused  by  control  tolerances  and  sensor  errors  that  result  in  a  combina¬ 
tion  of  reduced  airflow  and  increased  pressure  ratio. 

A  study  of  control  sensor  errors  is  particularly  Important  during  the  control  definition  phase  of  engine  design. 
A  control  cannot  distinguish  between  true  and  false  signals;  consequently,  if  the  study  shows  large  sensitivity  to  a  particu¬ 
lar  control  tolerance, or  if  the  control  uses  a  sensor  with  an  inherently  large  error  band,  then  the  control  mode  should 
be  changed  before  hardware  is  committed. 

Rematch  due  to  inlet  distortion  and  Reynolds  number.  Both  iniet  distortion  and  low  Reynolds  number  can 
cause  losses  in  flow  and  efficiency.  These  losses  can  rematch  the  operating  line  in  either  a  stabilizing  or  a  destabilizing 
direction  depending  on  the  engine  control  mode,  the  type  of  inlet  pattern,  and  the  relative  effect  on  the  fan  and  compressor 
of  both  iniet  distortion  and  Reynolds  number.  Component  data  from  simple  iniet  screens  is  used  to  measure  the  loss 
in  flow  and  efficiency  with  distortion.  These  effects  arc  included  in  the  engine  and  control  simulation  that  is  operated 
at  steady-state  conditions  to  determine  the  rematch.  The  average  time-variant  distortion  is  used  to  determine  rematch 
in  contrast  to  tbe  maximum  time-variant  distortion  that  is  used  to  determine  the  loss  in  surge  line. 


So  far,  the  major  factors  causing  loss  in  stability  have  been  individually  reviewed.  These  factors  arc 
combined  into  a  "compatibility  audit"  to  focus  management  attention  on  components  needing  Improvement.  In  the 
example  of  a  compatibility  audit  shown  in  figure  16,  the  fan  has  a  small  but  adequate  stability  margin.  This  fan  would 
requird  more  development,  If  this  level  of  inlet  distortion  persists  in  regions  of  the  flight  envelope  where  Reynolds 
number  effects  are  significant.  If  the  large  compressor  stability  margin  shown  in  figure  16  is  also  obtained  at  other 
flight  conditions,  then  engine  rematch  to  obtain  more  performance  should  be  studied. 
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Figure  16.  Compatibility  Audits  Identify  Components  Needing  Improvement 


As  the  development  program  proceeds,  compatibility  status  is  determined  using  bettor  lnformatibn.  Testing 
with  simple  Inlet  screens  is  replaced  by  more  realistic  testing  with  an  inlet  simul  .or.  Individual  component  test  data 
are  replaced  by  dual-spool  test  data.  Dynamic  simulation  is  replaced  by  engine  transient  testing.  This  procedure  of 
analysis  and  testing  should  result  in  the  first  combined  engine-inlet  test  in  an  altitude  facility  being  a  verification  test 
rather  than  one  in  which  new  problems  are  discovered.  If  problems  do  develop,  however,  the  Information  obtained  during 
component  testing  and  the  subsequent  updated  dynamic  simulations  are  available  to  identify  early  solutions. 

CONCLUDING  REMARKS 

Compatibility  analysis  starts  by  allocating  sufficient  stall  margin  in  a  preliminary  engine  design  to 
accommodate  all  destabilizing  Influences.  Since  high  stall  margin  results  In  weight  and  performance  penalties,  this 
stall  margin  allocation  focuses  attention  on  components  needing  improvement.  These  may  be  an  Inlet  which  generates 
high  distortion,  a  fan  with  low  distortion  attenuation,  a  compressor  with  high  sensitivity  to  distortion,  or  a  control 
system  which  has  large  transient  excursions  or  high  sensor  errors. 

Testing  to  develop  compatibility  requires  specialized  equipment  to  simulate  distortion,  high  response 
instrumentation,  and  the  resulting  analysis  and  digestion  of  extremely  large  quantities  of  data.  High  response 
instrumentation  is  particularly  needed  at  the  engine-inlet  interface  during  model  inlet  testing  and  during  engine  tests 
with  an  inlet  or  an  inlet  simulator,  since  low  response  Instrumentation  will  only  identify  a  fraction  of  the  inlet  distortion. 

Component  integration  for  compatibility  relies  heavily  on  dynamic  simulations  that  are  used  to  define 
design  criteria,  to  obtain  early  knowledge  of  potential  integration  problems,  and  to  identify  solutions  to  problems.  While 
dynamic  simulations  are  key  engineering  tools,  compatibility  audits  are  the  management  tools  used  to  focus  attention 
on  problem  areas.  The  key  to  successful  system  integration  lies  in  the  use  of  these  tools  to  recognize  and  solve 
potential  problems  early  enough  to  avoid  flow  instability  in  flight. 
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SUMMARY 


The  modern  aeronautical  industry  calls  for  accurate  methods  of  prediction  of 
exhaust  system  performance.  The  interactions  among  the  various  streams  of  double  flow 
nozzles  make  a  rigorous  fluid  dynamic  treatment  difficult,  particularly  for  subsonic  and 
transonic  flows. 

In  order  to  overcome  these  difficulties,  the  possibility  of  applying  a  time 
dependent  technique  using  the  method  of  characteristics  was  considered.  A  computer  program 
was  written,  which  proved  to  be  able  to  solve  axisymmetric ,  inviscid  flows  contemporarily, 
Irrespective  of  their  subsonic , transonic  or  supersonic  nature. 

In  the  present  paper  some  results  relating  to  a  transonic  nozzle  and  a  subsonic 
double  flow  nozzle  are  presented  and  compared  with  experimental  data. 


LIST  OF  SYMBOLS 


A 

a 

ao 

D5'D6,D8 

H 

h 

M 

m 

P 


flow  area 
speed  of  sound 

speed  of  sound  at  total  tempera 
ture  T0 . 

quantities  defined  respectively 
by  Eq(A2-13 ) ,  Eq(lS),  and  Eq(A2-14) 

total  enthalpy 
static  enthalpy 
Mach  number 
mass  flow  rate 
total  pressure 


Y 

S 

5 


8 

P 


functions  defined  by  Eq(Al-2) 

arbitrary  functions  defined  by 
Eq (Al-4 ) ,  respectively  for  Y=Y 
and  X=Xo  ° 

ratio  of  specific  heats 
quantity  defined  by  Eq(A2-17) 

quantity  in  compatibility  equations, 
respectively  equal  to  zero  (plane 
flows'!  or  to  one  (axisymmetric  flows) 

angle  between  the  axes  x  and  x^ 
density 


p  static  pressure 

S  entropy 

T  static  temperature 

Tq  total  temperature 

t  time 

t  time,  at  which  perturbations  on 

''  boundary  geometry  are  stopped 

V  flow  velocity 

X,Y  stretched  coordinates,  respectively 

in  direction  parallel  and  perpendi¬ 
cular  to  the  flow,  defined  in  Ap¬ 
pendix  1. 

X0,Y  coordinates,  along  which  the  func- 

''  tion  8  and  “are  defined 

0  0 

x,y  coordinates  in  the  physical  plane 


Subscripts  : 

A,  B,  C,  at  base  points  of  bicharacteristics 

D,  E,  F  (see  the  figures  in  Appendix  2) 

M,  N  at  points  to  be  computed 

-0  at  center  of  the  ell  ipse,  along  which 

the  characteristic  surface  cuts  the 
plane  t=t0 

P  at  projection  of  M  on  plane  t=tQ 

»,e,j,t  at  stations  x  ,x  x.,xt  (see  Fig. 5 

and  8)  "  e  3  t 

1  for  the  internal  stream 

2  for  the  external  stream 

i  at  initial  time 


x,  ,y,  coordinates  respectively  in  direc- 

1  1  tion  parallel  and  perpendicular 

to  the  flow,  in  the  natural  coordi¬ 
nate  system.  « 

XX  quantity  defined  by  Eq  (13) 

YY  quantity  defined  by  Eq  (14) 

Z  variable  for  isentropic  flow  of 

perfect  gas  with  constant y  ,  defi¬ 
ned  by  Eq.  (20) 
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INTRODUCTION 

The  modern  aeronautical  industry  calls  for  precise  methods  of  prediction  of  all 
propulsion  components.  A  variety  of  exhaust  system  configurations  has  been  proposed  for 
different  flight  situations  (see  Fig.l).  In  all  the  cases  represented  in  Fig.l,  the  inte¬ 
ractions  among  the  various  streams  make  a  rigorous  treatment  of  the  fluid-dynamic  problem 
difficult.  In  fact,  the  correct  description . of  flow  phenomena  requires  the  contemporary  so¬ 
lution  of  continuity,  energy,  and  momentum  equations  for  all  considered  streams.  The  nume¬ 
rical  solution  of  the  resulting  system  of  differential  equations  is  in  general  difficult, 
even  under  simplifying  hypotheses,  namely  inviscid  fluid  and  axisymmetric  flow.  While  for 
supersonic  flow  the  hyperbolic  equations  of  motion  can  be  fairly  easily  solved  by  the  me¬ 
thod  of  characteristics,  the  presence  of  subsonic  flow  regions  requires  the  solution  of 
an  elliptic  equation,  with  the  well-known  convergence-problems. 

It  is  well-known  (see  for  example  (1)  and  (2))  that  the  introduction  of  the  time 
variable  leads  to  a  hyperbolic  equation.  Hence,  it  is  possible  to  solve  unsteady  flows 
with  the  method  of  characteristics,  irrespective  of  their  subsonic,  transonic,  or  supersonic 
nature.  Since  steady  flows  can  always  be  considered  asymptotic  limits  of  unsteady  flow 
situations,  the  same  method  can  also  be  applied  for  steady  problems.  The  purpose  of  the 
present  paper  is  to  discuss  the  possibility  of  applying  this  time  dependent  technique  using 
the  method  of  characteristics  to  some  unsolved  double-flow  nozzle  problems.  The  above 
technique  is  suitable  for  general  use,  since  it  can  be  applied  to  any  inviscid  plane  or 
axisymmetrical  flow.  To  show  the  wide  variety  of  possible  applications  of  the  method,  some 
of  the  cases  which  have  been  successfully  solved  during  the  computer  program  set  up  are 
exhibited  in  Fig.  2. 

The  general  proceeding  carried  on  by  the  computer  program  is  shown  in  Fig. 3  for 
the  simple  case  of  an  axisymmetric  nozzle  discharging  into  an  infinite  capacity  reservoir. 
The  mass  flow  variation (Fig. 3a-b)  and  the  flow  area  ratio  A/A»  (Fig. 3c)  are  represented 
along  the  axis  at  various  phases  of  solution: 

1.  An  initial  steady  flow  condition  (uniform  flow  in  a  constant  area  channel)  is  given 
at  t=0. 

2.  Perturbations  on  the  boundary  are  imposed  during  the  internal  of  time  0<t<tx;they 
produce  the  unsteady  flow  situation  represented  in  Fig.  3a. 

3.  When  the  desired  final  geometry  is  reached  (t»tx),no  more  perturbations  are  given,  and 
the  flow  evolves  into  a  steady  solution  as  shown  in  Fig. 3b. 

4.  When  a  steady  situation  is  reached  in  the  region  of  interest(f°r  x„<x<x.t  in  Fig.  3c), 
the  calculations  are  stopped.  An  exactly  similar  proceeding  can  be  followed  when  more 
than  one  stream  is  considered  and/or  more  than  one  boundary  is  changed. 

Besides  all  steady  flows  applications,  it  is  obvious  that  this  method  allows  one 
to  investigate  those  situations  in  which  unsteady  states  are  of  interest  per  se,  as  for 
instance  the  flow  phenomenaoccurrine  during  the  opening  and  closing  of  an  adjustable  nozzle. 
The  main  obstacle  to  a  wider  engineering  application  of  the  above  method  is  brought  about 
by  the  large  amount  of  computer  time  which  is  necessary  to  reach  steady  situations.  Neverthe 
less,  even  if  no  cheap  computer  time  is  available,  the  adoption  of  this  method  will  be  any 
way  useful  for  the  control  of  simplified  treatments  of  easier  design  use,  such  as  linearized 
solutions  (3)  or  one-dimensional  approaches  (4,5). 


METHOD  OF  ANALYSIS 

The  governing  laws  for  an  inviscid, adiabatic  and  unsteady  flow  are  given  by  Eqs 

(1-3): 

-  continuity  equation: 

-H-  *  7  .(pf  )  ■=  0  (1) 

-  energy  equation  along  the  flow  path  of  a  particle: 

d'(  H  )  =  -  yi—  (  V2  )  dt  .  (2) 

where  the  operator  d *  (  )  is  defined  by  d'  (  )  "  $  dt.V(  ) 

-  equation  of  motion: 

ff*  vh  -  $x(vxtf)+TvS  (3j 

COORDINATE  SYSTEM.  The  coordinate  system  given  in  Appendix  1  was  introduced  by  Carriere 
and  Capelier  (2)  ,  and  proved  -to  be  very  useful  for  these  applications.  Besides  all  the 
peculiar  advantages  of  a  natural  coordinate  systems,  it  allows  one  to  stretch  the  compu¬ 
tational  meshes  by  a  proper  choice  of  the  function  a  and  $  of  Eq.  (Al-4).  The  advanta¬ 
ges  related  to  this  degree  of  freedom  will  be  discussSd  late?. 

COMPATIBILITY  EQUATIONS.  Let  us  assume  that  flow  conditions  are  known  in  the  whole  region 
of  interest  in  the  plane  t=t0  (see  Fig.  4).  The  particle  in  the  point  0(Xo>Yo,to)  will  be 
at  point  M  (X  +dX,Y0  ,  t„  +dt)  after  the  increment  of  time  dt.  In  order  to  identify  the  parti¬ 
cle  completely,  the  following  four  variables  are  required:  the  module  of  velocity  V;  the 
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angle  0;  and  two  parameters  of  state,  for  example  pressure  and  density.  In  fact,  any  other 
function  of  state  f  can  be  derived  by  the  equation  of  state  of  the  fluid: 

f"  p  (P.p)  (4) 

From  the  theory  of  characteristics  it  is  known  that  the  characteristic  surface  passing 
through  M  is  a  conoid  ,  v/hich  cuts  the  plane  t=fQ  along  an  ellipse,  having  center  in  0 
and  axes  AB  and  CD  parallel  to  X  and  Y.  Although  the  compatibility  relations  can  be  deri¬ 
ved  for  any  generatrix,  they  assume  a  very  simple  form  along  the  four  particular  lines  AM, 
.BM,  CM,  and  DM,  which  are  called  bicharacteristics.  Total  derivatives  with  respect  to  time 
and  compatibility  equations  along  the  bicharacteristics  and  the  trajectory  OM  are  given  in 
Table  1.  They  hold  for  plane  (5=  0)  and  axisymmetric  (f;=  1)  flows. 


LINE 

d 

(—  ) 
dt 

COMPATIBILITY  EQUATIONS 

A-M 

d  3  V+a  3 

(— )am  -  —  + - (5a) 

dt  3t  0  3X 

1  dp  1  dV  V  39  V  sine 

pa2  dt  m  a  dt  ™  8  3Y  y 

B-M 

d  3  V-a  3 

(— )bm  =  —  + - (fia) 

dt  3t  a  3X 

1  dp  1  dV  V.  .3  9  V  sine 

pa2  dt  BM  a  dt  8  3Y  y 

C-M 

d  3  V  3  as 

(  )rj,<  =  + - ~  —  (/a) 

dt  St  a  3X  8  3Y 

1  dp  V  de  1  3V  V  sine 

7?  (dt)cM  a  Cdt)cM  a  3X.  y  C?b) 

D-M 

d  3  V  3  as 

( — )j)M  =  *  +  (8a) 

dt  U  St  a  3X  8  SY 

1  dp  V  de  1  3V  V  sine 

pa2  dt  DM  a  dt  DM  a  SX  y 

0-M 

d  S  V  3 

(— . )0M  =  —  + -  (9a) 

dt  0M  St  a  SX 

de  1  3p 

P  V  (-)0M  - -  (9b) 

dt  UM  8  SY 

Table  1  Total  derivatives  with  respect  to  time  and  compatibility  equations  along  the 
”  bicharacteristics  and  the  particle  path  (for  symbols  see  Fig.  4  ) 

It  is  easy  to  show  that  the  five  equations  (S-6-7-8-9)  can  be  reduced  to  the  three 
following  independent  equations,  which  are  given  already  in  a  finite  difference  form: 

VM  ’  T  {  VA  +  V  ^BM  -C^AM]  PM  +  (pa) AM  PA  "  ^BM  PB  +  I  (YY A "YYB)  ^  >  C10) 

C  +  VDM  V  [(fa) DM"  (la-1  CM^  PM  +  (pa) CM  PC  '  (pa) DM  PD  + 


M  VCM+VDM 


Pm  “ 


IK  (1/ pa) 


{VCM  5 

+  \  (XXD  -  XXC)  At  >  (11) 

{  (p/pa)  +  VA  _  vg  +  vcm  0C  "  VDM  8D  +  I  ’  (VD‘Vc)  T~  At  }  (12) 


where: 

vv  -  a  3  V  v  sine 
XX  a  JX  +  ?aV  ^ 


YY=Tr?+taV  y 
D6  =  2  YYH  +  2  XXM  ♦  YYa  +  YYb  + 


(13) 

(14) 


+  xxc  +  XXD  (IS) 
*i(*>  ■  fA  +  fB  +  £C  +  fD  (16) 
(f)XY  =  j(fY  +  fY)  (i7) 


To  solve  the  problem,  another  relation  is  necessary,  namely  the  energy  equation 
along  the  path  0-M  of  the  particle.  This  equation  is  given,  in  a  finite  difference  form,  by 

ir2  V2  ,  V2  3 


M 


V‘  -V2 
’  0  M 


At 


(18) 


The  density  P  ,  which  is  present  in  Eqs.  (10-11),  can  be  computed  from  known 
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values  of  pressure  and  enthalpy.  For  the  simple  case  of  a  reversible  and  adiabatic  flow, 
the  energy  equation  becomes: 

So  =  SM  (W) 

If  a  perfect  gas  with  constant  Y  is  considered, the  system  of  equations  (10-11-12- 
19)  can  be  simplified  by  the  introduction  of  the  variable  Z: 

Z  =  —  a  (20) 

Y-l 

In  fact,  dp/pa=d(2a/(Y-l))rdZ  .The  resulting  system  of  three  equations  is  given  below: 

VM  “  i  {VVCYYBM-YYAM>  At  +VV  (21) 

®M  "V CM+' VDM { VCM 9C  +  VDM 0D  +  ( XXDM_XXCm)  it+ZC‘ZD}  (22) 

ZM  =  ^  +(VA‘VB)+0CVCM“%>VDM+)eM(VD"Vc)")D6AtJ  (23) 

METHOD  OF  SOLUTION  FOR  DIFFERENT  POINTS.  A  variety  of  points,  which  must  be  solved  in  diffe 
rent  ways,  can  be  met  during  the  calculation.  A  simple  fom  of  equations  to  be  used  is  pro” 
vided  for  all  considered  points  in  Appendix  2:  on  the  left  of  the  page  the  adiabatic  flow  of 
an  inviscid  fluid  with  the  equation  of  state  (A2-1)  is  treated,  while  on  the  right  the  isen- 
tropic  flow  of  a  perfect  gas  is  considered.  In  the  first  case,  pressure  and  entalpy  are 
computed,  and  density  is  derived  by  Eq  (A2-1) ,  while  in  the  second  case  the  variable  Z  is 
sufficient  to  identify  the  thermodynamic  state. 

It  can  be  seen  that  both  problems  imply  the  solution  of  nan  linear  systems  of 
equations,  which  can  be  performed  by  an  iterative  method.  However,  a  very  rapid  convergen¬ 
ce  is  in  general  achieved,  since  all  therms  on  the  right  side  of  the  equations  containing 
the  unknowns  are  small  enough. 

BOUNDARY  CONDITIONS.  While  interior,  rigid  wall,  and  slip-line  points  can  be  solved  fairly 
easily,  both  indicated  methods  concerning  inlet  or  outlet  non-rigid  boundaries  in  subsonic 
flow  are  often  sources  of  trouble.  In  fact,  the  first  one  (extrapolation)  can  produce  the 
well-known  form  of  instability  which  is  described  for  example  by  Collatz  (6)  .  As  far  as  the 
second  method  is  concerned  (arbitrary  conditions  at  boundaries),  let  us  quote  McKenzie  and 
Moretti  (7)  ."It  is  physically  impossible  to  prescribe  proper  conditions  on  subsonic  non 
rigid  boundaries,  since  all  signals  from  the  interior  region  (computed)  affect  tK"!  exterior 
region  (  not  computed)  and  viceversa  „  and  again  Moretti  (8);  "No  arbitrary  assumptions 
should  be  used  during  the  time  evolution,  even  if  they  are  valid  in  a  steady  state  and  a 
steady  state  is  to  be  reached  eventually,,.  Actually,  while  assignable  boundary  conditions 
are  well  known  for  steady  flow  problems  (see  for  example  (9)),  they  are  not  so  well  establi^ 
hed  for  unsteady  flows. 

In  order  to  circumvent  the  above  quoted  difficulties,  the  following  method  was 
worked  out  by  the  authors.  Initial  known  conditions  are  given  in  an  infinite  (I.E.  very  lar 
ge ,  since  the  method  is  numerical)  region.  Then  desired  signals  are  induced,  and  calculations 
are  performed  in  the  pertubated  regions,  while  the  other  regions  of  the  field  are  unaltered. 
Obviously,  the  perturbated  (calculated)  region  will  spread  with  time  in  all  directions.  The 
problem  is  to  reach  a  steady  state  solution  in  the  region  of  interest,  before  some  signal 
reaches  the  boundaries.  The  necessity  follows  of  adopting  wide  regions  of  computation  in  the 
physical  plane.  On  the  other  hand,  a  rather  restricted  number  of  meshes  is  required  by 
computing  time  limitations.  These  opposite  requirements  can  be  matched  by  the  adoption  of 
the  above  defined  coordinate  system  X,Y.  In  fact,  the  physical  coordinates  x,y  can  be  stret 
ched  by  a  proper  choice  of  functions  “o  and  B0  of  Eq.(Al-3). 

Although  in  this  way  a  steady  solution  can  always  be  reached,  another  question 
arises:  is  the  calculated  solution  the  one  of  interest?  For  simplicity,  let  us  consider  the 
case  represented  in  Fig.  3.  We  started  with  a  given  Mach  number  of  0-50  constant  everywhere 
A  steady  solution  was  reached,  with  the  required  geometry,  corresponding  to  an  upstream 
Mach  number  of  0.465.  No  easy  relation  between  these  two  values  can  be  established.  On  the 
other  hand,  one  is  in  general  interested  in  a  particular  solution,  but  cannot  set  a  priori 
the  right  initial  Mach  number.  However,  the  possibility  exists  of  reaching  every  solution 
of  interest,  by  gradually  changing  the  discharge  pressure.  This  proceeding  was  applied  to 
the  nozzle  of  Fig.  3,  and  the  results  are  given  in  Fig.  5,  where  the  various  phases  from 
the  steady  subsonic  flow  represented  in  Fig. 5a  up  to  the  steady  supersonic  flow  represented 
in  Fig.5d  are  represented. 

Unfortunately,  a  similar  action  cannot  be  applied  when  more  than  one  subsonic 
stream  is  to  be  considered.  Let  us,  for  instance,  look  into  the  case  represented  in  Fig. 8. 
First,  the  initial  total  pressure  ratio  P-|/P2  between  the  two  streams  1  and  2  is  fixed 
arbitrarily,  then  the  boundary  geometry  is  gradually  changed.  The  induced  perturbations 
change  upstream  conditions  in  both  streams,  so  that  the  total  pressure  ratio  P-j /P2  wbio.h 
is  found  for  the  steady  situation  corresponding  to  the  final  geometry,  is  in  general  diffe¬ 
rent  from  the  primary  one.  No  possibility  seems  to  exist  of  predicting  these  changes  exac¬ 
tly. 

NUMERICAL  INTERPOLATIONS.  There  are  obvious  limitations  to  the  number  of  meshes  which  can 
be  used  in  the  computations.  They  are  due  to  both  computer  core  capacity  restrictions  and 
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computational  time  requirements.  The  two  problems  are  somewhat  interrelated,  since  a  lar¬ 
ger  computer  capacity  can  allow  one  to  decrease  computational  time  by  recording  a  grea¬ 
ter  number  of  intermediate  results,  which  can  be  used  in  subsequent  calculations .A  node 
number  around  3000  is  allowed  by  the  UN1VAC  1108  available  at  the  Politecnic  of  Milan. 

The  adoption  of  rather  coarse  meshes  requires  therefore  an  accurate  interpola¬ 
tion  method.  In(2)  an  example  is  reported,  where  linear  interpolations  proved  to  be  ina¬ 
dequate.  Since  the  nature  of  perturbations  is  undulatory,  it  would  seem  appropriate  to 
describe  flow  phenomena  with  functions  which  can  have  flexes.  The  simplest  function  with 
flexes,  a  polinomial  of  third  degree,  was  therefore  adopted.  No  attempts  were  made  to 
fit  the  whole  calculated  plane  by  means  of  polinomials  of  high  degree,  since  in  the  au¬ 
thors  experience  (10), these  methods  are  often  unsafe.  The  excellent  precision  of  results, 
which  was  achieved  even  after  a  very  large  number  of  iterations,  brings  into  evidence  the 
potential  of  the  adopted  method. 

STEADTNESS  OF  SOLUTION.  By  definition,  all  variables  do  not  change  with  time  when  a  solu- 
tion  is  fully  steady.  Nevertheless,  small  changes  are  always  present  in  a  numerical  solution. 
The  problem  arises  of  understanding  whether  these  changes  are  due  to  numerical  inaccuracies, 
or  reflect  a  still -.unsteady  *&r«Stion.  A  very  intuitive  way  of  checking  steadiness  consists 
in  looking  into  the  mass  flci.-ihiagram  (see  for  example  Fig. 5. 3  and  5),  which  must  be  flat 
in  all  the  region  of  interest iv\A  more  precise  method  can  be  adopted  for  isentropic,  irrota- 
tional  flows.  In  this  case,  the  term  on  the  right  side  of  Eq  (3)  is  equal  to  zero,  since 
entropy  is  constant  (VS=0)  and  flow  irrotational  (VX?=0).  Steady  solutions  require  therefore 
total  enthalpy, and  consequently  total  pressure  to  be  constant  everywhere.  In  all  cases  trea¬ 
ted  in  this  paper,  solutions  were  considered  to  be  steady  for  total  pressure  fluctuations 
well  below  one  thousandth  of  the  absolute  value. 

DISCUSSION  OF  RESULTS 

Specific  calculations  about  transonic  double  flow  nozzles  could  not  be  brought  to 
an  end,  because  of  the  unexpected  unavailability,  during  the  last  two  months,  of  the  high 
speed  computer  which  had  been  used  for  the  research  until  then.  However,  the  results  presen¬ 
ted  in  this  chapter , concerning  respectively  a  transonic  nozzle  discharging  into  an  infinite 
capacity  reservoir  and  a  subsonic  double  flow  nozzle,  leave  no  doubt  about  the  possibi¬ 

lity  of  solving  transonic  double  flow  nozzles  by  the  proposed  method. 

TRANSONIC  NOZZLE.  In  Fig. 5a,  the  steady  subsonic  solution  is  represented,  which  was  achieved 
at  time  t=2.1tY  after  the  unsteady  phase  described  in  Fig. 3.  On  the  upper  part  of  the  figu 
re, lines  at  cohstant  Mach  number  are  shown  in  a  section  along  the  axis,  while  the  perceptual 
mass  flow  rate  variations  at  various  stations  with  respect  to  the  throat  one  are  represented 
in  the  lower  part  of  the  figure.  Besides  results  shown  in  Fig.  5a,  steadiness  in  the  region 
of  interest  can  be  noticed  from  Fig. 6.  In  fact, mass  flow  rates  through  the  three  stations 
xm,xt,  and  xs  coincide  (Fig. 6a)  and  Mach  numbers  are  steady  (Fig. 6b). 

In  order  to  establish  a  transonic  flow  through  the  nozzle,  the  reservoir  pressure 
is  gradually  decreased  up  to  the  time  t=  4.3t  ,  as  shown  in  Fig.  6c.  Results  obtained  during 
the  transient  phase  (t=  3.5t  )  are  represented  in  Fig.  5b, where  the  occurrence  of  a  superso¬ 
nic  region  is  shown.  Unsteady  peculiarities  of  flow  can  be  seen  both  in  the  lower  part  of 
Fig. 5b  and  Fig. 6.  On  the  contrary,  a  nearly  steady  situation  is  found  at  t=  5t  ,  as  indicated 
by  small  (0.7?)  mass  flow  variations  represented  in  Fig. 5c.  However,  the  Mach  number  beha¬ 
vior  at  station  x^  ,  represented  in  Fig.  6b,  indicates  an  unsteady  situation. 

This  fact  can  be  explained  by  the  appearance  of  shock  waves  ,  due  to  the  overexpan¬ 
sion  of  the  nozzle.  No  steady  solution  could  be  found,  since  calculations  were  carried  out 
with  the  equations  of  isentropic  flow,  which  cannot  account  for  irreversible  phenomena.  How¬ 
ever, results  of  Fig. 5c:  show  the  adaptability  of  the  method,  since  shock  waves  are  outlined 
with  excellent  precision. It  can  be  of  interest  to  notice  that  the  sharp  variations  in  static 
pressure  density,  and  flow  velocity  across  the  shock  waves,  which  are  shown  in  the  figure, 
are  not  due  to  an  entropy  increase,  as  in  Hugoniot  relations,  but  to  a  total  pressure  drop 
due  to  unsteady  phenomena. 

In  order  to  investigate  whether  the  occurrence  of  shock  waves  during  the  transient 
phase  influences  the  final  steady  solution,  the  discharge  pressure  was  decreased  up  to  a 
value  close  to  the  pressure  at  station  x  ,  as  shown  in  Fig. 6c.  Results  represented  in  Fig.5d 
show  that  the  correct  steady  solution  could  be  achieved  (mass  flow  variations  below  0.31  can 
be  considered  very  satisfactory,,  by  accounting  for  a  rather  coarse  computational  mesh)  . 

SUBSONIC  DOUBLE  FLOW  NOZZLE.  In  the  following  a  comparison  between  experimental  tests,  made 
at  ONERA  (11)  and  calculated  results  concerning  a  subsonic  double  flow  nozzle  is  made.  Sec¬ 
tions  of  the  experimental  assembly  and  the  model  used  during  the  calculations  are  shown 
respectively  in  the  lower  and  upper  part  of  Fig. 8c.  During  the  transient  phase,  the  internal 
nozzle  turns  from  a  cylindric  channel  with  infinitely  thin  walls  into  a  converging  noz  le 
with  5  mm.  thick  walls.  Contemporarily  the  external  cylindric  channel  increases  its  diameter. 
Flow  area  variations  versus  time  at  station  xm  for  the  external  stream  and  at  station 

xt  for  both  streams  are  shown  in  Fig.  7a. 

Total  pressure  and  Mach  number  variations  along  the  center  line  and  the  middle 
streamline  of  the  second  stream  (streamline  No. 15)  at  stations  x  ,x  ,  and  x.  versus  ti¬ 

me  are  represented  in  Fig.  7b  and  c.  Since,  as  discussed  in  previous  chapter,  totil  pressure 
variation  is  a  good  indication  of  steadiness,  the  almost  perfect  matching  of  total  pressure 
curves  represented  in  Fig. 7b  indicates  that  flow  is  very  close  to  a  steady  situation  at 
t=  3.6  tx .  The  same  information  is  given  by  constancy  of  Mach  numbers  with  time  (Fig. 7c). 

However,  results  shown  in  Fig. 8a  and  b,  where  respectively  total  pressures  and  Mach 
numbers  at  streamlines  1,11,12,  and  17  versus  the  axis  are  represented,  indicate  that  total 


pressure  variations  of  1.21  are  still  present.  This  can  be  easily  explained  by  the  pre¬ 
sence  of  sharp  corners,  which  cannot  be  interpolated  correctly,  and  by  the  coarse  meshes 
which  were  adopted  in  the  computation  (only  22x17  nodes  in  the  region  at  finite) . 

In  spite  of  these  inaccuracies  ,  the  comparison  with  test  . results  of  static  pres 
sure,  represented  in  Fig.  8a,  is  favorable. In  fact,  the  difference  between  experimental 
and  calculated  values  of  static  pressure  can  be  ascribed  to  the  fact  that  during  the  cal 
culation,  the  coincidence  of  static  pressure  of  the  two  separate  streams  (Kutta-JulcowslcT 
condition)  was  imposed  in  the  first  node  after  the  real  trailing  edge.  If  the  right  con¬ 
dition  would  have  been  assumed,  all  results  would  be  translated  of  one  mesh  in  direction 
of  the  axis,  and  a  fair  agreement  with  experimental  data  achieved. 
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Fig.  1  Typical  exhaust  system  configurations 
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Fig.  2  Examples  solved  during  the  program  set  up 


27-8 


O  t  m  - 


A  t.lt, 
7  t.jt, 
0  t.t. 


V  fe  2tKst 


If  1 


SOLIO  WALL 


0  t  a  0 

•  f 

-h 

j-i  i  J  4 

9  i 

-i 

- o  J  r-f( 

*i  ' 

I. 

At 

- 7t.it, 

T  t 

i  it,mtr 

Ot.t, 

O 

STATION 


THROAT 

£JL 


mnm 

n 


Fig.  3  Stages  of  the  solution  of  a  subsonic  nozzle  at  different  times 
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Fig-  S  Stages  of  the  solution  of  a  transonic  nozzle  at  different  times: 
streamlines  and  lines  at  costant  Mach  number. 
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APPENDIX  1 


COORDINATE  SYSTEM.  Let  us  call  x  and  y  the  coordinates  in  the  physical  plane;  x,  and  y.  the 
curvilinear  coordinates,  respectively  parallel  and  perpendicular  to  the  streamlines;  artd  e 
the  angle  between  the  axes  x,  and  y.  .  From 
Fig.  Al-1,  the  geometric  relation  between 
x,  y  and  x^,  y^  is  given  by: 

dx  =  cose  dXj  -  sine  dy^ 

dy  *  sine  dx^  +  cose  dy^ 

The  new  coordinate  system  is  defined  by  the 
following  relationships: 


(Al-1) 


dX  =  (1/a)  dx, 
{  1 
dY  =  (1/6)  dy. 


(Al-2) 


where  a  and  p  are  functions  of  X,  Y,  and  t. 
The  transformation  x,  y  -*•  X.  Y  will  be  u- 

•  -  •  -•  -  -  if  — -  -  - J-‘ 

tions  are  satisfied: 


iliv  naiuiuimuciun  a  j  j  A)  A  nxxx  u 

niquely  defined, only  if  the  ftr>J<js’J!ig  condi. 


3  a  3^ 

3Y  "  3X 
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It 


3j) 

3Y 


(Al-3) 


or,  by  integrating  Eq(Al-3): 


Y  se 


«(X,  Y,  t)  =  «0(X,  Yq,  ff  gdY 

{  0  ‘  (Al-4) 

6(X,  Y,  t)  =  60(X0,  Y,  t)+£X  ||  adX 

where  the  functions  aQ  and  8  can  be  fixed 
arbitrarily,  respectively  at0Y=YQ  and  X=XQ 


Fig.  Al-1 


APPENDIX  2 

List  of  equations  used  in  the  appendix: 


(A2-1) 
(A2-2a) 
(A2-2b) 
(A2-3a) 
(A2-3b) 
(A2-4a) 
(A2-4b) 
(A2-5a) 
(A2-Sb) 
(A2-6a) 

M  2U^S  =  1/(3+3s)  (2A+2B+ZD+  l5f2E+2F+2C^+VA"VB+VE'VF+VDM('0M'9D-,'VCN('eM"eD^'^D8At}(A2"6b5 

(A2-7a) 
(A2-7b) 

®M  =  9N  ’  1/(VCN+VDM^{VCNeC+VDM9D+“1/Pa)DM-(1/Pa)cN)PM+(1/Pa)CNPc-^/pa5DMPD+  (A2-8a) 
eM  "  9N  "  1/(VCN+VDM^VCN9C+VDM9D+2M^-^+2C-2D+^XXDM-XXCN)it}  +5(XX™'X  CN>4t  (A2.8b) 
VM  =  V„+  (1/pa) BM  (PM-PB>  +YYbm  At  (A2-9a) 

VM  "  V  2M  ■  ZB  +  YYBM  At  (A2-9b) 

PM  =  CpaWW-^BM  At  +  PB  3  (A2-10a) 

(continue  on  page  A2-3) 


P  ”  p (p ,h)  and  a  =  a(p,h) 

PM  =  l/(Ei(l/pa))(Ei(p/  a)+VA-VB+VCM(eM-9c)-l  D$  At  ) 

zM  »  1/3  ekz)  +va-vb+vcm(9m-9c)-i  Ds  At 

PM  "  1/  (E1  (1/paJ)  {£iCp/Pa)+VA-VB-V(,[lj(8jlj-9(,)- 1  Dj  At  ) 

ZM  =  1/3E1  (Z)  +WVCM<9M  9C-*"^  D5  At 

eM  e  etf  1/,VMC  ((1/pa)MC^PM"Pc^+^  (XXC+XXM)  At  * 

9M  ■  9C‘  1/VMC  ‘W*  (XXC+XXM^  Ab  > 

®M  ”  9C+  1/,VMC  ( (1/pa)MC^PM-pC^  +  ^  ^XXC+XXM-)  At  } 

0M  "  9C+  1/VMC6{ZM-2C+J  (XXC+XXM)  At  } 

Pm  =  PN  =  1/CzlCl/Pa))(E!cp/Pa)+VA+VE-VB-VVDM(9M-9D)-VCN(eM'9C)-i  D8  At  > 
z 

V^j  =  1  (VE+Vp+((l/pa)  (l/pa)^^)  p^-(l/pa)p  PF+2  (YYp^-YYg^)  At} 

V„  *■ 


l  (Ve+Vf+2e-2f+(YYfn-YYen)  At  } 
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ADIABATIC  FLOW 
OF  AN  INVISCID  FLUID 


ISENTROPIC  FLOW  OF  A  PERFECT 
GAS  WITH  CONSTANT  y 


INTERNAL  POINT 


Eq  (10) 

Eq  (11) 
{Eq  (12) 

Eq  (18) 

Eq  (A2-1) 


Eq  (21) 
/Eq  (22) 
lEq  (23) 


Since  all  base  points  of  bicharacteristics  are  in  the  calcula¬ 
ted  region,  the  equations  derived  for  the  general  case  are 
used. 


.Eq  (21) 
lEq  (A2-5b) 


b)  left  wall 

\  [One  base  point  of  bicharacteristics,  D,  is  out  of  the  calcula- 
'  r,r  ’ted  region.  Since  the  variable  pressure  is  given,  Eq  (12)  and 
Eq  (23)  are  replaced  by  pM  =  p,et 


SUP  LINE  POINT 

Stream  1 

X 


Eq  (10) 

Eq  (A2-6a) 
(Eq  (A2-7a) 
Eq  (A2-8a) 
Eq  (18) 

Eq  (A2-1) 


Eq  (21) 

Eq  (A2-6b) 
tEq  (A2- 7b ) 
Eq  (A2-8b) 


The  equations  of  the  two  separate  streams  must  be  solved  contem¬ 
porarily  at  the  geometrically  coincident  points  M  and  N,  since 
the  conditions  p..  =  p,,  and  8,,  =  8„  must  be  satisfied.  The  other 
unknowns  come  out  from  the  above  equations,  obtained  from  the 
six  points  indicated  in  tho  aside  figure. 
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INLET  BOUNDARY  POINT 


mltl  lint 


Eq  (A2-9a)  or  Eq  (A2-10a)  Eq  (A2-9b)  or  Eq  (A2-10b) 

{Eq  (18) 

Eq  (A2-1) 

a)  inlet  Mach  number  less  than  unity:  the  motion  in  M  is  in7 
fluenced  by  both  internal  and  external  regions  of  preceding 
plane,  since  point  A  is  internal,  while  points  B,C,and  D 
are  external.  Two  ways  of  solution  are  possible: 

-  points  B,C>and  D  are  calculated  by  extrapolation  in  the 
plane  t=t  ,  so  that  M  can  be  treated  as  an  internal 
point.  0 

-  the  angle  0.,  and  one  of  the  two  unknowns  pM  and v  are 
fixed  arbitrarily,  while  the  other  one  is  Calculated  by 
the  above  equations. 

b)  inlet  Mach  number  equal  or  larger  than  unitymo  signal  co- 
ming  t‘rom  the  calculated  Tegion  can  reach  the  point  M,  since 
base  points  A,B,C  and  D  are  out  of  the  calculated  region. 
Hence  larbitrary  values  ofvM,  p^,  and  0^  can  be  assigned. 


OUTLET  BOUNDARY  POINT 


{Eq(A2-lla)  or  Eq(A2-12a)  ,Eq(A2-llb)or  Eq(A2-12b) 

Eq(ll)  'Eq(22) 

{Eq(18) 

Eq(A2-l) 

outlet  Mach  number  less  than  unity:  the  motion  in  M  is  in- 
’ fluenced  by  both  internal  and  external  regions  of  preceding 
plane,  since  points  A,C,  and  D  are  internal,  while  point  B 
is  external.  Two  ways  of  solution  are  possible: 

-  point  B  is  computed  by  extrapolation  in  the  plane  t=t  ,  so 
that  M  can  be  treated  as  an  internal  point, 

-  one  unknown,  either  pressure  or  velocity,  is  fixed  arbitra¬ 
rily,  while  the  other  ones  are  computed  by  the  above  equa¬ 
tions. 

|b)  outlet  Mach  number  larger  than  unity:  the  motion  in  M  is  en¬ 
tirely  determined  by  the  calculated  conditions  in  the  pre 
vious  plane,  since  all  base  points  of  bicharacteristics  are 
internal.  Hence,  the  calculation  is  carried  out  with  the  same 
technique  used  for  the  interior  points. 


M  ‘  VM~  B  t  ‘B  llBM 

VM  =  VA  -  ( 1 / p a ) AM  (VA  -  VM  )  -  YYam  at  (A2-lla) 

VM  =  VA  '  <ZM  -  ZA>  ’  YYAM  At  (A2'llb) 

Pm  ■  PA  +  ^AM  (VA-V  -  YYAM  At  (A2'12a^ 


ZM 
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>< 
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+  2  A  ■ 
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At 

(A2  ■ 

-12b) 
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XXM  ♦ 

WA  + 

YYB  + 
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-13) 

D8 

=  2 

YYM  + 

2  yyn 

+  XXM 

+  XXN  *  YYa  +  YYb  +  YYe  t  YYf  ♦  XXC  +  XXp 
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Si 
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II 
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(A2  ■ 

-15) 
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Si 
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(A2  • 

-16) 

5  =  ZN/ZM  =  aoN/aoM  ^PM  Z  PN  ^  ^  ^ /  Y 
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REPARTITION  DES  VITESSES  A  L’ENTRf.E  D'UN  COMPRESSEUR  SUPERSONIQIJE  * 

par  Bernard  LEDOUX  &  Roger  BAGOT 

OFFICE  NATIONAL  D’^TUDES  ET  DE  RECHERCHES  AliROSPATIALES  (Q.N.E.R.A.) 

92  -  CHATILLON  •  Franco 


Les  forts  rapports  de  compression  des  compresseurs  supersoniqu.es  n^cessitent  des  sections  de 
passage  fortement  evolutives,  ce  qui  conduit  a  placer  en  amont  du  rotor  un  capotage  qui  induit  des  vites- 
ses  radiales  importantes.  La  connaissance  de  ces  vitesses  et  de  l1 influence  qurelles  ont  sur  le  profil  des 
vitesses  axiales  est  indispensable  pour  l'etablissement  drun  projet  correct  de  compresseur. 

Deux  methodes  ont  ete  elaborees  a  cet  effet  : 

a)  une  methode  directe  consistant  ei  determiner,  a  partir  de  la  forme  du  canal  et  de  cells  du  capotage, 
lf6coulement  en  fluide  parfait  compressible  qui  s'Stablit  dans  le  canal  :  les  repartitions  de  pression 
obtenues  par  le.calcul  sont  comparees  a  celles  relevSes  sur  le  carter  externe  et  sur  le  capotage  au 
cours  d'essais  effectu£s  en  soufflerie  ;  on  en  d^duit  la  repartition  des  vitesses  dans  la  veine  ; 

b)  une  methode  indirecte  partant  des  repartitions  de  pressions  &  la  paroi  externe  et  en  deduissnt  le  champ 
d’ Ecoulement  ;  la  verification  du  calcul  s’obtient  par  comparaison  de  la  ligne  de  courant  correspondant 
au  debit  a  1* entree  du  montage  a  la  forme  de  la  meridienne  du  capotage  avant. 

Les  deux  methodes  donnent  des  result ats  coherents. 

VELOCITY  DISTRIBUTION  AT  a  SUPERSONIC  COMPRESSOR  INLET 

The  high  compression  ratios  of  supersonic  compressors  entail  widely  varying  duct  Sections, 
which  leads  to  placing  upstream  of  the  rotor  a  cowl  inducing  important  radial  velocities.  It  is  mandatory, 
to  design  correctly  the  compressor,  to  know  these  velocities  and  their  influence  on  the  axial  velocity 
profile . 


To  this  end,  two  methods  were  devised  : 

a)  a  direct  method  in  which  the  ideal,  compressible  flow  in  the  duct  is  established  from  the  duct  and  the 
cowl  shapes  ;  the  computed  pressure  distributions  are  compared  with  those  read  on  the  external  shroud 
and  on  the  cowl  during  wind  tunnel  tests;  from  these,  the  velocity  distribution  in  the  duct  is  deduc¬ 
ted  ; 

b)  an  indirect  method  starting  from  the  pressure  distribution  on  the  external  wall  and  leading  to  the 
flow  field  i  the  calculation  is  checked  by  comparing  the  streamline  corresponding  to  the  set-up  inlet 
with  the  shape  of  the  front  cowl  meridian. 

The  two  methods  give  coherent  results. 

ROTATIONS 

r ,3  coordonn£eo  cylindriques  ou  planes 

coordonnees  du  plan  de  calcul  pour  la  methode  inverse 

cfo)  fonction  de  compressibilite 

F  fopetion 

fonction  de  courant  pour  la  methode  directe 

vitesse  critique  du  son 
nernbre  de  Mach 
n ombre  de  Mach  critique 
pression  statique 

pression  generatricc  de  1* Ecoulement 
Constant e 

Rayon  externe  de  la  veine 
Rayon  interne  de  la  veine 
Temperature  dT arret 

composante  de  la  vitesse  normale  a  lcaxe 
compos ante  axiale  de  la  vitesse 

expos ant  (  cK  =  0  ecoulement  plan,  c(  =  1  ecoulement  de  revolution) 

Ar#  Aj  pas  de  calcul  pour  la  m&thode  directe 
Ay*  Ax  pas  de  calcul  pour  la  methode  inverse 
j>  masse  volumique 

Indices 

jitJL  indices  d‘un  noeud  du  reseau  de  calcul 
_  oS  indice  relatif  au  plan  inf ini  amont 
+  oo  indice  relatif  au  plan  inf  ini  aval 

*  Etude  effsotude  sous  oontrat  de  la  Dirsotion  dss  Rsoherohsa  et  Moyens  d'Essaia 
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1.  INTRODUCTION  | 

i 

Le  calcul  correct  d'une  roue  de  compresseur  exige  prealablement  la  connaissance  de  j 

l'etat  de  l'ecoulement  a  1* entree  de  cette  meme  roue.  '  J 

j 

Dans  le  cas  de  compresseurs  conventionnels  (ni  transsoniques,  ni  supersoniques ) ,  lee  j 

veines  sont  en  general  peu  convergentes  et  les  vit esses  radiales  a  1 'entree  dee  roues  sont  prati- 
quement  negligeables .  II  est  alors  relativement  aise  de  connaitre  lv6tat  de  l'ecoulement  a  l'entree 
de  ces  roues  soit  par  le  calcul,  soit  par  des  m^thodes  experiment ales.  j 

i 

Dans  le  cas  des  compresseurs  transsoniques  ou  supersoniques ,  les  rapports  de  compres¬ 
sion  Aleves  necessitent  des  sections  de  psssage  fortement  evolutives ,  en  particulier  pour  la  roue 

de  tete.  II  existe  par  suite,  a  l'entree  de  ces  compresseurs,  dsvitesses  radiales  non  negligeables  : 

qui  compliquent  beaucoup  l'etude  experimentale ,  Celle-ci  est  egalement  rendue  difficile  par  le  ca- 

ractere  hautement  subsonique  et  meme  parfois  transsonique  de  l'ecoulement.  j 

Les  seuls  resultats  experiment aux  faciles  a  obtenir  sont,  dans  le  cas  d'une  entree  \ 

d'air  de  compresseur  supersonique,  les  conditions  generatrices  de  l'ecoulement  et  les  pressions  sta- 
tiques  aux  parois.  La  connaissance  complete  de  l'ecoulement  ne  peut  done  etre  realisee  que  par  le 
calcul.  La  validite  de  la  methode  de  calcul  choisie  sera  etablie  par  la  comparaison  des  resultats 
experimentaux  partiels  obtenus  avec  les  resultats  correspondents  du  calcul.  Ces  considerations  ont 

amene  a  envisager  deux  methodes  de  calcul  :  { 

a)  une  methode  de  calcul,  dite  directe,  qui  consiste  k  calculer  l'ecoulement  k  partir  { 

des  donnees  geometriques  et  des  conditions  generatrices  de  ce  meme  dcoulement.  La  comparaison  des 

pressions  statiques  mesurees  calefies  sur  les  parois  permet  de  verifier  la  validite  des  resultats  { 

obtenus .  j 

b)  une  methode  de  calcul,  dite  inverse,  qui  consiste,  a  partir  des  mesures  exp^rimenta- 

les  de  pressions  statiques  sur  une  paroi,  a  calculer  l'ecoulement  compte  tenu  des  conditions  gene-  * 

ratrices.  Dans  ce  cas,  1' autre  paroi  est  obtenue  comme  ligne  de  courant  particuli^re .  Deux  comparai-  } 

sons  sont  alors  possibles,  d'une  part  entre  la  paroi  calcul^e  et  la  paroi  reelle,  d'autre  part  entre 
les  pressions  statiques  mesurdes  et  calcul^es  sur  cette  meme  paroi. 

2.  DEFINITION  DU  SCHEMA  UTILISE 

Qu'il  s'agisse  de  la  methode  directe  ou  inverse,  le  probleme  revient  toujours  k  determi¬ 
ner  l'ecoulement  dans  un  canal,  dans  lequel  est  plac£e  tine  roue  de  compress eur  precede e  par  un  capota-  j 

ge  amont,  ou  bien  simplement  dans  un  canal  qui  constitue  1' entree  d'air  d'un  moteur.  | 

I 

L'hypothese  fondamentale  du  calcul  est  de  supposer  que  l'ecoulement  dans  le  cana1 ,  en 
amont  de  la  roue,  n'est  pas  modifie  par  1'absence  de  cette  meme  roue.  On  est  ramenS  ainsi  a  calculer  ! 

l'ecoulement  dans  un  simple  canal.  j 

Dans  tous  les  cas,  la  forme  du  canal  n'est  d£finie  que  dans  une  portion  limit£e  de 
l'espace  et,  pour  le  calcul  direct,  il  est  indispensable  de  prolonger  de  faQon  fictive  les  contours  j 

internes  et  externes  jusqu'aux  infinis  amont  et  aval  ok  ils  doivent  etre  paralleles  a  l'axe,  Dans  le 
cas  d'un  capotage,  e'est  l'axe  qui  assure  le  prolongement  du  contour  du  moyeu  vers  l'infini  amont 

(fig.  l).  II  peut  en  etre  egalement  ainsi  vers  l'infini  aval.  Les  resultats  trouves  dependant  plus  - 

ou  moins  du  choix  de  ces  contours,  il  y  a  Id  une  difficult^  que  l'on  retrouve  dans  1' experimentation  ; 

en  soufflerie  de  ces  memes  entrees  d'air.  Les  precautions  €l£mentaires  a  prendre  consistent  a  assurer  , 

la  contuinite  de  la  tangente  et  de  la  courbure  entre  la  paroi  reelle  et  la  paroi  fictive  et  a  eviter 
que  par  diminution  excessive  de  la  veine  un  blocage  sonique  n'apparaisse. 

Plan  d'entree 


3.  EQUATIONS  DE  BASE 

L'ecoulement  est  suppose  irrotationnel  et  fonction  de  deux  variables  seuleraeqt,  itahscis- 
se  ^  et  l'ordonnee  r  ,  qui,  dans  le  cas  d'un  capotage  de  revolution,  represente  la  distance  du  point 
considere  a  l'axe. 

Les  compos antes ( 
condition  d'irrotationnalite 


M-  fvr  )  de  la  vitesse  suivant  les  axes  Or  et  0^  sont  liees  par  la 
civx 


B  r 


d3 


=  0 


(1) 
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valable  de  fagon  precise  dans  un  ecoulement  accelire  du  type  de  ceux  etudies  ci-dessous  et  par  la  con¬ 
dition  de  conservation  du  debit  .  -j  .  _  t  \ 

c>(rf*)  d(r  pur)  _  Q  (2) 

3r  dj 

avec  (  o(  ~  0  pour  un  ecoulement  plan 

(  o(  =  1  pour  un  ecoulement  de  revolution 

p  represent  ant  la  masse  volumique 

Pour  donner  plus  de  generality  aux  methodes  Itudiees  ici,  le  cas  de  l^coulement  plan 
est  envisage,  bien  qu'il  n’intervienne  pas  dans  les  entrees  d’air  de  compresseurs 

Les  equations  (l)  et  (2)  foment  un  syteme  diff^rentiel  de  deux  Equations  &  deux  inconnues 
A  et  xir  .La  relation  {  £  )  permet  de  definir  une  fonction  de  courant  y  par 


P- 


\XT  ~ 


-  Q 


Q 


r 


<3y 

(*) 

Sy 

d  r 

(<) 

oil  d  est  une  ponstante.  A  l'infini  amont,  l'^coulement  est  uniforme  et  axial.  II  est  caract£ris£ 

par  une  vitesse  uX  et  une  masse  volumique  P  . 

-  oo  J  —  oo 

La  fonction  de  courant  LI  est  definie  de  telle  sorte  que  pour  r  =  R0  =  0 

et  P  =  R  y  =  -1 

Les  courbes  r  :  R  (  t  ]  et  r=  R.  (  J  )  representent  respectivement  les  parois  du 
moyeu  et  du  carter.  °  " 

Dans  le  cas  d'un  capotage,  et  en  amont  du  nez  R  (•*,)  =0  ,  la  constante  Q  se  calcule 
alors  aisement  a  1' inf ini  amont  °  “ 

o<+1  +  1 

Rl.oo  -  -» 


Q  =  f 


wr 

OO  -OO 


(U) 


o(  +i 


4.  METHODE  DE  CALCUL  DIRECT 

4.1  -  Equations  du  calcul  direct 

En  introduisant  la  fonction  de  courant  ^ 


1’ equation  (l)  devient 


_3_  /  i  "ay  \ 

9r  \  fr1  dr  I 

ou  apres  t  ran sfo mat  ions 

aV  o< 

d  r*  0  r  dr 

oil  r  3  Log  £ f* / f*  y  represente  la  fondtion  de  compressibilite. 

En  fluide  incompressible  1* equation  (5)  se  reduit  a  la  forme  classique 

tv  c<  ay  _  n 

drz  +  £>■$*■  r 

4,2  -  Fonction  de  Compressibilite 


t  (At  — ) 

a3  \/>r-  dj  / 

3 r  3y  3f  3y  _  q 

c>r  dr 


(5) 


(6) 


La  fonction  de  compressibilite  r  qui  intervient  dans  liquation  (5)  est  liee  de  fagon 
implicit e  d  la  fonction  de  courant  U  .  L' ecoulement  etant  suppose  isenthalpique  et  isentropique 
(homentropique ) 
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oil  m2  -  (  +  l)  /  (  -  l),  est  le  nombre  de  Mach  critique  local  et  est  le  nombre  de 

Mach  critique  amont. 


Le  nombre  de  Mach  critique  est  lie  st  la  vitesse 


oil 
et  (4)‘ 


,^*=  2.  repre 


= 


i  i. 

M-  +  1LT 


represente  la  clleritS  critique  du  son,  soit,  compte  tenu  des  relations  (3) 
of  + 1 


M  -M 

*  *-09 


C(+1 

P-OO  -  ^0-99 

_ 


fa+'O 


'ayy  av 

dj I \ dr 


(8) 


Les  equations  (7)  et  (8)  forment  un  syst£me  de  deux  equations  a  deux  inconnues  et 
•  Ce  systeme  peut  avoir  deux  solutions  (une  solution  subsonique  et  une  solution  supersonique) , 
une  seule  solution  (qui  correspond  &  M-,  =1),  ou  pas  de  solution  du  tout. 


Pour  un  £coulement  entierement  subsonique,  il  y  a  toujours  des  solutions  dont  il  ne  faut 
retenir  que  la  solution  subsonique.  La  recherche  systimatique  de  cette  solution  subsonique  permet 
done  de  definir,  connaissant  la  fonction  de  courant  iy  ,  la  fonction  de  compressibility  f  sans 
ambiguite. 


Dans  le  cas  de  1'ecoulement  de  revolution  ( <^  =  l) ,  liquation  (8)  est  indeterminee  pour 
0  (sur  l'axe).  Cette  indetermination  peut  etre  lev^e  au  moyen  de  la  regie  de  l'Hopital. 


turn. 


r.o 


R, 


*-  *  1 
-  R 

CO  o  _  , 


a*y 


KAh> 


soit 

'  f 

A 

4.3  -  Resolution  numerique 
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La  determination  de  la  valeur  de  la  fonction  de  courant  V  dans  le  domaine  de  calcul  se 
fait  par  une  methode  de  differences  finies  en  utilisant  liquation  (5)*  .T  3  domaine  de  calcul  est  qua¬ 
drille  par  des  droites  r  =  const  ante  (lignes)  diatantes  de  At*  ,  la  premiere  ligne  etant  necessaire- 
ment  l’axe,  et  par  des  droites  J  *  constants  (colonnes)  distantes  de  A*  ,  les  droites  ■»= 
et  etant  les  colonnes  extremes.  ^ 

Le  calcul  des  derivees  premieres  et  secondes  en  un  noeud  du  reseau  se  fait  dans  le  cadre 
de  lr approximation  parabolique. 


La  resolution  numerique  se  fait  par  des  iterations  en  deux  temps. 

l)  La  fonction  de  compressibility  etant  donnee,  calcul  de  la  fonction  de  courant  ly 
par  surrelaxation  grace  &  liquation  (5). 

2)  Au  moyen  de  la  nouvelle  fonction  de  courant  V  »  ainsi  trouvee,  calcul  d’une  fonc¬ 
tion  de  compressibility  corrigee  grace  aux  equations  (7)  et  (8). 

Un  test  de  convergence  sur  la  fonction  de  compressibility  P  permet  alors  soit  de  recom- 
mencer  le  calcul  de  la  fonction  de  courant  en  l)  avec  la  nouvelle  valeur  de  la  fonction  de 
compressibilite  f  soit  de  proceder  k  l’impression  des  resultats. 

4.4  -  Conditions  aux  limit es 

Sur  l’axe  et  sur  la  paroi  du  moyeu  qui  constitue  une  ligne  de  courant  part iculi ere ,  on  a 
^  =  0  et  sur  la  paroi  du  carter  iy  =  1. 

Dans  les  plans  infinis  aval  et  amont ,  I’ecoulement  est  uniforme.  Grace  a  l’equation  (4) 
il  est  aise  de  calculer  la  fonction  de  courant  (y  dans  ces  plans 
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pour 

3=  3  -co 

■Z  =  X  +  « 

u_ 

crf+1 

r  - 

0<  +  1 

Ro 

—  CO 

T  - 

V-  - 

1  _co 

_  R*  +  1 

o  -oo 

R  *+1 

—  o  +  oo 

(Dans  le  cas 

J  yJ 

d‘un  capotage  » 

T  - 

0) 

oU1 

+■  CO 

R  *+1 

o4co 

La  resolution  numerique  de  1* liquation  (5)  exige  la  connaissance  de  la  fonction  f  sur  les 
frontieres,  c'est-a-dire  des  derivees  •  et  sur  ces  memes  frontieres.  Dans  le  cadre  de 

1' approximation  parabolique  utilisee,  oB.r suppose^pres  des  parois  que 


“  Ci  1  .-'4* 


+  c3 


'3  • 


+  a. 


3V  9l*> 

oe  qui  permet  de  calculer  aisement  les  dSrivSes  gg  et  g—  sur^  les  front idres .  Dans  les  plans  infi¬ 


nis  amont  et  aval,  il  n'y  a  pas  de  problene  puisijue 
5.  METHODE  DE  CALCUL  INVERSE 
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3  V 

33 
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5.1  -  Equations  du  calcul  inverse 


Dans  la  methode  du  calcul  inverse,  on  suppose  connue  la  repartition  des  vitesses  sur  une 
paroi.  Les  equations  (3)  et  (4)  permettent  de  d&finir  un  changement  de  variables  et  d'effectuer  les 
calculs  dans  le  plan  (V  X- )  plus  commode  que  le  plan  physique  (  r  .).  Ce  changement  de  variables 
s'gcrit  J  J  J 

(  v  -  v 

(  x  =  3 

Les  differenciations  s*effectuent  au  moyen  des  operateurs 
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et  1  Equation  d‘ irrotationnslite  devient 

d*. 

ay 

a  ur 

ay 

Ba- 

+  - 

-  o 

(n) 

ay 

33 

ay 

ar 
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v  dy 

dy  j 

De  meme  1* equation  de  conservation  du  debit  sfecrit 
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r*  L  ht  -  q(  <  a  .  -  frf-^g^sjLo  (15) 


d  v  ay  i 

r  ,  il  est  lie  aux  variables  utilisees  par 
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5.2  -  Resolution  numerique 

Le  calcul  de  l'ecoulement  se  fait  par  une  methode  de  differences  finies.  Le  plan  de 
calcul  (  )  est  decrit  au  moyen  drun  maillage  de  m  lignes  *  akt-  distantes  de  AV  ,  les 

lignes  extremes  etant  1^  =  1  pour  le  carter  et  LjJ  =  0  pour  le  moyeu,  et  de  n  colonnes  x  =  c-sht. 
distantes  de  Aoc-  . 

s  En  appelant  la  valeur  prise  par  une  fonction.F""  au  point  du  maillage  situ£  sur 

la*ieme  ligne  et  sur  la  jeme  colonne,  on  peut  exprimer  les  equations  (12),  (13)  et  (l4)  sous  forme 
de  differences  finies 


, ,  SL.Zzi 

f  A  v  1  CJ  fi 
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Ge  systeme  dlfequations  est  lxneaire  en  ri4l  j  ,  j  «^v'ur£-»-i  j  •  H  est^don 

possible  en  connaissant  les  valeurs  des  differehte*  fonctions  sur  la  i-leme  ligne  et  sur  la  ieme 
ligne  de  determiner  les  valeurs  des  memes  fonctions  sur  la  i  +  ieme  ligne  et  par  suite  de  connaitre 
tout  le  champ  de  lr£coulement ,  Comae  critere  de  validity  du  calcul,  la  valeur  de  r  d£termin£e  sur 
la  ligne  y  =  0  donne  la  forme  du  moyeu. 

5.3  -  Conditions  de  depart 

Pour  debuter  les  calculs,  il  est  necessaire  de  connaxtre  les  differentes  fonctions  sur 
*deux  lignes  consecutives  or  celles-ci  ne  sont  connues  que  sur  une  Beule  ligne  (3a  ligne  IfJ  »  1  ou 
i  =  l),  celle  qui  repr^sente  la  paroi  oil  est  donnee  la  repartition  de  vitesses  (la  paroi  externe  dans 
le  cas  considere).  Pour  demarrer  les  calculs,  il  est  necessaire  de  faire  une  approximation  supplemen¬ 
tal^  .  On  a  suppose  que 


Il  est.  done 


ii 
av  l , 


AV 


Cette  hypothese  q.'est  rigoureuse,  dans  le  cas  de  la  methode  de  differences  finies  utilis£e  que  si 


r  0 


6.  MONTAGE  EXPERIMENTAL 

Le  capot  de  moyeu  (fig.  2  et  3),  caracteristique  de  I'entree  drair  £tudi6e  pour  une  vei- 
ne  cylindrique  de  diamltre  interieir  200  mm,  est  place  dans  celle-ci  (fig.  4). 


Fig.  2  •  Photo  du  capotage 
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Fig.  3  -  Plan  du  eopotogo 


Fig.  A  -  Schema  du  montage  experimental 


O 


Le  capot  est  tenu  dans  la  veine  par  un  dard  cylindrique  de  diametre  97  nun.  Le  calage  du 
dard  au  centre  de  la  veine  se  fait  a  l'aide  de  deux  series  de  trois  bras-supports  d  120° .  Derriere  le 
capot,  se  trouve  un  corps  conique  de  raccordement  et  une  entretoise  cylindrique  d’epaisseur  variable 
dont  le  role  est  de  modifier  a  lroccasion  la  position  axiale  de  l’avant-roue .  Sur  le  compresseur, 
seule  la  fraction  du  capot  comprise  entre  l’axe  et  le  parallele  de  rayon  100  mm  peut  etre  utilement 
compar^e  aux  essais  en  soufflerie,  le  reste  etant  masque  par  les  aubes. 

Sur  le  montage,  une  prise  de  pression  d’arret  amont  indique  la  pression  generatrice  de 
l’ecoulement.  Sur  la  periph^rie  et  sur  le  corps  central  se  trouvent  un  certain  nombre  de  prises  de  pres- 
Bion  statique  (fig.  3  et  4).  Les  prises  de  la  peripherie  sont  situees  sur  une  meridienne  j  les  prises 
montles  sur  le  capot  sont  placees  sur  une  helice  dont  le  pas  est  de  40  mm  (fig.  3). 

7.  COMPARAISON  CALCULS-EXPERIENCES 

Sur  la  figure  5,  ont  ^te  tracees  les  courbes  experiment ales  donnant  la  repartition  des 
nombres  de  Mach  sur  les  parois  pour  deux  pressions  generatrices  differentes .  L’une  de  ces  pressions 
generatrices  (p  =  1385  mmHg)  donne  un  ecoulement  transsonique.  La- repartition  experimentale  du  nombre 
de  Mach  sur  le  carter  ext erne  a  servi  a  calculer  l’ecoulement  par  la  methode  inverse.  L' autre  pression 
generatrice  (P  =  885  mmHg)  donne  un  ecoulement  entierement  subsonique.  La  methode  directe  a  ete  utili- 
see  pour  ce  deuxieme  cas. 


geometrlque 

P  885  mmHg  P  1385  mmHg 

Moyeu  d  Moyeu  q 

Peripherie  s  Peripherie  © 


Fig.  5  •  Evolution  du  nambrt  dc  Mach  aux  parais 
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7.1  -  Methode  direct e 

La  comparaison  des  r^sultats  theoriques  et  experiment  aux  a  et£  r6alisee  sur  les  figures 
6a  et  6b.  Les  hearts  entre  calculs  et  experiences  apparaissent  assez  faibles  (de  l'ordre  de  1  &  2  %) 
mais  systematiquement  dans  le  meme  sens. 


Fig.  6  -  Methade  directs. 

Comparaison  des  pressians  statiques  calcuiees  et  mesurees 

La  figure  7  represente  le  trace  des  isobares,  qui  sont  graduees  en  nombres  de  Mach.  Ce 
trace  montre  de  fagon  tres  precise  les  fluctuations  de  vitesses  dans  la  veine.  . 


Fig.  7  •  Trace  des  caurbes  isabaros 


7.2  -  Methode  inverse 

Sur  la  figure  8  est  tracee  la  repartition  des  pressions  statiques  a  la  paroi  du  carter, 
mesurees  experiment alement ,  pour  la  pression  gen6ratrice  de  l'£coulement  P  -  1385  mmHg.  A  partir  de 
cette  repartition  longitudinale  de  pressions,  pr^alablement  liss6e,  a  6te  effectu6  le  calcul  de  l*e- 
coulement . 

La  comparaison  de  la  forme  du  moyeu  trouv6e  par  le  calcul  avec  la  forme  du  moyeu  reelle 
est  presentee  sur  la  figure  9.  La  concordance  est  assez  bonne.  II  faut  cependant  noter  que  les  r6sul- 
tats  pr£s  du  nez  sont  mauvais. 

Le  calcul  donne  meme  juste  en  avant  du  capot-des  rayons  negatifs.  Ceci  nfest  guere  Itonnant 
car  une  methode  de  differences  finies  suppose  la  contuinite  des  differentes  fonctions  et  de  leurs  deri- 
vees  ce  qui  nrest  pas  le  cas  pour  la  fonction  r  pr£s  du  nez. 


p  mm  Hg 


Fig.  8  -  Method!*  inverse. 

Repartition  experimental*  des  pressians  a  la  Peripherie 


Forme  reelle  . _ 

Forme  calculee  — o — 


La  figure  10  montre  une  comparaison  entre  le  releve  experimental  des  pressions  statiquas 
sur  le  capot  et  les  valeurs  deduites  par  le  calcul.  L'erreur  est  relativement  fai'ble. 


p  (mmHg) 


Colculs  _  — 

Essois  — 


O 


Fig.  10  »  Mefhode  inverse, 

Comparaison  des  pressians  statfques  calculees  et 
mesurees  au  mayeu 


Fig,  11  -  Met  hade  inverse. 

Repartition  radiate  des  vitesses 
oxiales  et  radioles  a  P entree 
d'un  campresseur 
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Enfin,  sur  la  figure  11,  ont  eti  tracies  les  repartitions  radiales  des  vitesses  axiales 
et  radiales,  calculees  par  la  mithode  inverse,  dans  le  plan  d' entree  de  compresseur.  On  note  la  re¬ 
partition  tres  uniforme  de  la  vitesse  debitante. 

8.  CONCLUSION 

Le  calcul  direct  et  indirect  de  l'ecoulement  autour  d'un  capot age  de  compresseur  place 
dans  un  canal  cylindrique  const itue  un  ensemble  de  methodes  permettant  de  connaitre  &  partir  de  la 
forme  du  capot  et  de  la  veine  d'une  part,  de  la  repartition  de  pression  sur  la  paroi  externe  d'autre 
part,  le  champ  de  l'ecoulement  £  1' entree  du  compresseur. 

L'intiret  de  la  methode  reside  dans  le  fait  que  la  ditermination  experimentale  de  la 
repartition  radiale  de  la  vitesse  est  rendue  difficile  par  la  pente  importante  des  lignes  de  courant 
ainsi  que  par  les  phenomenes  de  compress ibilite  non  negligeables  &  1* entree  d'un  compresseur  axial 
modeme . 
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Chacune  des  deux  me tho des  proposees  a  des  avantages  et  des  inconvenients .  La  math  ode  di- 
recte  ne  necessite  de  verification  experiment ale  que  lorsque  la  forme  de  capot  choisie  donne  deja  * 

satisfaction  tant  par  l'uniformite  de  la  vitesse  oTbtenue  a  lrentree  du  corapresseur  qura  le  reparti-  | 

tion  de  pression  sur  le  moyeu  $  en  revanche  par  les  iterations  qu'elle  exige  son  temps  de  calcul 
peut  etre  long  et  de  toutes  fagons,  elle  ne  srapplique  pas  aux  ecoulements  transsoniques .  La  metho- 
de  inverse  repose  sur  des  resultats  experimentaux  prealahlement  acquis.  Ceux-ci  doivent  etre  precis 
et  necessitent  done  une  realisation  tres  soignee  de  montage  :  toute  erreur  dans  la  continuity  correc¬ 
ts  des  valeurs  de  la  pression  introduites  dans  le  calcul  conduit  ineluctatlement  &  un  blocage  de  ce- 
lui-ci.  Un  lissage  des  valeurs  experimental s  est  done  necessaire  et  ce  nrest  que  lorsque  le  calcul 
a  redonne  de  fagon  correcte  le  moyeu  comme  ligne  de  courant  particuliere  de  l'ecoulement  que  l'on  est 
assure  de  l'exactitude  des  repartitions  de  vitesse  determinee  par  cette  methode.  En  revanche,  le  cal- 
cul  inverse  srapplique  aussi  aux  ecoulements  legerement  transsoniques,  ce  qui  en  augmente  le  domaine 

dr  application.  •; 

i 

t 
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THE  ANALYSIS  0?  A  SKBSONIC  AXISY1METRIC 
INLET  TOR  COMPRESSOR  MATCHING 

by 

R.  E.  Stanley  Senior  Aerodynamicist 
Gas  Turbine  H vision 
A/S  Kongsberg  VApsnfabrikk 
Postbox  25 

3601  Kongsberg,  Norway 


The  experimental  analysis  of  the  flow  within  an  axi symmetric  inlet  vd.ll  bs  presented. 

Tha  purpose  of  this  analysis  will  be  set  out,  that  is,ths  need  to  match  the  blade  inlet  angles  of  a 
centrifugal  compressor  to  the  inlet  radial  flow  distribution. 

The  measured  velocity  distribution  for  the  original  inlet  will  be  compared  to  the  distri¬ 
bution  obtained  by  a  method  of  numerical  analysis.  It  will  bs  shown  that  the  favourable  results  of  this 
comparison  led  to  the  development  of  ths  inlet  by  a  method  of  numerical  analysis  in  preference  to  a 
model  testing  technique;  the  analytical  work  being  contracted  out  to  a  consultant  within  a  NATO  country 
The  recommendations  of  the  consultant  will  be  presented .together  with  the  results  of  an  experimental 
analysis  of  the  redesigned  inlet  configuration.  The  method  of  compressor  matching  will  be  touched  upon, 
and  finally  conclusions  will  be  drawn  about  the  success  of  this  development  method. 


LIST  OP  SYMBOLS 

CRV  ourvature,  mm-''' 

R  radius  from  axis  of  inlet, mm 

T  local  velocity 

V  reference  mean  velocity 

X  axial  distance  from  inducer  leading  edge, mm 

Z  contour  path  length,mm 

Symbols  for  probe  B  figure  2  s- 


Erobe  Head 


Side 


Front 


Symbols  for  figure  3:- 

P  ,  reference  total  pressure  l  from  windtunnel 

Pa  reference  static  pressure J  calibration  for  probe  B 

dPA  P  -  P„ 

o  o 

Q  reference  dynamio  head  P  -  P 

s 

Qp  probe  dynamio  head  PQ-  P^ 

fif  flow  yaw  angle  relative  to  probe  B 

9*  flow  pitch  angle  relative  to  probe  B 


j 

INTRODUCTION 

The  inlet  to  be  described  is  that  from  an  all  radial  industrial  gas  turbine,  the  Kongsberg 
Viking*  This  engine  is  in  the  1200  to  1600  kW  power  class  and  is  developed  and  manufactured  at  Kongsberg 
in  Norway.  This  paper  describes  part  of  the  centrifugal  compressor  development  programme,  in  which  the 
flow  characteristics  of  the  original  inlet  were  investigated  by  using  pressure  sensing  instrumentation 
within  the  inlet  of  a  development  gas  turbine.  The  same  inlet  was  analysed  by  the  streamline  curvature 
technique  described  in  reference  1.  The  analysis  was  contracted  out  to  the  von  Kannan  Institute  For  Fluid 
Dynamics, who  recommended  an  inlet  redesigned  by  using  the  same  technique.  These  recommendations  were 
effected  by  installing  a  redesigned  inlet  into  the  development  engine  and  repeating  the  experimental  flow 
investigation.  The  experimental  results  were  then  compared  to  the  predicted  characteristics  and  subse¬ 
quently  used  to  rematch  the  blade  angle  distribution  of  the  compressor  inducer  to  the  measured  inlet 
flow  distribution. 
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Figure  1  shows  the  engine  inlet  arrangement.  This  inlet,  which  is  a  radial  inflow  axial 
exit  type,  is  manufactured  to  the  redesigned  standard  and  is  now  fitted  to  all  production  engines, 
figure  4  shows  the  original  inlet  profile.  The  rectilinear  channel,  downstream  of  the  inducer  leading 
edge,  was  used  in  the  numerical  analysis  to  allow  the  calculation  to  proceed  to  the  set  boundary  condi¬ 
tions.  These  boundary  conditions  are  described  later.  In  reality  there  exists  the  characteristic 
meridional  channel  shape  of  a  radial  compressor, downstream  of  the  inducer  leading  edge.  The  shroud  and 
hub  curvatures  are  given  in  figures  5  and  6  as  curves  I.  These  two  figures  show  that  the  inlet  profile  is 
solely  constructed  of  circular  arcs  and  straight  lines,  which  give  the  step  function  plot  as  shown. 

The  original  inlet  was  designed  on  the  basis  of  a  smooth  area  distribution  through  the  inlet,  the  shroud 
and  hub  profiles  being  constructed  of  circular  arcs  and  straight  lines  in  order  to  simplify  component 
manufacture.  However  with  the  increasing  use  of  numerically  controlled  machining  processes, the  restric¬ 
tion  of  a  simple  profile  geometry  is  no  longer  warranted. 


EXPERIMENTAL  INVESTIGATION  OP  THE  ORIGINAL  INLET 

The  instrumentation  associated  with  the  experimental  investigation  of  the  original  inlet 
is  shown  in  figures  2  and  4.  Total  presaure  at  the  entrance  to  the  inlet  was  mea^ureg  by  using  four  kLel 
probes  of  the  sharp- edged  venturi  type, which  have  a  yaw  and  pitch  angle  range  of  -  45  .  An  example  of 
this  type  of  probe  is  shown  in  figure  2  as  probe  A.  Probe  B#in  figure  2f  is  a  three  dimensional  pressure 
probe  which  was  manufactured  and  calibrated  by  the  von  Kanuan  Institute.  Figure  3  shows  a  set  of  typical 
calibration  curves  which  were  supplied  with  the  probe  and  used  to  reduce  the  test  data.  The  probe  was 
calibrated  at  a  mach  number  of  0.4.  The  location  of  the  pressure  probes  and  static  pressure  taps  is 
shown  in  figure  4.  Also  shown  in  the  same  figure  are  details  of  a  static  pressure  tap  which  consists  of 
a  brass  insert  made  flush  with  the  inlet  shroud  profile  and  having  a  1  mm  diameter  sensing  hole. 

Only  one  set  of  static  pressure  taps  could  be  installed  into  the  hub  surface  because  of  the  bearing  and 
shaft  arrangement  located  within  the  confines  of  the  hub  profile.  Additional  instrumentation,  which  was 
standard  to  the  development  engine  test  rig,  consisted  of  an  air  mass  flow  measuring-venturi  to  DIN  1952 
standard.  The  throat  pressure  drop  was  measured  with  a  Betz  micromanometer  and  the  air  total  temperature 
was  measured  by  two  thermocouples  which  were  external  to  the  test  rig. 

The  test  procedure  consisted  of  running  the  development  engine  at  the  design  air  mass  flow 
rate  of  12.3  Kg  sec”  ,  defined  on  a  normalized  basis,  and  also  at  50$  of  design  mass  flow  rate.  Inlet 
preswirl  vanes  were  not  installed  during  these  series  of  tests.  Consequently  the  three  dimensional  probe 
was  locked  in  a  zero  yaw —  zero  pitch  position  and  traversed  radially.  It  was  assumed  that  the  actual 
flow  yaw  anj  pijch  angles  a£  the  radial  traverse  station  would  be  within  the  calibration  range  of  the 
probe,  p  =s  -  20  ,  6  =  -  10  .  This  assumption  proved  to  be  correct.  Consequently  the  testing  time  was 
reduced  as  the  probe  pressures  were  not  balanced.  The  probe  calibration  curves  were  used  to  determine 
true  values  for  p  and  &  . 

The  results  from  this  test  series  are  presented  in  figures  7,  8  and  9  I,  II.  The  shroud 
and  hub  velocity  distribution,  as  measured  by  the  individual  static  pressure  taps,  is  presented  in  figures 
7  and  8,  and  the  probe  traverse  data,  which  have  been  transformed  to  the  inducer  leading  edge  station, 
are  presented  in  figure  9. 

The  conclusions  drawn  from  the  results  of  this  test  were  as  follows, 

a)  The  shroud  velocity  distribution  should  be  improved.  The  test  data  indicate 
an  area  of  diffusion  and  hence  possible  flow  separation  in  the  region  of 

Z  =  140  mm,  see  figure  7* 

b)  No  conclusion  could  be  drawn  concerning  the  hub  velocity  distribution. 

.  However  this  was  of  little  consequence  since  no  changes  could  be  made  to 
this  surface  due  to  the  mechanical  arrangement  within  the  hub, and  sines 
there  was  no  danger  of  separation  of  the  flow. 

c)  The  radial  velocity  distribution  at  the  inducer  leading  edge  should  be 
improved  before  attempting  to  rematch  the  inducer  blade  angle  distribution. 

Figure  9,  II  indicates  a  non-uniformity  in  V/V  of  +  17.5$  -  11$* 

It  should  be  mentioned  at  this  point  that  the  inducer  blade  angle  distribution  was  origi¬ 
nally  matched  for  a  completely  uniform  inlet  velocity  profile,  i.e.  V/V  =  1.0.  Hence  the  actual  inlet 
velocity  profile  results  in  an  incorrect  incidence  distribution  at  the  design  operating  point.  Since 
the  inducer  tip  relative  mach  number  is  high, this  state  of  affairs  is  a  cause  for  some  concern. 

A  development  programme  for  the  inlet  was  set  out  as  follows, 

i)  An  attempt  should  be  made  to  analyse  the  flow  within  the  original  inlet  by  a 
method  of  numerical  analysis,  and  then  compare  the  theoretical  and  experimental 
results. 

ii)  If  good  agreement  between  the  two  methods  v/as  obtained,  a  redesign  of  the 
inlet  should  be  attempted,  using  the  same  method.  It  v/as  hoped  to  obtain 

a  monotonic  pressure  distribution  in  the  inlet  and  an  approximately  constant 
axial  velocity  distribution  at  the  inducer  leading  edge. 

iii)  A  redesigned  inlet  should  be  manufactured  and  tested.  If  the  test  results  prove 
to  be  satisfactory,  the  existing  inducer  blade  angle  distribution  should  be 
modified  to  match  the  measured  flow  distribution. 
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A  model  test  programme  was  not  ventured  upon  owing  to  the  length  of  time  required  for  the 
manufacture  of  rig  components  and  for  ths  completion  of  the  development  testing, which  could  only  be  based 
on  a  process  of  trial  and  error* 


NUMERICAL  ANALYSIS 

The  aforementioned  development  requirements  were  presented  to  ths  von  Kannan  Institute,  who 
then  accepted  a  contract  for  the  analysis  of  the  original  intake.  If  the  analysis  proved  encouraging, 
they  agreed  to  redesign  the  shroud  profile. 

This  numerical  analysis  required  that  the  streamline  curvature,  which  was  infinitely  close 
to  the  shroud  and  hub  contours,  should  have  a  smooth  variation  with  distance  along  the  contour.  This 
smoothing  of  the  step  function  curvature  for  the  shroud  and  hub  profiles  is  shown  in  figures  5  and  6  as 
curves  II.  A  rectilinear  channel  was  assumed  downstream  of  the  inducer  leading  edge  in  order  to  allow 
the  numerical  analysis  to  proceed  to  the  set  boundary  conditions  of  zero  profile  curvature  and  uniform 
flow  velocity  distribution  60  mm  downstream  of  the  inducer  leading  edge.  In  order  to  obtain  sensible 
results  from  the  analysis  a  great  deal  of  thought  was  given  to  the  setting  up  of  these  boundary  conditions. 
The  effsct  of  revising  these  boundary  conditions  by  replacing  the  rectilinear  channel  with  the  compressor 
meridional  channel  will  be  presented  later.  . 

Ths  results  of  the  analysis  for  the  original  inlet  are  presented  as  continuous  curves  in 
figures  7,  9  and  9  III.  The  measured  shroud  velocity  distribution  recurred  in  the  results  of  the 
numerical  analysis,  and  thus  the  area  of  diffusion  for  Z  =  140  mm  was  confirmed.  The  calculated  radial 
velocity  distribution  at  the  inducer  leading  edge,  was  felt  to  bs  close  enough  to  the  measured  distribu¬ 
tion  to  assume  that  any  A  V/T  improvement  achieved  by  future  predictions  would  be  realized  in  practice. 

A  redesign  of  the  shroud  profile  was  effected  but  four  contours  were  examined  before  the 
peaked  and  continuously  increasing  shroud  velocity  distribution  was  eventually  smoothed.  This  redesign 
shroud  profile  is  shown  in  figure  10  where  it  is  compared  to  the  original  shroud  profile.  The  geometric 
curvature  for  this  shroud  is  shown  in  figure  11  I  along  with  the  curvature  used  in  the  numerical  analysis 
represented  by  II.  Figures  12,  13  and  14  II  give  the  velocity  distribution  for  the  shroud  and  hub  pro¬ 
files  and  the  radial  velocity  distribution  at  the  inducer  leading  sdge.  The  extent  of  the  improvement 
in  calculated  radial  velocity  distribution  was  restricted  because  of  the  impossibility  of  revising  the 
hub  profile.  The  calculated  range  of  velocity  distribution  for  the  original  inlet  was  +  18.5$  -  14.5$, 
and  for  the  redesigned  inlet  +  10$  -  12.2$. 

We  accepted  their  redesign  on  the  basis  of  the  improvement  in  shroud  velocity  distribution 
along  with  the  likelihood  of  marginal  improvements  in  the  radial  velocity  distribution  at  the  inducer 
inlet.  _ 


EXPERIMENTAL  INVESTIGATION  OF  THE  REDESIGNED  INLET 

The  development  gas  turbine  engine  was  modified  by  fitting  the  redesigned  inlet  with 
instrumentation  as  shown  in  figure  10,  and  the  test  procedure  was  repeated  as  for  the  original  inlet. 
Unfortunately  the  hub  static  pressure  taps  failed  at  the  beginning  of  the  test  series  owing  to  an  oil 
leak  on  the  development  engine.  Consequently  no  reading  were  available  for  this  test  series*  The  results 
for  this  investigation  are  presented  in  figures  12  and  14  I.  The  measured  inlet  radial  velocity  distri¬ 
bution  had  a  measured  variation  of  +  15.8$  -  15.5$  at  the  inducer  leading  edge,  remaining  substantially 
the  same  as  for  the  original  inlet.  However  it  was  encouraging  to  find  that  the  measured  shroud  velocity 
distribution  eliminated  the  possibility  of  separation. 


COMPRESSOR  MATCHING 

The  required  inducer  blade  angle  distribution  was  calculated  using  the  measured  inlet 
radial  velocity  distribution  and  blade  blockage.  The  latter  was  based  on  the  existing  inducer  blade 
thickness  distribution.  Zero  incidence  was  regarded  as  the  optimum  for  the  inducer  tip,  and  a  radial 
blade  angle  distribution  was  used  to  give  a  radially  stacked  inducer  blade.  A  radially  stacked  inducer 
blade  is  defined  here  as  one  in  which  the  blade  camber  plane  is  generated  by  a  radial  line  passing  through 
the  axis  of  rotation  of  the  blade.  Mathematically  it  is  defined  as  tan  oc  /. R  =  constant  where  c*  is  the 
camber  angle  relative  to  the  axial  direction  for  a  given  radial  generator  line  station.  The  blade  inlet 
distribution  derived  from  the  above  criterion  gave  increasing  positive  incidence  of  flow  from  the  inducer 
tip  section  to  the  blade  root.  Complete  zero  radial  incidence  could  have  been  achieved  by  keeping  a 
radially  stacked  inducer  blade  with  a  swept  back  leading  edge.  However  a  reduced  tip  section  chord, 
which  would  produce  this  sweep  back,  could  not  be  accepted  because  of  inducer  aerodynamic  loading. 
Increasing  the  hub  section  chord  was  contemplated  but  finally  rejected  in  preference  to  keeping  a 
vertical  inducer  leading  edge  and  obtaining  the  desired  rematch  by  modifying  an  existing  inducer  wheel. 
This  method  reduced  substantially  the  manufacturing  time  which  was  required  to  produce  a  rematched 
development  inducer  wheel. 
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CONCLUDING  REMARKS 

A  development  philosophy  has  besn  described  concerning  the  improvement  of  the  flow  within 
a  subsonic  axisymmetric  inlet,  and  for  the  subsequent  matching  of  the  inducer  of  a  centrifugal  compressor 
to  the  measured  inlet  flow  distribution.  The  problem  of  predicting  the  flow  distribution  within  an 
accelerating  channel,  with  low  losses,  is  a  relatively  simple  task  for  numerical  flow  analysis  using 
modern  computer  facilities,  but  the  upstream  effects  of  the  compressor  inducer  on  the  flow  within  the 
inlst  is  not  fully  understood.  Finite  inducer  blade  thickness,  viscous  effects  and  blade  angle  mismatch 
could  cause  some  redistribution  of  the  flow  upstream  of  the  inducer,  but  none  of  these  effects  could  be 
taken  into  account  in  ths  numerical  analysis. 

The  validity  of  the  predicted  velocity  distribution  is  dependent  upon  the  chosen  streamline 
curvature  distribution  along  ths  shroud  and  hub  corffcours,  and  upon  the  downstream  boundary  conditions. 

The  effect  of  changing  thess  boundary  conditions  was  investigated  by  replacing  the  downstream  rectilinear 
channel  of  the  redesigned  inlet  by  the  compressor  meridional  channel.  The  changs  to  the  radial  velocity 
distribution  is  shown  in  figure  14  III,  where  the  gradient  of  ths  predicted  velocity  distribution  III 
is  closer  to  the  measured  distribution  I  than  the  initial  prediction  II  was. 

The  programme  described  in  this  paper  has  given  us  sufficient  confidence  in  the  msthod  of 
numerical  analysis  for  it  to  be  used  in  the  design  phase  of  an  inlet  for  the  next  generation  of  engine 
now  being  prepared  at  Kongsberg.  This  new  inlet  is  another  radial  inflow  axial  exit  type,  and  this  time 
complete  freedom  was  given  to  contouring  the  hub  profile  before  the  shaft  and  bearing  designs  were  frozen. 
The  downstream  boundary  conditions  were  set  assuming  that  the  compressor  meridional  shape  was  downstream 
of  the  inducer  leading  edge.  The  velocity  distributions  within  this  inlet  will  be  measured  and  it  is 
hoped  that  very  little  development  will  be  required  before  the  compressor  inducer  is  matched  to  the 
measured  flow  velocity  distribution. 
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X  INLET  GEOMETRIC  CURVATURE 
IX  CURVATURE  USED  FOR  NUMERICAL  ANALYSIS 


FIG.  6 


INLET  CURVATURE  —  HUB 
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FOt\  REDESIGNED  INLET 


FIG.IH-  INLET  RADIAL  VELOCITY  DISTRIBUTION  AT  INDUCER  LEADING  EDGE 

FOR  REDESIGNED  INLET 

X  DISTRIBUTION  FROM  TEST  DATA  FOR  DESIGN  MASS  ELOW. 
HlDISTftlBUTION  FROM  NUMERICAL  ANALYSIS  FOR  DESIGN  MASS  FLOW; 
IHDISTRIBUTION  FROM  NUMERICAL  ANALYSIS  U//TH  REVISED  BOUNDARY 
CONDITIONS. 
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AHORCAGE  D'UNE  PRICE  D'AIR  HYPKHSOITIQUE  DE  REVOLUTION  A  CQKPRES3ICM  SUPKRSOHIQUE  KIXTE 


par  G.  LARUBLLE  (*)  et  J.  LEYHAEHI  (**) 

OFFICE  NATIONAL  D' ETUDES  ET  D2  UECHEUCHG3  AER0SPATIALE3  (ONERA) 
92  -  CHATILLOIT  -  FRANCE 


RESUME  - 

La  definition  theorique  en  fluide  parfait  des  conditions  d'amorpage  d'une  prise  d'air  a  compression 
supersonique  mixte  correspond  a  une  configuration  telle  qu'un  choc  droit  vienne  se  situer  juste  k  l'entree 
du  convergent  interne. 

Les  essais  montrent  toutefois  que  cette  representation  est  mine  en  defaut  pax  un  processus  d'interaction 
choc-couche  liraite,  ct  que  les  conditions  reelles  d'&morpage  sont  moins  severes  que  celles  ain3i  calculees. 

Un  schdma  amdliord  a  done  ete  utilise,  dans  lequel  le  phenomena  d'interaction  est  represente  de  fapon 
tres  eldmentaire. 

Son  application  peimet  de  critiquer  les  resultats  d'essais  et  de  preciser  1 1  influence  de  certains 
parametres  sur  les  conditions  d'amorpage. 


SUMMARY  - 


STARTING  CONDITIONS  OF  A  MIXED  COMPRESSION AXISYHMETRE  HYPERSONIC  INLET 

In  a  perfect  fluid,  the  starting  conditions  of  a  mixed  supersonic  compression  inlet  are  theoretically  to 
be  found  in  a  configuration  such  tint  a  normal  shock  occurs  ri$it  at  the  entrance  of  the  internal  convergent 
section. 

However,  tests  indicate  that  this  definition  ie  not  correct,  due  to  a  3hock-boundaiy  layer  interaction 
process,  and  that  the  actual  starting  conditions  are  less  strict  than  the  computed  ones. 

Therefore,  on  improved  diagram  including  an  elementary  representation  of  the  interaction  phenomenon  is 

used. 

By  means  of  this  diagram,  test  data  on .axisytmetrieal  inlets  at  high  supersonic  speeds  can  be  discussed, 
and  the  influences  of  some  parameters  can  be  precised. 

I  -  INTRODUCTION  - 

Les  dtudes  d'avant-projet  des  moteurs  d'avions  hypersoniques  mettent  en  evidence  l'intdrft  de  fuseaux 
trfes  courts  comportant  une  chambra  de  combustion  de  geometrie  fixe  et  une  prise  d'air  munie  d'un  dispositif 
de  deformation  limitd  au  strict  minimum. 

Un  schdma  d'un  tel  ensemble  propulsif  est  roprdsentd  figure  1,  a  titre  d' illustration  [l].  La  prise  d'air, 
deetinec  a  alimenter  une  chambre  de  combustion  fonctionnant  en  supersonique  aux  nombres  de  Mach  maximaux  du 
vol,  comporte  une  pointe  conique  et  un  convergent  eupersonique  interne  annulaire  (figure  2  a).  Le  seul  mode 
d'ajustement  de  cette  prise  d'air  est  une  translation  du  corps  central  qui  permet  a  la  fois  d'ajuster  la 
geometric  en  fonction  du  nombre  de  Mach,  et  d' assurer  le  reamorpage  de  l'eooulement  supersonique  interne  en 
cas  de  desemorpage  accidentel  du  convergent. 

Les  limit es  de  deplacement  necessaires  du  corps  central  sont  par  consequent  tributaires  dee  conditions 
d'amorpage. 

Le  schema  de  prinoipe,  en  fluide  non  visqueux,  de  l'eooulement  "desamorce"  est  celui  d'un  choc  droit 
emergeant  de  la  section  annulaire  d'entrde  (aire  A^),  suivi  d'un  ecoulement  subsonique,  dont  une  partie  est 
deviee  a  l'exterieur  de  la  prise  d'air  de  telle  sorte  que  la  section  critique  du  ddbit  capte  soit  egale  a  la 
section  geometrique  du  ool  du  convergent,  t\,  (figure  2  b). 

Le  deplacement  du  corps  central  vers  l'amont  permet  de  devier  un  certain  debit  eutour  de  la  carlne  grSce 
au  champ  de  l'eooulement  conique  :  l'eooulement  ddvie  en  suhsonique  entre  le  choc  et  le  carene  est  reduit 
d'autant,  et  ceci  jusqu'k  ce  que  le  choc  "droit"  vienne  se  situer  juste  a  l'entree  du  convergent  (figure  2  c). 
Cette  configuration  est  instable  et  le  choc  franchit  le  convergent  vers  l'aval  en  mfime  temps  que  se  retablit 
un  ecoulement  supersonique  interne,  e'est-a-dire  que  l'amorpage  est  obtenu. 

Les  phenomkies  d'interaction  chocs-couches  limites  faussent  toutefois  notablement  ce  eohena  et  facilitent 
l'amorpage  en  le  provoquant  a  des  emergences  de  corps  central  nettement  plus  reduites  que  celles  prdvisibles 
par  la  representation  precedente. 

II  est  done  important  de  preciser  si  possible  le  processus  reel  de  l'amorpage.  Des  schemas  d'interaction  chocs 
couches  limites  eh  ecoulement  stationnaire  ont  deja  ete  proposes  a  cet  effet  par  divers  auteurs  [2],  [3]. 

Dans  les  essai3  presents,  l'amorpage  se  produit  en  Ecoulement  instationnaire  (pompage  de  la  prise  d'air)  et  met 
en  jeu  des  configurations  d '  ecoulement  tres  complexes.  Neanmoins,  un  m@me  schema  stationnaire  a  ete  utilise  pour 
analyser  les  resultats  et  critiquer  1' influence  de  oertains  parametres.  Cette  schdmatisation  fait  l'objet  de 
1' etude  et  des  remarques  qui  suivent. 

Ingenieur  de  renhernnes,  Direct-inn  de  TAerndynsTn-igup"  — . ~ 

(**)  Ingenieur  Chef  de  Subdivision,  Direction  de  l'aerodynamique. 
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2  -  SCHB-UTISA3JI0N  D3  L'ECOULMKENT  - 

L*  effet  preponderant  de  la  couche  Unite  eur  le  phenombne  d'amorgage  resulte  d'un  dEcollement  qui  ee 
forae  au  pied  du  choc  droit  suppose  situe  juste  a  1*  entree  du  convergent,  dans  la  configuration  Unite  d'amor¬ 
gage  (figure  3)*  Dans  cette  configuration,  1* augmentation  d'entropie  de  la  zone  non  visqueuse  est  plus  faible 
que  e'il  y  avait  un  choc  droit  unique  au  nombre  de  Mach  local  amont  puisque  ce  choc  est  remplace  par  un 
choc  oblique  suivi  d'un  choc  droit  a  un  nombre  de  Mach  reduit  par  la  deviation  due  au  decollement « 

Cette  schematisation  peut  toutefois  paraitre  illusoire  lorsqu'on  se  ref&re  k  1' ecoulement  dans  un  conduit 
de  section  constante  (figure  4).  Dans  ce  cas,  en  effet,  le  passage  du  supersonique  au  subsonique  s'effectue  par 
un  "train  de  chocs"  dont  l'e'lement  initial  correspond  aussi  au  cas  du  choc  oblique  suivi  d 'un  choc  droit  moins 
intense  qu'un  choc  unique.  Toutefois,  ce  choc  est  alors  suivi  d'une  detente  supersonique  etd'une  succession  de 
chocs-dEtentes  de  m&ne  nature  que  le  premier,  de  sorte  que,  finalement,  1' Ecoulement  suppose  redevenu  subsonique 
unifonne  plus  en  aval  est  identique  a  celui  qu'aurait  donne  un  choc  droit  unique  au  nombre  de  Mach  amont.  Le 
calcul  de  cet  ecoulement  a  section  constante  s'effectue  en  effet  par  lea  m&nes  relations  de  conservation  quo 
pour  un  choc  droit,  dans  l'hypothese  acceptable  en  premiere  approximation  que  le  frottement  aux  parols  du  tube 
est  nEgligeable,  ce  qui  est  d'autant  mieux  justifiE  que  dee  decollement s  s'exercent  sur  la  plus  grande  partie 
du  conduit.  ^ 

*  Cette  renarque  pennet  par  consent***:,  Ue  mettre  en  Evidence  que,  dans  le  cas  de  la  prise  d'air,  c'eet  la 
convergence  du  conduit  qui  permet  a  1 1  inveraotion  choc-couche  limite  d' avoir  un  effet  favorable,  en  limitsnt 
la  detente  supersonique  qui  ae  produit  en  aval  du  premier  choo  droit  dans  le  cas  du  conduit  cylindrique. 

Un  calcul  des  conditions  d' amor? age  sur  un  echema  eimplifiE  qui  nEgligerait  la  detente  supersonique  en 
aval  du  choc  droit  ne  peut  dono  prut  end  re  qu'a  eervir  de  reference  pour  des  configurations  ayant  par  ailleurs 
des  taux  de  convergence  comparables. 


3  -  MODS  DE  CALCUL  - 

La  configuration  du  decollement  (pente  et  longueur  en  amont  du  choo  droit)  etant  eupposEe  connue,  1 ' ecou¬ 
lement  amont  jusqu’au  choc  d' entree  est  deteiminE  en  utilisant  lee  methodes  de  calcul  de  la  couche  limite  [4] 
et  la  methode  des  caracteristiqu6s.  Cet  Ecoulement  Etant  hEtErogbne  (regions  separees  par  le  choc  de  deviation, 
eventuellement  par  le  choc  conique  amont ,et  zone  de  couche  limite),  le  calcul  se  poursuit  par  assimilation  k 
un  ecoulement  moyen  par  tranches  en  aval  du  choo,  dont  l'etat  unifonne  initial  est  determine  par  l'hypoth&se 
d'un  melange  a  section  constante  sans  frottement.  section  OJitique  de  cet  Ecoulement  est  enfin  comparEe  a 
la  eection  geometrique  du  col. 

L' angle  de  decollement  est  donnE  par  un  critere  usuel,  k  savoir  que  le  rapport  du  nombre  de  Mach 

de  l'ecoulement  devie  au  nombre  de  Mach  amont  Hq  est  egal  k  0,78  [5].  Ce  critere  correspond  a  une  couche 
limite  initLa3e  turbulente,  lee  calculs  de  couche  limite  indiquant  que  la  transition  se  situe  a  peu  pres  au 
niveau  du  decollement.  Lien  entendu,  on  pourrait  ausei  utiliser  des  oritbres  plus  raffines  prenant  en  compte 
l'Etat  effectif  de  cette  oouche  limite. 

La  longueur  L  de  decollement  est  fonction  des  diffErcnts  paromfctres  qui  dEfinissent  la  configuration  et 
qui  conditionnent  notamraent  le  recollcment  plus  en  aval.  Elle  n'est  pas  actuellement  calculable.  Le  out  de3 
essais  est  preciscment  de  donner  une  loi  experimental  d* evolution  de  L  en  fonction  de  ces  parametres,  afin 
de  permettre  une  provision  de3  limit es  d'amorgage. 

D'une  fagon  pratique,  la  valeur  de  L  est  deduite  d'un  essai  en  effectuant,  pour  la  position  du  corps 
central  qui  permet  l'araorgage,  un  calcul  des  sections  critiques  de  1 ' ecoulement  aval  pour  plusieurs  valeurs 
de.L  choisies  a  priori  :  la  valeur  de  L  retenue  e3t  celle  pour  laquelle  la  section  critique  est  Egale  a  la 
section  du  col,  comme  indiquE  plus  haut. 

II  est  bon  de  rappeler  que  cette  longueur  de  dEcollement  n'est  qu'une  longueur  fictive,  caracteristique  du 
phenomkne  schematisE,  et  qu'elle  r.e  se  prete  pas  a  uno  observation  directe,  1' Ecoulement  rEel  Etant  plus 
complexe,  et  instationnaire,  comme  11  sera  precis E  plus  loin. 

4  -  CONFIGURATIONS  ETUDIEES  ET  RESULTATS  D 'ESSAIS  - 

Les  essais  ont  portE  sur  1' etude,  a  plusieurs  nombres  de  Kach  compris  entre  4  et  7,  de  prises  d'air  de 
revolution  comportant  des  pointes  coniques  de  10°  et  15°associEes  soit  k  une  carfche  profilEe  de  5,7°  de  pente 
interne  initiale,  soit  a  une  carbne  cylindrique. 

Les  formes  des  prises  d'air  et  lee  schEmas  calcules  cl ' Ecoulement  a  l'amorgage  sont  indiquEs  figures  5  &  8. 

Les  nombres  de  Reynolds  des  essaie,  rappor^Es  au  diametre  de  la  carene,  sont  de  3.10^. 

On  remarquera  sur  ces  figures  1' extension  du  dEcollement  en  fonction  du  nombre  de  Mach,  et  aussi  les 
effets  minimes  d '  interaction  calcules  dans  le  cas  parti  culler  du  cdne  de  15°  associe  a  la  carene  cylindrique. 

Les  resultats  bruts  des  essais,  exprimes  on  rapport  de  contraction  a  1  'amor gage  (Aq/a^)  en  fonction  du 
nombre  de  Mach  a  la  surface  du  cdne  Hc,  sont  represent  Es  figure  9. 

L' importance  de  1' effet  favorable  de  1' interaction  choc  couche  limite  ressort  de  l'ecart  des  points 
expErimentaux  a  la  courbe  theorique  d'un  choc  droit  en  fluide  parfait. 

Les  resultats  de3  calculs  des  longueurs  de  decollement  sont  reportEs  figure  10  ou  le  rapport  L  est  donnE 

he 

en  fonction  du  nomore  de  Haoh  H0.  La  valeur  de  dt  qui  caraeterise  1 1 importance  relative  de  la  couche  limite 
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(  eet  I'Epaiaeeur  de  dEplacement  en  Att  calculEe  en  eupposant  la  couche  limite  entiereraent  laainaire)  et  la 
valeur  du  parametre  de  convergence  initiale  du  conduit  annulaire,  K  »  sont  indiqueee  en  chaque  point. 

/U/he 

La  comparaison  des  points  relatifa  au  cdne  de  10°  et  au  cflne  de  1 5° »  respectivement  aaaociEa  k  la  m$me 
carkne  profilEe,  semble  indiquer  que  I’effet  favorable  d'une  convergence  plus  acoentuEe*  pour  le  cflne  de  15% 
eat  compensE  par  I'effet  dEfavorable  d'une  couche  limite  relativement  plus  petite. 

Toutefoie,  I'esaai  du  cflne  de  15°  aaeociE  a  la  carkne  cylindrique  met  en  evidence  qu'une  convergence 
initiale  trop  elevEe  eat  dEfavorable  k  1'amorgage.  L'easai  du  cftae  de  10°  muni  de  la  carene  cylindrique  indique 
Egalement  Une  limitation  en  ce  sens,  la  valeur  ElevEe  du  coefficient  K  ne  peraettant  pas  d'ameliorer  la  limite 
d’amorgage.  Par  ailleura,  I’effet  favorable  de  la  couche  limits  doit  Egalement  fitre  marque  pf.r  un  maximum. 

Ces  indications  eont  Evidemment  trke  aommaires,  le  nombre  d'eesaia  Etant  inauffiaant  pour  isoler 
1# influence  des  parametre a  designda,  et  d* autre a  facteurs  pouvant  intervenir,  tels  que  la  courbure  du  profil 
du  corps  central  (trea  marquee  en  position  d’amorgage  pour  la  configuration  c6ne  15°  +  carene  cylindrique)  ou 
la  forme  precise  de  1’ ecoulement  amont,  qui  eat  particulikrement  hetErogkne  dana  lea  cas  Etudiea. 

Lee  quelquea  points  reportea  figure  10  ne  peuvent  done  eervir  que  de  reperea  pour  des  esaaie  de  configu¬ 
rations  voiaines  de  cellea  Etudieee. 


5  -  NATURE  INSTATIOKNAIRB  LE  L'ECOULEMEI'JT  A  L’AMORCAGE  - 

Si  l'on  se  ref ere  a  une  hypothese  d' Ecoulement  quasi-atationnaire  en  pompage  [6],  on  peut  dEcrire  qualita- 
tivement  les  phenomEnea  observes  de  la  fagon  suivante  t 

-  eupposona  (figure  11  a).qu'k  un  instant  donnE  le  choc  "droit”  se  eitue  a  I'entree  du  convergent,  avec  une 
pression  moyenne  de  I'Ecoulsment  subaonique  interne  comparable  k  celle  que  l'on  aurait  pour  cette  mSme 
configuration  en  Ecoulement  atationnaire,  maia  que  la  section  Aq  du  col  eoit  inferieure  a  la  section  critique 
de  cet  ecoulement  :  le  blocage  a  la  sortie  se  traduit  par  des  ondes  de  compression  qui  remontent  le  convergent 
vers  le  choc.  Selon  la  loi  d' acoroiaaement  de  1'efficacitE  du  ohoc  en  fonction  de  aa  penetration  dana  le 
convergent,  cea  ondes  peuvent  soit  $tre  abaorbeea  par  le  choc  qui  progrease  vers  l'aval,  auquel  caa  1' amor gage 
ee  produit,  soit  refouler  le  choc  en  amont  de  le  prise  d'air,  interdieant  1'amorgage* 

Lana  ce  dernier  caa,  1' acoroiaaement  de  pression  interne  accentue  le  dEcollenent,  le  debit  interne  alimen- 
tant  la  zone  decollEe  qui  peut,  aurtout  en  regime  laminaire  remonter  jusqu'k  la  pointe  du  edne  (figure  11b). 

Le  dEbit  d1  entree  dans  le  convergent  eat  alore  diminuE  (si  non  nEgatif)  et  ae  retrouve  inferieur  au  debit 
de  sortie  :  la  pression  interne  diminue  et  devient  suffisamment  baeae  pour  que  le  decollement  ae  resorbe  pro- 
greaeivement.  Maia,  de  ce  fait,  1' Ecoulement  repaaae  par  une  phase  de  dEbit  d 'entree  superieur  au  debit  de 
sortie,  d'ok  un  nouvel  accroisaement  de  pression  qui  limite  la  rEsorption  du  decollemant  et,  finalement,  une 
situation  identique  a  celle  de  dEpart,  pour  un  nouveau  cyole  de  pompage. 

L'amorgage  a 1 ef f eo luant  en  phase  de  pompage  ae  produit  pour  une  section  critique  "atationnaire"  de  1’ Ecou¬ 
lement  subaonique  aval  (c1  eat-k-dire  calculee  oomme  aux  paragraphea  prEcedente)  auporieure  k  A^f  et,  en  ce  sens, 
1’ Ecoulement  inatationnaire  eat  favorable  k  l'amorgage,  maie  1' importance  de  cet  effet  est  difficile  a  apprecier. 

Un  film  de  visualisation  strioscopique  [7]  montre  que  le  choo  penEtre  nettement  dana  le  convergent  en 
Ecoulement  inatationnaire  avant  qua  l'amorgage  ne  a'effectue,  ce  qui  indique  que  I'effet  de  surdebit  attenue 
largement  I'effet  favorable  de  progression  temporaire  du  choo  dana  le  convergent  et,  par  consequent,  que  le 
gain  eur  la  limite  d'amorgage  par  le  processus  inatationnaire  eet  sans  doute  assez  limite  j  cette  reraarque  tend 
k  justifier  1'hypothEse  admise  pour  rechercher  une  correlation  dea  resultata  selon  un  schema  atationnaire. 


6  -  CONCLUSION  - 

L'amorgage  d'une  prise  d'air  a  compression  supersonique  mixte  est  un  phEnomene  complete ,  et  le  nombre 
de  paramEtres  en  jeu  ne  peimet  paa  de  dEgagor  des  loia  gEnEralea  k  partir  d'easaia  en  nombre  trea  limitea. 

NEanmoina,  on  a  tentE  d'apporter  quelquea  Elements  k  une  diecuseion  plus  approfondie  du  probleme  ;  les 
rEaultata  raaaembles  peuvent  contribuer  k  une  premiere  estimation  des  limitea  d'amorgage  en  hypersonique  de 
priees  d'air  d'un  type  voiain  de  celles  EtudiEes. 
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CHAMBRE  DE  COMBUStioN 


5UPER50NIQUE'(5<  M<7') 
ENTREE  D'aIr 


CHAMBRE  DE  COMBUSTION 
SUBSONIQUE  (2.<M<5’) 


v\V 


|i|^»  tejr-  =  . .. 

s 

*5EB 

V" .  . . — 

TURBO  REACTEUR  (M<2) 


FIG.1  ENTREE  D'AIR  HYPERSON'iqUE 

AiR-INTAKE  FOR  SC  RAMJET  OP  TURBO  SCRAM3  ET 


a2Zia4 

/////////.///JA/JZ/ 

^"K'\ 

A  col 

r LiMITE  D'AMOR^AGE  PAR  DEPLACEMENT 
DU  CORPS  CENTRAL,  choc  droit  a.  l'entree  A%Acol 

TSTARTinG  LIMIT  BY  CENTEOBODY  ^ANSLATHONJ _  _  _ _ _ 

FIG. 2  PROCESSUS  THEORiQUE  D'AMORCAGE(NON  VISQUEUX) 
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FiG-3  SCHEMA  THEORiQUE  D'AMORCAGE  STATioNNA'lRE 
THEORETiCAL  ViSCOUS  START i NS  SCHEME 


DETENTE  SUPERSON'lQUE 


FISA.  iNTERACTlON  CHOC- COUCHE  L'lMITE 
DANS  UN  CONDUIT 

SHOCK- BOUNDARY  LAYER  iNTERACTlON  IN  A  CYLINDRICAL  DUCT 
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uiMITES  D'AMORCAGE 


FIG.  5  CONE  DE  15*  -  CARENE  iNCURVEE 


UMITE5  D'AMORCAGE 
STARTING  LIMITS 


LIMiTES  D'AMORCAGE 
starting  limits 


/ 


FIG.  7-CONE  DE  15*-CARENE  CyiiNDRIQUE 
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FiG.9-  RAPPORT  DE  CONTRACTION  D'AMORCAGE 

STARTiNG  CONTRACTION  RATIO 


FIG. 10-LONGUEUR  DE  DiiCOLlEMTNr  A  L'AMOR^AGE 


SEPARATION  LENGTH  AT  STARTING 


■  r\ 
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FIG.  11  a.  PASSAGE  All  REGIME  CRiliQUE  Qe  >  Qe 


Fie.  11b.  PHASE  DE  DECOLLEMENT  MAx'lMAL  Qe  <  Qc 
FiG.11.  PHASES  DE  POM  PAG  E 
BUZZ  FLOW  PICTURES 
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Etude  thGorique  et  expErimentale  de  la  co-existence  de  deux  flux 

DANS  UN  CANAL  DE  SECTION  CONSTANTE 
par  Jacques  PAULON 

OFFICE  NATIONAL  D'ETUDES  ET  DE  RECHERCHES  AEROSPATIALES  (O.N.E.R.A.) 

92  -  CHATILLON  -  Fronc. 


R  £  S  U  M  e 


Un  montage  plan  et  un  montage  de  revolution  de  oaracteristiques  tree  voieinee 
ont  ete  realises  pour  oCi^-dier  la  coexistence  dans  un  canal  de  section  constante  d’un  jet 
supereonique  a  d’un  jet  subsonique. 

L ’analyse  experimental  de  l’^coulement  effeotuee  a  partir  de  releves  de  pres— 
sione  eur  les  parois  et  au  sein  du  fluids  a  permis  de  caracteriser  les  limites  reelles 
dee  deux  flux  ainsi  que  le  domains  de  transition  les  eSparant.  Dane  le  cas  du  montage 
plan*  la  visualisation  strioscopique  de  l’eooulement  oonfirme  les  mesures. 

L ’analyse  theorique  bas^e  eur  1 ’application  de  la  methods  des  caract^rietiques 
confirms  lee  mesuree  parietales.  Toutefoie,  la  seotion  d ’Spanouiesement  maximal  du  flux 
interne,  indiquee  par  cette  m^thode,  differs  de  la  eeotion  sonique  de  l’dcoulement  ex- 
terne,  ce  qui  peut  conduire  a  des  previsions  erron^ee  dans  le  cas  d’un  djecteur  d  contour 
dvolutif. 


SUMMARY 


A  two-dimensional, and  an  asymmetrical  eet-up  of  very  similar  characteristics, 
were  "built  in  order  to  study  the  ooexistence,  in  a  conetant  section  duct,  of  a  supersonic 
jet  ineide  a  subsonic  jet. 

The  experimental  analysis  of  the  flow,  made  from  pressure  readings  on  the  walls 
and  ineide  the  fluid,  led  to  oharaoterizing  the  aotual  limits  of  the  two  flows,  and  also 
the  transition  domain  "between  them.  In  the  two-dimensional  case,  the  schlieren  visualiza¬ 
tion  of  the  flow  confirms  the  measurements. 

The  theoretical  analysis,  "based  on  the  method  of  characteristics,  confirms  the 
parietal  readings.  However  the  maximum  flaring  seotion,  given  "by  this  method,  differs 
from  the  sonic  section  of  tho  external  flow,  whioh  may  lead  to  faulty  predictions  in  the 
case  of  a  contoured  ejector. 


1,  INTRODUCTION. 

Peu  eensibles  a  1 ’heterogenditd  des  dooulements  primaire  et  secondaire,  les  theories 
unidimensionnelles  des  melangeurs  a  section  constante  ou  ooexietent  un  flux  primaire  supersoni- 
que  et  un  flux  secondaire  suhsonique  dane  la  seotion  de  confluence,  fournissent  avec  grande  pre¬ 
cision  les  performances  globales  de  ces  montages.  C’est  ce  qui  explique  le  succes  des  theories 
par  quasi -tranches  planes  des  ejecteurs  supersoniques  [l]  [2]  qui,  soumises  au  critere  de  l1 ex¬ 
perience  depuis  bientot  20  ans  ee  sont  averdee  utiles  et  prdoises  pour  des  montages  de  faibles 
dimensions  utilises  dans  les  laboratoires  auesi  "bien  que  pour  les  grands  ejecteurs  industriels. 

Ces  theories  ne  permettent  cependant  pas  de  prdvoir  le  developpement  axial  de  l’e- 
coulement  et  de  situer  avec  precision  la  position  de  la  section  d’ dpanouissement  maximal  du  flux 
primaire,  condition  necessaire  pour  reuseir  une  optimisation  en  poids  de  ces  installations. 

C’est  pourquoi  diversee  etudes  ont  ete  entreprisee  en  Franoe  [3]  [4]  et  A  l’etranger  [5]  pour 
parfaire  le  schema  unidimensionnel  simplifie,  de  faqon  A  y  inclure  une  evolution  longitudinale 
correcte  des  deux  flux. 

L’hypotheee  essentielle  retenue  dans  oee  oalculs  dont  1 ’importance  est  specialement 
marquee  pour  les  ejecteurs  de  turbo re aoteurs  od  le  coefficient  d ’entrainement  est  faible  (debit 
secondaire  de  l’ordre  de  5  $  au  plus  du  debit  primaire)  est  qu’il  y  a  coexistence  dans  le  canal 
d’un  flux  primaire  supersonique  se  developpant  euivant  la  theorie  des  oaracteristiques  et  d’un 
flux  secondaire  subsonique  s’ecoulant  par  quaei-tranches  planes. 

Ce  schema,  e’il  eet  accessible  au  caloul  numerique  et  permet  de  prendre  en  compte 
lorsque  le  ddbit  eecondaire  se  reduit  a  une  oouche  limite  epaiese  les  interactions  des  ondes  de 
choc  avec  cet  ecoulement  parietal,  devient  peu  realists  aux  debits  secondaires  plus  el eves  par 
suite  du  developpement  notable  de  la  zone  de  melange  entre  les  deux  flux  et  de  l’importance  que 
prennent  alore  les  forces  de  viscosite  dans  le  domaine  de  transition  00 r respondent. 
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if in  de  mieux  comprendre  la  structure  fine  d'un  tel  ecoulement  eseentiellement  hcte— 
rogfene  car  coraportant  troie  domaines  de  flux  sensiblement  paralleles,  une  etude  experiment ale  a 
dte  entrepriee  a  une  echelle  suffisamment  grande  pour  permettre  une  exploration  detaillee  du  flux 
eecondaire  dans  sa  totalite,  Seule  une  fraction  du  flux  primaire  est  accessible  aux  sondageSj 
compte  tenu  de  la  fragilite  des  sondes  utilisees,  prof ondement  engagees  dans  le  montage  ot  eou— 
mieee  a  dee  efforts  alrodynamiques  qui  deviennent  dangereux  pour  leur  tenue,  des  lore  que  la 
neceesitd  de  ne  pas  perturoer  les  ecoulements  primaire  et  secondaire  conduit  a  limiter  oonside- 
rablement  leur  dimension. 

2.  montages  mmnM. 

La  source  d'air  comprimd  dieponible  a  l'Etablissement  O.N.E.R.A.  de  PALAXSEAU  a  les 
oaractdristiques  suivantes  i 

-  pression  generatrice  Pu  1  1 4» 5  bars 

-  temperature  generatrice  i  370°K  <  Ti  <  390°K 

-  debit  masse  Q  i  10  kg/eec. 

Les  montageFeSrpdr't'.-  -  ont  ete  realises  de  fa<jon  a  restituer  sensiblement  les 

mfimes  conditions  exp^rimeei*  grandeurs  oaracteristiques  de  ces  deux  installations  sont 

portdes  sur  le  Tableau  1.  • 

Le  montage  (A)  est  bidimensionnel  et  permet  de  ce  fait  une  exploration  syetSmatique 
du  ohamp  dee  pressions  statiques  qui  eont  d*autre  part  mesurees  par  sondages  au  sein  de  1 1 ecou— 
lament,  ainei  d’ailleurs  que  les  pressions  d’arrSt  des  deux  flux. 


-  TABLEAU  X  - 


OARACTERISTIQUES  DES  DEUX  MOUTAGES  3XPSRIM3NTAUX 


A  -  MORTAGE  BIDIKSKSIOMIBL  : 


Mdlangeur  i 

Hauteur  I  287,5  mm 

Largeur  i  80  mra 

Longueur  i  1580  mm 

Sootion  constants  i  23.000  mm2 


B  -  MORTAGE  BE  REVOLUTION  i 

Melangeur  : 

Diametre  :  17 1  mm 

Longueur  i  1490  mm 

Section  constants  :  23.000  mm2 


Tuyfere  primaire  i 

Hauteur  du  col  i  38  mm 

Section  du  ool  i  3040  mm2 

Hauteur  dans  le  plan 
de  sortie  i  112,6  mm 

Seotion  de  eortie  i  8900  mm2 
Largeur  :  80  mm 

Angle  d'ouverture 
du  divergent  i  15° 

Hombre  de  Mach 
theorique  «  =  2,624 


Instrumentation  de  me sure  : 


Tuyere  primaire  s 

Diametre  du  col  : 

Section  du  col  : 

Diametre  dans  le 
plan  de  sortie  : 

Section  de  sortie  : 

Angle  d'ouverture 
du  divergent  : 

Hombre  de  Mach 
theorique  I  M  th 


67  mra 
3530  mm2 

107  mm 
9000  mm2 

12070* 

«  2,464 


Instrumentation  de  me sure  s 


-  11  rangees  de  23  prises  de  pression 

sur  paroi  laterale, 

~  28  prises  de  preesion  sur  paroi 
inferieure, 

-  6  bossagee  pour  introduction*  de  sondes 

-  2  hublote  de  visualisation. 


—  19  prieee  de  pression  statique 

sur  une  generatrice, 

—  11  prises  de  pression  statique  rdparties 

a  90°  dans  4  plans  de  mesure, 

—  7  "bossagee  pour  introduction  de  sondes 

sur  une  generatrice  voisine  de  celle  oii 
ee  trouvent  les  19  statiquee, 

—11  'bossages  repartie  a  90°  dans  4  plans 
de  mesure. 


Le  montage  (B)de  revolution  ne  permet  pas  une  etude  aussi  fine  de  la  repartition 
des  preseions  par  euite  de  l*heterogeneite  azimutale,  difficile  a  eviter,  et  sur  laquelle 
noue  reviendrons  plus  loin,  L^nterdt  de  ^experimentation  decrite  ci-dessous  tient  h.  la 
possibility  d1 evaluation  des  avantages  et  inoonvenients  de  chacun  de  ces  dispositife  fono- 
tionnant  tous  deux  en  regime  permanent, 

2, 1*  Montage  'bidimensionnel  (a). 


La  Figure  1  raontre  le  echema  de  principe  de  cette  installation,  tandis  que  la 
Figure  2  en  montre  une  vue  photographique  qui  permet  de  ee  rendre  conpte  des  dimensions  et 
dee  prinoipes  constructifs. 


Les  huts  recherche3  etant  I’analyse  fine  de 
celui-ci,  les  parois  laterale s  sont  interchangeable  e. 


l*ecoulement  et  la  visualisation  de 
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1  .Arrive*  d'air  primaire  4  .  Bussoges  6  *  Prises  d©  pression  de  paroi 

2  -  Arrive©  d'air  secondaire,  patm  5  «  Hublot  7  •  Melangeur 

3  •  Vonnage 


Fig.  1  «  Schema  de  ('installation  A  (cotes  en  mm) 


1  .  Ploque  perfore©  creont  une  perfe  de  charge 

f>our  I'ecaulement  secondaire 

2  -  Porte  sonde  telecommand© 

3  -  Hublot  de  visualisation 


4  ■  Injection  du  flux  primaire 

5  -  Evacuation  a  I 'air  ambiant 

6  •  Ploque  inferieure  munie  de  prises  de  pression 

7  «  Ploque  lateral©  munie  de  prises  de  pression 


Une  paroi  e^uip^e  de  253  prise e  de  preseion  est  deetinde  a  fournir  le  ohainp  de 
pression  stati<iue,  champ  oompldte  par  le  releve  des  pressions  raesurees  sur  la  paroi  inferieure 
dans  eon  plan  de  symetrie. 

Un  porte-sonde  teldcommande  qui  peut  Stre  install^  sur  6  hossages  regulierement 
rdpartis  sur  la  paroi  superieure  a  permis  de  relever  les  pressions  d'arrSt  et  statique  locales 
sur  une  grande  partie  de  la  hauteur  de  la  veine.  Une  connaissance  plus  complete  de  l'ecoule- 
ment  jusqu’a  l'axe  de  la  veine  n'a  pu  6tre  effectuee  par  suite  des  difficultes  de  tenue  mdca- 
nique  des  eondee,  euffisamment  petite s  pour  ne  pas  perturber  l'eooulement. 

Comrae  on  le  verra  sur  les  diagrammes  presentant  les  result ats  experimental,  la 
me sure  do  la  pression  statique  n’a  pu  6tre  effeotuee  que  sur  une  fraction  de  la  derai-hauteur 
de  la  veine,  D'autre  part,  la  repartition  parietale  de  pression  a  mis  en  evidence  une  tres 
Idgere  diesymetrie  de  l'eooulement  due  a  une  petite  imperfeotion  du  montage,  Les  releves  ont 
syetematiquement  portd  sur  l'analyse  d'une  moitie  du  montage  experimental. 

Dans  une  seconde  phase,  lee  paroie  laterales  de  cette  inetallation  ont  ete  rem- 
placees  par  deux  panneaux  comportant  des  huhlots  de  visualisation  de  grandes  dimensions.  Uean- 
moins  le  montage  strioscopique  utilise  a  necessity  d'effectuer  en  doux  fois  la  prise  de  vue  de 
l*dcoulement«  La  repetabilitd  et  la  bonne  stabilite  de  l'dcouloment  ont  permis  une  superposition 
oorrecte  des  vues  strioscopiques  obtenues,  dont  l’analyse  sera  presentee  oi-apres. 

2.2.  Montage  de  revolution  (b). 

Le  second  montage  experimental  decrit  ioi  comporte  une  tuyere  primaire  et  un  melan¬ 
geur  k  symetrie  de  revolution  ainsi  que  le  montrent  les  Figures  3  et  4.  H  presente  l'avantage 
indisoutable  d'Stre  plus  voisin  des  installations  industrielles  ueuelles,  bien  que  dans  certai- 
nes  applications  comrae  les  jets  plate,  on  soit  amend  a  rechercher  un  montage  bidimensionnel. 


Le  melangeur  utilise  a  ete  realise  en  t81e  roulee  et  soudee  et  ne  presente  done 


(*)  Le  montage  experimental  est  en  realite  un  augmentateur  de  debit  realise  pour  une  soufflerie 
de  grille  d'aubes  supersonique  [6]  [7]  et  utilise  en  second  lieu  pour  les  essais  decrit s  ioi. 
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La  procedure  experimental  eat  dono  plU3  simple  sur  ce  montage  et  se  limite  h  ^ex¬ 
ploration  azirnutale  de  1 ’ecouleraent  grdce  a  des  prises  de  pression  parietales  reparties  dans 
quatre  plans  de  me sure s,  a  un  releve  longitudinal  de  la  pression  sur  une  generatrice  du  montage 
et  k  I’dtude  de  la  repartition  radiale  des  pressions  totale  et  statique  dans  sept  plans* 

3*  PERFORMANCES  DU  MONTAGE  BILIIiSNSIONNEL  (a)* 

3* 1 •  Choix  du  point  de  fonctionnement. 

Une  verification  prealable  a  ete  effectuee  afin  de  comparer  aux  previsions  th£ori~ 
ques  les  performances  globales  de  l'ejecteur  qui  refoule  a  la  pression  atmospherique  PA  •  Le 
regime  supersonique  s’etablit  pour  une  pression  primaire  barsj  aussi  pour  les  essais 

ci-dessous,  le  point  de  f onotionnement  retenu  correspond  aux  conditions  : 


j*--—  -  IkS  bars 

Pa 


p'< 

Li—  0.?S  tar 

Pa 


0,20 


P" 

t  etant  la  pression  generatrice  secondaire  et  ^  le  rapport  du  debit  masse  secon- 
daire  au  debit  masse  primaire,  (La  valeur  de  P£ /Pa  de  transition  entre  le  regime  supprsoni- 
que  et  le  regime  mixte  fournie  par  le  calcul  [2]  est  de  5,5«  La  difference  importante  provient 
de  ce  que  nous  sommes  en  montage  plan  ou  les  pertes  sont  plus  importantes  qu*en  montage  de 
revolution)* 


Le  coefficient  de  debit  est  suffisamment  Sieve  pour  que  le  flux  secondaire  ne  se 
coraporte  pas  comme  une  epaisse  couche  limite  pari^tale  et  il  se  trouve  a  des  conditions  exp6- 
rimentales  suffisamment  distantes  du  fonctionnement  en  regime  mixte  pour  echapper  aux  instabi- 
lites*  Ce  point  se  trouve  effectivement  sur  la  caractdristique  theorique  ddbit-pression  du  me- 
langeur  [2J. 


3*2*  Roleves  de  pression  sur  la  paroi  inferieure. 

L*analyse  de  la  repartition  de  la  pression  P  mesur^e  sur  la  paroi  inferieure,  rap- 
port6e  h  la  pression  generatrice  P"  du  flux  secondaire,  donne  une  idee  exacte  de  Involution 
de  ce  dernier  (Figure  5)* 

Entrant  dans  le  melangeur  a  un  nombre  de  Mach  modere  (  M"  »  0,54  dans  la  section  de 
confluence  des  deux  jets  prise  comme  origine  des  abscisses),  le  flux  secondaire  se  detend  de  fa- 
gon  continue  jusqu'a  atteindre  les  conditions  critiques  a.  une  distance  sensiblement  egale  h 
450  mm* 

On  remarquera  (Figure  6)  que  cette  distance  critique  pst  sensiblement  celle  qui  cor¬ 
respond  au  point  de  rencontre  d'une  onde  de  Maoh  issue  d’une  levre  de  la  tuyere  primaire  et  de 
I'ordonnee  de  la  section  unidimensionnelle  sonique  de  l^coulement  secondaire* 


Fig,  5  •  Evolution  longitudinals  de  la  pression 
statique  a  la  paroi  inferieure 


En  effet,  la  tuyere  primaire  ayant  un  nombre  de  Mach  reel  M  =  2,566  ,  cette  distance 
s*6crit  avec  les  grandeurs  portees  sur  la  figure  : 

h  1 


aveo  j  o(B  -  aw  Jin  1/ M'  - 

D'ou  470  ram. 
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Cette  propriete  s'est  trouvee  verifies  sur  un  certain  nomhre  de  montages  eiperiraen- 
tes  par  ailleurs  au  Lahoratoire. 

En  aval  de  cette  section  critique,  la  pression  parietale  crolt,  ce  qui  indique  un 
dosar.or.jago  progressif  de  l*ecoulement  qui  finit  par  atteindre  la  pression  ar.di  ante  • 

3,3.  P.elevoe  de  pression  sur  la  parol  laterals, 

One  analyse  plus  fine  du  champ  de  l’ecouleroent  s'ohtient  par  l'etude  des  rcleves  de 
pression  P  sur  la  paroi  laterals  munie  de  11  rangees  de  23  prises.  La  repartition  complete  des 
valours  de  la  pression  mesuree  sur  cette  paroi  (Figure  7h )  s'erplique  aisement  suivant  le  sohema 
portd  en  haut  de  la  Figure  7a. 


A  •  Jet  supersonique  dant  la 
form*  est  datermlneo  par 
la  repartition  de  pression 
a  so  limit* 

B  -  Detent*  de  Prandtl  Meyer 

C  «  Plans  d*  sandage 

D  «  Flux  soperseniqu* 

E  •  Ecaul*m*nt  de  source 

F  -  Prises  d*  pression  sur 
porei  laterele 

G  ■  Prises  d*  pression  sur 
porol  Inferieure 

H  •  Range*  de  prise  de  pression 
util  is*  *s  pour  la  definition 
du  gradient  longitudinal  de 
pression 

I  -  Llmlte  celculee  du  neyau 
prlmolre 


Fig.  7a  •  Schema  aeradynamique  explicitant  les  hypotheses  de  calcul 


e 

0 

X  = 

10  mm 

f  • 

X  =  260  mm 

b 

□ 

X  = 

60  mm 

8  ■ 

X  *  310  mm 

c 

A 

X  = 

110  mm 

h  A 

X  =  360  mm 

d 

V 

X  - 

160  mm 

1  T 

X  —  4 10  mm 

e 

0 

X  « 

210  mm 

1  * 

X  -  460  mm 

1  •  Flux  primalre 

2  »  Flux  secendeire 

3  •  Tronsitien  peripherique 

4  •  Transltlen  interne 

5  -  Source 

6  •  Detente  due  oux  cerecteristiques 

issues  do  C* 

7  -  Neyou 


Fig.  7b  -  Repartitions  de  pression  mesurees  sur  une  paroi  laterals  ■  Camparaisan  avec  les  valeurs  calculees 
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-  le  fluide  primaire, suppose  parfait,  est  assimilo  a  u n  ecoulement  de  source  plane,  d * angle  d'ou— 
verture  15°  et  de  nomhre  de  Mach  M'~  2,5 66  au  point  de  confluenoo  des  deux  flux  (valeur  dedui- 
te  des  releves  dc  pression; 

-  co  fluido  debouohe  dane  un  milieu  ou  regne  un  gradient  longitudinal  de  pression  defini  par  les 
roleves  parietaux,  mais  en  fait  ce  sont  les  indications  de  la  premiere  rangee  de  prises  late- 
rales  qui  ont  ete  utiliedes.  3 lies  ne  different  guore  des  releves  sur  la  paroi  inferieure  du 
montage.  La  complexity  des  repartitions  de  pression  releveeB  a  la  paroi  du  montage  est  due  a 
l'existenoe  simultanee  de  plusieurs  gradients  de  pression; 

-  sur  l1 axe  du  montage  l'eooulement  de  source  issu  de  la  tuyere  primaire  s'acoyiere  forteraent 
mais  le  profil  des  vitesses  dans  des  plans  normaux  a  l'axe  est  quasi-conetant  (coupee  (a)  a 
(<0» 

-  a  la  peripherie  du  noyau  central,  1* acceleration  du  flux  externe  induit  un  gradient  longitu¬ 
dinal  negatif  de  la  pression,  plue  faible  que  celui  correspondant  a  la  source; 

-  la  transition  au  point  de  confluence  O  des  deux  ecoulements  se  fait  par  une  detente  de  Prandtl- 
Meyer,  puiaqu1  initial© ment  la  pression  dans  le  noyau  est  superieure  a  cells  du  flux  externe 
(ooupe(a)).  et  les  caraoteristiques  correspondantes  transportent  une  detente,  de  moins  en  moins 
accentuee  (coupes  (a)  a  (d); 

-  cas  caraoteristiques  atteignant  l'axe  du  montage  au  voieinage  de  la  coupe  (e)  a  laquello  corres¬ 
pond  la  pression  minimale  dans  le  noyau  central; 

-  dans  les  coupes  suivantee  (f )  a  (i)  le  r3le  des  caraoteristiques  issues  du  point  de  confluence 
0/deB  deux  flux  symytriquee  de  O  par  rapport  A  l'axe  du  montage  devient  pryponderant  et  si,  a 
la  peripherie  du  jet  priraaire,  la  pression  continue  a  diminuer,  au  centre  elle  augraente  pro- 
greseivement; 

La  confrontation  cal cul -eyerie nee  est  tres  satisfaisante  dans  tout  le  domain©  proche 
du  plan  d'injection  du  flux  priraaire.  Elle  devient  plus  imprecise  pres  de  la  section  d'epanouis— 
Bement  maximal  du  noyau  supersonique ,  ou  la  transition  visqueuse  entre  les  deux  flux  devient  im- 
portante. 

3.4*  Mesures  au  sein  du  fluide  :  exploration  d'un  plan  normal  a  l'axe  du  montage. 

Le  domain©  de  transition  syparant  les  flux  primaire  et  secondaire  ne  peut  8tre  carao- 
tyrise  par  les  releves  parietaux  de  pression,  dont  le  nomhre  est  insuffisant  pour  une  analyse  dd- 
taillee  du  phenomene.  L'exploration  des  deux  veines  au  moyen  d'une  sonde  traversant  le  montage 
dans  son  plan  de  symetrie  suivant  une  normale  a  l'axe  permet  la  description  fine  du  passage  du 
flux  primaire  au  flux  secondaire.  Comme  nous  l'avons  signale  plus  haut  cette  exploration  n-a  pu 
8tre  effectuee  que  sur  une  fraction  de  la  hauteur  de  la  veine. 

La  Figure  8  represente  les  releves  de  pression  statique  P  et  de  pression  totale  Pc 
dans  les  Bix  plans  de  mesure  equipes  a  cet  effet.  Pour  ohtenir  la  pression  totale  dans  la  partie 
supersonique  de  la  veine  (domain©  interne  de  la  zone  de  transition, et  portion  du  flux  primaire 
oh  l'exploration  de  la  veine  a  pu  £tre  effectuee)  la  pression  d'arr£t  (Pj)  choo  mesuree  par  la 
sonde  a  ete  corrigee  pour  tenir  compte  du  nomhre  de  Mach  local  en  amont  de  l'onde  de  choc  droite 
qui  sMtahlit  devant  la  eonde.  On  remarquera  essentiellement  que  la  pression  statique  est  senei- 
hlement  constante  dans  le  flux  secondaire  aussi  hien  que  dans  la  zone  de  transition,  dont  les  li¬ 
mit©  e  externe  et  interne  sont  definies  respectivemsnt  comme  point  ou  la  pression  d'arrSt  Pc  commence 
&  croitre  et  point  ou  elle  atteint  sa  valeur  maximale.  En  revanche  la  pression  statique  varie  rapi- 
dement  dans  tout  le  demaine  du  flux  primaire  non  perturbs  par  la  transition  (Figure  7).  Nous  avens 
oompare  sur  la  Figure  8  les  pressions  statiques  mesurees  a  la  paroi  et  celles  donnees  par  la 
sonde  d1 exploration  transvereale.  La  concordance  des  deux  mesures  est  correct©  dans  le  flux 
secondaire  non  perturhe,  elle  l'est  moins  dans  la  zone  de  transition  ou  il  existe  un  fort  gra¬ 
dient  de  pression  d'arrit  risquant  de  fausser  les  mesures' de  pression  statique  fournies  par  la 
sonde. 


3*5.  Mesures  au  sein  du  fluide  t  exploration  transversale  de  la  veine. 

Comme  dans  tout  montage  plan,  le  melangeur  etudie  presente  1 'inoonvenient  d'etre 
trihutaire  du  developpement  des  couches  limites  sur  les  parois  laterales  du  montage.  Afin  de 
mieux  connaftre  l'importanoe  des  perturbations  correspondantes  une  exploration  transversale 
en  pression  totale  a  ete  effectuee  a  une  distance  X  =»  4-60  mm  du  plan  de  confluence  des  deux 
jets,  e'est-a-dire  sensible ment  au  niveau  de  la  section  sonique  du  flux  Becondaire.  La  Figure  9 
present©  les  resultats  correspondants  :  dans  le  flux  secondaire  (Figure  9a)  l'epaisseur  de  la 
oouche  limits  est  de  l'ordre  de  4  mm,  ce  qui  correspond  hien  aux  previsions  de  calcul  [8];  la 
surpreesion  que  l*on  observe  au  voisinage  de  la  paroi  est  vraisemhlahlement  due  a  des  echanges 
energetiques  entre  les  deux  flux,  echanges  qui  seraient  favorises  par  la  oouche  limit e;  la  va¬ 
leur  eensib lenient  constante  mesuree  dans  le  noyau  sain  du  flux  secondaire  re coupe  correctement 
les  valeure  ohtenues  dans  l'exploration  de  ce  dernier  (Figure  8). 

Dans  le  flux  primaire  (Figure  9b)  seule  la  pression  pitot,  direotement  donnee  par  la 
aonde,  est  presentee.  La  oouohe  limits  parietal©  eemble  plus  important©  (de  l'ordre  de  9  mm), 
mais  il  faudrait  pouvoir  tenir  compte  ioi  des  deperditions  d'energie  qui  ont  conduit  au  maximum 
de  pression  mesure  dans  le  flux  secondaire,  et  qui  ont  pour  effet  dans  le  flux  primaire  d'elargir 
le  domains  voiein  de  la  paroi,  ou  l'eooulement  n'est  pas  uniforme. 
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Schema  de  ia  position 
des  plans  de  mesure 


■  Pressian  statique  mesuree  sur  la  parai  laterals 
parai  laterale 

A  Limits  de  la  zane  de  transition 


Fig.  8  -  Evolution  des 
et  statique  au 

(vertica  lement 


pres  si  an  s  tatale 
sein  du  fluids 


x  =  C,e) 


Fig.  9  *  Evolution  de  la  pressian  totals  au  sein  du  fluide 
a.  »  Flux  secandaire,  X  =  460  mm  b,  •  Flux  primaire,  X  =  460  mm 


3*6*  Visualisation  de  la  ligne  de  .jet  et  de  la  zone  de  melange. 

Le  jet  supers onique  primaire  et  la  zone  de  transition  a  density  fortement  variable 
peuvent  Stre  mis  en  evidence  par  strioscopie  de  l’ecoulement.  Des  hublots  (en  pyrex  pour  re sis¬ 
ter  a  la  temperature  de  390°K  du  flux  primaire)  ont  ete  utilises,  maie  deux  cliches  successifs 
correspondant  h  deux  positions  differentes  du  banc  de  strioscopie  ont  ete  nScessaires  pour  per- 
mettre  de  voir  tout  le  domaine  interessant.  La  legere  deformation  des  bords  de  1* image  due  a  la 
necessite  de  travailler  en  lumiere  divergent e  dans  le  grand  champ  visualise  ne  permet  pas  une 
superposition  oorrecte  dee  deux  oliches. 

On  notera  tout  d'abord  eur  la  Figure  10  qu'au  point  de  fonctionnement  etudie  le  jet 
primaire  reste  amorce  bien  au  dela  du  domaine  explore  dans  cette  etude,  c'est-a-dire  au  dela  de 
la  section  sonique  du  flux  secondaire.  Sur  cette  figure  ont  ete  egalement  portees  les  limites  de 
la  zone  de  transition  determines s  au  moyen  des  re levs s  de  pression  (Figure  8),  ainsi  que  les  oa- 
ract<5ristiquee  limites  ayant  servi  au  calcul  de  l'ecoulement  dans  le  flux  primaire. 
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Fig.  10  •  Visualisation  de  I'  ecoulement 
A  >  Limites  zones  de  melange  B  •  Faisceau  de  detente 


La  Figure  11  resume  leg  resultats  acquis  et  compare  sur  le  m8me  diagrararae  les  limitee 
de  la  zone  de  transition  visqueuse  entre  les  deux  jets  et  la  ligne  de  jet  primaire  J'  calculee 
dans  1' hypo these  d*un  fluide  parfait.  Cette  derni&re  se  trouve  Men  au  milieu  des  deux  premieres. 

Sur  la  m@me  figure  a  ete  port4e  la  ligne  sonique  de  l1 ecoulement  dSduite  des  releves 
de  pression  (Figure  11).  On  remarquera  cette  fois  que  le  schema  unidimensionnel  ne  semhle  plus  va- 
lahle  :  la  ligne  sonique, prati que me nt  confondue  aveo  la  ligne  externa  de  la  zone  de  transition 
viequeuse,  n'est  normale  a  1* ecoulement  qu'au  voisinage  de  la  eection  d'epanouissement  maximal 
du  flux  primaire. 

Supposant  alors  que  la  vitesse  est  peu  inolinee  eur  l'axe  du  montage,  on  en  deduit 
aieement  l*ordonnee  de  la  limite  J"  du  flux  secondaire,  dMinie  corame  ligne  de  courant  d'un 
eooulement  ayant  le  mdrae  ddbit  que  1* ecoulement  secondaire  entrant  dans  le  melangeur,  On  remar¬ 
quera  sur  la  Figure  8,  ou  cette  ligne  limite  J"  a  6te  portee,  qu'elle  differs  peu  de  la  limite 
theorique  du  jet  primaire  .  . 

z 


1  -  T uyere 

2  -  Flux  secondaire 

3  -  Premiere  coracteristique 

4  •  Derniere  coracteristique 


5  -  Limite  externe  de  la  zane  de  transition 

6  -  Flux  primaire 

7  -  Limite  interne  de  la  zane  de  transition 

8  -  Limite  thearique  du  jet  primaire 


9  •  Eponouissement  maximal  du  flux  primaire 

10  •  Ligne  sanique 

11  -  Limite  du  flux  secondaire 


Fig.  11  -  Ligne  de  jet  et  zane  de  transition 


4.  ANALYSE  LBS  PERFORMANCES  DU  MONTAGE  DE  REVOLUTION  (B). 

4. le  Choix  du  point  de  fonctionnenent. 

Geometriquement  tres  voisin  du  montage  plan  par  ses  lois  de  section,  le  montage  (B) 
a  d*abord  ete  teste  globalement  pour  comparer  ses  performances  aux  previsions  theoriques.  Get 
ejeoteur  servant  a  augmenter  le  debit  d'une  eoufflerie  de  grille  d'aubes,  la  pression  de  refou¬ 
lement  n*eet  plus  1* atmosphere  mais  une  pression  Pr  de  I'ordre  de  2,45  bars. 

Be  ce  fait,  le  rapport  Pi/Pr  n'eet  guere  superieur  h  la  valeur  de  transition  theo- 
•  rique  entre  les  regimes  supersonique  et  mixte,  d*ou  certaines  fluctuations  et  instabilitee. 
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Pour  las  assais  deorits  ci-<lassoue, 


4,2,  Etude  da  I'homogenelte  azimutale  du  flux  secondaire. 

Dana  la  montage  liidimenaionnel  analyse  au  n°  3  ,  la  flux  secondaire  se  compose  da 
deux  patits  jets  quasi -independants  dont  la  seule  oondition  da  compatibility  tient  a  la  m@me 
valeur  de  la  pression  generatrice.  GrSoe  a  une  realisation  symetrique  du  montage,  aux  imperfec¬ 
tions  macaniquee  pres,  las  daux  flux  secondaires  presentaient  das  configurations  d’eooulemant 
trSs  voisines. 

Is  problems  se  pose  tout  differemment  dans  le  oas  du  montage  de  revolution  oh  il 
n'exista  qu'un  flux  secondaire  unique,  injeote  par  un  orifice  annulaire  et  entourant  le  jet  pri- 
maire.  Une  difficulty  proviant  alors  de  oe  que  pour  eviter  toute  interaction  parasite  antre  las 
dlamants  du  montage  et  las  flux  studies,  il  n'a  pas  ete  mis  de  liras  supports  a  1'interieur  da  la 
veine,  ca  qui  rand  delicat  le  centraga  du  jet  primaire  par  rapport  au  jet  secondaire.  XI  s'agit 
d'un  centraga  tridimensionnel,  car  il  faut  s'aesurer  que  la  tuyere  primaire  et  la  melangaur  cylin- 
drique  sont  conoantriquas  et  que  leurs  axes  eont  oonfondus.  Si  cette  difficulty  peut  Stra  a  pau 
pree  surmontea,  il  en  exists  une  autre,  trks  importante  et  incontrdlalle,  Le  melangaur,  a  sa  sor¬ 
tie,  est  solidaire  du  caisson  de  tranquillisation  de  la  soufflerie  de  grille  dont  1'ejecteur  fait 
partie.  Les  temperatures  genaratricoe  primaire  et  secondaire  sont  reapactivament  de  390°K  et 
2gO°E  tandis  que  celle  raesuree  dans  la  ohambre  de  tranquillisation  est  de  1'ordre  da  360°K.  Il 
en  results  das  dilatations  diffdrentas  de  chaque  partie  du  montage  et  das  deplacements  qui  modi- 
fient  la  centraga  d' origins. 

Pour  otitenir  des  resultats  correots,  il  eut  fallu  un  montage  debouchant  a  I'ambiante 
et,  de  plus,  qua  le  melangaur  soit  solidaire  de  la  tuyere  primaire, 

H  A  titre  d'exemple,  la  Figure  12  presente  la  repartition  azimutale  de  la  pression  de 
paroi  P  relevee  dans  quatre  plans  de  mesure  et  la  Figure  13  compare  les  releves  radiaux  de 
pression  totals  (XI  s'agit  d'une  pression  Pitot  done  d’une  vraie  pression  totals  ou  d'une 

pression  totals  apres  choc  salon  le  type  d'eooulement  renoontrS  par  la  sonde)  mesuree  sur  4  ra¬ 
yons  &  une  distance  de  1,2  diamstres  du  plan  de  confluenoe  (section  de  mesure  5),  On  remarquera 
que  si  dans  la  meilleure  configuration  geometrique  qui  a  pu  Stre  realises,  la  repartition  azimu¬ 
tale  de  pression  semhle  assez  uniforms  a  une  grande  distance  de  la  section  de  confluence,  d’ind- 
vitahles  distorsions  de  l'ecoulement  apparaiesent  qui  rendent  difficile  une  analyse  fine  de  l'e- 
ooulement. 


le  point  de  fonotionnement  impose  correspond  a  i 

Pi  -  r  . 

-^T-5’5  • 

P" 

*  =  °'37 
-  0,24 


Fig.  12  -  Repartition  azimutole  de  la  pression  de  parai  dans 
differents  plons  de  mesure 


Fig.  13  «  Evolution  rodiale  de  lo  pression  tatale  P  ^ 
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4« 3*  Relevds  de  pression  sur  une  generatrice  du  montage. 

Bien  que  les  deux  ecouleraents  ne  soient  pas  parfaitement  concentriques,  nous  avona 
releve  1* evolution  axiale  de  la  pression  de  paroi  P"mesuree  sur  une  generatrioe  du  melangeur. 

La  repartition  presenteo  sur  la  Figure  14  donne  une  idee  de  Involution  du  flux  se— 
condaire  et  nous  verrons  par  la  suite  quelle  exploitation  on  peut  tirer  de  ces  mesures*  No tons 
simplemont  que  1* allure  de  cetto  courbe  est  tres  semblable  a  celle  obtenue  sur  le  montage  plan* 


< 


Fig.  14  >  Evolution  axioie  de  lo  pression  sur  une  generatrice 


4.4*  Mesures  au  sein  du  fluide.  Exploration  radiale  de  la  voine. 

Bans  un  montage  a  symetrie  de  revolution,  seule  1  Exploration  radiale  de  1  Ecoulement 
perraet  de  connaftre  involution  de  la  pression  statique  (Figure  15)*  On  reraarquera  ioi  enoore  une 
valeur  sensiblement  constante  de  cette  pression  dans  chaque  plan  de  mesure  au  voisinage  de  la  pa¬ 
roi  du  mdlangeur  et  une  variation  plus  complexe  des  que  l’on  penetre  dans  la  zone  de  melange* 

La  preesion  mesuree  a  la  paroi  recoupe  bien  les  indications  de  la  sonde  et,  d’ autre 
part,  les  quelques  mesures  de  pression  statique  au  sein  du  flux  primaire  et  en  dehors  de  la  zone 
de  melange  verifient  ou  tendent  a  recouper  celles  obtenues  par  le  calcul  de  1 '  ecoulement  r*>imaire 
assimile  a  un  dooulement  de  source.  Cet  ecoulement  nrest  pas  influenoe  par  le  raauvais  centrage  du 
primaire  raais  par  oontre  celui  corapris  entre  la  caracteristique  de  depart  issu  d’une  extremite  de 
la  tuyere  et  la  ligne  du  jet  y  est  sensible.  Aussi,  comme  cela  etait  previsible,  1 ’application  de 
la  methods  de  caloul  du  ohamp  de  cet  ecoulement  n’a  pas  donne  de  resultats  probants. 


L’ltude  de  la  pression  totale  (II  s’agit  de  la  pression  d’arrdt  corrigee  lors- 
que  la  sonde  se  trouve  dans  un  ecoulement  supersonique)  portee  sur  la  m§me  figure  met  en  evi¬ 
dence  le  developpement  rapide  de  la  zone  de  melange  et  l’on  notera,  compte  tenu  du  defaut  d’ali- 
gneraent  des  deux  flux,  que  dans  le  plan  VI  proche  de  1 ’epanouissement  maximal  du  flux  primaire, 
1’ ecoulement  sain  secondaire  a  pratiquement  disparu. 

Be  fa$on  generale,  sauf  dans  le  plan  V,  la  pression  totale  mesuree  dans  le  flux  pri¬ 
maire,  puis  corrigee  pour  tenir  compte  du  choc  devant  la  sonde,  recoupe  bien  la  pression  totale 
l’infini  araont.  Ce  qui  montre  que  les  mesures  sont  correctes  dans  es  zones  saines  des  ecoule¬ 
ment  s* 


4*5*  Ligne  de  jet* 

Le  mauvais  centrage  des  deux  flux  ne  permettant  pas  un  calcul  correct  de  la  ligne 
de  jet  de  1  Ecoulement  primaire,  il  n'a  pas  ete  possible  de  comparer,  comme  dans  le  oas  plan, 
la  ligne  sonique  deduite  des  mesures  avec  la  position  d* epanouissement  maximum  du  jet  primaire. 

5.  CONCLUSION* 

L’ analyse  oomparee  d’un  melangeur  plan  et  d’un  melangeur  de  revolution  ayant  m§rae 
lois  de  section  a  montre  qu’il  etait  possible  de  realiser  dans  les  deux  montages  les  mdmes  con¬ 
ditions  aerodynaraiques.  Globalement,  les  performances  mesurees  restituent  avec  precision  celles 
que  le  schema  unidimensionnel  perraettent  de  prevoir  (Figure  16), 

Bans  le  detail,  la  repartition  des  vitesses  dans  1 ’ecoulement  diffSre  notablement  de 
celle  retenue  pour  le  calcul  elementaire  [l]  ou  mSme  plus  perfectionne  [3]  od  l’on  suppose  que 
1 ’ecoulement  secondaire  s’effectue  par  tranches  planes. 

L’importante  zone  de  melange  au  contact  des  deux  flux  a  pu  6tre  mise  en  evidence  par 
strioscopie  dans  le  cas  du  montage  plan  et  les  limitos  de  cette  zone  de  transition  telles  qu’on 
les  deduit  des  releves  de  prossion  d’arrSt  correspondent  assez  bien  aveo  les  limites  des  zones 
turbulentes  que  l’on  distingue  sur  la  vue  stri os copique. 
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On  en  conclut  que  la  theorie  unidiraensionnel  des  melangeurs  a  section  const  ante  ou 
les  deux  flux  sont  supposes  non  visqueux  rend  "bien  compte  g3ohalement  des  performances  de  oes 
montages,  raais  q,ue  toute  amelioration  des  schemas  de  calcul  destines  a  pr^voir  le  developpement 
longitudinal  de  I'ecoulement  devTa  faire  intervenir  le  melange  visqueux  au  contact  des  flux 
primaire  et  secondaire. 


PL  pres-sion  mesuree  a  la  parol 
£  pressian  colculee  (ecaulement  de  source) 


Fig.  15  -  Evolution  radiale  des  pressions  tatale  et  statique  au  sein  du  fluide 


MONTAGE  PLAN  MONTAGE  DE  REVOLUTION 


Fig.  16  »  Performances  globales  des  deux  montages  •  Comparaison  experience-fbeorle 
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A  NEW  CONCEPT  OF  THE  INLET  DESIGN  AND  OF  THE  THERMODYNAMIC 
CYCLE  OF  THE  TURBOJET  ENGINE  AT  HIGH  FLIGHT  MACH  NUMBERS 


W.  Dettmering  and  B.  Booker 
Institut  fttr  Strahlantriebe  und  Turboarbeitsmaschinen 
Teohnisohe  Hochschule  Aachen 
D  51  Aachen,  Templergraben 
Germany 


SUMMARY 

At  high  supersonic  speeds  the  efficiency  of  the  inlet  strongly  depends  on  the 
diminution  of  the  Mach  number  before  the  normal  shock.  Theoretical  investigations  show 
that  this  deceleration  can  be  increased  by  replacing  the  internal  compression  in  the 
bladeless  channel  by  a  supersonic  rotor.  Due  to  the  deceleration  of  the  relative  flow 
and  the  increase  of  the  circumferential  velocity  from  rotor  inlet  to  outlet,  a  significant 
augmentation  of  the  static  pressure  ratio  is  achieved.  Moreover,  the  Mach  number  can  be 
decreased  by  the  transfer  of  mechanical  energy  to  the  rotor.  After  the  transition  to 
subsonic  velocities  in  the  stator,  the  energy  has  to  be  returned  to  the  flow  either  by  a 
conventional  compressor,  or  by  a  second  supersonic  rotor  accelerating  the  flow  between 
the  combustion  chamber  and  the  nozzle.  Static  pressures  and  temperatures  in  this  turbo¬ 
jet  engine,  which  operates  with  subsonic  combustion,  are  comparable  to  those  of  the 
supersonic  combustion  ramjet. 

NOTATION 

A  cross  sectional  area 

a  sonic  velocity 

c  absolute  velocity 

E  exponent 

F  ) 

G  )  functions  of  the  Mach  number 
H  ) 

h  enthalpy 

M  Mach  number 

ih  mass  flow 

p  pressure 

R  gas  constant  .  . 

s  entropy 

T  absolute  temperature 

u  peripheral  speed 

w  relative  velocity 

a  )  angles  defined  in  Fig.  2 

a  ) 

4  tip-diameter  ratio,  rotor  outlet  to  inlet 

k  ratio  of  specific  heats 

it  pressure  ratio 

T  temperature  ratio 

Subscripts  ■ 

0,1,2. .positions 
f  friction 

r  relative 

t  total 

normal  shock 
'  unstarted  flow 

"  started  flow 


The  air  intake  of  a  jet  engine  is  largely  designed  to  decelerate  the  air  flow 
approaching  at  the  flight  Mach  number,  with  the  lowest  possible  loss,  to  the  subsonic 
velocity  which  i3  determined  by  the  requirements  of  the  subsequent  component:  compressor 
or  combustion  chamber.  Thi3  deceleration  is  carried  out  in  a  wholly  or  partly  closed 
diffusor  of  partly  variable  geometry,  but  usually  without  using  rotating  parts.  The  latter 
possibility  will  be  theoretically  examined  in  the  present  paper. 

In  doing  so,  the  problem  of  material  stress  caused  by  high  peripheral  speeds  and 
high  temperatures  will  be  deliberately  left  aside.  On  the  contrary,  the  calculations 
presented  depart  from  the  assumption  that  in  future  materials,  e.g.  in  the  form  of  com¬ 
posites,  will  be  available  which  may  feasibly  reach  a  multiple  of  the  current  strength 
values . 


At  Mach  numbers  of  about  up  to  M  =  3  it  might  still  be  regarded  as  sufficient  if 
the  supersonic  flow  i3  first  decelerated  in  the  external  compression  by  a  steady  or  un- 
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steady  deflection  on  a  concavely  curved  wall  and  subsequently  reduced  to  subsonic 
velocity  in  a  normal  shock.  This  deflection  and  the  incident  nearly  isentropic  deceler¬ 
ation  in  the  external  compression  are  limited  however.  Excessive  deflection  produces 
separation  of  the  leading  edge  shocks  at  the  cowl  lips.  The  external  drag  rises  and  the 
inlet  efficiency  decreases. 

Therefore,  as  the  flight  Mach  number  rises,  the  Mach  number  before  the  normal 
shock  increases  too.  As  this  would  cause  also  the  total  pressure  loss  in  the  inlet  to 
increase  considerably,  the  attempt  is  made  to  produce  a  further  deceleration  of  the 
supersonic  flow  by  narrowing  the  stream  tube.  This  contraction  is  limited  by  the 
Kantrowitz-Donaldson  criterion  saying  that  the  minimum  area  of  the  stream  tube  must  be 
so  large  that  the  mass  entering  the  inlet  through  a  normal  shock  can  be  carried  through 
with  the  maximum  mass  flow  density. 

For  an  ideal  gas  having  constant  specific  heats,  the  mass  flow  may  be  expressed 
as  a  function  of  the  Mach  number  and  of  the  stagnation  condition: 

rr  Tt  E  pt 

*  "Vs  <**>  A  (1> 

with  ^  =  1  +  M2 


The  continuity  equation  for  the  adiabatic  flow  (T  =  const.)  between  the  inlet 
(Subscript  1)  and  the  throat  (Subscript  2)  results  in:  fc 
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During  the  transition  from  the  unstarted  ( 1 )  to  the  started  (")  condition,  the  inlet 
Mach  number  M.  remains  constant.  The  Mach  number  in  the  throat  area  rises  from  M2,  =  1 
into  the  supersonic  range  M_„  >  1.  With  constant  geometry  (A_,  =  A2„ )  relations  may  be 
derived  from  Eq  (2)  for  the^required  area  ratio  k^/k^  and  the  Mach^number  M2„: 
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In  assessing  the  total  pressure  loss,  often  only  the  total  pressure  ratio  of  the 
normal  shock  ft.,  is  taken  into  account.  Because  of  the  relatively  low  compression  in  the 
started  flow,  'ilthe  friction  losses  should  however  not  be  neglected.  The  higher  wall 
friction  losses  produced  in  the  case  of  supersonic  flow  by  the  increased  dynamic  pressure 
are  opposed  in  the  unstarted  flow  by  additional  separation  losses  caused  by  the  shock¬ 
boundary  layer  interaction.  It  may  therefore  be  approximately  assumed  that  the  sum  of 
friction  losses  described  by  the  total  pressure  ratio  will  remain  constant  during 
the  starting  process. 
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If  all  factors  which  are  dependent  only  on  Mj  are  taken  together  as  one  quantity, 
the  influence  of  friction  is  clearly  revealed: 
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As  under  the  conditions  indicated  above  the  Mach  number  remains  unaffected  by 
friction  losses,  also  the  obtainable  pressure  ratio  may  be  easily  calculated: 
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Fig.  1  shows  the  dependence  on  the  Mach  number  at  the  channel  inlet  M. .  As  owing 
to  'the  preceding  external  compression  this  Mach  number  is  much  smaller  than1the  flight 
Mach  number  MQ,  also  this  potential  deceleration  remains  small. 

Let  us  assume  that  the  convergent  part  of  the  diffusor  is  replaced  by  a  rotor.  The 
Kantrowitz-Donaldson  criterion  is  now  determined  by  the  area  ratio  of  the  blade  channels 
as  well  as  by  the  relative  inlet  Mach  number.  Owing  to  the  nondimensional  peripheral 
speed  to  be  vectorially  added  this  Mach  number  is  larger  than  the  absolute  inlet  Mach 
number  and  it  may  be  expected  that  an  increased  deceleration  will  be  permissible.  In 
order  to  pursue  this  concept  further,  it  is  first  required  that  the  Kantrowitz-Donaldson 
criterion  be  applied  to  the  relative  flow  in  a  rotor  having  a  generally  inconstant  medium 
radius.  The  continuity  equation  for  the  relative  system  can  be  obtained  direct  from  Eq  (2) 
derived  for  the  absolute  system, if  one  replaces: 


i  *y  „r  ■  1 


Pt  by  P 


tr 


Tt  Ttr 


T<-„  E 

v  T  'lr  lr 


3tlr  A1  s  (  T^2r  Mzr  Pt2r  A 2 


(7) 


It  should  be  borne  in  mind,  however,  that  in  formulating  the  energy  equation  of  the 
relative  flow  the  peripheral  speed  must  be  taken  into  account. 


htr  s  h  +  ~ 


-  const. 


tr 

T 


1  +  Mr2 


1  + 


US 

2h, 


(8) 


tr 


k-1 

tV\K 


If  only  the  mass  flows  in  the  throat  area  are  compared,  the  equation  is  simplified 
again  because  during  the  starting  process  both  the  peripheral  speed  and  the  total  enthalpy 
of  the  relative  flow  remain  constant.  The  result  is  a  relation  for  the  supersonic  outlet 
Mach  number  in  the  throat  area  M_  .which  is  completely  analogous  with  Eq  (i()  which  was 
previously  derived  for  the  absolute  flow. 
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The  permissible  deceleration  AM  obtained  therefore  shows  the  same  dependence  on 
the  inlet  Mach  number  M.  ,  which  was  "already  indicated  in  Fig.  1.  For  the  subsequent 
calculation  of  the  rotorrflow  according  to  the  one-dimensional  theory  [3]  ,  the  following 
parameters  defined  in  Fig.  2  should  be  varied: 

,1.  Flow  angle 

The  rotor  inlet  angle  B.  determines,  with  the  outlet  angle  Bp  =  65°  being  constant,  the 
turning  of  the  relativeiflow.  As  there  are  no  inlet  guide  vanes  (a.  =  0°),  the  non- 
dimensional  inlet  triangle  is  clearly  defined  by  the  assumption  of^Bj  and  Mlr> 

2.  Peripheral  speed 

The  mean  peripheral  Mach  number  at  the  rotor  inlet  is  defined  by  the  inlet  triangle. 

The  tip-diameter  ratio  6  describes  the  change  in  the  peripheral  speed.  As  the  flow  was 
given  a  considerable  radial  component  already  by  the  external  compression,  the 
peripheral  speed  must  increase. 

3.  Total  pressure  loss 

With  isentropic  flow,  the  total  pressure  in  the  relative  flow  p.  as  defined  by  Eq  (8) 
remains  constant.  The  total  pressure  ratio  u.  is  therefore  a  standard  of  the  occurring 
losses.  An  assessment  of  the  total  pressure  recovery  was  however  not  possible,  as  so 
far  no  sufficient  experimental  investigations  of  such  supersonic  cascades  have  been 
conducted.  Since,  as  is  shown  by  the  drawing  of  the  blades,  the  required  contraction 
of  the  area  is  reached  owing  to  the  turning  of  the  relative  flow  at  nearly  constant 
blade  height,  wind  tunnel  experiments  on  plane  cascades  would  be  quite  feasible. 


The  diagrams  in  Fig.  3  show  the  influence  of  the  inlet  angle  with  the  Mach  numbers 
of  the  relative  flow  as  a  further  parameter.  Two  particularly  important  points  in  the 
course  of  the  total  temperature  ratio  =  T(;2^Ttl  were  stressed. 

Point  A  is  characterised  by  =  1,  i.e.  no  exchange  of  total  enthalpy  and  mechanical 
energy.  This  became  apparent  also  in  the  axially  directed  absolute  outlet  Mach  number 
(a,  =  0°).  The  deceleration  of  the  absolute  flow  has  considerably  risen  as  against  the 
bladeless  diffusor.  The  lower  diagram  shows,  as  an  example,  the  flow  conditions  for  the 
outlet  Mach  number  M2  =  1.5  at  which  a  relatively  good  compression  efficiency  may  be 


expected  in  the  normal  shook.  The  change  in  Mach  number  M.  -  M.  rises  from  0.22  without 
rotor  (Fig.  1)  to  1.06  with  rotor  (t.  *  1).  Accordingly,  Che  pressure  ratio  rises  from 
m  s  1.37  to  5-10.  A  comparison  of  the  Mach  number  triangles  of  the  rotor  inlet  and  out¬ 
let  shows  that  the  deceleration  of  the  absolute  flow  is  reached  both  by  the  deceleration 
of  the  relative  flow  and  by  the  increase  of  the  peripheral  speed. 

With  an  increased  turning  of  the  relative  flow  it  is  possible  to  further  reduce  the 
kinetic  energy  of  the  inlet  flow  by  a  rotor  delivering  mechanical  energy.  At  point  B 
(t t  .  )  this  delivery  of  energy  reaches  its  maximum.  If  the  value  M,  =  1.5  is  retained, 
the  result  is  a  still  greater  deceleration  of  the  absolute  flow,  witn  considerably  re¬ 
duced  relative  and  peripheral  velocities. 

The  peripheral  component  is  reduced  by  a  following  stator  which  also  contains  the 
normal  shocks  leading  to  subsonic  velocity.  Inlet  Mach  number  M.  =  1.5  and  a?  =  40°  repre¬ 
sent  very  favourable  conditions  for  the  application  of  the  tandem  cascade  which  was 
experimentally  examined  at  the  Institute  of  Jet  Propulsion  of  the  Aachen  Technical 
University  [2]  ,  [3]  ,  The  (two-dimensional)  cascade  reached,  under  the  flow  conditions 
specified,  a  static  pressure  ratio  of  2.6,  with  a  polytropic  compression  efficiency  of 
88  percent.  .-x;. 

As  is  shown  in  Fig.  3,  "ii 'transition  from  supersonic  to  subsonic  velocities  without 
any  strong  shocks  may  be  reached  if  the  parameters  are  selected  accordingly.  Fig.  4  shows 
the  influence  of  the  tip-diameter  ratio  S  for  the  two  characteristic  points  A  and  B. 
Variation  of  the  losses  in  Fig.  5  affects  on  the  whole  only  the  static  pressure  ratio. 

According  to  the  usual  definitions,  the  delivery  of  energy  would  characterise  the 
rotor,  or  the  entire  stage,  as  a  turbine.  Conversely,  a  considerable  increase  of  pressure 
is  produced  by  the  blading  -  a  typical  feature  of  the  compressor.  Both  effects  -  delivery 
of  energy  and  compression  -  however  are  utilised  to  decelerate  the  air  approaching  with 
a  high  kinetic  energy.  It  may  therefore  be  reasonable  to  use  the  terms  "deceleration 
rotor",  or  "deceleration  stage",  for  this  turbine  engine. 

To  improve  the  efficiency  of  the  engine  it  is  of  course  imperative  that  the  energy 
withdrawn  from  the  supersonic  flow  in  the  inlet  be  fed  back  into  the  thermodynamic  cycle 
in  another  place.  If  one  adds  to  the  rotor  inlet  Mach  number  M.  indicated  in  the  numeric¬ 
al  example  the  deceleration  reached  in  the  external  compression,  it  will  be  found  that 
the  delivery  of  mechanical  energy  is  required  only  at  higher  flight  Mach  numbers,  e.g. 
above  MQ  -  4 .  At  this  flight  Mach  number,  the  ramjet  with  subsonic  combustion  has  its 
optimal  range  of  operation.  A  compression  exceeding  the  pressure  increase  by  complete 
diffusion  is  therefore  not  necessary  and  owing  to  the  decrease  of  possible  heat  transfer 
in  the  combustion  chamber  thereby  involved  would  even  lead  to  a  diminished  performance. 

On  the  other  hand,  the  ramjet  cannot  produce  a  static  jet  thrust,  so  that  during 
the  starting  process  and  the  initial  acceleration  phase  an  engine  with  a  compressor  will 
be  required.  At  higher  flight  Mach  numbers,  this  compressor  could  be  utilised  for  pressure 
generation  in  the  inlet.  It  would  then  no  longer  be  driven  by  the  turbine,  but  by  the 
deceleration  rotor  and  at  subsonic  velocity  return  the  energy  withdrawn  from  the  flow  in 
the  supersonic  stage.  To  make  this  possible,  there  would  have  to  be  couplings  capable  of 
being  engaged  and  disengaged,  or  movable  flaps. 

This  case  is  illustrated  in  the  enthalpy-entropy  diagram,  shown  in  Fig.  6.  Follow¬ 
ing  the  external  compression,  which  leads  from  point  0  to  1,  another  compression  occurs 
i.n  the  deceleration  rotor  up  to  point  2.  At  the  same  time,  the  total  enthalpy,  which  is 
at  first  constant  during  the  external  compression,  diminishes.  The  h-s  diagram  shows 
with  particular  clarity  how  the  kinetic  energy  is  reduced  by  the  two  effects.  The  further 
deceleration  to  subsonic  velocity  occurs  in  the  stator  (point  2  to  3).  By  means  of  the 
compressor  included  at  high  flight  Mach  numbers  in  the  transformation  of  energy  in  the 
inlet,  compression  is  then  effected  from  point  3  to  4 ,  and  the  total  enthalpy  again 
reaches  the  value  h.  .  The  thermodynamic  cycle  is  now  continued  as  in  the  case  of  the 
ramjet. 

As  the  maximum  static  temperature  of  the  thermodynamic  cycle  is  limited,  a  further 
increase  of  the  flight  Mach  number  to  something  like  M  =  6  will  no  longer  make  it  appear 
reasonable  to  transform  the  whole  kinetic  energy  of  the  flow  into  a  corresponding  compress¬ 
ion.  The  temperature  in  the  combustion  chamber  inlet  would  then  be  so  high  that  a  suf¬ 
ficient  temperature  increase  by  combustion  could  no  longer  occur.  In  this  case  it  would 
therefore  seem  to  be  reasonable  to  increase  the  share  of  mechanical  energy  so  as  to  keep 
down  the  temperature  rise  caused  by  the  compression.  It  will  thus  become  possible  to 
supply  a  sufficient  quantity  of  heat -at  subsonic  velocity  in  a  combustion  chamber,  follow¬ 
ing  the  deceleration  stage  (Fig.  8). 

How  can  the  energy  withdrawn  from  the  supersonic  flow  in  the  inlet  and  available  in 
the  form  of  mechanical  energy  be  fed  back  into  the  thermodynamic  cycle?  A  compression  of 
the  hot  gas  leaving  the  combustion  chamber  would  involve  an  impermissible,  further  rise 
of  temperature.  To  avoid  an  undue  stress  of  material  it  is,  on  the  contrary,  advisable  to 
obtain  an  expansion  to  supersonic  velocity  which  should  be  carried  up  to  point  5. 

Suppose  this  acceleration  occurred  in  a  stator  and  the  Mach  number  M-  corresponded 
-  in  an  inverse  direction,  however  -  to  the  Mach  number  M,  in  the  deceleration  stage.  The 
rotor  -  again  with  an  inverse  sense  of  motion  -  could  thin  be  used  to  supply  energy  to 
the  flow  (Fig.  7).  At  the  same  time,  the  enlargement  of  the  blade  channels  as  determined 
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by  the  turning  would  cause  the  Mach  number  of  the  relative  flow  to  rise.  Both  effects 
-  supply  of  energy  and  expansion  by  enlarging  the  area  -  would  result  in  an  acceleration 
of  the  absolute  flow.  This  is  also  clearly  illustrated  in  the  h-s  diagram  (Fig.  8).  The 
pressure  ratio,  which  has  remained  up  to  the  ambient  pressure,  is  eventually  expanded  in 
a  purely  divergent  nozzle. 

Here  again,  the  terms  "compressor"  and  "turbine"  are  unsuited  to  designate  this 
turbine  engine,  as  neither  is  there  any  compression  nor  is  any  mechanical  energy  delivered. 
However,  by  analogy  to  the  "deceleration  stage",  the  use  of  the  terms  "acceleration  rotor" 
or  "acceleration  stage"  suggests  itself. 

It  is  known  that  the  other  way  to  avoid  total  pressure  losses  in  the  normal  shock 
and  to  supply  heat  at  very  high  flight  Mach  numbers  is  the  supersonic  combustion.  If  it 
is  assumed  that  the  compression  and  expansion  which  precede  or  follow  the  supersonic  com¬ 
bustion  occur  with  the  same. efficiency  and  pressure  ratios  as  in  the  thermodynamic  cycle 
indicated  before  and  that  moreover  in  both  cases  a  combustion  at  constant  pressure  takes 
place,  one  obtains  a  virtually  identical  course  of  the  static  condition. 

Although  the  course  of  the  stagnation  condition  in  the  scramjet  shows  a  considerable 
deviation,  one  nevertheless  obtains  the  same  nozzle  outlet  velocity,  thus  making  both 
thermodynamic  cycles  entirely  equal  with  regard  to  both  efficiency  and  thrust.  For  a 
supersonic  combustion  at  constant  pressure  it  may  be  inferred  from  the  momentum  equation 
and  the  continuity  equation  that  the  velocity  and,  as  a  result,  also  the  kinetic  energy 
remain  constant.  This  corresponds  to  the  equality  of  the  exchanged  mechanical  energy  of 
the  two  supersonic  rotors.  If  the  fuel  mass  is  neglected,  the  total  enthalpy  differences 
are  equal.  Also  the  gasdynamic  total  pressure  loss  would  be  equal  in  both  cases.  While  in 
the  scramjet  the  difficulties  may  be  found  in  the  thermodynamic  problems  of  the  super¬ 
sonic  combustion,  which  have  so  far  not  been  satisfactorily  solved,  those  of  the  concept 
suggested  here  will  lie  primarily  in  the  high  peripheral  speed  of  the  rotor  blades  operat¬ 
ed  at  supersonic  velocity. 

In  conclusion  it  should  again  be  emphasised  that  as  is  suggested  by  the  title  only 
a  preliminary  concept  was  to  be  presented  for  the  application  of  turbine  engines  at  high 
flight  Mach  numbers.  Many  major  problems,  such  as  the  adaptation  of  the  supersonic  stages  to 
varying  flight  Mach  numbers,  problems  of  material  caused  by  high  centrifugal  forces  and 
temperatures,  or  the  mechanical  difficulties  certainly  encountered  with  couplings  and 
flaps  in  combination  engines,  had  to  be  left  unconsidered. 
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SUMMARY 


Supersonic  air  intakes  requ'xi'fc“special  devices  at  low  flight  speeds  and  particularly  under  take-off 
conditions  in  order  to  reduce  the  pressure  losses  to  an  acceptable  level.  This  paper  deals  with  some 
experimental  contributions  to  this  design  problem.  In  the  low-speed  tunnel  of  the  DFVLR  Braunschweig 
model  tests  were  carried  out  on  a  twin-engine  aircraft  configuration  with  air  intakes  located  on  the 
upper  side  of  the  fuselage  right  next  to  the  trailing  edge  of  the  wing. 


The  measurements  mainly  refer  to  the  flow  field  in  the  compressor  inlet  area  of  a  supersonic  intake  at 
which  the  influence  of  auxiliary  intakes  of  different  shapes  had  been  investigated. 


The  results  are  presented  as  isobars  of  the  total  pressure  distribution  in  the  compressor  inlet  area. 
Moreover,  the  pressure  loss  and  distortion  parameters  are  discussed  which  strongly  depend  on  the  inflow 
incidence  and  on  the  intake  flow  mainstream  ratio. 


The  results  allow  promising  predictions  of  the  favourable  geometry  and  arrangement  of  auxiliary  intakes. 


NOTATION 

1.  Geometric  Symbols 
D 

¥ 

r 

*) 

2.  Aerodynamic  Symbols 
2.1  General 

a 

0 

& 

3 

a 

F 

P 

Pt 

1 

<? 

v 

v 

vw 

M 


compressor  face  diameter  (D  =  145  mm) 
circumferential  coordinate 
radial  coordinate 


angle  of  incidence 

angle  of  sideslip 

angular  width  of  auxiliary  intake 

slot  width  of  auxiliary  intake 

distance  of  auxiliary  intake  from  compressor  face 

area 

static  pressure 
total  pressure 
dynamic’  pressure 
air  density 
viscosity 

velocity  in  the  compressor  face 
free  stream  velocity 
Mach  number 


v 


Reynolds  number 
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2.2  Pressure  Parameters 


total  pressure  loss 


total  pressure  recovery 


2.3  Flow  Distortion  Parameters 


D  = 


.•q. 


Pfnuv  *  P* 


D  . 
min 


..  ^tmin  **t 


C60 


I  = 


_(^t60O,)  min  **t 

q 

*tmax  tmm 


n=VF¥ 


local  deviation 


maximum 

itive  deviation 

local  maximum 
negative  deviation 


I  of  total 
>  pressure  from 
mean  value 


maximum  negative  deviation 
over  60  -sector  / 


maximum  total  pressure  difference 


standard  total  pressure  deviation 


3.  Abbreviations  and  Subscripts 

CF  compressor  face 

«  conditions  in  free  stream 


1.  INTRODUCTION 

Extremely  short  take-off  and  landing  distances  of  STOL-aircrafts  and  high  take-off  weights  of  VTOL-air- 
crafts  require  the  provision  of  maximum  engine  thrust  at  flight  speed  zero  and  low  subsonic  speeds.  This, 
however,  can  only  be  achieved,  if  an  in  every  respect  satisfactory  air  supply  is  guaranteed.  As  known, 
the  thrust  of  a  jet  engine  depends  to  a  great  extent  on  the  average  total  pressure  in  the  compressor  face, 
while  at  the  same  time  low  flow  distortions  have  to  be  achieved  to  secure  the  functional  reliability  of  the 
engine. 

Special  difficulties  in  the  air  supply  system  in  the  low  subsonic  speed  range  result  from  inlets  which  are 
designed  for  supersonic  flight.  In  supersonic  flight  the  sharp  edged  main  inlet  ensures  a  proper  supply  of 
air  to  the  engine:  a  system  of  compression  shocks  and  the  following  diffuser  slow  down  the  incoming  air 
stream  to  the  velocity  required  by  the  engine.  During  subsonic  flight,  however,  the  sharp  edged  peripheral 
walls  of  the  main  inlet,  which  project  into  the  now  sink-like  flow  field,  cause  high  pressure  losses  and 
flow  separations  along  the  diffuser  walls  which  jeopardize  the  efficiency  of  the  engine.  Therefore  it  is 
necessary  to  provide  the  inlet  with  auxiliary  inlets  for  the  low  subsonic  flight  range.  Additional  openings 
located  at  the  diffuser  and  closed  during  high-speed  flight  reduce  the  constricting  effects  and  flow 
separations  by  feeding  air  of  higher  energy  into  the  inlet  tube. 

Until  now  the  optimization  of  the  location,  size  and  shape  of  auxiliary  intakes  defies  all  theoretical 
calculations  because  of  the  complexibility  of  the  matter.  At  present  only  the  experimental  aerodynamics 
is  able  to  present  solutions. 

Within  the  framework  of  this  report  an  example  of  possible  auxiliary  inlet  configuration  is  given. 

Different  slot  shapes  and  their  location  shortly  ahead  of  the  compressor  face  have  been  examined  at  a 
diffuser  with  slight  curvature.  These  tests  had  been  carried  out  in  the  low-speed  wind  tunnel  of  the 
DFVLR  Braunschweig  as  a  part  of  a  component  test  program  for  a  VTOL  aircraft  of  M3B  Munich. 

The  results  of  this  report  are  mainly  based  on  pressure  measurements  in  the  compressor  face.  The  most 
important  parameters  which  are  used  to  judge  engine  inlet  flows  had  been  calculated  from  the  measured 
pressure  distribution.  A  tabulated  compilation  of  those  values  contains  Fig.  1.  The  total  pressure 
coefficients  are  arranged  in  the  left  hand  column;  a  selected  number  of  coefficients  characterizing  the 
flow  distortion  are  listed  in  the  right  hand  column. 


*> 


Note;  Dashed  symbols 


Pt>  q,  X)  indicate  mean  values 
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It  exceeds  the  scope  of  this  paper  to  enter  into  all  particular  ins  and  outs  of  each  parameter  mentioned. 
Therefore,  only  the  parameters  used  in  this  report  shall  be  discussed.  They  are  marked  by  shading  in  Fig. 1: 

The  average  total  pressure  loss  in  the  compressor  face  A  is  based  upon  the  average  dynamic  pressure  in  the 
compressor  face  q.  Since  radial  flow  distortions  have  a  much  more  unfavourable  influence  on  the  surge  line 
position  than  circumferential  distortions,  the  parameter  D^^  has  been  chosen  to  characterize  flow  distor¬ 
tion.  It  shows  the  average  total  pressure  deviation  of  the  worst  60  -sector  from  the  average  total  pressure 
in  the  over-all  compressor  face  based  upon  4. 


2.  MODEL  AND  TESTING  EQUIPMENT 

As  can  be  seen  by  the  general  model  view  in  Fig.  2,  the  engine  inlets  are  located  side  by  side  on  top  of 
the  aircrafts  fuselage  next  to  the  trailing  edge  of  the  wings.  This  inlet  location  seems  to  be  very  favour¬ 
able  for  jet  supported  flight  near  the  ground,  if  cruise  engines  are  also  used  as  lift  engines  by  tilting 
exit  nozzles,  since  recirculation  flows  are  screened  off.  The  mock-up  is  confined  to  those  aeroplane  parts 
which  might  interfere  perceptibly  with  the  inflow;  this  applies  to  the  front  and  middle  section  of  the 
fuselage  with  both  engine  inlets,  and  also  to  the  parts  of  the  aerofoils  close  to  the  fuselage.  The 
inlet  -  shown  enlarged  in  the  lower  part  of  Fig.  2  -  has  external  compression  by  oblique  compression 
shocks  and  a  subsonic  diffuser,  both  designed  according  to  commonly  used  inlet  computing  methods.  The 
area  distribution  of  the  subsonic  diffuser  F^  based  upon  final  cross  section  Fp  is  plotted  against  the 
diffuser  lenght.  The  auxiliary  inlets  are  located  at  the  end  of  the  subsonic  diffuser  just  ahead  of  the 
compressor  face  plane.  Variations  of  their  axial  width  (s  =  0.125  7  0.7  D),  angular  width  (^ =  90°,  145  , 
200°)  and  their  axial  and  angular  location  relative  to  the  compressor  face  had  been  tested. 

Futhermore  two  auxiliary  intake  lips  had  been  tested;  geometric  details  can  be  seen  in  the  upper  right 
part  of  Fig.  2.  In  one  case  the  intake  openings  were  furnished  with  a  semicircular  lip  over  the  whole 
circumference,  in  the  other  case  the  lip  next  to  the  engine  face  was  slanted. 

In  place  of  the  real  engine,  the  model  has  a  special  built-in  component,  the  so-called  test  model  engine; 
it  is  an  exact  reproduction  of  the  annular  inlet  cross-section  and  contains  the  necessary  pressure  sensors 
to  determine  the  local  flow  field;  i.e.  six  radial  rakes  with  six  Pitot  tubes  each,  which  could  be  moved 
into  four  optional  angular  positions  by  a  remotely  controlled  drive  system,  thus  quadrupling  the  number 
of  available  measuring  points.  The  corresponding  pressure  lines  lead  over  to  a  Scanivalve  mechanical 
scanner  which  converts  the  local  pressures  into  analogue  electrical  signals.  After  being  on-line 
digitalized  they  are  fed  into  the  digital  computer. 

The  inlet  flow  is  generated  during  the  tests  by  radial  vacuum  blowers,  which  were  connected  with  the  engine 
exits  by  hoses  (Fig.  3). 


3.  RESULTS 

3.1  Auxiliary  Inlets  with  Semicircular  Intake  Lip 

3.1.1  Influence  of  Axial  Slot  Width  s 

Pressure  loss  A  and  flow  distortion  Dq^q  for  the  intake  with  auxiliary  inlets  closed  (s/D  =  0)  can  be  seen 
in  Fig.  4  as  a  function  of  velocity  ratio  V«/v  -  the  ratio  of  freestream  velocity  to  average  velocity  in 
the  compressor  face  plane.  The  test  result  for  the  case  of  zero  flight  speed  (V»/v  =  0)  shows,  as 
exspected,  high  pressure  losses  which  are  sharply  reduced  as  the  velocity  ratio  increases  and  only 
slightly  go  up  for  velocity  ratios  V«/v>1.2.  A  similar  tendency  applies  to  the  flow  distortions  0^60* 
for  the  throttled  engine  (V00/v>1.0),  however,  they  increase  more  strongly. 

Futhermore,  Fig.  4  shows,  that  for  small  velocity  ratios  the  pressure  losses  have  been  decreased  very 
strongly  by  the  auxiliary  intake  with  axial  slot  width  s/D  =  0.25;  the  flow  distortions,  however  reach 
essentially  higher  values  than  for  the  main  inlet  with  closed  auxiliary  inlet. 

Enlarging  the  axial  slot  width,  leaving  the  angular  width  at  &  =  145°,  is  not  essentially  improving 
either  pressure  losses  or  flow  distortions,  although  the  auxiliary  intake  area  became  three  times  larger. 
The  diagramme  on  the  right  hand  side  of  Fig.  4,  where  the  parameters  are  plotted  against  axial  slot  width, 
makes  it  quite  obvious. 

In  addition  the  test  results  show,  that  the  efficiency  of  the  auxiliary  intakes  is  limited  to  the  velocity 
ratio  range  of  V^/v  =  0  to  0.9.  . 


3.1.2  Influence  of  Angular  Width  O' 

The  results  of  the  auxiliary  inlets  with  semicircular  inlet  lip  and  constant  slot  width,  as  presented  in 
Fig .  5 ,  show  that  the  pressure  losses  Continually  decrease  with  increasing  angular  width  up  to  the  largest 
tested  angular  width  of  4>  =  200  ,  and  that  for  example  the  pressure  losses  for  the  flight  speed  zero, 
which  was  A  =  0.7  for  closed  auxiliary  inlet,  could  be  reduced  to  A  =  0.3.  The  flow  distortions  at  low 
velocity  ratios  are  very  strongly  influenced  by  the  angular  intake  width.  High  flow  distortion  values,  Q 

which  appear  at  small  angular  widths,  are  essentially  improved  if  the  angular  width  is  enlarged.  For  &  =  200 
they  decrease  to  values  obtained  for  closed* auxiliary  inlets. 
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3.2  Modification  of  the  Intake  Lip 

In  order  to  get  a  better  understanding  of  the  flow  field  in  the  compressor  face,  isobar  diagrammes  -  lines 
of  constant  local  total  pressure  deviation,  D  s  const  -  have  been  drawn,  where  areas  with  graet  losses 
(D>-0.2)  have  been  shaded. 

From  the  isobar  diagrammes  for  the  semicircular  inlet  lip  in  the  upper  row  of  Fig,  6  can  be  recognized, 
that  heavy  total  pressure  loss  areas  occur  at  low  velocity  ratibs,  which  indicate  flow  separations  behind 
the  intake  lip.  A  possibility  for  further  improvement  of  the  so  far  achieved  results  seems  to  be  replacing 
the  previously  used  intake  lip  by  a  new,  stream  line  shaped  lip,  which  is  slanted  towards  the  diffuser 
inside.  As  can  be  seen  by  the  isobar  diagrammes  for  the  new  lip  shape  there  are  substantial  improvements 
at  low  velocity  ratios.  This  results  points  out  that  even  little  modifications  of  the  inlet  lip  can 
influence  the  inlet  flow  at  low  velocity  ratios.  At  the  high  velocity  ratio  V«,/v  =  0.9  the  inlet  flow  is 
quite  uniform  over  the  compressor  face  plane  for  both  lip  shapes. 

Fig.  7  contains  the  total  pressure  loss  A  and  the  flow  distortion  D  .  for  hoth  lip  shapes  plotted  against 
the  entire  velocity  ratio  range.  While  the  total  pressure  losses  can  be  improved  by  the  slanted  intake  lip 
up  to  V«/v  =  0.6,  the  flow  distortions  can  only  he  decreased  in  the  velocity  ratio  range  from  V„/v  =  0  to 
0.25. 


3.3  Auxiliary  Intakes  with  Slanted  Lip 

Considering  the  results  discussed  in  paragraph  3.2,  it  was  obvious  to  repeat  the  optimization  of  axial 
slot  widths,  angular  width  and  later  on  examine  the  influence  of  axial  distance  a  of  the  auxiliary  inlet 
from  the  compressor  face  plane. 

3.3.1  Influence  of  Axial  Slot  Width  s  and  Angular  Width  & 

The  results  of  the  slanted  intake  lip,  presented  in  Fig.  8,  show  the  total  pressure  loss  and  flow 
distortions  only  as  a  function  of  the  varied  geometric  parameters:  axial  slot  width  s/D  and  angular 
width  •% 

Looking  at  the  pressure  loss  curve,  the  same  tendency  can  be  noticed  which  was  obtained  for  the  semi¬ 
circular  intake  lip^  as  was  to  be  expected  the  results  are  more  favourable. 

As  for  the  flow  distortions  DCg0>  compared  to  the  values  of  the  semicircular  lip  there  is  a  noteworthy 
difference.  The  variation  of  the  axial  slot  width  (Fig.  8,  left  side)  yields  in  the  stationary  case  a 
minimum  for  the  smallest  tested  slot  width  of  s/D  =  0.125  with. the  extremely  favourable  value  of 
°C60  =  ~°*07»  wh*ch  is  not  exceeded  up  to  medium  velocity  ratios.  Is  the  angular  width  (Fig.  8,  right  side) 
increased,  then  substantial  improvements  of  the  flow  distortions  can  he  achieved  for  V»/v  =  0  in  the 
range  from  &  =  90  to  200'.  The  optimization  of  the  auxiliary  intake  configuration  therefore  yielded  that, 
regarding  pressure  loss  and  flow  distortion,  the  configuration  with  the  largest  angular  width  &  =  200 
and  the  smallest  axial  slot  width  s/D  =  0.125  turned  out  to  he  the  best. 

In  order  to  once  more  clearly  present  the  results,  the  total  pressure  distribution  in  the  compressor  face 
plane  (isobar  diagrammes)  have  been  collated  for  the  velocity  ratios  V«/v  =  0  and  0,25  in  Fig.  9  for  the 
variation  of  the  axial  slot  width  and  in  Fig.  10  for  the  variation  of  the  angular  width.  It  can  be  clearly 
seen  from  these  flow  patterns  that  especially  for  the  flight  speed  zero  pressure  loss  areas  develop 
behind  the  intake  lip  with  increasing  axial  slot  width  (Fig.  9).  While  with  increasing  angular  width  Q 
(Fig.  10)  the  areas  of  high  losses  diminish  and  are  completely  reduced  for  the  greatest  angle  &  -  200 
except  for  small  fringes  near  the  ends  of  the  auxiliary  intake. 


3,3.2  Influence  of  Axial  Location  of  the  Auxiliary  Intake 

The  purpose  of  a  further  study  was  to  determine  the  most  advantageous  distance  a  of  the  auxiliary  intake 
from  the  compressor  face  glane.  The  auxiliary  intake  configuration  with  the  axial  slot  width  s/D  =0.25 
and  angular  width  =  200  was  tested  at  distances  a/D  =  0.17  to  0.53.  Fig.  11  shows,  that  bringing  the 
auxiliary  intake  closer  to  the  compressor  face  is  further  improving  pressure  loss  X  and  flow  distortion 
DC60  at  ^ow  velocity  ratios. 

In  addition  is  to  be  said  that  moving  an  auxiliary  intake  in  circumferential  direction  does  practically 
not  change  pressure  loss  and  flow  distortion. 


3.4  Influence  of  Free  Stream  Direction 
3.4.1  Angle  of  Incidence 

The  most  favourable  auxiliary  intake  configuration  with  slanted  lip,  the  narrow  slot  width  s/D  =  0.125  and 
the  great  angular  width  =  200  has  extensively  been  tested  at  angles  of  incidence  in  the  range  of 
-10  i  a-  25  .  The  results  are  presented  in  Fig,  12. 

At  low  velocity  ratios  V„/v  =0.5  there  is,  as  expected,  only  a  minor  influence  of  the  angle  of  incidence. 
At  greater  velocity  ratios,  however,  a  clear  increase  of  the  pressure  losses  with  increasing  angles  of 
attack  can  be  recognized. 

The  flow  distortions  are  within  the  entire  range  of  velocity  ratios  much  less  sensitive  to  incidence 
changes.  For  the  most  important  range  of  the  velocity  ratios,  i.e.  V»/v  =  0  to  0.9,  the  values  for  all 
tested  angles  of  incidence  are  within  a  relatively  narrow  margin. 
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3.4.2  Angles  of  Sideslip 

Side  slipping  test  results  of  the  same  auxiliary  intake  configuration  for  the  angles  of  incidence  a  s  0° 
and  a  =  15°  can  be  taken  from  Fig.  13.  At  the  positive  angle  of  sideslip  8  =  10  pressure  losses  and  flow 
distortion  of  the  engine  on  the  windward  side  are  at  all  velocity  ratios  only  slightly  different  compared 
to  the  straight  forward  flight.  At  the  negativ  angle  of  sideslip  8  =-10  pressure  losses  and  flow  distortions 
increase  considerably  at  angle  of  incidence  a  =  0  ;  a  rising  of  the  angle  of  incidence,  however,  causes 
a  substantial  drop  of  pressure  losses  and  flow  distortions,  since  the  main  intake  inflow  was  quite 
favourable  influenced  by  the  fuselage  and  aerofoil  parts  in  front, 


3.5  Variation  of  Compressor  Mass  Flow 

A  characteristic  value  which  is  used  for  power  calculations  and  also  to  judge  inlet  flows,  is  the 
so  called  pressure  recovery 


Between  pressure  loss  X  used  in  this  report  and  pressure  recovery  n  there  is  the  following  simple 
relation: 


1 

n  = - 3— 

1  +  x*5/pt 


with  q/pt  =  |  M2  (1  +  M2)  x  *1  =  f  <M) 

For  an  exact  determination  of  the  pressure_recovery  of  the  full  scale  inlet,  it  is  therefore  necessary 
to  know  how  the  pressure  loss  coefficient  X  depends  upon  Mach  number  and  Reynolds  number.  These  values 
could  not  realistically  be  performed  during  the  described  tests,  since  the  engine  mass  flow  was  limited 
by  the  power  of  the  blowers  and  the  free  stream  velocity  did  not  cover  the  entire  velocity  range. 

For  the  flight  speed  Md  =  0,  a  variation  of  engine  mass  flow  has  been  carried  out  with  an  auxiliary  inlet 
configuration.  The  results  presented  in  Fig.  14  show  that  pressure  loss  and  flow  distortion  decrease 
with  increasing  inlet  velocities. 


4.  CONCLUSIONS 

The  most  important  result  of  the  wind  tunnel  test  to  improve  inlet  flow  at  take  off  and  landing  by 
additional  auxiliary  inlets  can  briefly  summarized  as  follows: 

1,  Variation  of  auxiliary  inlets 

While  enlarging  auxiliary  inlet  areas  by  increasing  slot  width  in  axial  direction  proved  to  be  almost 
ineffective,  the  total  pressure  losses  and  flow  distortions  decreaste  substantially,  if  the  angular  width 
is  increased.  If  an  auxiliary  inlet  is  moved  towards  the  compressor  face  plane,  small  improvements  of 
pressure  loss  and  flow  distortion  can  be  adchieved  at  low  velocity  ratios.  No  influence  can  be  noticed  if 
auxiliary  intakes  are  moved  in  circumferential  direction. 

At  low  velocity  ratios  less  pressure  losses  and  flow  distortions  are  caused  by  the  slanted  intake  lip 
than  by  the  semicircular  lip. 

2.  Influence  of  free  stream  direction 

At  high  velocity  ratios  (VOD/v>0.5)  pressure  losses  increase  substantially  with  increasing  angles  of 
incidence j  the  flow  distortions  are  much  less  sensitive  to  changes  of  incidence  angles. 

Side  slipping  has  very  little  influence  on  the  inlet  flow  of  the  engine  on  the  windward  side  compared  to 
the  straight  forward  flight.  Wheras  the  inlet  flow  of  the  lee-side  engine  is  very  much  changed.  Small 
angles  of  incidence  cause  deteriorations ,  a  rise  of  the  incidence  angle  improves  the  quality  of  the  inlet 
flow  compared  to  the  straight  forward  flight. 

In  order  to  give  a  better  look  into  the  employed  test  technique,  an  information  film,  entitled  "Auxiliary 
air  inlet  measurements  for  a  VTOL-project" ,  will  be  projected  as  part  of  this  report.  This  film  was 
produced  by  Messerschmitt-Bolkow-Blohm  and  deals  with  a  similar,  later  tested  project. 
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Discussion  on  the  Paper 

INLETS-AIRPLANE  TESTING  IN  TRANSONIC  WIND  TUNNELS 
(Paper  2) 
presented  by 
F.Jaarsma 

R.Smyth 

With  reference  to  the  definition  of  inlet  drag,  as  shown  in  the  thrust  and  drag  accounting  system.  Figure  2  of 
the  paper,  it  appears  that  the  effects  of  inlet  flow  are  assumed  to  be  concentrated  solely  at  the  inlet  itself  and  to 
have  no  influence  on  the  rest  of  the  flow  around  the  aircraft  model,  As  there  is  certainly  an  effect  on  the  overall 
drag  characteristics  of  the  aircraft,  would  it  not  be  most  useful  to  measure  the  total  drag  of  the  model  and  deter¬ 
mine  the  change  of  this  drag  due  to  changing  inlet  features,  such  as  mass-flow  ratio?  In  the  same  Figure  2,  the 
afterbody  is  defined  as  comprising  only  a  definite  portion  of  the  rear  end  of  the  model.  Here  again  similar 
comments  apply,  because  any  change  I'Vhc-afterbody,  to  the  geometric  shape  or  the  nozzles,  has  an  effect  on  the 
pressure  distribution  of  the  whole  mod'  i.attdktius  on  the  total  drag.  Would  it  not  be  more  useful  to  measure  the 
total  drag  of  the  model  rather  than  simply  that  of  a  portion? 


F.Jaarsma 

Of  course,  the  total  drag  is  measured,  with  the  aeroforce  model,  with  flow  through  nacelles,  accounting  for 
sting  effects.  Usually  a  variation  in  mass-flow,  representing  the  actual  mass-flow  variation  in  flight,  is  applied  in 
order  to  determine  the  influence  of  spillage  on  the  total  drag.  However,  since  aeroforce  models  are  usually  too 
small  for  representative  bleed,  diverter  and  bypass  simulation,  due  to  the  thick  boundary  layers  as  well  as  instru¬ 
mentation  problems,  special  inlet  models  of  larger  scale  are  required  to  determine  the  incremental  of  the  drag 
components.  This  technique  is  not  ideal,  mainly  because  of  the  mismatched  afterbodies  and  necessarily  neglected 
surfaces,  but  it  is  presently  the  best  practical  method.  The  shortcomings  must  always  be  kept  in  mind.  Checks 
should  be  made  to  make  sure  that  downstream  mismatched  surfaces  do  not  affect  the  flow  at  the  inlet,  or  that 
the  effect  can  be  accounted  for,  and  that  spillage,  bleed  and  bypass  effects  on  the  afterbody  can  be  determined. 
There  is  a  need  for  simple  and  controllable  engine  simulators,  such  as  the  small  turbo-driven  fan  simulator,  to 
enable  such  tests  to  be  done.  Of  course,  a  similar  procedure  is  desirable  for  afterbody  tests,  when  the  inlets  are 
usually  closed. 

A.Ferri 

Adding  to  Mr  Jaarsma’s  comments,  usually  in  inlet  tests  the  rear  part  of  the  flow  field  is  not  simulated,  either 
because  the  inlet  exhaust  has  a  much  larger  exhaust  area  than  the  actual  scale  model  that  simulates  the  airplane 
or  because  the  engine  flow  is  not  correctly  simulated.  The  small  variation  of  drag  due  to  the  variation  of  the 
mass-flow  entering  the  inlet  cannot  be  predicted  correctly  by  this  kind  of  test.  Large  variations  of  drag  due  to 
shock  formation  or  shock-induced  separation  are  also  possible.  However,  such  variations  depend  on  local  flow 
and  boundary  layer  properties.  Such  quantities  are  not  correctly  simulated  in  wind  tunnel  tests,  therefore  better 
techniques  are  required  in  order  to  obtain  good  quantitative  information. 


D.N.Bowditch 

Prof.Ferri  made  the  comment  that  the  variation  of  bypass  ratio  on  a  turbofan  engine  could  affect  the  measured 
inlet  distortion.  Tests  have  been  made  at  NASA  Lewis  Research  Center  utilizing  two  concentric  cold  pipes  with 
separate  plugs  to  simulate  variation  in  bypass  ratio.  The  tests  were  made  on  a  mixed  compression,  axisymmetric 
inlet,  at  Mach  numbers  from  2  to  2.5.  For  this  case,  where  the  Mach  number  at  the  compressor  face  was  about  0.3, 
negligible  effect  of  bypass  ratio  was  observed  for  circumferential  and  radial  distortions.  Distortion  measurements 
were  made  about  one  compressor  face  radius  ahead  of  the  engine. 


R.Smyth 

How  far  can  theoretical  methods  such  as  potential  theory  be  used  to  account  for  the  interactions  mentioned? 
F.Jaarsma 

In  the  subcritical  regime,  especially  for  inlet  tests  and  inlet  fairing  determination  for  afterbody  tests,  presently 
available  numerical  methods  for  flow-field  computations  taking  into  account  compressibility  can  certainly  be  of 
great  help  in  determining  the  effects  of  non-representative  geometries  on  either  upstream  or  downstream  flow  fields 
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Discussion  on  the  Paper 

NOZZLE  AND  EXHAUST  TESTING  IN  TRANSONIC  FLIGHT  REGLME 

(Paper  3) 

presented  by  s 

A.E.Fuhs 

C.M.Milford 

Can  you  tell  us  how  the  “actual”  full-scale  nozzle  thrust  coefficient  of  Figure  8  of  the  paper  was  defined  and 
measured? 


A.E.Fuhs 

For  a  discussion  on  this  subject,  I  would  refer  you  to  AGARD  Advisory  Report  AR-36-71  entitled  “Report  of 
the  AGARD  Ad  Hoc  Committer(j?HEngine-AirpIane  Interference  and  Wall  Corrections'hrTransonic  Wind  Tunnel 
Tests”.  'L 


C.M.Milford 

What  progress  has  been  made  towards  the  inclusion  of  combustion  in  the  supersonic  propulsion  simulator? 


A.E.Fuhs 

Due  to  the  small  size,  fast-reacting  gas  mixtures  must  be  used  to  ensure  combustion  within  the  simulator. 
Hydrogen  burners  have  been  developed.  After  a  later  stage,  when  the  supersonic  propulsion  simulator  has  been 
developed  with  cold  flow,  there  are  plans  to  incorporate  hydrogen  burners.  In  wind  tunnels,  however,  hydrogen 
is  particularly  dangerous. 


D.D.  Williams 

Your  paper  discusses  the  work  which  is  being  done  to  account  for  and  simulate  the  influence  of  the  engine 
jet  on  the  powerplant  external  flow  field.  I  would  like  to  ask  the  reverse  question.  What  work  is  being  done  to 
account  for  the  external  flow  field  —  in  particular  for  high  bypass  podded  turbofan  engines,  upstream  effects  on 
the  turbomachinery? 


A.E.Fuhs 

There  are  articles  in  AIAA  publications  which  indirectly  discuss  this  problem.  These  include  the  papers  by 
H.RWelge  and  J.R.Orgarato,  Journal  of  Aircraft,  July  1971,  and  D-T.Poland  and  J.C.Schwanebeck,  “Turbofan 
Thrust  Determination  for  the  C5A”,  AIAA  70-61 1. 


J.M.Hardy 

Certains  expSrimentateurs  simulent  les  jets  chauds  par  des  melanges  H2,  02  par  exemple.  D’autre  part,  des 
modules  mathdmatiques  existent  en  ce  qui  conceme  les  6coulements  internes  et  de  culots.  Que  pensez-vous  de  ces 
simulations  ainsi  que  des  avantages  et  des  inconvfinients  par  rapport  au  module  mathematique? 


A.E.Fuhs 

Let’s  look  at  Figure  22  to  see  what  parameters  are  simulated  by  a  hydrogen  peroxide  exhaust.  The  ratio  of 
specific  heats  y  and  the  ratio  (RTj)j/(RTx)oo  are  well  matched.  These  are  important  exhaust  similarity  parameters. 
For  a  given  nozzle  pressure  ratio,  the  Mach  number  of  the  jet  is  simulated.  Simulation  of  the  inviscid  features  of  a 
jet  are  assured.  Aspects,  such  as  Mach  angles,  wave  reflection  from  shear  layer,  acceleration  from  subsonic  to  super¬ 
sonic,  etc.,  are  correctly  simulated.  When  a  viscous,  thermally  conducting  gas  is  considered,  the  similarity  parameters, 
such  as  Prandtl  number,  are  not  correctly  simulated.  Parameters,  such  as  Reynolds  number,  may  or  may  not  be 
simulated  depending  on  model  scale  and  operating  conditions.  Mixing  between  secondary-primary  and  the  exhaust- 
external  streams  is  largely  dominated  by  turbulent  phenomena.  One  important  mismatch  is  the  kinetic  energy  per 
unit  mass  of  fluid. 
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Now  to  consider  the  mathematical  models.  An  inviscid  model  designed  to  give  the  skeleton  (geometric  pattern) 
of  the  flow  should  correctly  match  either  hydrogen  peroxide  exhausts  or  kerosene-air  exhausts  since  all  pertinent 
parameters  are  simulated.  Viscous  models  aimed  at  predicting  flow  separation  and  mixing  must  of  necessity 
incorporate  the  similarity  parameters,  e.g.,  turbulent  Prandtl  number  and  eddy  viscosity.  If  the  prediction  is  for  a 
H202  jet,  then  the  model  must  adjust  the  input  data  to  represent  a  H202  jet.  An  example  is  the  speed  of  sound, 
which,  for  a  given  Mach  number,  determines  the  kinetic  energy  per  unit  mass  of  fluid.  Likewise  the  viscous  model 
needs  to  use  the  proper  input  parameters  for  an  exhaust  of  kerosene-air  combustion  products. 


Discussion  on  the  Paper 

PROBLEMES  DE  MESURE  SUR  MAQUETTE  DE  LA  POUSSEE  D’UN  ARRIERE-CORPS 
•-  r D’AVION  SUPERSONIQUE  -  TUYERES  DE  REFERENCE 
,,r  ■  >  "  (Paper  4) 

presented  by 

B.Masure 


A.Ferri 


The  last  chart  presented  indicates  that  the  parameter  investigated 

PjVj 

then  mixing  is  important.  Then  the  premixing  is  controlled  by  — -  - 

PSVS 

parameter. 


is  Pj/Ps  •  However,  when 


AX 


is  large, 


0(Aj) 

and  therefore  Tj/Tg  becomes  an  important 


B.Masure 

Le  problSme  n’est  pas  simple.  Pour  transposer  au  cas  rdel  les  rdsultats  obtenus  en  gaz  froid,  on  doit  tenir  compte 
non  seulement  des  effets  de  melange  mais  aussi  de  la  forme  du  jet  primaire  qui  est  sensible  4  la  valeur  de  7 .  Des 
dldments  de  rdponse  sont  donn£s  dans  la  communication  No.  11,  planche  15. 
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Discussion  on  the  Paper 

INLET-ENGINE-NOZZLE  WIND  TUNNEL  TEST  TECHNIQUES 
(Paper  7) 
presented  by 
D.N.Bowditch 

C.M.Milford 

Can  you  explain  the  differences  in  Figures  25  and  26?  Thus,  why  is  the  critical  distortion  level  different  in 
the  two  cases?  Why  are  the  delay  times  from  the  occurrence  of  high  instantaneous  distortion  to  the  moment  of 
stall,  substantially  different  —  19  msec  in  one  case  and  6  msec  in  the  other? 


D.N.Bowditch 

During  distortion  testing  on  the  J8S  engine,  the  variation  of  the  exhaust  nozzle  area  was  used  to  force  the 
compressor  to  operate  at  different  pressure  ratios,  thereby  varying  the  stall  margin  at  each  condition.  Therefore, 
the  critical  value  of  the  stall  margin  parameter  was  different  for  each  operating  point.  The  reason  for  the  different 
delay  times  is  not  known  at  present. 


J.Dunham 

The  problem  of  surges  induced  by  dynamic  inlet  distortions  must  be  cured  either  by  designing  the  compressor 
to  accept  them  or  by  designing  the  intake  not  to  generate  them.  As  a  compressor  specialist,  I  would  prefer  the 
latter.  Do  you  regard  this  as  practicable  -  can  an  intake  be  provided  with  separation-fixing  devices  to  eliminate 
unsteady  distortion?  If  so,  would  the  resulting  steady  distortion  be  an  improvement  or  would  the  engine  still 
surge? 
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D.N.Bowditch 

The  inlet  can  be  modified  so  that  it  will  provide  less  dynamic  distortion  in  much  the  same  way  that  steady- 
state  distortion  is  improved.  However,  the  improved  boundary  layer  control  by  bleeding  or  vortex  generators  or 
added  inlet  length  usually  have  an  accompanying  penalty  of  increased  weight  or  drag.  The  analysis  of  dynamic 
distortion  primarily  provides  a  tool  to  determine  the  necessary  inlet  improvements  with  their  accompanying 
penalties  required  to  ensure  stable  inlet  engine  operation.  - 


D.D.  Williams 

Have  you  derived  correlations  of  loss  of  surge  margin  with  both  steady,  time-averaged,  spatial  distortion  and 
with  instantaneous  distortion  coefficient?  If  so,  are  the  correlations  the  same? 


D.N.Bowditch 

No  attempt  has  been  made  to  correlate  separately  the  instantaneous  distortion  data.  However,  as  mentioned 
in  the  paper,  for  twelve  stall  cases  studied,  ten  cases  exhibited  instantaneous  distortions  whose  distortion  parameter 
exceeded  the  value  required  to  cause  stall  under  steady-state  screen  test  conditions.  Since  the  compressor  could  be 
expected  to  respond  to  a  distortion  in  one  quarter  to  a  full  revolution  or  a  particle  transient  time,  the  response 
time  would  be  expected  to  be  in  the  one  to  four  millisecond  range.  Therefore,  while  the  use  of  a  steady-state  stall 
margin  parameter  may  not  be  the  entire  answer,  it  certainly  recognizes  the  major  property  of  the  compressor  face 
flow  that  is  ignored  in  the  steady-state  or  the  time-averaged  distortion  approach. 


Discussion  on  the  Paper 

WIND  TUNNEL  TESTING  OF  V/STOL  ENGINE  MODELS  - 
SOME  OBSERVED  FLOW  INTERACTION  AND  TUNNEL  EFFECTS 
(Paper  8) 
presented  by 
R.G.Williamson 


A.E.Fuhs 

How  much  is  the  data  of  Figure  7  influenced  by  the  tunnel  walls?  What  are  the  practical  consequences  of 
the  vortex  illustrated  in  Figure  6  -  would  this  reduce  foreign  object  damage  in  the  engine? 


R.A.Tyler  and  R.G.Williamson 

The  data  of  Figure  7  were  obtained  with  single  nozzles  located  at  heights  near  10  nozzle  diameters  above  the 
floor  and  centred  between  vertical  side  walls  separated  by  15  diameters,  In  the-e  circumstances  neither  the  floor 
boundary  layer  (thickness  —  d/2)  nor  the  presence  of  the  side  walls  is  thought  to  have  had  significant  influence  on 
the  stagnation  positions  plotted  in  Figure  7,  particularly  on  impingement  stagnation  position  and  the  special  case 
represented  by  incipient  stagnation.  (In  the  vortex  regime,  however,  the  side  walls  undoubtedly  affect  the  course 
of  the  rolled  up  vorticity,  and  hence  flow  conditions  at  model  height.)  In  particular,  the  incipient  stagnation 
conditions  of  Figure  7  should  apply  reasonably  well  to  aircraft  flight  at  appropriate  ground  distances,  and  (in 
representing  the  limiting  conditions  for  forward  flow,  relative  to  the  aircraft,  of  the  ground  deflected  jet)  may 
have  practical  bearing  on  problems  relating  to  engine  ingestion  of  hot  gases  and  jet  borne  foreign  objects. 
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Discussion  on  the  Paper 
VECTORED  THRUST  IN  AIR  COMBAT 
(Paper  9) 
presented  by 
C.R. James  Jr 

R.G.Williamson 

Do  you  feel  that  the  full  potential  of  vectored  thrust  was  realized  in  the  simulated  combat  missions?  It  seems 
possible  that  optimum  reactions  and  tactics  might  take  some  time  to  develop.  Thus,  was  there  evidence  that  the 
pilots’  scores  tended  to  improve  during  the  course  of  the  tests? 


C.R.James  Jr 

Adequate  practice  and  orientation  periods  were  provided  so  that  the  pilots  were  well  up  on  the  learning  curve 
prior  to  beginning  the  scoring  runs.  1  doubt  that  additional  runs  would  have  produced  significantly  different  results. 
I  do  feel,  however,  that  these  results  warrant  further  studies  to  include  such  factors  as  thrust  losses  with  deflection 
angle,  engine  dynamics,  trim  changes,  and  aerodynamic  characteristic  changes  induced  by  thrust  deflection. 


R.Monti 

How  is  the  thrust  vectoring  actually  accomplished  by  the  pilot?  Is  there  any  link  or  coupling  between  thrust 
vectoring  control  and  main  stick? 


C.R. James  Jr 

Thrust  vectoring  is  accomplished  by  moving  a  control  lever  adjacent  to  the  throttle,  using  the  left  hand.  Full 
aft  position  gives  +100°  thrust  deflection  -  nozzle  exit  down.  No  coupling  between  the  thrust  vector  control  and 
the  stick  was  considered  in  these  tests;  such  a  scheme  could  be  readily  evaluated  in  the  simulator  to  establish 
relative  advantages. 


J.  van  Hengst 

Is  it  one  of  the  future  objects  in  this  simulator  study  to  investigate  to  what  extent  trim  changes  due  to  thrust 
deflection  and  centre  of  gravity  shift  in  combat  counteract  the  gain  in  combat  performance  due  to  thrust  vectoring? 
What  is  the  comparison  with  current  fighter  aircraft  using  manoeuvering  flaps? 


C.R.James  Jr 

In  reply  to  your  first  question,  these  effects  would  be  totally  configuration  dependent  and  such  tests  could  be 
readily  performed  once  the  input  data  on  aerodynamic  characteristics  were  determined.  These  are  the  sort  of  tests 
envisioned  in  the  recommendations  section  of  the  paper.  To  your  second  question,  no  comparison  has  been  made 
with  manoeuvering  flaps;  however,  the  manned  simulator  would  provide  an  excellent  means  for  making  such 
comparisons. 


R.  Smyth 

To  what  extent  were  the  dynamic  characteristics  of  the  powerplant  simulated,  such  as  acceleration  and  after¬ 
burner  schedules  which  are  time-dependent?  Were  intake  pressure  losses  due  to  changes  in  angle  of  attack  and 
sidewind  taken  into  account? 


C.R.James  Jr 

There  was  no  dynamic  simulation  of  the  powerplant  and  intake.  Steady-state  engine  performance  was  assumed, 
with  tlirust  and  specific  fuel  consumption  as  functions  of  the  throttle  angle  and  flight  parameters. 
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Discussion  on  the  Paper 

AERODYNAMICS  OF  THRUST  REVERSER  DESIGN 
(Paper  10) 
presented  by  • 

W.J.Lewis 


A.E.Fuhs 

What  is  the  influence  of  external  flow  —  was  this  investigated? 


W.J.Lewis  and  H.Prechter 

During  the  particular  series  of  tests  presented  in  the  paper,  no  study  was  made  with  the  external  flow  represented. 


RSmyth 

In  Figure  15(b)  of  the  paper,  showing  the  nett  vertical  load  as  a  function  of  bucket  rotation,  I  am  surprised  to 
see  a  negative  vertical  load  with  the  bucket  in  a  non-rotated  position.  Was  the  configuration  asymmetric? 

W.J.Lewis  and  H.Prechter 

Yes,  there  was  a  difference  between  the  upper  and  lower  buckets  in  that  the  lip  heights  were  different. 


Discussion  on  the  Paper 

INFLUENCE  DE  QUELQUES  PARAMETRES  CARACTERISTIQUES 
SUR  LES  PERFORMANCES  DES  EJECTEURS 
(Paper  11) 
presented  by 
J.M.Hardy 


A.E.Fuhs 

Referring  to  Figure  10  of  the  paper,  does  the  loss  of  performance  due  to  eccentricity  require  special  manufactur¬ 
ing  tolerances  for  nozzles? 


J.M.Hardy 

Dans  le  cas  d’une  tuyere  primaire  convergente  et  pour  des  p  >  5%  ,  on  peut  tolerer  des  excentrations  de  l’ordre 
de  5%  du  diamStre  du  convergent.  Ces  tuyeres  n’ont  done  besoin  d’aucune  prScaution  particuli^re  de  centrage.  Dans 
le  cas  d’une  tuyere  primaire  convergente-divergente,  Figure  11,  nous  n’avons  aucune  experience  sur  ce  point. 


Discussion  on  the  Paper 

SOME  APPLICATIONS  OF  BOUNDARY-LAYER  CONTROL  BY 
BLOWING  TO  AIR  INLETS  FOR  V/STOL  AIRCRAFT 
(Paper  12) 
presented  by 
I.  McGregor 

R.Friedrichs 

How  was  the  local  velocity  in  the  compressor  face,  utilized  in  the  parameter  DV,  measured?  The  total  pressure 
probes  will  give  exact  values,  but  static  pressure  probes  are  very  sensitive  to  the  flow  direction,  making  the  determina¬ 
tion  of  the  local  velocity  very  difficult. 
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I.McGregor 

I  agree  that  static  pressure  probes  are  very  sensitive  to  flow  direction.  For  calculating  the  velocities,  a  mean 
static  pressure  was  used.  This  was  determined  from  eight  static  tappings  around  the  periphery  of  the  compressor 
face.  There  was  very  little  circumferential  variation  of  static  pressure,  but  the  possibility  of  some  radial  variation 
could  not  be  excluded. 


P.P.Antonatos 

Was  the  averaging  procedure  time-weighted  or  space- weigh  ted? 


I.McGregor 

An  area-weighted  procedure  was  used. 


D.N.Bowditch 

In  the  paper,  you  show  results  for  the  effect  of  blowing  on  installed  thrust.  Have  you  also  investigated  the 
effect  of  blowing  on  a  parameter  such  as  specific  fuel  consumption? 

I.McGregor 

This  aspect  is  being  investigated  by  another  organization,  but  I  cannot  quote  any  results. 


C.M.Milford 

In  answer  to  comments,  on  a  straight  momentum  analysis,  it  can  be  shown  that  both  suction  and  blowing 
boundary  layer  control  systems  are  detrimental  to  installed  overall  thrust-minus-drag.  It  would  be  preferabl"  to  let 
the  boundary  layer  enter  the  engine.  Under  some  conditions,  however,  this  can  result  in  excessive  distortion, 
rendering  some  form  of  boundary  layer  control  necessary.  As  mentioned  in  the  paper,  the  effect  of  spillage  drag 
must  be  allowed  for;  with  blowing,  the  inlet  airflow  is  less  than  the  engine  airflow,  whereas  with  suction  the 
converse  is  the  case.  For  a  V/STOL  airplane,  the  inlet  size  may  be  fixed  by  the  VTO  case  so  that  it  cannot  be 
optimized  for  cruise;  in  such  a  case,  the  reduction  in  spillage  drag  is  sufficient  to  make  the  suction  boundary  layer 
control  system  superior  to  the  blowing  system  in  thrust-minus-drag.  It  should  also  be  pointed  out  that  the  suction 
system  described  in  the  paper  is  not  representative  of  the  full-size  airplane  which  has  a  more  complex  boundary 
layer  control  system  and  also  has  multiple  auxiliary  inlets  which  operate  automatically  when  required.  In  addition 
to  permitting  the  use  of  increased  engine  airflow,  these  modifications  substantially  reduce  the  distortion  at  high 
angles  of  attack. 

The  use  of  boundary-layer  blowing  in  the  air  intake  of  a  V/STOL  strike  fighter  was,  in  fact,  proposed  by 
Bore12’13  and  tested  by  Hawker  Siddeley  Aviation  Ltd,  in  parallel  with  the  development  of  the  suction  bleed  system. 
It  is  surprising  that  this  earlier  work  was  not  referenced  by  the  author  in  his  paper  describing  the  complementary 
testing  at  R.A.E. 


REFERENCES 

12.  Bore,  C.L.  Blowing  Quantities  Required  for  Low-Energy  Boundary  Layer  Blowing.  Hawker  Siddeley 

Aviation  Ltd,  (Kingston),  P.O.N.  948  (1965). 

13.  Bore,  C.L.  Boundary  Layer  Control  in  the  P.1127  Air  Intake.  Hawker  Siddeley  Aviation  Ltd, 

(Kingston),  P.O.N.  945  (1965). 


D.D.  Williams 

In  response  to  further  comment,  the  aircraft  was  originally  configured  with  a  boundary  layer  diverter.  However, 
due  to  the  particular  requirements  of  a  single-engine  V/STOL  installation  —  thrust  centre  close  to  the  aircraft  centre 
of  gravity  and  a  large  intake  throat  area  for  high  VTO  intake  efficiency  —  problems  arise  due  to  the  relatively  high 
pre-entry  flow  retardation  plus  local  diffusion  on  the  highly-curved  intake  duct  sidewall.  These  considerations  require 
that  the  diverter  be  pushed  forwards  and  separation  tends  to  occur  on  the  top  surface  of  the  diverter  splitter. 
Attempts  to  increase  diverter  height/boundary  layer  thickness  ratio  aggravate  the  duct  turning  problem.  Optimization 
studies  led  to  the  selection  of  a  suction  bleed  system.  This  development  took  place  before  the  work  on  blowing 
discussed  in  the  present  paper. 
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Discussion  on  the  Paper 

SOME  ASPECTS  OF  PROPULSION  FOR  THE  AUGMENTOR-WING  CONCEPT 

(Paper  13) 
presented  by 
D.C.Whittley 

'H.Schmitt 

Les  travaux  de  developpment  de  concepts  de  portance  assistee  utilisant  des  systemes  a  dilution,  ont,  semble-t-il, 
debute  en  Europe. 

II  y  eut,  tout  d’abord,  la  realisation  en  Allemagne,  en  1943,  de  l’avion  ARADO  232  dans  lequel  le  systeme 
d’aspiration  —  sougglage  de  la  couche  limite  etait  alimente  par  une  trompe  a  vapeur  a  haute  pression. 

Ensuite,  l’ONERA  (Offl  "’National  de  Recherches  Aeronautiques),  des  sa  fondation  cn  1945,  en  France, 
entreprit  des  etudes  sur  un  aytiime  d’aspiration  —  soufflage  compact;  le  dispositif  original  etait  alimente  par  de 
Pair  comprime  preleve  au  refo'riiement  du  compresseur  d’un  turboreacteur,  proced6  lui  aussi  utilise  pour  la  premiere 
fois.  La  Figure  1  represente  ces  deux  principes  d’application  des  trompes  au  probl£me  de  soufflage  —  aspiration. 
Description  Figure  2.  M.  Poisson-Quinton  faisait  etat,  des  septembre  1948,  au  Congres  International  de  Mecanique 
appliquee,  a  Londres,  les  resultats  obtenus  avec  cette  aile  a  volet  double  aspire  -  souffle:  les  resultats  etaient 
traduits  au  moyen  d’un  coefficient  sans  dimension  original,  Qi ,  representatif  de  la  quantite  de  mouvement 
ddpensee  dans  1’operation. 

Le  dispositif  a  fait  l’objet  d’essais  sur  maquette  grandeur  de  l’avion  SO  6020,  puis  a  ete  applique  sur  l’avion 
prototype  Breguet  Vultur  muni  d’un  turbopropulseur  et  d’un  turboreacteur. 

La  Figure  3  represente  l’avion  “Vultur”  et  la  coupe  transversale  du  systeme  installe  a  l’arriere  de  la  voilure. 

L’avion  presentait  des  quaKtes  de  vol  tres  interessantes.  Malheureusement  le  turboreacteur  d’appoint  qu’il 
comportait  initialement  fut  supprim6  lors  de  Involution  du  projet  et,  avec  lui,  la  source  d’air  comprime  utilisee 
pour  le  fonctionnement  du  systeme  d’aspiration  -  soufflage. 

En  1 959,  la  Society  BERTIN  proposa  le  systeme  aile  -  trompe  dont  le  principe  de  base  va  vous  etre  presentfi 
sur  la  Figure  4. 

Le  canal  forme  entre  les  deux  volets  mobiles  a  braquage  variable  est  adapte  a  la  phase  de  vol  a  considerer  et 
realise,  en  position  ddployde,  le  melangeur  -  diffuseur  de  la  trompe;  l’iryecteur  est  lui-meme  mobile  pour  orienter 
convenablement  le  jet  moteur. 

En  position  normale  pour  le  vol  de  croisierc,  les  volets  rdtablissent  le  profil  dc  l’ailc.  Toutefois,  unc  fentc 
peut-etre  menagee  au  bord  de  fuite  par  laquelle  s’6chappe  le  flux  moteur  alors  propulsif.  Cette  disposition  en 
profil  tronque  avec  soufflage  est  favorable  du  point  de  vue  de  la  trainee. 

Ce  dispositif  constitue  une  trompe  destinee  a  augmenter  la  poussee  avec  soufflage  au  bord  de  fuite  d’une 
quantite  de  mouvement  superieure  4  celle  du  jet  moteur;  Taspiration  a  la  cassure  du  profil  a  un  effet  de  puits  qui 
augmente  Thypercirculation  autour  du  profil. 

La  Figure  5  represente  des  resultats  obtenus  sur  maquettes  essayees  en  1959  a  la  Soufflerie  de  Cannes  de 
l’ONERA. 

Le  braquage  du  couple  de  volets  est  ay  =  30°.  Pour  des  angles  de  braquage  plus  eleves,  la  portance  continue 
de  croitre. 

Ces  resultats  ont  permis  d’etablir  des  projets  d’avions  STOL  ddja  tres  interessants.en  1959-1960. 

Malheureusement,  dans  le  debut  des  annee's  60,  l’objectif  decollage  court  ayant  ete  ecarte  par  les  services 
officiels  en  faveur  de  l’objectif  decollage  vertical,  ce  programme  fut  abandonne. 

II  subsistait  evidemment  des  problemes  de  canalisation  de  gaz  conduisant  a  utiliser  une  pression  de  soufflage 
elevee  et  a  limiter  le  debit  de  soufflage.  Toutefois,  grace  aux  techniques  de  dilution  developpees  depuis  lors,  on 
peut  envisager  des  progres  sensiblcs  a  venir  dans  un  nouveau  developpement  de  ce  concept. 
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D.C.Whittley 

It  is  most  encouraging  to  be  reminded  again  of  work  which  has  been  carried  out  on  other  systems  which,  like 
the  augmentor-wing,  also  use  the  principle  of  “suction  by  blowing”  —  that  is  to  say,  the  generation  of  a  suction 
source  for  boundary  layer  control  by  means  of  a  propulsive  jet.  This  serves  to  reinforce  the  view  that  it  is  an 
important  principle.  That  is  why,  in  my  presentation,  I  took  time  to  describe  some  of  the  aerodynamic  advantages 
which  result  from  this,  even  though  this  subject  matter  was  not  contained"  in  the  written  paper. 


COliblliED  SUCTIOM  AMD  bLOWItiG 
WITH  EJECTOR  5V5TE Mb 
•for  boundary- layer  control. 


ARADO  METHOD 
(Warner  .  IGAb) 
Applications  *. 

* ARADO  tbZ 

(Walter  chemical 

ejector  ) . 

*  CESSNA  50<3- 

*  CHA5E  12b  D. 

(At>p'tn  turbojet) 


OMERA  METHOD 
(19A7) 

Patent  OMERA/shcaso 
Applications  \ 


Hispano  R.R.  "Nene" 


it-  bO-GOEO 
*  bREGUET " VULTUR 
(Flight:  195G). 


Figure  1 
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BREVET  D’INVENTION. 

Gr.  6.  —  Cl.  4.  N°  952.926 


Dispositif  d 'aspiration  et  soufflage  combines  sur  un  profil  cl’aile  par  Tin- 
termddiaire  d'une  trompe  a  induction.  (Invention  :  Philippe  I'-nssov- 
Quinton.) 

OFFICE  WTIOWI,  D’li'ITIDESET  DEIIECIIERCIIES  VERON  VUTIQt'ES  . . .  Frame 

(Seine). 


Demand^  le  31  juillet  4947,  &  10h  40m,  &  Paris. 

DAlivre  !e  iG  mai  tghg.  —  Public  In  28  novemlne  tg/ig. 

[Ilrevcl  d’invenlmn  ilont  la  dtUimuice  a  (He  ajnurncc  eu  execution  de  Cart.  1 1, $  7,  de  la  loi du 5  j  mlMi 
modi  lice  par  In  loi  du  7  avril  tgoa.] 


MMISTERE 

DE  LTNDUSTRIE  ET  DU  COMMERCE 


BREVET  D'INVENTiON 


SERVICE 

do  I.  PROPRIETY  INDUSTRIELLE 


Gr.  6.  —  Cl.  4. 


N"  969.264 


Perleclionueuienls  anx  dispositifs  d'nspiraliou  el  tic  soufflage  combines  sur  mi 
profit  d’aile  par  l’iuterincdmire  d’nnc  trompe  a  imluctiou.  (Invention  :  Philippe 
Poisson-Quinton.) 

SOC1ETE  NATIONALE  DE  CONSTRUCTIONS  AERONAUTIQUES  DU  SUD-OUEST  et 
OFFICE  NATIONAL  D’ETUDES  ET  DE  RECIIERCHES  AERONAUTIQUES  residan'  cn 
France  (Seine). 

Deniande  lc  17  juillet  1948,  a  101'  40"‘,  a  Paris. 

Delivre  le  17  mai  1950.  —  Publie  le  18  deccmbre  1950. 


Figure  2 
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ministEre  DE  L'INDUSTRIE 

SERVICE 

do  U  PROPRIETE  INDUSTRIELLE 


P.V.  n°  793.209 
Classification  inteniationule  : 


N*  1.233.014. 
B  24  c 


Pcrfcetioiinements  anx  trompcs  destinees  en  particulier  a  la  snstcntation  dcs  aero¬ 
dynes. 

SOCIETE  BERTIN  ET  C1"  resident  en  France  (Seine). 

Deinunde  1c  24  avril  1959,  a  19  licnres,  par  poste. 

Delivre  le  2  uiai  1960.  —  Publie  le  12  octobre  1960. 

(/travel  d'invention  dont  la  ihUivrance  a  etc  ajourne.e  en  execution  tie  /’ article  11,  §  7, 
tie  hi  loi  tin  5  jnillel  1844  modifier,  par  la  -loi  tin  7  avril  1002.) 

la  construction  la  plus  avanlagcuse  tics  trompcs. 

La  description  qui  va  suivre  en  regard  dn  dessin 
annexi,  donne  a  titre  d’exemple  non  limitatif, 
fera  bicn  comprcndre  comment  1’ invention  peut 
-alisee,  les  particularities  qui  rcssortent  tant 
mie  du  dessin  faiaant,  bier 
"'e.  invention. 


Les  trompcs  eomportent  g^n6ralcment  dcs  dif- 
fuseurs  formes  do  patois  materielles  divergentes 
placees  autonr  du  ou  dcs  jets  inducienrs.  II  en  est 
ainsi  egalemont  dot's  le  cas  ties  trompcs  a  divergent 
'  ’•>  lie  •  ■«!  prolonge  par  - 


N-  1.233.014 


Soci6t6  Berlin  el  C‘* 


4  Ufa  ?r> 


Figure  4 
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TWO-DIM  TEST 5  OF  BERTIM  TE.  EJECTOR 
m  the  5-i  Cannes /OhERA  wind-tunnel 
(october  1959) 
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Discussion  on  the  Paper 

RAPID  MIXING  NOZZLES  FOR  V/STOL  APPLICATIONS 
(Paper  14) 
presented  by 
C.M.Chesters 


R.Monti 

Have  you  compared  a  conventional  type  nozzle  plus  augmentor  tube  to  the  geometry  depicted  in  Figure  1 1  of 
your  paper? 


C.M.Chesters  ■ 

Yes.  The  major  difference  lies  in  the  length  of  augmentor  tube  required  to  achieve  a  given  degree  of  mixing 
and  hence  augmentation.  This  length  is  greatly  reduced  when  a  rapid  mixing  nozzle  is  used,  relative  to  that  using 
a  conventional  convergent  nozzle. 


Discussion  on  the  Paper 

FLOW  DISTORTION  AND  PERFORMANCE  MEASUREMENTS 
ON  A  12"  FAN-IN-WING  MODEL  FOR  A  RANGE  OF 
FORWARD  SPEEDS  AND  ANGLE  OF  ATTACK  SETTINGS 
(Paper  17) 
presented  by 
U.W.Schaub 


E.D.G.Kemp  , 

Transient  intake  pressure  distortions  have  been  shown  in  preceding  papers  to  be  of  overriding  importance  for 
conventional  propulsion  engines.  Although  single-stage  low  pressure-ratio  lift  fans  are  very  tolerant  to  flow  distortion, 
some  proposed  lift  fan  engines  have  their  gas  generator  intakes  in  the  hub  of  the  fan.  These  gas  generator  compressors 
presumably  could  be  sensitive  to  transient  distortions.  Have  you,  therefore,  made  measurements  of  transient  flow 
distortions  in  the  intake  of  your  12"  fan? 


U.W.Schaub 

Some  continuous  pressure  recordings  were  made,  primarily  for  the  purpose  of  monitoring  the  behaviour  of  the 
leading  lip  boundary  layer  under  continuously  varying  simulated  transition  manoeuvres.  However,  these  data  cannot 
be  used  to  assess  possible  transient  distortion  effects  since  the  pressure  lines  connecting  pressure  orifices  with  trans¬ 
ducers  introduced  unknown  impedance  effects. 

The  experimental  programme  was  intended  to  shed  light  on  the  fundamental  flow  distortion  problems,  as  they 
relate  to  a  typical-shallow  lifting  fan.  No  attempt  has  been  made  so  far  towards  considering  more  specialized  variants 
of  lifting  fan  installations  such  as,  for  example,  configurations  featuring  hub-contained  gas  generators.- 

Depending  on  bypass  ratio  there  is  of  course  some  evidence  to  suggest  that  the  hub-mounted  gas  generator 
should  really  experience  a  much  more  favourable  inflow  environment  than  it  would  enjoy  if  it  were  not  in  the  fan 
aligned  and  accelerated  flow  field.  To  start  with,  there  would  be  much  less  velocity  distortion  in  the  hub-mounted 
inlet  to  the  gas  generator,  and  there  would  probably  also  be  much  less  total  pressure  distortion.  Any  transient 
intake  pressure  distortions  therefore  would  be  less  apt  to  drive  the  compressor  into  stall  since  actually  less  surge 
margin  is  required  to  accommodate  the  spatial  distortion. 
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Discussion  on  the  Paper 

DESIGN,  DEVELOPMENT  AND  TESTING  OF  A 
SUPERSONIC  TRANSPORT  INLET  SYSTEM 
(Paper  18) 
presented  by 
E.Tjonneland 

A.E.Fuhs 

What  was  the  Mach  number  at  the  engine  face?  Did  operation  unstarted  at  M  =  1 .6  give  significant  drag? 


E.Tjonneiand 

At  Mach  2.7  cruise,  the  engine  face  Mach  number  was  approximately  0.3,  while  at  transonic  speed  the  engine 
face  Mach  number  increased  to  about  -Q.5.  At  Mach  1.6,  unstarted  or  started  recovery  was  almost  the  same  and 
very  little  bypass  drag  was  experienced  in  either  case.  Thus,  little  would  be  gained  by  starting  the  intake  at  lower 
Mach  numbers.  In  fact,  to  do  so  would  only  complicate  the  bleed  system  and  control  system  design  to  cover  a 
wider  started  operating  range. 


Discussion  on  the  Paper  ' 

FREE-JET  TESTS  OF  A  FULL-SCALE  SUPERSONIC 
INTAKE/ENGINE  COMBINATION 
(Paper  19) 
presented  by 
P.F.Ashwood 

S.H.  Ellis 

■  Figure  1 0  shows  four  methods  of  inducing  engine  surge.  Methods  1 ,  2  and  4  modify  the  inlet  conditions  to 
increase  distortion.  Method  3  increases  the  engine  nozzle  area.  Does  method  3  induce  surge  by  driving  the  inlet 
supercritical  or  does  it  rematch  one  of  the  compressors  towards  the  surge  line? 


P.F.Ashwood 

Increasing  the  engine  nozzle  area  whilst  maintaining  the  LP  stool  speed  constant  causes  the  HP  spool  to  run 
slower  so  that  the  running  point  moves  up  the  LP  compressor  characteristic  until  the  engine  surges.  Slight  changes 
in  the  engine  airflow  do  occur  during  these  excursions  into  surge,  but  they  are  insufficient  to  result  in  any  significant 
change  in  the  inlet  distortion  pattern. 


C.M.Miiford 

Figure  12  shows  surge  points  occurring  at  nearly  constant  Mach  number  rather  than  at  constant  DC60.  Could 
this  be  due  to  the  onset  of  transient  distortions  as  Mach  number  increases,  and  was  the  instrumentation  capable  of 
detecting  such  transient  distortions? 


P.F.Ashwood 

It  has  been  observed  that  in  general  the  amplitude  of  the  inlet  total  pressure  fluctuations  increases  with  the 
steady-state  distortion  index,  DC60.  It  is  likely,  therefore,  that  this  was  the  case  in  the  tests  referred  to  in 
Figure  12,  but  the  instrumentation  fitted  at  the  time  the  tests  were  made  did  not  permit  this  to  be  confirmed  by 
direct  measurement. 


Discussion  on  the  Paper 
CONCORDE  POWERPLANT  DEVELOPMENT 
(Paper  20) 

presented  by  _  y 

C.S.Leyman 

D.N.Bowditch 

You  mentioned  that  Concorde  had  experienced  several  engine  stalls  at  Mach  numbers  above  1 .7.  What 
happened  to  the  adjacent  engine  at  this  time  and  what  was  the  resulting  aircraft  manoeuvre? 


C.S.Leyman 

Above  about  Mach  1.8,  surge  will  give  some  degree  of  interaction  on  the  adjacent  engine.  This  ranges  from 
rough  running  to  surge  ac?rafciing  to  the  conditions.  Such  rough  running  or  surging  disappears  when  the  primary 
cause  is  removed.  It  is  virtually  unknown  on  Concorde  to  have  engine  flame-out  as  a  result  of  surge.  The  aircraft 
response  is  particularly  mild.  In  the  worst  case  encountered  so  far,  with  two  engines  on  the  same  side  in  surge, 
the  aircraft  manoeuvre  was  only  2°  bank  and  1°  degree  of  sideslip.  This  is  indicated  in  the  paper. 


Discussion  on  the  Paper 

CONTROL  CONCEPT  AND  WIND  TUNNEL  TESTING  OF 
A  SUPERSONIC  INTAKE  CONTROL  SYSTEM 
(Paper  21 ) 
presented  by 
H.N.  Larsen 

F.W.Burcham  Jr 

Do  you  have  a  rudder  interconnect  to  control  yaw  in  case  of  an  outboard  engine  unstart? 


H.N.  Larsen 

For  normal  intake  unstart,  where  the  engine  continues  to  operate  with  the  intake  in  the  unstarted  -  buzz 
suppression  -  mode,  the  answer  is  no.  For  an  intake  unstart  which  is  concurrent  with  an  engine  malfunction, 
such  that  the  engine  does  not  continue  to  operate  and  provide  thrust  during  unstarted  intake  operation,  a  high 
sensed  airplane  lateral  acceleration  signal  coupled  with  the  outboard  intake  unstart  signal  is  used  to  initiate 
opposite  outboard  intake  unstart  and  corrective  rudder  movement.  This  balances  the  yawing  forces  on  the 
airplane. 


Discussion  on  the  Paper 

JET  EFFECTS  ON  BO  ATT  AIL  PRESSURE  DRAG  AT  SUPERSONIC  SPEEDS 

(Paper  23) 
presented  by 
J.A.P.Stoddart 


D.N.Bowditch 

The  data  the  correlation  is  based  on  is  probably  from  isolated  data  with  uniform  well-behaved  boundary  layers. 
Have  you  compared  your  results  with  any  flight  or  aircraft  configuration  data  where  less  uniform  boundary  layers 
are  present? 


J.A.P.Stoddart 

No,  I  have  not  used  any  data  derived  from  flight  test  measurements,  but  the  twin  jet  installation  referred  to  in 
the  paper  had  non-uniform  onset  boundary  layers  caused  by  supports  and  empannage.  This  data  fitted  in  well  with 
the  axisymmetric  data. 
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A.Ferri 

I  find  the  work  described  very  interesting,  because  it  represents  an  approach  in  which  all  the  basic  physical 
phenomena  can  be  taken  into  account.  The  boattail  drag  is  affected  by  the  separation  controlled  by  the  boundary 
layer  shock  interaction.  The  data  used  in  the  paper  are  valid  only  for  the  case  where  the  outside  flow  and  inside 
flow  have  approximately  the  same  stagnation  conditions.  However,  additional  experimental  information  could  be 
generated  for  the  case  where  these  quantities  arc  different.  Such  an  approach  could  be  extended  to  take  into 
account  the  effect  of  boundary  layer  thickness  and  hence  Reynolds  number. 


J.A.P.Stoddart 

I  have  tried  to  produce  a  rapid  method  of  estimating  the  effects  of  a  propulsive  jet  on  supersonic  pressure  drag 
from  some  of  the  available  test  data.  If  the  phenomenon  is  judged  to  be  worthy  of  further  study,  then  more 
sophistication  must  be  introduced.  The  principles  of  doing  this  type  of  calculation  by  interactive,  iterative  flow 
field  methods  are  known,  but  the  resulting  procedures  are  quite  formidable  and,  at  the  present  time,  are  probably 
no  more  accurate  than  the  simple  methods  presented  here. 


F.Jaarsma 

Do  you  think  that  for  an  actual  nozzle  installation  in  the  aircraft  flow  field,  including  boundary  layers  from 
the  tail-planes  and  wings,  you  could  arrive  at  a  similar  method  of  predicting  afterbody  performances  by,  for  example, 
shifting  the  CD(3AS  —  Cpbc  origin  in  Figure  1(e)? 

J.A.P.Stoddart 

If  the  basic  flow  model  is  correct,  then  the  short  answer  to  your  question  is  —  yes.  One  of  the  configurations 
included  is  a  twin  jet  model  carrying  fin  and  tailplane  and  the  data  from  this  model  fits  the  general  correlation  as 
well  as  any  of  the  other  models.  This  suggests  that  the  effects  of  a  non-uniform  boundary  layer  thickness  around 
the  model  do  not  introduce  serious  discrepancies. 

D.D.Williams 

In  view  of  the  potential  importance  of  the  work  described,  if  I  understand  it  correctly,  the  contention  is  that 
designing  fully  expanded  convergent-divergent  nozzles  for  supersonic  performance  may  not  be  really  worthwhile  - 
I  would  like  to  ask  whether  you  have  made  sensitivity  calculations  around  the  correlation  curve,  in  order  to  attempt 
to  account  for  individual  configurations  within  the  scatter  band  —  each  of  which  presumably  contributes  a  result  in 
its  own  right? 


J.A.P.Stoddart 

I  have  made  no  sensitivity  analyses  of  the  type  you  suggest.  However,  looking  back  to  the  original  experimental 
data  sets  considered,  a  very  strong  impression  is  formed  that  convergent  nozzles  in  boattailed  afterbodies  always 
produce  drag  reductions  over  the  range  of  pressure  ratios  usually  tested.  In  contrast,  convergent-divergent  or  ejector 
nozzles  produce  such  benefits  only  outside  the  range  of  pressure  ratios  of  current  interest.  The  effect  is  primarily  a 
function  of  the  external  flow  deflection  generated  by  the  jet.  Indeed,  it  was  this  strong  impression  which  led  me  to 
perform  the  analysis  in  the  first  place. 
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Discussion  on  the  Paper 

FLIGHT  INVESTIGATION  OF  STEADY-STATE  AND 
DYNAMIC  PRESSURE  PHENOMENA  IN  THE 
AIR  INLETS  OF  SUPERSONIC  AIRCRAFT 
(Paper  24) 
presented  by 
F.W.Burcham  Jr 


LLeynaert 

Vous  avez  mis  en  evidence  un  phenomine  J  Mach  2  entretenu  par  une  structure  d’dcoulement  d’entrde  semblant 
presenter  deux  etats  d’equilibre  possibles.  Avez-vous  etudier  ce  phdnomfine  dans  les  essais  d'entree  d’air  en  soufflerie, 
sans  moteur? 


F.W.Burcham  Jr 

No,  we  have  not,  because  the  wind  tunnel  model  does  not  have  sufficient  high-response  instrumentation  to 
study  this  phenomenon.  It  would,  however,  be  interesting  to  see  if  resonance  could  be  found  in  a  scale  model. 


A.Ferri 

I  am  interested  in  the  resonance  phenomenon  between  afterburner  and  flow.  Such  an  effect  indicates  an 
interaction  between  engine  and  inlet.  Have  you  attempted  any  analysis  that  takes  into  account  the  combustion 
rates  and  the  two-dimensional  flow  at  the  compressor  face? 


F.W.Burcham  Jr 

Other  than  the  simple  analysis  in  the  paper,  we  have  not  done  anything  on  afterburner  combustion.  Reference  16 
of  the  paper  discusses  afterburner  combustion  instability,  but  does  not  consider  distortion  effects  in  the  incoming  flow. 


J.Dunham 

Do  instantaneous  Kp  measurements  on  a  small-scale  intake  model,  without  the  engine  present,  agree  with  such 
measurements  in  flight  tests  of  the  complete  installation? 


F.W.Burcham  Jr 

No  instantaneous  Kp  measurements  have  been  made  on  wind  tunnel  models  of  the  F-l  1 1  inlet.  However,  there 
has  been  a  program  on  an  RA5-C  aircraft,  in  flight  and  on  1/4  and  1/8  scale  models,  which  are  described  in  the 
following  paper  25.  The  results  show  fair  agreement  between  the  flight  data  and  the  1/4  scale  results,  but  poorer 
agreement  between  the  flight  and  1/8  scale  results. 


I.McGregor 

Arising  from  the  previous  question,  in  Figure  12  of  your  paper  you  show  a  comparison  between  flight  and 
tunnel  results  for  the  pressure  recovery,  but  only  flight  results  for  Kp  .  Was  there  a  relatively  much  greater 
difference  between  flight  and  tunnel  results  for  this  factor  than  for  pressure  recovery? 


F.W.Burcham  Jr 

The  wind  tunnel  distortion  data  were  not  presented  in  the  form  of  the  Kp  factor  and  hence  could  not  be 
included  in  Figure  12.  There  was  a  significant  discrepancy  between  flight  and  tunnel  distortion  factor 

max  ~  min 
P average 

because  of  boundary  layer  ingestion  in  the  flight  test  that  did  not  occur  on  the  model. 
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D.D.Williams 

What  is  the  experience  regarding  the  occurrence  of  turbulence  and  high  instantaneous  distortion  on  subsonic 
round  lip  intakes  at  incidence?  How  potent  is  duct  length  in  attenuating  intake-induced  turbulence  and  unsteady 
distortion? 


F.W.Burcham  Jr 

I  don’t  know  of  any  work  on  turbulence  and  instantaneous  distortion  on  a  truly  subsonic  inlet,  because  most 
subsonic  problems  have  been  solved  using  low-response  instrumentation.  The  separation  phenomena  occurring  at 
high  incidence  angles  have  been  studied  in  our  F-l  1 1  tests  for  both  the  sharp  and  more  rounded  cowl  lips.  The 
results  will  be  available  in  the  near  future.  Duct  length  was  a  very  significant  factor  in  attenuating  turbulence  in 
the  very  long  XB-70  duct,  as  described  in  Reference  2  of  the  paper.  Mr  Gordon  C.  Oates  of  Pratt  and  Whitney 
Aircraft  recently  presented  an  AIAA  paper  describing  the  decay  of  turbulence  and  this  should  be  a  good  reference. 


H.N.Larsen  ' 

I  believe  that  Ross  Willoh  has  shown,  in  his  small  perturbation  analysis  of  inlet  ducts,  that  the  damping  ratio 
of  an  inlet  duct  is  a  function  of  the  pressure  recovery  versus  mass-flow  ratio  of  the  inlet.  Have  you  attempted  to 
correlate  the  duct  resonances  measured  on  the  F-l  1 1  inlet  duct  with  Willoh’s  analysis? 


F.W.Burcham  Jr 

No,  but  it  appears  that  it  would  be  appropriate  to  do  so. 


A-E.Fuhs 

In  the  analysis  of  inlet  periodic  pressure  fluctuations,  it  is  necessary  to  specify  the  boundary  conditions  at  the 
compressor  face.  In  addition,  it  is  necessary  to  specify  shock  wave  response  to  pressure  waves,  including  the 
influence  of  boundary  layer.  Your  analysis  does  not  recognize  phase  shifts  due  to  the  boundary  conditions^ 

In  view  of  the  good  correlation  between  theory  and  experiment  that  your  paper  shows,  it  would  appear  that 
precise  definition  of  the  boundary  conditions  at  shock  and  compressor  is  not  necessary  -  do  you  agree? 


F.W.Burcham  Jr 

It  appears  that  a  simple  analysis,  neglecting  precise  definitions  of  boundary  conditions,  is  suitable  for  determin¬ 
ing  the  resonant  frequency.  However,  I  am  sure  that  the  boundary  conditions  would  be  important  in  any  amplitude 
or  flow  effects  calculations. 


Discussion  on  the  Paper 

SUPERSONIC  INLET  PERFORMANCE  AND  DISTORTION 
DURING  MANOEUVRING  FLIGHT 
(Paper  25) 
presented  by 
LE.Surber 


F.Jaarsma 

Could  you  quote  figures  on  repeatability  of,  for  example,  steady  distortion  patterns?  What  about  hysteresis? 

LE.Surber 

I  have  no  figures  to  offer,  but  repeated  tests  gave  what  we  considered  to  be  good  repeatability  of  steady-state 
total  pressure  recovery,  distortion  indices,  and  average  RMS  levels  of  turbulence.  Basic  maps  of  steady-state  distor¬ 
tion  were  also  reproduced  reasonably  well. 
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O.D.  Williams 

Following  the  recommendations  outlined  in  the  paper,  might  I  ask  what  is  the  position  of  VVright-Patterson  AFB 
on  the  formal  need  for  testing  to  determine  dynamic  distortion.  Bearing  in  mind  the  length  of  duct,  position  of  1 

intake  etc.,  would  you  consider  that  dynamic  distortion  measurements  are  required  always,  or  some  of  the  time,  or  j 

maybe  not  at  all?  j 


L.E.Surber 

There  has  been  no  formal  statement  of  policy  from  any  organization  on  Wright-Patterson  AFB,  but  I  do  believe 
that  the  counsel  of  both  the  Flight  Dynamics  and  Aero  Propulsion  Laboratories  at  Wright-Patterson  AFB  would  be 
to  employ  dynamic  pressure  instrumentation  in  the  development  of  turbine  engine  propulsion  systems  for  any  super¬ 
sonic  aircraft  or  near  sonic  highly  manoeuverable  aircraft.  Such  instrumentation  should  be  sufficient  to  obtain 
compressor  face  total  pressure  distortion  maps  at  least  to  the  frequency  for  which  engine  response  may  be  anticipated. 

D.N.Bowditch 

In  Figure  20  of  your  paper,  you  show  a  basic  shift  in  the  distortion  pattern  with  inlet  scale.  Did  you  reproduce 
the  subsonic  diffuser  lines  in  each  inlet,  including  any  duct  curvature? 


LE.Surber 

Internal  contours  of  the  three  ducts  are  exact,  scaled  replicas,  as  are  the  fore  bodies  ahead  of  the  inlets.  Also, 
the  compressor  hub  geometry  and  pressure  instrumentation  locations  at  the  compressor  face  are  identical  for  all 
three  test  articles. 


C.M.Milford 

Further  to  the  previous  comments  on  Figure  20  of  the  paper,  did  the  models  have  sufficient  instrumentation 
to  identify  where  the  differences  in  flow  distribution  were  originating  -  from  the  forebody,  or  within  the  duct? 


L.E.Surber 

No.  Very  little  instrumentation  was  installed  in  the  subsonic  duct  of  the  flight  test  aircraft,  making  it  impossible 
to  make  a  conclusive  judgement.  The  suggested  reasons  for  the  differences  in  the  compressor  face  total  pressure 
maps  seemed  the  most  reasonable  explanation  consistent  with  the  few  forebody  and  duct  static  pressure  measure¬ 
ments  available. 


R-Smyth 

Do  you  have  any  information  concerning  the  distortion  levels  in  the  compressor  entry  plane  due  to  drastic 
curvatures  and  flow-area  changes  of  the  intake  ducts,  which  are  sometimes  necessary  due  to  undercarriage  space? 
Were  the  flow  angles  at  the  intake  entry  plane  measured  on  models  with  or  without  the  corresponding  intakes? 


L.E.Surber  > 

i 

Experience  in  the  subsonic  diffuser  program  mentioned  in  the  paper  indicated  that  total  pressure  recovery  i 

performance  of  diffusers  with  small  offset  bends  can  be  comparable  to  that  obtained  from  straight  ducts.  On  the  : 

other  hand,  offset  bends  greater  than  one  inlet  throat  height  substantially  reduce  regions  of  high  pressure  at  the 
exit.  Pressure  loss,  flow  distortion,  and  turbulence  have  been  shown  to  increase  with  diffusion  ratio  (engine-to-  j 

throat  area  ratio).  j 

Reference:  MacMiller,  C.J.,  “Investigation  of  Subsonic  Duct  Distortion" ,  AFFDL  TR-69-71,  March  1971.  ] 

i 

Inviscid  flow  fields  were  mapped  with  a  remotely  actuated  rake  of  five  conical  probes.  Figures  2  and  5(a)  i 

indicate  the  actual  data  points  in  the  survey  matrix.  Due  to  the  size  of  the  rake  mechanism,  it  was  not  possible  j 

to  have  inlets  in  position.  Also,  final  inlet  design  was  deferred  until  the  fuselage  flow  fields  had  been  defined.  j 


1 
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Discussion  on  the  Paper 

INLET-ENGINE  COMPATIBILITY  ANALYSIS 
(Paper  26) 
presented  by 
S.H.Ellis 

H.N.Larsen 

Would  you  please  comment  on  the  different  distortion  indices:  AP/P ,  Kq  ,  DC60 . 

S.H.Ellis 

AP/P  describes  only  the  pattern  intensity.  This  is  not  sufficient  information  for  a  distortion  index  unless  the 
pattern  shape  is  also  described.  For  this  reason,  the  distortion  index  used  in  this  paper  has  been  normalized  to  a 
pattern  shape  of  a  180  degree  squa»v««ve.  Kp  is  a  circumferential  distortion  index  that  includes  pattern  intensity, 
the  extent  of  the  low  pressure  region  .and  gives  more  weight  to  low  pressure  areas  near  the  hub.  1  believe  DC60 
correlates  data  using  the  60  degree  segment  that  has  the  lowest  pressure..  Mr  Williams  of  Rolls-Royce  can  give  you 
a  better  description  of  DC60. 

There  are  many  distortion  indices,  at  least  one  for  each  engine,  each  with  its  own  set  of  units,  each  correlating 
data  for  one  engine.  Also,  successive  distortion  factors  tend  to  be  more  complicated  because  additional  terms  have 
been  added  to  correlate  new  pieces  of  data.  The  US  Air  Force  Aero  Propulsion  Laboratory  has  recognized  that 
confusion  over  distortion  indices  has  reached  the  danger  point.  They  are  looking  for  a  distortion  factor  format 
which  will  work  for  all  engines  and  still  be  easily  understood.  We  have  been  supporting  them  in  their  studies: 
progress  has  been  very  encouraging  and  I  believe  we  will  see  a  universal  distortion  factor  in  the  near  future. 


H.N.Larsen 

r 

Would  you  please  discuss  the  different  filtering  techniques  -  analog  versus  digital,  and  the  filtering  time  constants. 


S.H.  Ellis 

For  analog  filtering  we  pass  the  individual  inlet  pressures  through  a  third  order,  linear  phase,  low  pass  filter  with 
a  cut-off  frequency  corresponding  to  engine  rotor  speed.  We  can  obtain  the  same  filter  characteristics  using  digital 
filtering  by  averaging  the  pressures  over  a  time  period  corresponding  to  1/3  of  an  engine  revolution. 

After  data  has  been  passed  through  an  analog  filter,  the  digitizing  rate  can  be  reduced  by  a  factor  of  five. 
Consequently  it  is  cheaper  to  use  an  analog  filter  unless  the  effects  of  several  filter  characteristics  are  being  evaluated. 


D.D.  Williams 

As  a  comment  on  a  question  from  Mr  Larsen  (Boeing)  the  DC60  parameter  was  derived  from  correlations  of 
tests  of  steady  distortion  on  turbomachinery.  No  direct  evidence  relating  to  dynamic  distortion  on  this  basis  is 
available  at  present  so  that  the  choice  A  cut-off  frequency  in  high  response  data  reduction  has  not  arisen. 

U.W.Schaub 

To  what  do  you  attribute  the  fact  that  the  compressor  had  so  much  tolerance  to  circumferential  distortion? 
Was  it  because  the  rotor  blades  were  designed  to  operate  at  negative  incidence  under  undistorted  flow  conditions? 


S.H.Ellis 

In  the  example  of  a  stability  audit  shown  on  Figure  16,  circumferential  distortion  had  a  small  effect  on  the 
compressor  because  most  of  the  distortion  was  attenuated  by  the  fan.  In  this  case  the  rotor  was  not  designed  to 
operate  at  negative  incidence  under  undistorted  flow  conditions.  As  you  noted  in  your  question  matching  lower 
on  the  choke  side  of  the  compressor  characteristic  (lowering  the  rotor  incidence)  will  give  better  distortion  toler¬ 
ance  at  the  expense  of  weight  and  performance. 
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U.W.Schaub 

In  view  of  the  fact  that  compressor  blades  really  cannot  react  instantaneously  to  unsteadyness  in  the  mam  flow 
what  use  do  you  make  of  high  response  data  away  from  surge  conditions? 


S.H.Ellis 

High  response  data  measurements  at  surge  conditions  are  normally  taken  on  an  engine  or  compressor  when  time 
variant  distortion  is  produced  by  an  inlet  simulator.  In  these  tests  the  engine  inlet  data  is  filtered  to  account  for  the 
fact  that  the  compressor  blades  cannot  react  instantaneously  to  unsteadyness  in  the  main  flow.  Higli  response 
instrumentation  is  also  used  to  identify  the  stage  initiating  surge.  Other  high  response  measurements,  taken  at  non¬ 
surge  conditions,  are  used  to  evaluate  movement  of  the  engine  operating  line.  For  example,  measurement  of  the 
pressure  pulse  due  to  augmentor  ignition.  One  very  important  use  for  high  response  instrumentation  at  nonsurge 
test  conditions  is  to  define  the  engine-inlet  interface  during  model  inlet  tests  or  during  combined  engine  and  inlet 
tests  so  we  can  simulate  the  correct  environment  during  engine  testing.  From  this  interface  data  we  use  the 
maximum  time  variant  distortion  to  determine  the  effect  of  distortion  on  surge  line,  inphase  oscillations  to  deter¬ 
mine  the  effect  of  the  interface  conditions  on  the  transient  operating  dine  and  the  average  time  variant  distortion  to 
determine  the  effect  of  distortion  on  engine  rematch  and  engine  performance.  It  is  interesting  to  note  that  the 
average  level  of  time  variant  distortion  is  of  the  order  of  10  percent  higher  than  the  distortion  measured  by  steady 
state  probes. 


J.  Dunham 

When  conducting  steady  distortion  tests  on  an  engine,  you  have  explained  that  you  find  that  one  of  the 
available  distortion  parameters  (e.g.  AP/P,  K,  DC60)  correlates  the  data  best.  If  you  now  do  unsteady  distortion 
tests,  do  you  find  the  same  parameter  still  correlates  the  data? 


S.H.  Ellis  ' 

Our  data  bank  contains  three  engines  for  which  the  respective  distortion  parameters  correlate  both  time 
variant  distortion  and  distortion  produced  by  inlet  screens.  We  have  no  cases  where  we  have  not  obtained  the 
same  correlation.  However,  the  data  sample  is  so  small  that  engines  should  always  be  checked  for  tolerance  to 
time  variant  distortion  after  a  suitable  level  of  distortion  tolerance  has  been  developed  using  inlet  scieens. 


J.  Dunham 

Is  it  true  that  the  cure  for  an  unsteady  distortion  problem  in  a  compressor  must  necessarily  increase  the 
steady-state  undistorted  surge  margin  too? 


S.H.  Ellis 

We  have  always  found  that  an  improvement  in  steady  distortion  tolerance  also  improves  the  tolerance  to 
unsteady  distortion;  but  I  do  not  think  the  improvements  will  always  be  the  same  magnitude. 


I.  Dunham 

For  contractual  purposes  a  target  distortion  level  must  be  chosen,  to  which  both  the  inlet  designer  and  the 
engine  designer  must  work.  Have  you  evolved  a  philosophy  for  choosing  a  “reasonable”  target? 


S.H.Ellis 

My  philosophy  for  choosing  a  target  distortion  level  is  first  of  all  to  define  adequate  interface  instrumentation 
and  then  to  delay  choosing  a  target  level  until  both  the  inlet  and  engine  people  have  sufficient  information.  The 
inlet  information  required  includes  scale  model  inlet  tests,  using  high  response  instrumentation,  that  cover  the 
required  range  of  operating  conditions  (Mach  number,  angle  of  attack,  angles  of  yaw  and  sideslip  and  mass  flow 
ratio).  Also,  if  possible,  inlet  testing  should  include  the  effects  on  performance  and  distortion  of  varying  inlet 
bleed,  inlet  length  and  inlet  location.  The  engine  information  should  include  test  data  on  the  sensitivity  of 
components  to  distortion  and  Reynolds  number,  estimates  of  the  effects  of  transients  and  component  interactions 
on  stability  and  trade  studies  between  distortion  tolerance  and  performance.  This  is  sufficient  information  for  an 
airplane  system  study  to  choose  the  best  level  of  distortion  for  the  airplane. 
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R.J.Lane  -'C'V" 

I  wish  to  draw  attention  to  the  conclusions  in  Figure  1  of  the  written  paper.  These  tend  to  increase  the 
weight  and  length  of  engines  and  reverse  recent  trends.  In  order  to  remain  competitive  greater  emphasis  will  be 
placed  on  high  turbine  temperatures. 


S.H.EIlis 

It  is  true  that  most  of  the  items  that  improve  stability  also  increase  engine  weight  and  length.  Some  items, 
such  as  low  stage  loading,  also  reduce  performance.  This  is  also  true  of  the  inlet:  most  approaches  to  reduce  inlet 
distortion  increase  inlet  length,  increase  weight  or  reduce  performance.  These  trades  between  stability,  weight,  size 
and  performance  add  more  dimensions  to  the  systems  trades  which  are  made  during  a  preliminary  design  of  a  new 
airplane.  Fortunately,  as  noted  in  your  comment,  improvements  in  materials  and  technology  have  enabled  us  to 
reduce  weight  and  increase  performance  while  satisfying  increasingly  severe  stability  requirements. 


RJ.Lane 

Would  you  please  comment  on  the  best  position  of  bleed  from  the  gas  generator: 

(a)  for  a  single  spool  gas  generator, 

(b)  for  a  2  spool  gas  generator. 


S.H.EIlis 

Bleed  helps  the  stability  of  compression  stages  in  front  of  the  bleed  and  hurts  the  stages  behind  it.  For  a 
single  spool  gas  benerator  the  best  place  to  bleed  for  stability  is  at  the  rear  of  the  compressor,  the  best  place  for 
performance  is  as  far  forward  as  possible.  The  bleed  location  is  therefore  a  compromise  between  performance  and 
stability.  For  a  two  spool  gas  generator  an  inter-spool  bleed  may  be  required  during  transients  to  prevent  back 
pressuring  the  low  spool  due  to  transient  mismatch  between  high  and  low  rotor  speed. 


A-EFuhs 

If  you  form  the  following  non-dimensional  quantity 

(axial 
velocity 

what  value  would  this  quantity  have? 


S.H.EIlis 

The  value  of  this  non-dimensional  quantity  used  in  our  current  analysis  of  inlet  data  is  0.44;  where  the  filter 
cut-off  frequency  is  defined  as  the  3  db  attenuation  point. 

At  the  present  time  we  do  not  change  the  filter  cut-off  frequency  for  either  small  changes  in  blade  chord  or 
axial  velocity,  as  would  be  expected  from  this  non-dimensional  quantity.  Inclusion  of  the  axial  velocity  term  would 
require  filter  changes  as  the  inlet  flow  changed.  This  would  force  us  from  analog  filtering  to  digital  filtering  and 
increase  our  processing  cost.  It  is  also  interesting  to  note  that  the  maximum  time  variant  distortion  is  not  very 
sensitive  to  filter  characteristics:  changes  in  cut-off  frequency  in  the  order  of  20  percent  do  not  have  an  appreciable 
effect  on  the  maximum  time  variant  distortion. 

We  presently  vary  filter  characteristics  with  an  acoustic  scaling  law  based  on  engine  face  diameter.  This  gives 
the  same  scale  effect  as  your  non-dimensional  quantity  for  geometrically  similar  compressors.  The  blade  chord  of 
your  non-dimensional  quantity  may  be  a  more  correct  dimension. 


Discussion  on  the  Paper 

ON  THE  APPLICATION  OF  A  TIME  DEPENDENT  TECHNIQUE  IN 
TRANSONIC  DOUBLE  FLOW  NOZZLE  SOLUTIONS 
(Paper  27) 
presented  by 
E.Macchi 

D. N.Bowditch 

In  your  paper,  all  the  examples  have  rather  shallow  angles  on  the  walls.  Can  you  solve  the  problems  with 

/larger  wall  angles  and  how  would  that  affect  computer  time? 

/  . 

/  " 

E. Macchi 

In  our  method,  there  are  no  limitations  to  wall  angles,  provided  that  the  computational  mesh  is  spaced  closely 
enough  to  prevent  difficulties  in  numerical  interpolations.  Since  we  found  that  perturbations  on  the  boundaries 
must  be  induced  very  slowly,  the  computer  time  will  increase  with  increasing  wall  angles,  if  the  initial  condition 
of  straight  boundary  walls  is  considered; 

J.M. Hardy 

Combien  de  temps  dure  le  calcul  sur  machine  pour  un  cas  en  double  flux? 


E.Macchi  - 

As  we  pointed  out  in  the  introduction  to  our  paper,  the  computing  time  represents  the  main  obstacle  to  the 
application  of  this  method.  The  computing  time  exceededone  hour  of  UN1VAC  1 103  for  the  aforementioned 
case  of  a  double-flow  nozzle.  However,  we  are  re-writing  the  computer  prbgraffq’a’nd  we  feel  that  proper 
modifications  will  considerably  drop  the  computing  time. 


Discussion  on  the  Paper 

REPARTITION  DES  VITESSES  A  L’ENTREE  D’UN 
COMPRESSEUR  SUPERSONIQUE 
(Paper  28) 
presented  by 
B.Ledoux 

R.Smyth 

Have  you  tried  to  make  use  of  the  principles  of  electrical  analogy  for  rotation-symmetrical  flows  in  order 
to  obtain  preliminary  results  for  the  flow  problems? 


B.Ledoux 

Non,  parce  que  l’analogie  electrique  ne  peut  rendre  compte  correctement  des  phenomSnes  de  compressibilite 
intervenant  4  des  nombres  de  Mach  hautement  subsoniques. 
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Discussion  on  the  Paper 

ETUDE  THEOR1QUE  ET  EXPERIMENTALE  DE  LA  CO-EXISTENCE 
DE  DEUX  FLUX  DANS  UN  CANAL  DE  SECTION  CONSTANTE 
(Paper  31) 
presented  by 
J.Paulon 

D.D.  Williams 

One  of  the  problems  in  ejector  design  for  systems  applications  is  to  know  the  so-called  “cut-off  pressure  ratio” 
i.e.  the  conditions  governing  transition  from  subcritical  to  supercritical  operations.  Not  a  lot  of  data  appears  to  be 
available  in  the  literature.  The  conditions  are  in  general  a  function  of  ejector  area  ratio,  secondary/primary  flow 
and  overall  pressure  ratio.  As  a  result  of  your  work,  which  I  suppose  would  have  to  be  extended  to  include  regions 
downstream  of  the  secondary  throat,  do  you  consider  that  theoretical  methods  can  be  used  for  this  estimate  or  do 
we  have  to  rely  on  experimental  results? 


J.Paulon 

La  region  en  aval  du  second  col  est  tres  difficile  a  etudier  car  l’ecoulement  y  est  extremement  turbulent. 


J.M.  Hardy 

La  forme  de  la  ligne  sonique  que  vous  presente  a  une  allure  conforme  a  ce  qui  est  pris  dans  le  calcul  de's 
ejecteurs.  En  effet,  si  dans  le  calcul  en  fluide  non  visqueux  le  fait  de  considerer  l’ecoulement  secondaire  nono- 
dimensionnel  conduit  a  des  surfaces  isovitesses  planes,  la  superposition  de  la  correction  de  viscosite  qui  fait  passer 
la  vitesse  dans  la  zone  de  mdlange  de  la  vitesse  de  l’ecoulement  secondaire  a  la  vitesse  de  l’ecoulement  primaire 
quand  on  passe  d’une  frontidre  a  l’autre,  conduit  bien  a  des  surfaces  isovitesses  non  planes  en  particulier  pour  la 
ligne  sonique. 

Je  crois  que  le  recoupement  satisfaisant  avec  la  theorie  uni-dimensionnelle  est  du  a  l’importance  du  ddbit 
secondaire  plus  de  20%,  pour  des  debits  plus  faibles  de  l’ordre  de  5%  il  serait  moins  bon. 

Le  calcul  de  la  position  du  col  sonique  que  vous  nous  avez  fait  suppose  que  l’ecoulement  sortant  de  la  tuyere 
primaire  est  uniforme  -  ce  qui  n’etait  peut-6tre  pas  le  cas.  L’ecart  de  position  trouve  peut  peut-etre  etre  impute 
4  ce  fait. 


J.Paulon 

D  est  exact  que  la  theorie  uni-dimensionnelle  marche  moins  bien  pour  des  debits  secondaires  tres  faibles. 

En  ce  qui  concerne  la  position  du  col  sonique,  il  s’agit  d’une  interpretation  globale  qui  s’est  toujours  bien* 
verifiee.  Une  analyse  plus  fine,  prenant  en  compte  l’ecoulement  reel  en  sortie  de  ryere  conduirait  peut-etre  a  un 
meilleur  recoupement  entre  [’experience  et  la  theorie. 


E.Schwantes 

Have  you  corrected  the  measurement  error  due  to  turbulence  in  the  mixing-zone? 


J.Paulon 

La  pression  statique  mesuree  dans  la  zone  de  melange  n’a  pas  ete  corrigee.  Il  est  precise  dans  le  texte  que 
cette  pression  est  certainement  sujette  a  caution  en  raison  des  importants  gradients  de  pression  existants  dans  cette 
zone.  Une  correction  serait  effectivement  necessaire  mais  difficile  a  evaluer. 
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Discussion  on  the  Paper 

WIND  TUNNEL  INVESTIGATIONS  OF  A  SUPERSONIC  AIR  INTAKE 
WITH  VARIOUS  AUXILIARY  INTAKES  AT  LOW  SPEEDS 
(Paper  35) 
presented  by 
R.Friedrichs 


R-Smyth 

In  the  Investigations  described,  the  maximum  intake  mean  velocity  was  of  the  order  95  m/sec,  corresponding 
to  a  Mach  number  of  about  0.25.  The  intake  Mach  number  of  a  jet  engine  under  maximum  takeoff  conditions, 
however,  may  be  around  0.5.  Have  you  carried  out  tests  to  determine  the  effects  of  such  intake  Mach  numbers? 
Do  you  consider  such  results  would  have  an  influence  on  the  results  of  the  present  investigations? 


H.Eibl  and  R.Friedrichs 

The  tests  reported  in  this  paper  ji ave  been  performed  only  up  to  intake  Mach  numbers  0.3  due  to  the  limited 
performance  of  the  suction  system.  Just  recently  a  new  more  powerful  vacuum  blower  has  been  installed, 
enabling  us  to  carry  out  inlet  tests  at  Mach  numbers  up  to  0.5.  Some  comparable  tests  performed  up  to  Mach 
numbers  0.5  showed  the  same  general  tendency  as  those  reported  in  this  paper,  so  that  the  final  results  of  the 
first  set  of  investigations  remain  valid. 

Additionally  it  should  be  mentioned  that  the  accomplished  investigations  have  to  be  regarded  as  comparative 
tests,  mainly  to  point  out  the  different  influences  of  the  various  geometries  of  the  auxiliary  intakes. 
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